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F O R  E WORD 

As e a r l y  as the  beginning of the  av ia t ion  industry,  a e r o e l a s t i c i t y  appeared as a 
phenomenon which had t o  be wel l  understood and f u l l y  mastered. 

The magnitude of t h i s  phenomenon is st i l l  growing and has become p a r t i c u l a r l y  not iceable  
i n  recent  years .  Several f a c t o r s  a r e  responsible  f o r  such a development. 

1. The considerable  increase of speed. 

2. The th inner  shapes required f o r  t ransonic  and supersonic  f l i g h t .  

3.  The new airframe designs such as var iab le  geometry. 

4. The new generation of commercial a i r c r a f t :  s t r e t c h i n g  of present  long range l i n e r s ,  
Jumboj e t s ,  Supersonic t ranspor t s .  

5. The growing i n t e r e s t  in  low l e v e l  f l i g h t  f o r  m i l i t a r y  purposes. 

Hel icopters  too a r e  concerned: the  new gian t  copters  and a i r c r a f t  using erroneously 
termed “r ig id  ro tor”  a r e  more subjec t  t o  the  e f f e c t  of a e r o e l a s t i c i t y  phenomena. 

The AGARD F l i g h t  Mechanics Panel thought it would be of i n t e r e s t  t o  devote one of its 
technica l  sess ions ,  held i n  Apri l  1969 i n  Marse i l les ,  France, t o  t h i s  problem by de l iber -  
a t e l y  regarding it from the  f l i g h t  engineer ’s  po in t  of view, t h a t  is  f o r g e t t i n g  a s  f a r  as 
poss ib le  the pure s t r u c t u r a l  f a c e t s  such as loads,  fa t igue  s t rength ,  f l u t t e r ,  e t c .  

The meeting set t h e  pos i t ion  of the  present  s t a t e  of  t h e  a r t  i n  the  f i e l d  of aerodynamics 
and knowledge of  s t r u c t u r a l  p r o p e r t i e s ,  but the main purpose of t h i s  meeting was t o  study 
the  e f f e c t  of a e r o e l a s t i c i t y  on f l i g h t  c h a r a c t e r i s t i c s ,  on t h e o r e t i c a l  and experimental 
methods enabl ing these t o  be inves t iga ted ,  and on the inference of t h i s  s i t u a t i o n  i n  these 
var ious f i e l d s .  

The AGARD F l i g h t  Mechanics Panel hope that  t h i s  meeting was f r u i t f u l  f o r  a l l  concerned 
from various count r ies  through the ideas  exchanged and w i l l  provide b e t t e r  understanding 
of the re levant  problems. I t  is the  wish of t h i s  Panel t h a t  t h i s  repor t  gives  t o  a l l  
persons concerned a good account on the matter  discussed. 

P i e r r e  Lecomte 
Chairman 
F l i g h t  Mechanics Panel 
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AVANT-PROPOS 

Ddji aux dkbuts de 1’ indus t r ie  de 1’ avia t ion ,  la question de 1’ a d r o e l a s t i c i t d  
appara issa i t  comme un phdnomene qu’ il f a l l a i t  bien comprendre e t  bien mai t r i se r .  

L’ importance de c e  phdnomkne va toujours  c r o i s s a n t  e t  s ’ e s t  f a i t  par t icul ikrement  
s e n t i r  au cours  de ces  dern ihres  anne‘es. Une t e l l e  dvolution e s t  fonct ion de p l u s i e u r s  
kldments: 

1. 1’ augmentation importante de l a  v i t e s s e  des  avions; 

2. les formes p l u s  minces ndcessaires  au vol  t ranssonique e t  supersonique; 

3.  l e s  c e l l u l e s  de conception nouvelle. par example gkomdtrie var iab le ;  

4. l a  nouvelle ge‘ndration des  avions de t ranspor t  commerciaux; allongement des  longs- 
c o u r r i e r s  a c t u e l s ,  Jumbojets, t ranspor t s  supersoniques; 

5. 1’ i n t d r 8 t  tou jours  c ro issant  que 1’ on por te ,  pour l e s  besoins m i l i t a i r e s ,  au vol  
& basse a l t i t u d e .  

Les hdl icopthres  sont  dgalement concern&: l e s  nouveaux hdl icopt6res  gdants e t  les 
avions u t i l i s a n t  ce  que 1’ on dksigne par  e r r e u r  des “ ro tors  r ig ides”  sont  p l u s  s u j e t s  
a 1’ inf luence des phdnomenks de 1’ ieroe‘lasticite‘. 

La Commission de l a  Mdcanique du ‘Vol de 1’ AGARD a c r u  inte‘ressant de consacrer  ce 
probl6me 1’ une de s e s  sess ions  techniques tenue en a v r i l  1969 & Marsei l le ,  France, en ’ 

prdsentant ddlibdrkment l e  po in t  de vue du mdcanicien navigant, c’ es t -&dire ,  en ndgl igeant ,  
au tan t  que poss ib le ,  l e s  aspec ts  purement s t r u c t u r e l s ,  t e l s  que charges, rds i s tance  l a  
fa t igue ,  f lot tement  e t c .  

La rdunion a f a i t  l e  point  de I ’ d t a t  a c t u e l  des  connaissances dans l e  domaine de l ’akro-  
dynamique e t  des c a r a c t d r i s t i q u e s  des s t r u c t u r e s ,  mais a v a i t  pour but p r i n c i p a l  d’ d tudier  
1’ inf luence d e  l ’ a d r o e l a s t i c i t k  sur  les q u a l i t k s  de vol ,  sur l e s  mdthodes thdoriques e t  
expkrimentales permettant  d’ d tudier  c e l l e s - c i  e t  s u r  l a  conclusion & t i r e r  de c e t t e  
s i t u a t i o n  dans c e s  diffe‘rents  domaines. 

La Commission esphre que tous  ceux qui sont  Venus des  d i f f d r e n t s  pays pour p a r t i c i p e r  
h l a  rdunion l ’auront  trouve‘e une occasion fructueuse,  e t  que c e t  dchange de vues conduira 
h une meil leure  comprdhension des problhmes qui s e  posent; l a  Commission dks i re  par c e  
pre‘sent Rapport donner k tous ceux inte‘ressds un compte-rendu complet des  mat ihres  e‘tudides. 

P i e r r e  Lecomte 
President  
La Commission de l a  Micanique du Vol 
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R E S U M E  

L'etude du comportement de  l ' a v i o n  deformable en vol est p a r t i c u l i e r e m e n t  
complexe. On expose i c i  les methodes u t i l i s e e s  pour l a  p r e v i s i o n  des  i n s t a -  
b i l i t e s  a e r o 6 l a s t i q u e s  e t ,  notamment, du f lo t t emen t .  
La l i n e a r i s a t i o n  est j u s t i f i e e  en admettant que l ' o n  ne  s ' i n t e r e s s e  qu '8  
des  mouvements de  p e t i t e  amplitude de p a r t  et  d ' a u t r e  de l a  p o s i t i o n  
moyenne. P u i s ,  l a  d i s c r e t i s a t i o n  est obtenue en r ep resen tan t  l e  mouvement 
dans une base de f o n c t i o n s  s p a t i a l e s .  La m i s e  e n  equa t ion  se f a i t  a l o r s  
systematiquement e n  p a r t a n t  de  1 ' 6ne rg ie  et des  t r avaux  v i r t u e l s .  
On montre les avantages p a r t i c u l i e r s  de l a  base des  formes p ropres  de  
v i b r a t i o n  de l ' a v i o n  au sol : convergence r a p i d e ,  p o s s i b i l i t e  de determiner  
les c a r a c t e r i s t i q u e s  s t r u c t u r a l e s  pa r  un essai de  v i b r a t i o n  a u s s i  b i en  
que p a r  un c a l c u l  s u r  plans.  
On expose e n f i n  les methodes u t i l i s e e s  pour l ' e v a l u a t i o n  des  f o r c e s  
aerodynamiques i n s t a t i o n n a i r e s  : methode des  t r anches  et  t h e o r i e  de  l a  
s u r f a c e  po r t an te .  
C e s  techniques peuvent s 'adapteir  & un c e r t a i n  nombre de  problhmes de  l a  
dynamique du v o l ,  e t a n t  donne que les mouvements d'ensemble peuvent 6 t r e  
p r i s  en c o n s i d e r a t i o n  s a n s  aucune d i f f i c u l t e .  

0 
TECHNIQUES USED IN AEROELASTICITY FOR THE AIRCRAFT 

REPRESENTATION IN FLIGHT 

S U M M A R Y  

The s tudy  of  t h e  behaviour of  a f l e x i b l e  a i r c r a f t  i n  f l i g h t  is extremely 
complex. The methods used f o r  p r e d i c t i n g  a e r o e l a s t i c  i n s t a b i l i t i e s ,  and 
i n  p a r t i c u l a r  f l u t t e r ,  are d i scussed .  
L i n e a r i z a t i o n  is  j u s t i f i e d ,  provided s m a l l  amplitude motions on e i t h e r  
s i d e  of  t h e  mean p o s i t i o n  are considered.  Then, d i s c r e t i z a t i o n  is  ob ta ined  
by r e p r e s e n t i n g  t h e  motion i n  a space func t ion  base.  I t  can then  be 
s y s t e m a t i c a l l y  put  i n  equa t ion  form, s t a r t i n g  from energy and v i r t u a l  work. 
The p a r t i c u l a r  advantages of  t h e  base of  t h e  n a t u r a l  v i b r a t i o n  mode shapes 
of  t h e  a i r c r a f t  on t h e  ground are shown : r a p i d  convergence, p o s s i b i l i t y  
of  determining s t r u c t u r e  c h a r a c t e r i s t i c s  through v i b r a t i o n  tests as w e l l  
a s  design c a l c u l a t i o n s .  
L a s t l y ,  t h e  methods used f o r  e v a l u a t i n g  unsteady aerodynamic f o r c e s  are 
p resen ted  : " s t r i p "  theo ry ,  and l i f t i n g  s u r f a c e  theory.  
Such techniques can be adapted t o  a number of f l i g h t  dynamics problems, 
because t h e  o v e r a l l  motions can be taken i n t o  account without any 
d i f f i c u l t y ,  

. 
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CONVENT IONS 

Les vecteurs et les matrices sont syst6matiquement designes par des caractkres gras. 

Exemples : P(ek)est un vecteur qui regre 1'6cart d'un point P & l'instant I! , par rapport sa 
position de r6f6rence. 

M e t p  sont des matrices. 

s( p) est une base, c'est-&dire une ligne dont les 616ments s (P )  sont des vecteurs. 
r 

Indices : l'indice superieure repere la ligne et l'indice inferieur la colonne. 

Opkration barre ( -): 

appliqu6e Q une matrice, la barre donne la transconjugu6e : f i  
appliqu6e & un nombre complexe, l'op6ration barre donne le nombre complexe conjugu6. 

appliqu6e & un vecteur elle donne l'opkrateur de produit scalaire : U v = /u//v/ cos(u, v) 
s et r e t a n t  deux bases, le DrOdUit s T e s t  une matrice de nombres dont les 616ments sont les 
produits scalaires des vecteurs de base : . 

est la transconjugu6e de M 

- 
- 

INTRODUCTION 
" 

La dynamique du vol et l'a6Po6lasticitk se differencient par le fait que l'une a pour objet de 
prevoir les mouvements d'ensemble de l'a6ronef, tandis que l'autre prevoit ses deformations statiques 
et dynamiques. 

Les specialistes de ces deux disciplines ont appris ?i maitriser leurs problemes en mettant B 
profit les simplifications qui sont valables dans leur domaine. C'est ainsi que les mecaniciens du 
vol tirent parti de l'hypothkse de l'ind6formabilit6 et du caractere quasi-stationnaire de l'bcoule- 
ment ; ils doivent, en revanche, 6tudier des mouvements de grande amplitude et tenir compte de ph6no- 
mknes non-lin6aires. Les a6ro6lasticiens, au contraire, se sont sp6cialis6s dans 1'6tude des petits 
mouvements et ils ont acquis une certaine maitrise dans la prevision des vibrations ou des deforma- 
tions statiques les plus complexes en vol, avec un grand nombre de degr6s de libert6, pourvu que les 
phknodnes restent lindaires. 

Mais si l'on devient plus exigeant sur la precision des calculs on doit bien admettre que la 
distinction entre mouvements d'ensemble et deformations Btablit une frontiere trop schematique, car 
les deformations ont une r6percussiQn sur les mouvements d'ensemble tandis que ceux-ci peuvent in- 
fluencer certains ph6nomgnes a6ro6lastiques. Cette interaction est d'ailleurs accentu6e sur certaines 
structures modernes relativement souples, pour lesquelles les modes dits "d'ensemble" ont, en vol, 
des fr6quences propres du m6me ordre de grandeur que les modes de vibration fondamentaux. 

L'introduction des mouvements d'ensemble ne complique nullement le probleme de l'a6ro6lasticit6, 
pourvu que l'on puisse faire l'hypothkse que ces mouvements sont de faible amplitude. 

Par contre, l'introduction des degres de libert6 de deformation dans les problkmes de la dynamique 
du vol risque d'imposer aux specialistes de cette discipline une certaine harmonisation de leurs me- 
thodes avec celles des a6ro6lasticiens, et Cela ne saurait Btre realise que si ces m6thodes leur sont 
connues. 

Ce sont ces consid6rations qui motivent cet expose ?I l'adresse des mecaniciens du vol. 

L'auteur Qtant un akroelasticien, il ne se risquera pas L analyser les problhes de la mecanique 
du vol, mais il s'efforcera de faire ressortir le caractere general et systematique des methodes 
employees en a6ro6lasticit.5. 

D'une part_, le caractere lin6aire suppos6 des phenomknes conduit ?i une utilisation systkmatique 
du formalisme matriciel qui permet de condenser 1'6criture et de degager des propri6tes g6n6rales 
valables que1 que soit le nombre de degr6s de libert6. D'autre part, la complexit6 des mouvements 
BtudiBs, lorsqu'on tient compte des deformations, impose l'emploi systematique de 1'6nergie et des 
travaux virtuels pour Qtablir les equations du probleme. 

Un tel expos6 se divise naturellement en 3 chapitres : 

1. Un chapitre general dans lequel on ktablit les equations du mouvement de la structure sch6- 
matide par un systeme discret voisin, et oh l'on montre les avantages particuliers de la repr6sen- 
tation modale. 

2. Un chapitre consacre i la determination des caracteristiques modales oh l'on distingue la 
m6thode exp6rimentale (essai de vibration au sol), et les m6thodes theoriques (calculs sur plans). 



2 - 2  

3. Enfin un chapitre consacre i la determination des forces aerodynamiques g6n6ralisbes, dans 
lequel on montre cbnrment se fait pratiquement la mise en oeuvre de la theorie de la surface portante. 
Une formulation approchee, plus particuligrement adaptee aux etudes de dynamique du vol, est proposee. 

Ce texte reste evidemment tres general : il montre l'int6r6t des methodes mais ne saurait suffire 
B une application pratique. On trouvera une documentation plus detaillee dans les ouvrages generaux 
r11, C2ls bl. 

1. GENERALITES 

1.1 - Representation de l'avion par un sv,thme discret. 
Le probleme de l'avion deformable en vol est schematise par la figure 1. 

I .  1 

FIG. 1 

Le trait plein represente l'appareil deform6 ?I un instant donne, tandis que le pointill6 le 
figure non deforme et en position de vol horizontal uniforme, les axesoxyj etant confondus avec les 
axes principaux d'inertie. Cette position sert de reference pour reperer les deplacements et les 
deformations qui se superposent au mouvement uniforme et qui restent toujours petits. 

Soit un point p de l'appareil suppos6,non deform6 et dans la position de reference. La super- 
position du petit deplacement l ' d n e  en P , e?' vecteur PP' exprime 1'6cart B l'instant consi- 
de&. Dans la suite, on remplacera la notation P par p , par souci de simplicite. 

En considerant tous les points, on est donc conduit B definir la position du systhme par un 
champ de vecteurs qui depend du temps : p ( p ,  6 )  . 

Le problhme ainsi pose est celui d'un systeme continu particulihrement complexe, et la formula- 
tion exacte conduirait ?I des equations aux derivees partielles avec des conditions aux limites telles 
que la resolution serait pratiquement impossible. 

On obtient, par contre, des approximations satisfaisantes pour l'ingenieur en limitant le nombre 
de degres de libert6, c'est-&-dire en schematisant le systgme reel par un systhme discret. 

SQparons d'abord les variables d'espace et la variable temps en definissant une base complete 
dont les elements sont des champs de vecteurs spatiaux s ( e / ) ,  et qui permet de representer n'im- 
porte que1 mouvement compatible avec les liaisons par une superposition lineaire : 

r 

Cette formule devient pratiquement exploitable si le nombre de vecteurs de base est limit6 ?I 
une valeur finie, h , ce qui revient 
ou B remplacer le systhme continu par un systeme discret & n degrks de liberte dont la position 
depend des n parametres 
nues du problhme. 

faire une representation approchee du mouvement (P=$,q  y r r ) )  
fr' . Ces parametres sont les coordonn6es g6neralisees. Ce sont les incon- 

La formulation matricielle permet une Bcriture condens6e. On la realise en definissant la ligne 
q . ( P )  ' s , ou base, dont les elements sont les champs de vecteurs 

1 
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s = [ s ( P )  1 . . .  . . < ( P I ]  
et l a  colonne des  coordonnees g e n e r a l i s e e s  : 

On a : 

( 1 )  

C e t t e  formule est gene ra l e  et p e d e t  l a  r e p r e s e n t a t i o n  approchee d e  n ' importe  que1 mouvement 
comportant des  deplacements d 'ensemble,  des  deformations et des  braquages de  gouvernes. 

Les champs de  v e c t p r s  determinant  les mouvements d'ensemble s 'expriment  aisement p a r  r appor t  
?I l a  base orthonormee[4 J kj ( f ig .  1 )  l i k e  2 l a  p o s i t i o n  de  r e fe rence ,  

On a : 

S, : k c , si 9 2  r e p r e s e n t e  l a  t r a n s l a t i o n  du c .g .  su ivan t  05 

, s i  f ' i represente  l e  r o u l i s ,  
, s i  9 r e p r e s e n t e  le derapage r appor t6  l a  longueur c , 
, ' Wrepresente  l e  l ace t ,  

, r appor t6  B l a  longueur  c . 
s i  7 r e p r e s e n t e  l e  tangage,  

, zi i f6)repr6sente  les p e t i t s  d6placements du c .g .  su ivan t  O X  , r appor t& B l a  
longueur  c . 

L a  presence des  gouvernes se man i fe s t e  p a r  des  d i s c o n t i n u i t e s  dans l a  r e p a r t i t i o n  s p a t i a l e  du 
mouvement. On en t i e n t  compte en i n t r o d u i s a n t  des  fonc t ions  de  base comportant une d e f i n i t i o n  d i f -  
f e r e n t e  s u r  chaque gouverne et  s u r  les a u t r e s  p a r t i e s  de  l ' a v i o n ,  

A i n s i ,  les e f f e t s  de braquage pur  peuvent 6 t r e  r ep resen t& p a r  des  f o n c t i o n s  s imples ,  s i  l ' o n  
admet de  n e g l i g e r  les dimensions e n  Q p a i s s e u r  devant les dimensions en plan.  

j~ '"6tant  l a  coordonnee de  braquage symetr ique des  e l evons ,  on a : 

- ~4 9 ) ~  s u r  les elevons 
a i l l e u r s  

q ( "6 tan t  l a  coordonnee de  braquage an t i symet r ique  des  e levons on a : 

k f z -%I f ) ]  s u r  1 'e levon d r o i t  

a i l l e u r s  
- - 4(y)] s u r  1 'e levon gauche s s = {  0 

4'9)6tant l e  braquage de l a  gouverne de d i r e c t i o n ,  on a : 

s, = (d [3 -&(3) ]  s u r  l a  gouverne de d i r e c t i o n  
0 a i l l e u r s  

L a  s i m p l i f i c a t i o n  q u i  c o n s i s t e  B n k g l i g e r  les coordonnees e n  Bpaisseur  devant les dimensions 
dans l e  p l an  est d ' a i l l e u r s  e tendue 5 l 'ensemble de l a  v o i l u r e  et  de l a  d e r i v e  pour l e  c a l c u l  des  
f o r c e s  aerodynamiques (hypoth8se fondamentale de l a  t h e o r i e  de l a  s u r f a c e  p o r t a n t e ) .  

Le cho ix  des  vec teu r s  de base s p ( p )  est important car il determine l a  r a p i d i t 6  de convergence 
de l a  r e p r e s e n t a t i o n  et  l e  nombre de  degr6s de  l i b e r t e  q u ' i l  est n e c e s s a i r e  d ' i n t r o d u i r e  pour obte- 
n i r  une p r e c i s i o n  donnee. Nous verrons t o u t  l ' i n t 6 r b t  que p r e s e n t e  & cet kgard l a  base des  formes 
p ropres  de  v i b r a t i o n  de l ' a v i o n  au s o l .  

Notons d&s maintenant que l ' o n  peut  mettre ?I p r o f i t  les symet r i e s  en c h o i s i s s a n t  des  vec teu r s  
s,(P) symetr iques p a r  r appor t  au p l an  x o j  , p a r  r appor t  B l ' a x e  oz et p a r  r appor t  B 03 . 

L e s  deg res  de l i b e r t e  sym6triques p a r  r appor t  au p l a n  ne p re sen ten t  aucun couplage avec les 
a u t r e s  e t  peuvent Qtre t ra i tes  separgment,  ce q u i  permet de  d i s t i n g u e r  deux problhnes : un problame 
"symktrique" groupant les degrks de l i b e r t 6  admettant comme p lan  de symet r i e ,  et  un probJ8me 
"ant isymetr ique" groupant.  les a u t r e s  degrgs de  l i b e r t 6 .  L a  denomination "antisym6trique" est d ' a i l l e u r s  
un peu impropre pour l e  deuxigme problame, c a r  s e u l s  les deplacements normaux B l a  v o i l u r e  sont  
an t i symet r iques  p a r  r appor t  au p l a n  2 0 3  

X O J  

Z O J  

. 
1.2 - Equat ions du mouvement 

On app l ique  les equa t ions  d e  Lagrange ap r8s  a v o i r  exprim6 l ' e n e r g i e ,  et l es  t r avaux  v i r t u e l s  

7 .  correspondant  & une v a r i a t i o n  bfr 

Energie  c i n e t i q u e  : l ' e x p r e s s i o n  (1)  determine l a  v i t e s s e  en chaque p o i n t  : 

de l a  colonne 

e t ,  dm Q t a n t  1'616ment de  masse a f f e c t 6  B chaque po in t  P , 1 ' 6 n e r g i e  c i n e t i q u e  est donnee p a r  : 
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Posons : 

I1 vient : 

(2 1 

C'est une forme definie positive, parce que la matrice est telle que = M et 911.2 - y . l q  ) O  v 9  # 0 * 

M est la matrice de masses gbn6ralis6es. Ses elements sont obtenus en integrvt les produits 
scalaires des vecteurs de base +.'p), 5 ( p )  : 

Energie potentielle.: 1'6nergie potentielle associee aux deformations Blastiques s'exprime 6galement 
par une forme definie positive : 

( 3 )  - 
oh k est une matrice telle que K =  K et 
K est la matrice de rigiditckg6n6ralisges. 

Le calcul des elements de la matriceY est plus complexe que celui des masses ghbralisees. 
I1 necessite la connaissance des champs de contraintes ou de deformations resultant des deflexions 
+(PI 

Fonction de dissipation : la fonction de dissipation, D , est &gale & la moiti6 de la puissance 
dissipee par les forces internes (frottements secs et dissipations par hyst6r6sis). 

Ces forces de dissipation sont assimilees & des forces de viscosit6, et l'on obtient encore une 
forme definie uositive : 

( 4 )  

oh& est la matrice des viscosites gen6ralis6es. 

Mais le calcul de cette matrice ferait intervenir des lois de comportement visqueux qui sont 
d'autant plus difficiles & determiner que les mecanismes de dissipation n'obbissent pas & des lois 
lineaires, et tout calcul serait illusoire. 

La dissipation reste heureusement faible dans les structures aerospatiales et l'on peut, sui- 
vant les problhmes trait&, negliger la matriceB ou la deduire du comportement global de la struc- 
ture soumise & un test appropri6. 

Travaux virtuels des forces appliquees : les travaux virtuels des forces appliquees peuvent toujours 
s'exprimer sous la forme : 

oh Q est la colonne des forces g6nbralisbes. 

Equations de Lagrange : les equations de Lagrange s'6crivent : 

&A = qdg 

En remplapant T , D et U obtient un syst?" d'6quations 
differentielles linbaires du second ordre coefficients constants, avec second membre. 

(5) M y  + B Q  + K9 = Q 
Notons que le second membre est inddpendant de 9 lorsque les forces exterieures sont impos6es. 

Mais il peut aussi en dependre : c'est le cas notamment des forces aerodynamiques g6n6raliskes. 

1.3 - Excitation harmonique et syst?" conservatif associe 

Supposons que l'on applique & l'avion des forces d'excitation sinusofdales & la pulsation U . 
Dans ce cas, la rkponse stabilisee est un mouvement harmonique, ?I la m6me pulsation. 



2 - 5  

Pour alleger l'ecriture, on remplacera avantageusement les fonctions harmoniques de la forme : 

F*est l'affixe de //) ; son module donne l'amplitude, et l'argument Cp donne la phase par 
rapport 8 une reference. 

Avec cette convention, si les forces appliquees sont harmoniques, la colonneQ(d) se met sous 

Q(t )  = (( Q*e"') 
la forme : 

et g(t )  est de la forme : 

( 6 )  

D'oh : 

et 

On peut substituer ces expressions dans 1'6quation (5), en omettant l'indication 8, parce que 
cette equation s'applique aux affixes (parce que 1'Qquation est linbaire). 

i W t  
En simplifiant par e , il vient : 

rr 
(7 ) [ - d 2 M  + i w B  t K ] g f =  Q 
Crithre de phase : Imposons la m6me phase 8 toutes les forces d'excitation et supposons que l'on 
reussisse,en jouant sur la pulsation et sur la repartition de ces forces, 8 faire vibrer tous les 
points de la structure en quadrature par rapport aux forces d'excitation. 

Dans ce cas, on peut prendre le mouvement c o m e  reference de phase (puisque tous les points sont 
entre 8 la m6me phase, par hypothhse), ce qui revient 

forces et deplacements se manifeste alors par le fait que Q 
poser que,Q'est reel. Le dephasage de r/2 

est imaginaire pur. 

On peut alors &parer la partie reelle et la partie imaginaire de 1'6quation ( 7 ) .  I1 vient : 

(8-1) f-luaM + K ] 9 ' =  o (partie rQelle) 

(8-2) i r ~ ~ p ' =  Q' (part ie imaginaire) 
/ 

L'bquation (8-2) montre que les forces appliquees compensent l'effet des forces de dissipation, 
et 1'6quation (8-1) montre que l'on a isole un mouvement propre du systhme conservatif associ6, c'est- 
8-dire du systhme obtenu en supprimant les forces de dissipation du systhme reel. 

I 
U' et Q apparaissent respectivement come valeur propre et vecteur propre de la matrice 

M-'K , et on demontre qu'effectivement cette matrice admet des valeurs propres reelles et positives, 
et des vecteurs propres reels, B cause des proprietks des matricesH et K . 

Si l'on excite la structure avec des forces harmoniques, on peut donc s'assurer que l'on a 
isole un mode propre du systhme conservatif associe en verifiant que les forces et les deplacements 
sont dephases de T/2 . C'est le crithre de phase. 

Cette proprietd est mise & profit dans les essais de vibration au sol dont le but est precise- 
ment de determiner les caracteristiques vibratoires, mais dans ce cas la recherche de la pulsation 
fd et de la repartition de forces donnee par (8-21, est delicate, parce que l'on ne connait pas B 
l'avance les caracteristiques du systhme (voir paragraphe 2.1). 

-1 
La matrice M K admettant valeurs propres et n vecteurs propres, on peut isoler n 

mouvements propres. Nous les distinguerons maintenant par un indice. 
2 * 

Soit dA et 9, une valeur propre et un vecteur propre verifiant 1'Qquation ( 8 - 1 ) .  Alors la 
description du mode de vibration est obtenue en revenant aux conventions (1) et (6). On a : 

.) 4'cJIt F ( e i ) =  S(p1 y e 
& 

(partie reelle de ..... restant sous-entendu). 
OU 

(9) 
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4 ( reprksente un champ de vecteurs obtenu par combinaison lineaire des 
defini a un coefficient prhs, de m6me que le vecteur propre 
est r6el.On effectue la normalisation, en levant arbitrairement l'indetermination. 

4 c p )  . I1 est 
t* fi* , et il est r6el. parce que 

Dans ces conditions, le mode propre de vibration defini par (9 )  est un mouvement harmonique oh 
tous les points ont la m6me phase. 

dh est la pulsation propre et f ( p )  la form: propre. 

$(p) determine l'amplitude et la direction du mouvement en chaque point. 
b 
Notons que parmi ces modes propres se trouvent les 6 modes d'ensemble, c'est-&-dire les 3 

translations suivant les axes principaux d'inertie, et les 3 rotations autour de ces axes. Les pul- 
sations propres correspondant i ces 6 modes seraient nulles en l'absence de forces aerodynamiques 
ou de suspension parasite, mais ce cas ne peut i3tre realise pratiquement parce qu'il est impossible 
d'isoler 

1.4 

Les 
complete 
ment. I1 

ou : 

(10) 

l'avion en l'absence de forces aerodynamiques ou d'une suspension plus ou moins 6lastique. 

- Represent at ion modale 

formes propres de vibration du systhme conservatif associe, 
qui peut 6tre utilisee, 
suffit de poser : 

$ p )  , forment une base 
la place de la base initiale s ( p )  , pour representer le mouve- 

I1 convient de remarquer que 9(k) prend une definition differente dans (10) et dans ( l ) ,  puis- 

Les equations du mouvement s'obtiennent come precedement , en substituant les e C p ?  aux s, CP) . Elles sont du m6me type que (5), mais nous particulariserons les matrices correspondant 
qu'il y a eu changement de base (ou changement de variables). 

i cette base remarquable en utilisant des notations diff6rentes. Soit : 

(11)  le systbme d'equations. 

Dans ce cas on beneficie d'une importante propriete des systemes conservatifs : l'orthogonalit6 

sont diagonales 
des formes propres par rapport la repartition de masses et de rigidites qui se traduit ici par le 
fait que les matrices de masse generalisees et de rigidites generalisees 
(voir par ex. [l] , p. 7 0  ou chapitre 4 de [2] ). 

Les coefficients de ces matrices sont donnes par : 

(orthogonal it6) 

La simplification apportee la resolution de l'equation (11) p a r  le caractere diagonal d e p  
et de 4 est negligeable si/ n'est pas diagonale en m6me temps, et c'est ailleurs qu'il faut cher- 
cher les avantages de la representation modale. 

En fait, la base des formes propres du systbme conservatif associe est une base naturelle deter- 
minee par le bilan de I'Qnergie cinetique et de l'energie potentielle, et elle assure une convergence 
rapide dans la plupart des problemes. 

Elle est particulihrement avantageuse dans les problkmes oh interviennent des deformations 
dynamiques en vol dans le domaine des frequences dites "de structure", parce que, dans ce cas, les 
forces Blastiques et les forces d'inertie sont predominantes non seulement devant les forces de dis- 
sipation, mais aussi devant les forces aerodynamiques. 

C'est ainsi que dans un calcul de flottement, il suffit de considerer 2 ,  3 et rarement 4 formes 
propres de vibration, pour obtenir un rksultat precis, 
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Mais dans les problhmes des frequences basses (dynamique du vol) ou de deformations statiques, 
on peut s'attendre encore Q une convergence satisfaisante en vertu du fait qu'il faut des forces de 
grande amplitude pour entrainer une forme de vibration en dehors de sa pulsation propre. Dans ces 
conditions, en effet, les formes propres de rang eleve (c'est-&-dire de frequence propre 6levee)ni 
peuvent pas intervenir beaucoup dans des mouvements & frequence basse. 

Le deuxihme interst de la representation modale reside dans le fait que les formes de vibration 
@(P) et les coefficients des matrices p e t  r sont accessibles la fois au calcul et & l'ex- 

perience. On le verra dans le chapitre 2.1 consacre aux techniques de mesure des caracteristiques 
modales, et dans le chapitre 2.2 consacre aux methodes de calcul. 

La matrice des viscositesp , pose des problhmes de precision. Elle est toujours difficile 
B determiner aussi bien par la voie theorique que par la voie expdrimentale, quelle que soit la base 
ut il isee. 

Heureusement, les structures aerospatiales etant faiblement dissipatives, cette matrice inter- 
vient peu dans 1'6tude du comportement en vol et il n'est pas necessaire de la determiner avec beau- 
coup de precision. Dans ces conditions 
est diagonale en m6me temps que/ et $ . Le problhme de la mesure se trouve alors considkrablement 
simplifie, car il suffit de.faire le bilan de 1'6nergie dissipee dans chaque mode de vibration et de 
donner aux coefficientsPf*les valeurs qui produisent la m6me dissipation. 

on fait presque toujours les calculs en admettant que / 

2 - DETERMINATION DES CARACTERISTIQUES MODALES DE LA STRUCTURE 
2.1 - La methode experimentale 
2.1.1 Le comportement vibratoire libre d'une structure lineaire, faiblement amortie est regi par 

1'Qquation matricielle (11) : p p p 9  + f9 = 0 

dans laquelle /U , /3 , , f , sont respectivement les matrices des masses, viscosit6s, 
raideurs generalisees et colonne des coordonnees g6n6ralis6es. 

Lorsque les modes propres de la structure conservative constituent la base de representation, 
les matrices // et / 
ment vibratoire de la structure sous l'action de forces exterieures g6neralisees Q sont : 

les formes propres normalisees 

sont diagonales et les valeurs ?t determiner pour la prevision du comporte- 

les pulsations propres * 
les masses gkn6ralisees 

les raideurs genQralis6es 
les coefficients de viscosite 

Ces differentes valeurs globales peuvent atre atteintes soit par voie totalement experimentale, 
soit totalement theorique, soit mixte. Le present chapitre est consacre 2 l'expose des moyens et 
methodes & mettre en oeuvre dans la voie totalement experimentale. 

Cette methode experimentale consiste & soumettre la structure & des systhmes de forces d'exci- 
tation harmonique, en phase ou en opposition, ayant pour rale de compenser 1'6nergie dissipee dans 
la structure. De la sorte l'equation matricielle du comportement vibratoire se trouve decomposee en 
un systhme de deux Qquations : p$i .,9=0 

f i+ = Q 
Ce qui permet de realiser physiquement le systhe conservatif associe et d'en deduire ses caract6- 
ristiques modales par l'analyse de la reponse. 

Le moule mathematique representant la structure est lineaire, ?i amortissement visqueux, alors 
que toute structure reelle presente des non linearites plus ou moins accentuees, des frottements 
"secs" et des jeux. Ce moule mathematique represente par un nombre fini de masses discrhtes, ressorts, 
dash-pot une structure continue comportant une infinite de degres de libert6. 

En outre l'essai ayant pour but de definir des caracteristiques structurales permettant la pr6- 
vision du comportement vibratoire en presence d'une excitation quelconque, il importe que les condi- 
tions aux limites et les moyens introduits par l'essai soient sans influence sur ces caracteristiques; 
si cela n'est pas realisable il est indispensable de pouvoir eliminer cette influence par calcul. 

Le choix d'une methode totalement experimentale pour la constitution du schema modal d'une 
structure mdcanique delle implique donc que les moyens et procedes mis en oeuvre permettent d'obte- 
nir les valeurs absolues et les marges d'erreur des differentes caracteristiques precedemment d6fi- 
nies ; leur determination doit donc etre effectuee au moins par deux procedes de nature differente. 

Les considerations precedentes conduisent & envisager 3 phases principales dans la realisation 
de l'essai global de vibration harmonique d'une structure : la preparation et l'organisation de 
l'essai, la detection des modes propres, et le traitement individuel des modes ; ces phases vont 
faire l'objet des paragraphes suivants. 
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2.1.2 - Preparation et organisation de l'essai 
2.1.2.1 - La mise en oeuvre d'un essai de vibration exige les operations preliminaires de pr6- 

paration et d'organisation dont ilestsuperflu de souligner l'importance. Car la qualit6 et la rapi- 
dit6 d'obtention des resultats sont en fonction de la qualite de la preparation. Ces operations sont 
1'6tude et la realisation de la suspension, 1'6tude des plans pour le choix des points possibles 
d'excitation, 1'6tablissement du programme d'essai, la preparation des documents de classement des 
resultats intermediaires, du depouillement et des resultats definitifs, la visite des lieux d'essais, 
la verification des conditions materielles necessaires ?i la realisation optimale de l'essai. 

Ces operations preliminaires ne constituent pas l'objet essentiel de ce chapitre, nous insiste- 
rons cependant sur trois points : la suspension, 1'6tat de la structure et le traitement des infor- 
mat ions. 

2.1.2.2 - La suspension : La suspension la plus simple et la plus facile B mettre en oeuvre pour 
les essais industriels d'avion ou d'engin tels qu'ils sont realises en France est la suspension par 
sandows. On adopte en general dans ce cas une frequence propre de pompage comprise entre 0,5 Hz et 
1 Hz et on choisit, dans la mesure du possible, des points d'attache au voisinage des noeuds des 
modes fondamentaux. Dans ces conditions la suspension n'apporte que des perturbations minimales et 
il n'est pas necessaire de recourir ?I un calcul pour connaftre le comportement de la structure libre. 

2.1.2.3 - L'Qtat de la structure : Un premier examen de la structure, notamment des elements 
mobiles (gouvernes principales et auxiliaires) permet de controler que cette structure n'est pas trop 
kloignee de la structure ideale theorique et, si tel n'est pas le cas, d'envisager les moyens propres 
B effectuer l'essai dans des conditions uptimales. 

Un essai de vibration effectue sur un avion presentant des frottements secs anormaux peut en- 
trafner des conclusions complbtement erronkes sur son comportement ulterieur en vol libre, un tel 
etat risquant de n'&tre pas reproductible : des modifications mineures faites avant l'essai offrent 
la possibilite de se rapprocher de la structure ideale, donc d'effectuer l'essai dans de meilleurs 
conditions et d'obtenir des informations non sujettes caution. 

2.1.2.4 - Le traitement des informations : Lors de l'essai d'une structure aeronautique on ne 
releve pas moins de 104 105 informations pour retenir dans les calculs ultkrieurs de stabilite un 
nombre de valeurs dix fois plus faible. I1 est donc indispensable d'etablir un programme d'essais 
tel que les informations obtenues au cours d'une phase soient traitees immediatement et disponibles 
pour la phase suivante. La generalisation de l'enregistrement des resultats en numerique, la minia- 
turisation des moyens de calcul facilitent d'ailleurs Ce travail. 

2.1.3 - Les procedes globaux de detection des modes propres 

2.1.3.1 - La premiere phase de l'essai de vibration concerne l'ensemble de la structure et la 
totalitk des modes : c'est une operation de dkgrossissage ayant pour objectif la detection des modes 
propres dans la gamme de frequence que l'on s'est dkfinie. 

I1 est inutile d'insister sur le faj.t qu'au cours de cette phase on doit detecter toutes les 
frequences de resonance sans omission , l'experience montrant qu'un mode oublie au cours de cette 
premiere phase l'est & titre definitif. 

2.1.3.2 - Le balayage en frkquence : Afin d'atteindre cet objectif, la structure est soumise 
differentes configurations de forces d'excitation (en phase ou opposition) : dans chaque configura- 
tion la variable est la frequence d'excitation. 

Le lieu de l'affixe du vecteur rdponse vitesse aux differents points de la structure est trace 
dans le plan complexe. Par le double balayage en configuration de forces et en frequences, on a la 
garantie que toutes les resonances de phase seront detectees. Theoriquement 1'6tude de la reponse en 
un seul point devrait etre suffisante mais pratiquement 1'8tude de cette reponse est effectuee en 
une vingtaine de points. Cela d'une part accroit la securite dans la dktection, permet une identifi- 
cation des modes et facilite,d'autre part, les operations ultkrieures d'isolation des modes. Par 
ailleurs la visualisation simultanee des courbes de Lissajou en une vingtaine de points sur oscillo- 
scope permet B l'experimentateur d'operer sans voir la structure. 

2.1.4. - Les procedes globaux de traitement individuel des modes 
2.1.4.1 - L'appropriation des forces d'excitation : Entre les essais globaux de balayage et le 

traitement individuel de chaque mode se situent les prockdks permettant le traitement individuel 
par son isotation des autres modes savoir l'appropriation des forces d'excitation. 

La structure continue ayant une infinite de degres de liberte et ne pouvant 8tre excitee que par 
un nombre fini d'excitateurs, il en resulte que cette operation d'appropriation ne peut consister 
qu'en une optimisation dependant de 3 categories de pardtres : la frequence d'excitation, le nombre 
et l'emplacement des excitateurs et le dosage des forces d'excitation. 

On envisage ici l'isolation du mode B sa resonance de phase, c'est-A-dire la recherche de l'ap- 
propriation des forces d'excitation permettant de verifier au mieux le critere de phase (vitesse de 
la reponse de tous les points en phase ou en opposition avec les forces d'excitation).Remarquons 
d'ailleurs que si la matrice /3 est diagonale l'isolation'du mode assureeh la resonance de phase, 
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l'est Bgalement A toutes 188 frequences hors de la r6sonance 

Cette opbration extAmment importante pour la dBt6rmination ulterieure des CaractBristiques 
modales est 88881. sowent longue et diffmrle, car on ne peut pas toujours introduire des excitations 
aur emplacements souhaitables ; de EB fait elle est aussi diffioile P rendre automatique. 

Cependmt lee moyens semi-automatiques r6allsBs;h l'ONER4, en separant les deux t y p 8  d'op6ra- 
tions : 

a) recherche de la rBaonance par generateur de fr6quence aaservi par un signal global pondere des 
reponaes structurales 

b) appropriation. par asservissement en niveau et signe des farces d'excitation, 

permettent un gain de temps appreciable dans la r6alisation de Cette op6ration. 

2.1.4.2 - Le traitement individuel du mode : 
1) La frhuenoe de resonance ayant BtB determinee lor8 de l'isolation du mode, l'excitation est fixhe 
h cette frBquence et le trsitement individuel du mode Consiste P mesurer la forme de vibration et les 
valeura gBn6ralisBes. Ces mesures doivent d'ailleurs Btre effectuees h differents niveaux d'excita- 
tion afin de Contraler la linearit6 de la structure. 

2 )  La meaure de la forme de vibration : La solution ideale conslste A repartir un nombre suffisment 
grand de capteurs monodirectimels et h enregistrer suocessivement par commutation les rBponses. Cette 
~ o l u h m n  onBreuae n'eat retenue que pour les structures Simples (modes de Poutre engins). Pour le8 
structures plus compliquBes. omme celle des avions, on utilise un capteur manuel mobile (du type 
accB16rom6trique) que I'on met en contact. par simple pression, avec la structure. on minimise sins1 
les perturbations apportees la structure. 

La vue gedrale de la form, proprs est obtenue en rep02-tant les amplitudes sur un plan et en 
faisant des rabattements ( f ig .  2).  

FIG. 2 

3 )  La -sure des valeurs g6nBrqlis6ss : Les valeurs g6n6rnlides A mesurer SOnt : 

la masse generalis6e/u; 
le8 deux valeurs sont lieea par la relation , d p ~ *  I fi'O 

le taux de "iscosit6 d, = 

w ou la raideur generalis& )'icd (pulsqu'k la resonance de phase 
), /8"" 
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Nous avens indiqu4 precedemment que les caract6ristiques modales devaient Btrewsur6es par deux 
procedes de nature'differente, afin de pouvoir donner la marge d'erreur sur ces vsleurs, mrge r6aul- 
tant des differences entre Structures theorique et delle. 

Les categories de proo6d6s de nature differente SDnt : 

1 - L a  categoric des procedes fond& sur une variation d'impedance de la Structure 

2 - L a  categoric des proc8des utilisant l'gnergie introduite dans la structure. 

Dans la premiere oategorie nous citerons le procede des ma8888 ou raideurs additionnelles et des 
forces en quadrature. Ces prodd6s, fond& sur une faible variation d'impedance ds la structure 80nt 

sensible8 B la qualit6 de l'appropriation avant Variation et par vole de cons6quenoa exigent une 
rhpprapriatim de l'excitation ap&s variation. I19 permettent les mesures respectives de p."', 
et d. . 

4 

Dan= la deuxihe categoric nouq clterons : "le travail mtroduit" qui donna le produit 
et le proc6d6 de la "puissance complexe" d'application plus dcente : par un micro-balayage Butour 
de la fdquence de resonance, 
autres procedes il offre l'avantage d'Btre moins sensible A la qualit6 de l'appropriation et aux 
faibles non lm8arit6o stNCtUrale8. I1 est actuellement utilise de fapon syat6matlque dans les 
essais mdustriela de 1'ONERA. 

il donne la possibilit6 de determiner A"$t d, . Par rapport aux 

A titre d'exemple, sur un avmn leger de conatruction bois, 8011 application parallelement avec 
le8 procedes de8 masses addtionnellss et des forcm en quadrature a montre que, dan8 la ga"e de 
frequences 0 - 1W b, pour la quasi-totalit8 des modes la marge d'imertitude sur les masses gene- 
ralis-s etait inferieure A ? 5 %, un 8eul mode presentait "ne marge d'incertitude plus 61ev6e maia 
nBanmoins znf6rieure A t 12 %. 

2.1.5 - Application pratique 
Ce brei expose sur la metnode erp6rimentale de determination des caract6riatiques modales dont 

on pourra trouver un d6velop-nt plus complet dans la reference [4] montre que Cette m6thode O f f r e  
toutes 188 garanties pour la prevision de la stabilittl a6roelastique des structures. Les informations 
qu'elle fournit peuvent aumi Btre utilisees avec profit dans 1'8tude de la Stabllite des Byst&" 
asservis [51. 

En France, on considere gknkralement que cette dthode Offre plus de garanties que le8 methodes 
theoriques, et tous les prototypes SOnt soumis l'essai de vibration au 801. 

A cet effet, plusieurs installations ont et6 d6velopp6es et portkes B Un haut degd d'automati- 
cite. La figure 3 montre un anon B l'essai, suspandu par des Sandows. 

FIG. 3 - AVION SUSPENDU SOUMIS A UN ESSAI DE VIBRATION 
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2.2 - Methodes theoriques - Calculssur plans 
La determination. des caracteristiques modales de la structure se fait aussi par des calculs sur 

plans qui permettent de commencer l'analyse des problemes d'aeroelasticit6 au stade du projet, sans 
attendre la construction du prototype. 

2.2.1 - Matrice des coefficients d'influence Blastiques 
Dans le paragraphe (l), on a discretise la structure deformable en representant son mouvement 

par une superposition de deflexions s ( p )  . r 
Un autre moyen de realiser un syst6me discret approximativement equivalent au syst6me reel 

consiste B remplacer la repartition de masses reelles par des masses ponctuelles m!4'. 

Considerons par exemple une voilure mince dont les deplacements se font suivant l'axe 03 (fig.4) 

FIG. 4 - SCHEMATISATION 

PAR MASSES PONCTUELLES 

Les degres de liberte du systeme sont les variables de position Jli)des masses ponctuelles 
et les caracteristiques massiques sont definies par la matrice diagonale des m?', qui determine la 
colonne des forces d'inertie en fonction de la colonne des accelerations : 4 

ou 

(12) 

en posant : F : colonne des forces d'inertie 
m : matrice diagonale des masses 

3 : colonne des variables de position. 

De meme, les caracteristiques Blastiques sont definies par la relation entre la colonne des 
forces et la colonne des variables de position. On peut introduire soit la matrice des coefficients 
d'influence Qlastiques, ou matrice de souplesse,soit la matrice de rigidit6 ou de raideur. 

La premiere exprime les fleches connaissant 1.es forces : 

ou 

(13) 

en designant par E la matrice des coefficients de proportionnalite 

ou 

La deuxieme exprime les forces si les fl6ches sont donnees : 

?> (14) F = K  
en designant par K la matrice des coefficients 

d 
La matrice I( est reguliere, sauf si la structure est en equilibre indifferent, circonstance que 
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l'on pourra &iter en mettant une liaison appropriee, et dans ce cas on a : 

(15) 

De plus, ces deux matrices sont symetriques, definies positives et permettent d'exprimer 1'6ngr- 
gie sous la forme : 

Mais les equations du mouvement du systhme conservatif peuvent s'bcrire directement sans passer 
par l'knergie. I1 suffit de remplacer la colonne de 1'6quation (14)  par la colonne des forces . 
d'inertie donnee par (12). I1 vient : .. 

On se ramhne & un probleme de valeurs propres et de vecteurs propres en posant : 

j = z e i u t  
I1 vient : 

[-Jm + K ] Z  = 0 

puis 

2 P 
g/W apparait comme, valeur propre de . On aurait aussi bien pu faire apparaltre ld comme 
valeur propre de n)- . 

Mais il convient de noter que la schematisation par masses discrhtes ne permet pas de determiner 
tous les modes propres de vibration avec la meme precision. En effet, les erreurs croissent avec le 
rang du mode considere c'est-&-dire avec la frequence propre, parce que la complexit6 des deformees 
croit en meme temps. Le sachant, on se limitera au calcul d'un nombre de valeurs propres et de vec- 
teurs propres nettement inferieur au nombre de masses ponctuelles. C'est la raison pour laquelle il 
est avantageux de faire apparaftre q/w2 au lieu de Up comme valeur propre, En procedant ainsi, en 
effet, on est conduit & extraire les valeurs propres dominantes de la matrice E m .  

I1 y a quelques,ann6es, on determinait la matrice de souplesse par un essai statique dont il est 
facile d'imaginer le d6roulement. Aujourd'hui, cet essai est supplant6 par l'essai de vibration, pour 
la determination des caract6ristiques modales, mais il est encore pratique pour le contrale des cal- 
culs d'glasticite. 

Par contre, lorsque les modes propres sont determines par la voie th6orique, on passe le plus 
souvent par la matrice des coefficients d'influence elastiques, qui constitue l'aboutissement du cal- 
cul d'Qlasticit6, avant d'aborder le calcul des modes propres. Nous verrons (paragraphe 2.2.3) que 
cela n'est pourtant pas indispensable. 

I1 est evident que pour representer les proprietes Blastiques d'un avion complet, ces matrices 
doivent avoir un ordre eleve. 

En fait, il n'est pas necessaire de traiter tout l'avion en bloc. I1 est beaucoup plus dcono- 
mique de traiter d'abord separement les differentes parties : voilure, fuselage, empennage et derive, 
et de les raccorder ensuite en representant le mouvement de chacune d'elles dans sa base modale pro- 
pre. C'est la methode des "branch modes". En procedant ainsi, la convergence rapide de la base modale 
perinet de reduire le nombre de degres de libertd & une valeur acceptable. 

2 . 2 . 2  - Methode des elements finis 
Le calcul de la matrice de souplesse ou de la matrice de raideur se fait le plus souvent en de- 

composant la structure en elements finis dont on determine separement les caracteristiques Qlastiques, 
et que l'on assemble ensuite en respectant les conditions de compatibilite ou d'equilibre. 

Cette methode est designee souvent par "m6thode d'Argyris" parce que cet auteur a apporte une 
contribution majeure & la systematisation des calculs. 

Pour obtenir une bonne precision, il faut en general faire un decoupage fin de la structure, ce 
qui conduit couramment h des problhbs avec plusieurs centaines d'inconnues. Le volume de donnees 
qu'il faut manipuler devient alors extremement important et les calculs restent lourds en depit du 
fait que certaines matrices sont multidiagonales. 

On distingue en general la methode des forces et la methode des deplacements, selon que l'on 
considere les forces ou les deplacements come inconnus dans le problhme. L'une aboutit & la matrice 
de souplesse et l'autre & la matrice de raideur. 

La division en elements est delicate. Dans les structures d'avions on trouve des elements de 
barres travaillant en effort longitudinal, des elements de poutres travaillant en flexion ou en tor- 
sion, et enfin des elements de plaques en 6tat de contrainte plan. 

Les figures 5-a et 5-b montrent la decomposition d'un caisson dans le cas, simplifie h l'extrhme, 

I /  
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oh l'on admet les hypotheses suivantes : 

a) les taes travaillent en cisaillement pur, 
b) les raidisseurs travaillent en traction-compression, 
c) la contrainte normale varie lidairement le long de ces raidisseurs. 

FIG. 5-a - CAISSON METALLIQUE 

S IMPL IF I E 

Section droite du raidisseur 

Epaisseur 
de la nervure=0,050" 

FIG. 5-b - CAISSON SIMPLIFIE 
ECLATE 

Mais dans des cas pratiques complexes, les tales elles-m6mes doivent 6tre d6compos6es en 616- 
ments en forme de parall6logrammes ou de triangles assembles en des noeuds, come le montre la fi- 
gure 6 .  

Chaque 616ment s6par6 estcaract6ris6 lui-m&ne par une matrice de souplesse ou de raideur qui 
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b) t t  
a) SYSTEME REEL 

- b) IDEALISATION 

relie les composantes des deplacements des noeuds 
aux composantes des forces en ces m6mes noeuds. 

Pour des elements de plaques en Btat de con- 
trainte plan, la determination de ces matrices est 
d6jh assez delicate. On est conduit, en general 2 
faire des hypotheses sur le champ de contraintes ou 
de deformations que l'on represente par une combi- 
naison de fonctions. Ainsi, la figure 7 illustre le 
cas d'un element de plaque rectangulaire dans la- 
quelle on admet un cisaillement constant et des 
contraintes normales reparties, lineairement. Ce 
champ de contrainte est obtenu par une superposi- 
tion lineaire des 5 champs elementaires repr6sen- 
t6s sur la partie gauche de la figure. A droite 
on indique les deflexions correspondantes. 

L'Qnergie potentielle de l'kl6ment peut s'ex- 
primer d'abord en fonction des parametres de super- 
position p,.,./35 , puis en fonction des parametres 
de deplacement des sommets qui sont relies eux- 
m6mes aux/3i par une relation matricielle facile B 
Qtablir. On aboutitainsi ?t une forme definie posi- 
tive dans laquelle apparait une matrice qui n'est 
autre que la matrice de raideur de 1'616ment. 

La liaison des elements de plaques par des 
noeuds est Qvidemment differente du cas reel, et 
le defaut de liaison sur les cat& devrait norma- 
lement se traduire par une augmentation considerable - 

de la souplesse de la structure. En fait, ce defaut est compense en grande partie par les hypoth&ses 
restrictives sur la repartition des contraintes ou des deformations dans chaque element. 

Pour obtenir les caracteristlques de la structure assemblee, qui est en general hyperstatique, 
il faut completer les equations matricielles des elements non assembles par des equations supplemen- 
taires, qui sont des relations d'equilibre, dans la methode des forces, et des relations cinematiques, 

a) DIAGRAMS DE CONTRAINTE 
b) DEFORMATIONS ASSOCIEES FIG. 7 - 

b) 

v Y f=+j I I I 

I 
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dans la methode des dkplacements. Nous n'entrerons pas dans le detail de la formulation matricielle 
qui est exposee par ailleurs, [6] B [g] . 

2.2.3 - MQthode de Rayleigh-Ritz 

La methode de Rayleigh-Ritz consiste i representer le mouvement dans une base artificielle 
assurant la convergence. C'es.t pratiquement ce qui a et6 fait dans le paragraphe (1) en posant : 

S'agissant du calcul des modes propres du systhme conservatif, on Bvalue l'bnergie cinktique 
et 1'6nergie potentielle et on aboutit 1'6quation aux valeurs propres et aux vecteurs propres : 

L'evaluation de 1'6nergie cinetique et de la matricebf ne necessite pas une definition tr&s 
precise des deflexions de base s ( p )  . C'est ainsi que pour une aile mince, il suffit de connaltre 
la composante de la vitesse normafe B son plan, ce qui conduit & definir seulement la composante 
normale de la deflexion par une fonction 3, (Tg,&) .  Dans ces conditions, les deflexions de base 3 ( p )  sont des fonctions z,(".J) , et 1 on a : 

n 

Le calcul de 1'Qnergie potentielle, par contre, suppose que la position des points est connue 
avec beaucoup de precision, puisqu'il fait intervenir les champs de contrainte ou de deformation lies 
aux deflexions de base sr(p). 

F 

O r ,  ces champs de contrainte ne peuvent en general etre definis qu'en faisant des hypothsses. 
Dans le cas de l'aile mince, par exemple, on aurait une formulation relativement simple en admettant 
l'existence d'une surface neutre oh les contraintes restent nulles, puis en supposant que la fonction 
Zr('L,Y)repr6sente la deflexion de cette surface suivant 0 5  , et que les points situ& de part et 
d'autre se sont deplac6s en restant sur la mGme normale (fig. 8 ) .  

x: 

0 
FIG. 0 - DEFORMATION 

D'UN ELEMENT DE PLAQUE 

Dans ces conditions, le deplacement des points et le champ de deformations correspondant h une 
fonction de base p )  sont parfaitement determines, et le calcul de la matrice K devient possible. 

Cette faGon de proceder revient assimiler le comportement interne de l'aile & celui d'une pla- 
que, et B negliger des d6formations de cisaillement qui sont souvent importantes. I1 peut en resulter 
une surestimation sensible de la rigidite. 

Les fonctions de baseG(*.f) peuvent Gtre une suite limitee de polynames ou de fonctions sinu- 
soldales, avec des termes particuliers pour les mouvements d'ensemble et les oscillations de gouvernes. 

En definitive la methode de Rayleigh-Ritz est particulierement bien adaptee ?I certains types de 
structures, telles que les poutres et les plaques d'Qpaisseur kvolutive. Dans l'application aux struc- 
tures aerospatiales, elle a et6 supplantee par la methode des Qlkments finis, mais elle semble avoir 
un regain de faveur depuis quelque temps, notamment pour le calcul des engins. 
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3 - DETERMINATION DES FORCES AERODYNAMIQUES GENERALISEES 
Ce chapitre est consacre 8 la determination de la colonne des forces generalisees, @ , des 

equations (11) .  I1 s'agit d'un problhme trhs complexe qui ne peut atre resolu qu'en faisant appel 8 
la fois ?I l'experience et aux theories les plus Qlaborhes. 

Les possibilites de l'experience sont cependant beaucoup plus limithes que dans le cas de l'avion 
rigide, parce que le nombre de paramhtres necessaires pour definir, m8me de fapon approchee, le 
mouvement d'une structure dhformable, est trop eleve pour que la mesure de toutes les donnees n'kces- 
saires soit possible. 

Dans ces conditions, la determination des forces abrodynamiques doit se fonder sur une thborie 
complete couvrant tous les cas, Le rale de l'experience n'en demeure pas moins important, indispen- 
sable meme, mais il se limite 8 l'acquisition de donnhes partielles qui serviront & contraler la 
theorie ou 8 Blaborer des corrections. 

En dehors de quelques tentatives sporadiques, les calculs sont toujours fond& sur la theorie 
de l'ecoulement d'un fluide parfait autour d'une surface portante animee de petits mouvements d'oscil- 
lation harmoniques au voisinage de son plan moyen. On s'interesse ici 8 la mise en oeuvre pratique 
plutat qu'8 l'expos6 de la thborie. 

3 . 1  - Methodes des tranches independantes 
Pour une aile de grand allongement, ou pour des calculs de dbgrossissage, la surface portante 

est decomposee en tranches paralleles au vent autour desquelles 1'6coulement est suppose bidimen- 
sionnel. 

Cette hypothhse simplifie evidement la theorie, et,surtout, les paramhtres de position et de 
forces d'une tranche etant relativement peu nombreux, elle permet d'utiliser des coefficients tabules 
une fois pour toutes. 

Pour une tranche indeformable munie d'une gouverne, ces parametres sont dhfinis sur la figure 9. 

I I , -  2 A  - - - 

La relation matricielle s'ecrit : 

FIG. 9 

d b  
V '  

N A' e t A  sont des matrices reelles d'ordre 3 qui dependent du parametre de frequence - 
' 

du nombre de Mach M , et de la profondeur relative de la gouverne 't; . 
3.2 - Theorie de 1'6coulement tridimensionnel 
3 . 2 . 1  - Methode de 1'6quation integrale - Matrice des coefficients aerodynamiques 
La thhorie bidimensionnelle s'est rapidement revelbe insuffisante, et le developpement des ordi- 

nateurs a permis, depuis quelques annees dej8, de mettre en oeuvre la theorie de la surface portante 
de forme en plan quelconque, en mouvement harmonique (voir [IO] 8 [MI). 

La formulation qui permet de traiter les cas les plus generau,! est obtenue en representant l'aile 
par une nappe de doublets d'acc616ration. On aboutit ainsi & une equation integrale exprimnt 
vltesse normale w 

* iwza 
en fonction de la difference de presston A p  , soit, en posant W c W e 

et ~p : ~ p * e i w t  : 

(16)  
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I 

I '  

I 

oh L d6signe une longueur de reference, par exemple la 1/2 cofde d'emplanture. ' 

L'int6r6t de cette Bquation reside dans le fait que le domaine d'int6gration est limit6 B l'aile., 

Le noyau depend du paradtre de frequence (ou fr6quence r6duite), k = wL v , et du nombre de 
3-7'  Mach M , et il a une expression particulihrenent I1 contient un pale d'ordre 2 en 

et l'integrale doit 6tre 6valu6e en partie finie ( l 

La r6solution pratique se fait en representantdp par une superposition de fonctions de pression : 

(17-1) Ap* ( f ,p)  = p v p  r= r" 1 5 ( . f ,7)  xfr' 
ou 

(17-2) 

et par x la colonne des coefficients x") . 
Les fonctions de base cr(#,7) doivent contenir les singularites appropriees pour que W*($,r)) 

soit fini sur toute la surface portante. 

On proci.de le plus souvent par collocation, en exprimant la vitesse normale w en fontion des 
coefficients xrp! sur un reseau de points appel6s points de collocation ou de contrale. 

I1 vient alors, en substituant (17-1) dans (16) : 

avec 

* 
En designant par w la colonne des yitesses normales aux points de collocation, Wu(7?g), 

et par R la matrice des integrales Rf' , on a : 

w*=  V R K  
Si le nombre de points de collocation est 6gal au nombre de fonctions de base, m , la matrice 

R est re&lihre, et l'on a : 
* - f  x = + A w  (en posant A = ) 

et la pression est donnee en substituant cette expression dans (17-2) : 

(18-1) 

A 
de Mach et de la forme en plan. 

ApP;*,g) = f v C k # ) A  w *  

est une matrice de coefficients aerodynamiques. Elle depend de la frequence rbduite, du nombre 

* icwt rr *wt 
Remarquons que l'on a w = W e et AP = Af e et que l'equation (18-1) peut aussi bien 

s'6crire : 

(18-2) ~p ( x . ~ ' .  k )  = p I/ C (=,y) A w ( I )  

(19) 

3.2.2 - Forces generalis6es 

Le travail virtue1 de dp est donne par 1 'integrale. 

la ddflexion de l'aile, j ( T f , k )  est representee dans la base modale par l'expression (10) qui devient 
dans ce cas : 

ou 

(20) 

oh les vecteurs de base $(e$) qui definissent les formes propres du systhme conservatif se redui- 
sent ?i des fonctions de z et de 3 , du fait que le mouvement a une direction privilkgi6e. 
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En substituant (20) et (18-2) d a m  (19), il vient : 

/%/e 
C'est une expression de la forme Q , et on identifie la colonne des forces gdnkralisbes : 

L'integrale entre crochets est Qvalube en general par la methode de Gauss en faisant apparaftre des 
points d'integration et des poids. I1 vient : 

i . r  
(4 (en designant par f '"les points d'integration et par H 

B ces points). 
les poids ou elements de surface affectes 

Cette sommation devient un produit matriciel, h condition de definir .: 

- une matrice *;)qui dkfinit les formes propres aux points d'integration ( 
- une matrice cci, qui definit les fonctions de pression aux mbmes points (c.f'"a - et la matrice diagonale des poids, . 

rJz 
(1) r q ( P  ),) 

I 

D'oh : 

(21) 

Le produit matriciel q.A est une matrice de coefficients d'influence aerodynamiques qui 
rappelle la matrice de coefficfents d'influence Blastiques ou la matrice de raideur. 

Pour justifier cette interprbtation, on remarque d'abord que le produit 5iJA donne les va- 
leurs de 4~ 
pliant ensuite par la matrice diagonale y , dont les coefficients representent les elements de sur- 
face affect& B chaque point d'integration (au coefficient 
i chaque point d'integration dans l'intkgration numbrique. 

aux points d'integration lorsque w est connu aux points de collocation. En premdlti- 

LL prhs), on obtient les forces affectees 

Ce produit matriciel depend de la frequence reduite, du Mach, de la forme en plan, et du nombre 
de points d'intkgration et de collocation. 

Or, il est necessaire de prendre un assez grand nombre de points pour obtenir une bonne precision. 
Les calculs se font couramment, en France, avec 25 points de contrale par 1/2 aile, et certains cons- 
trueteurs amkricains sont all& jusqu'h pres de 100 points. Dans ces conditions, la matrice de coef- 
ficients d'influence n'est obtenue qu'aprhs un volume considerable de calculs. 

La vitesse normale w est donnee par la condition de non dkcollement : 

(d'aprhs (20)) 

et la colonne W qui donne les valeurs de w aux points de contrale est definie par : 

(en d signant par ec)la matrice dkfinissant les formes propres $ (qy) aux points de contrale, et 
par de) la matrice donnant les pentes ad&, aux mhes points). 

ou 

(22) 

Les formes propres e[*,$)ont en g6neral les dimensions d'une longueur et la matrice G 
est sans dimensions. 

I 



La formule 
harmonique, on a 

(25 1 
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(22) permet de completer l'bquation du mouvement (11). En tenant compte du mouvement 

Pratiquement , la matrice G (d) est Bvaluee numeriquement pour des valeurs discretes et reelles I 

d e & .  . 
I 

Ce calcul est d'ailleurs tr&s volumineux et ne peut 6tre effectue dans des conditions economi- 
ques convenables que s'il est bien organise. 

11 est indique notamment de calculer la matriceA et le produit matriciel HC,kA (ou matrice 
de 
Mach, et de stocker les coefficients en memoire. Ce calcul peut 6tre lance d8s qu'une nouvelle forme 
en plan est mi-se & l'dtude, sans qu'il soit necessaire de connaltre les formes propres de vibration 
dont dependent les matrices $ et 

coefficients d'influence a6rodynamiques), pour les valeurs interessantes de la fr quellce et du 

de la formule (23). 

L'equation (25) n'admet de solutionQ#O que pour les valeurs de c3 qui annulent le determinant 
caracteristique, c'est-&-dire qui verifient 1'6quation : I 

Mais ces racines sont en general complexes, ce qui est en contradiction avec le fait que 6 
n'est.dvaluke que pour des valeurs reelles de &J . Cette restriction n'est pas grave dans la recher- 
che des instabilites (et en particulier du flottement) car dans ce cas il suffit de connaftre les 
valeurs critiques de f et de v pour lesquelles il existe une solution harmonique. Ces valeurs cri- 
tiques definissent en effet la frontibre. du domaine d'instabilite : d'un c6t6 toutes les racines 

ont leur partie delle negative et de l'autre, l'une d'elles a une partie reelle positive. 

I 

Ces solutions harmoniques peuvent s'obtenir par un balayage systkmatique en p , v et w , 
avec des valeurs reelles. 

Le balayage est d'ailleurs considerablement simplifie si l'on neglige les forces de dissipation 
de structure car dans ce cas, 1'6quation (25) peut s'kcrire : 

et l'on a : 

et l/azapparalt comme valeur propre d'une matrice complexe qui ne depend que de f et de & . 
En faisant un balayage en 4 on finit par trouver un couple k , U , avec d reel. Ce couple 

que nous designons par k,, , wcr , determine alors la vitesse critique qui est donnee, d'aprhs la 
definition de k , par : I 

En dehors de ce cas de calcul, les valeurs propres complexes obtenues dans ces conditions n'ont 
pas de signification physique. Si la partie imaginaire de U )  est petite devant la partie delle, on 
peut cependant justifier une interpretation qui permet de deduire des valeurs approchees des pulsa- 
tions et des amortissements en fonction de la vitesse. 

3.2.3 - Formulation approchee 

L'explicitation donnee aux forces aerodynamiques generalisees (22) est suffisante pour les 
etudes de flottement parce qu'il s'agit avant tout de determiner les solutions harmoniques. 

Mais les conditions sont nettement differentes dans le probleme de la dynamique du vol, et il 
vaut mieux, dans ce cas, remplacer l'kquation (25) par une equation differentielle du second ordre 
& coefficients constants, m6me s'il est necessaire pour cela de faire une approximation. 

Remarquons d'abord que l'hypothbse de la linearit6 doit conduire normalement un systbme d'6qua- 
tions differentielles lindaires, puisqu'elle signifie que les fozces dependent lineairement de la 
colonne de coordonnees generalisees Q et de ses derivees 9 , 9 . . .  . I1 existe donc des matrices 
reelles et constan'tes G , 6, . . . qui permettent d'exprimer les forces aerodynamiques generalisees 
sous la forme : 0 

(27 ) Q = - p V z L s ( $ p  + L  V 9 9  + $ q f +  . , .  ] 
v ' 7  oh les coefficients h L2 ... sont introduits pour que G , 4 . . .  soient sans dimensions. 

Cette expression doit btre Qquivalente & (22) dans le cas du mouvement harmonique. 

Or, GG4)peut se developper en fonction de i k  avec des matrices reelles, et (22) devient : 
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Dans ces conditions on peut donc identifier les matrices e , . . . de (271 ,  avec les termes 
du d6veloppement de G (ik)en fonction de d . 

On obtient une formulation approchbe, particulierement bien adaptbe aux problemes de la m6ca- 
nique du vol, en ne retenant que les 3 premiers termes de ce d6veloppement, soit % , 6, et Gp . 

Cette approximation revient l exprimer 0 en fonction des parametres de position, des vitesses 
et des acc6lerat ions. 

Le calcul de la matrice G(i41, tel qu'il est conduit pour des raisons pratiques, ne donne pas 
les termes du developpement; mais on peut les obtenir facilement ?i partir d'un calcul fait en sta- 
tionnaire ( 4 ~ 0 )  et d'un calcul fait ?I une valeur finie.mais petite de & . 

Considerons la matrice a6rodynamiqueA qui intervient dans la formule (23) et qui ne depend que 
de k , du Mach, et de la forme en plan. 

Elle admet un d6veloppement en i L  de la forme : 
2 I 

A ( L i ) =  A , t i i A , - &  4 , - i n A 3 t  . . .  
Les 3 premiers termes sont donn6s par : 

A,, = A(o)  

En considerant une valeur finie mais petite de & , il vient : 

A, '= A (0)  

Ces 3 matrices qui ne dependent que du Mach et de la forme en plan, Qtant calcul6es, on substitue 

A = A, c ~ ' 4  A, - fA2 
dans ( 2 3 ) ,  et il vient : 

avec 

et dans ces conditions, on a : 
Q z . p V P L J [  c.7 + 4 9 + cp f /  

Cette expression doit 6tre substitube dans les 6quations du mouvement (11)  qui deviennent : 

5 -- 
Le terme p L  c, 9 merite une attention particulihre. I1 traduit un effet de pseudo-inertie 

independant de la vitesse et qui se manifeste dkjl dans les essais de vibration au sol. Dans ces 
conditions, il est inclus dans la matricer 
ce cas on Qvitera de l'introduire une deuxieme fois. 

lorsque celle-ci est obtenue experimentalement, et dans 

L'equation (28) determine le comportement de l'avion libre, tout au moins tant que l'on ne 
considere que des mouvements 
canique du vol. 

frequence relativement basse comme on le fait dans 1'6tude de la m6- 

D'autres effets peuvent 6tre introduits de fagon toujours aussi systematique, notamment l'effet 
d'un servo-m6canisme ou des perturbations atmospheriques. 

Ces perturbations, en particulier, se manifestent par la composante de la vitesse atmospherique 
normale au plan de l'aile 
l'aile, et la colonne des forces ghndralis6es correspondant l cet effet est obtenue en remplagant 
W 

w& , qui se retranche de la vitesse normale due au mouvement propre de 

par- Wd dans la formule (21). 
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3 . 2 . 4  - Gouvernes 
La formulation de 1'6quation int6grale est remarquablement adaptbe au problhme de l'aile mince 

et lisse, c'est-8-dire sans gouvernes. 

Le braquage d'une gouverne introduit une discontinuit6 dans la repartition de la vitesse normale, 
et des singularitbs logarithmiques sur la charnihre et les bords lat6raux. 

I 
Jusqu'ici, on avait renonc6 8 introduire ces singularites dans les fonctions de pression 

On se contentait d'y faire figurer les singularitbs de bord d'attaque, de bord de fuite et de bords 
lat6raux qui rendent w fini et continu sur l'aile. On devait alors remplacer la repartition delle 
de w par une repartition continue "6quivalente" au Sens d'une norme appropri6e. Cette m6thode 
conduit 8 des repartitions de pression 6rron6es et 8 des forces g6neralis6es peu prbcises, surtout 
en ce qui concern6 les moments de charnisre induits par le braquage d'une gouverne. 

Un certain nombre d'auteurs ont maintenant entrepris d'introduire des singularit& logarith- 
mjques dans des programmes de calcul pour obtenir des valeurs plus significatives. I1 en dsulte 
une complication sensible des calculs. 

3.2.5 - Validit6 pratique de la th6orie 

La th6orie de la surface portante est maintenant exploitke depuis plusieurs annees et elle a 
d6j8 fait l'objet de nombreux contrales experimentaux. Les resultats sont en general excellents en 
subsonique ( M  ,< 0,8)pour l'aile lisse. D a n s  ces cas, les effets globaux sont obtenus avec une pr6- 
cision surabondante pour les calculs de flottement. 

Mais les r6sultats se d6t6riorent avec les gouvernes, non seulement parce que les calculs num6- 
riques sont moins precis mais aussi parce que la couche limite et les fentes jouent un rale important 
que la th6orie ignore. 

Dans ces conditions on doit admettre la n6cessit6 d'introduire des corrections fond6es sur des 
r6sultats mesur6s en soufflerie. 

La faqon la plus appropri6e d'6tablir ces corrections est evidemment difficile 8 Qtablir. 
H. Bergh [l5] a propose une methode systbmatique en admettant que le rapport entre la pression mesu- 
r6e en un point et la pression calcul6e depend peu de la forme de vibration. Cette m6thode fait 
l'objet d'un expos6 dans le m6me panel. 

3.2.6 - M6thode des boPtes 
Un expos6 sur le calcul des forces a6rodynamiques ne saurait 6tre coaplet si l'on ne mention- 

nait pas une formulation 6tablie 8 partir du potentiel d'une source pulsante,souvent utilis6e en 
supersonique. 

I1 s'agit de 1'6quation qui exprime le potentiel des vitesses en fonction de sa d6rivde normale 
sur l'aile : 

Le domaine d'intkgration est delimit6 par des lipes de Mach et englobe, dans le cas oh les 
bords ne sont pas supersoniques, une region appartenant 8 l'aile, oh v est connu, et une region 
exterieure oh la pression est nulle ( v t i &  4~ = 0 )  . a 

= v  
Cette 6quation est, particulihrement interessante pour les ailes 8 bords supersoniques, mais 

elle reste avantageuse Qgalement dans les autres cas, 8 condition que le domaine d'int6gration ext6- 
rieur 8 l'aile ne soit pas trop Btendu, c'est-8-dire que le nombre de Mach soit suffisamment 6lev6. 

Pour l'exploitation pratique, on prolonge la forme en plan par des lignos de Mach pour delimiter 
une surface portante 8 bords soniques, et on couvre cette surface par un maillage. 

4 - CONCLUSIONS 
Cet expos6 montre le caractere systematique des m6thodes th6oriques utilisees en a6ro6lasticit6, 

aussi bien pour la prevision des propri6t6s 6lastiques que pour celle des forces a6rodynamiques. 

' La formulation matricielle est particulihrement efficace parce qu'elle permet de manipuler un 
grand nombre d'inconnues en conservant une 6criture simple. Les expressions doMant 1'6nergie. les 
travaux virtuels ou 1'6quilibre des forces gardent une forme concise particulihrement remarquable. 

La notion de coordonn6es gknkralis6es est rendueindispensable par la complexit6 des mouvements 
Btudihs. Elle permet d'englober tous les degres de libert6, y compris les mouvements d'ensemble. De 
m6me, la notion de forces g6n6ralisees englobe ce que l'on d6signe habituellement par portance, mo- 
ment de tangage, de roulis,. . moment de chamisre. 

Enfin, la representation modale constitue une particularit6 intbressanto du point de vue pratique, 
8 cause des propri6tes d'orthogonalit6, de la convergence rapide, et aussi parce qu'elle fait 
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i n t e r v e n i r  des  grandeurs  a c c e s s i b l e s  a u s s i  b i e n  l ' e x p e r i e n c e  qu 'a  l ' a n a l y s e .  

Les methodes exper imenta les  n 'on t  pas  6 t B  c o u v e r t e s  en t i8rement .  I 1  resterait a f a i r e  l e  b i+an  
d e s  mesures s u s c e p t i b l e s  d e  f o u r n i r  d e s  donn6es aerodynamiques u t i l e s  pour l a  c o r r e c t i o n  d e s  c a l c u l s  
Les maquet tes  aBro6las t iques ,  v e r i t a b l e s  ca1culateur .s  ana logiques ,  meri teraient  egalement un l o n g  
chapi  t re. 
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summary 

A survey is  given of exis t ing theoret ical  and experimental routine methods f o r  
determining pressure d i s t r ibu t ions  or  generalised forces  on osc i l l a t ing  l i f t i n g  surfaces. 
Some comparisons between r e s u l t s  o f  theory and experiment are shown. Techniques are  
indicated t o  apply measured data  in  development work. Tunnelwall influenoe on measurements 
is disoussed. 
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- 1 Introduction. 

For a long time f l i g h t  dynamics and ae roe la s t i c i ty  were considered as separate probBem 
areas,  studied by d i f f e ren t  people. However, f o r  modern a i r c r a f t  with increased s t ruc tu ra l  
f l e x i b i l i t y ,  l ike f o r  instance the large supersonic transports,  t h i s  d i s t i nc t ion  looses 
sense. I n  fact the f l i g h t  dynamicist and the ae roe la s t io i ty  spec ia l i s t  a r e  both t rying 
t o  solve the same problem, namely that  o f  the behaviour of a f l ex ib l e  a i r c r a f t  under 
various f l i g h t  conditions. Because o f  t h i s  common problem a close co-operation between the 
two groups should be very f r u i t f u l .  

The occurrenoe of s t ruc tu ra l  deformations in  f l i g h t  dynamics has a r a the r  d ra s t i c  
effeot  on the aerodynamics a s  the use of s t a b i l i t y  der ivat ives  becomes questionable) each 
derivative becomes dependent on a pa r t i cu la r  vibrat ion mode, thus compromising the simpli- 
c i t y  o f  the s t a b i l i t y  der ivat ives  of r i g i d  bodies. 

For large aspect-ratio wings with negligible chordwise bending some r e l i e f  may be ob- 
tained by using a s t r i p  analysis,  assuming the aerodynamio forces  on a streamwise s t r i p  t o  
be dependent only ou the motion of the s t r i p  considered. In  such cases ex i s t ing  two-dimen- 
sional aerodynamic derivatives,  with or without spanwise weighting f ac to r s ,  can be 
applied (1,~).  

However, i f  three-dimensional aspects dominate or if chordwise deforinations occur, 
it is  necessary t o  use in the equations of motion the so-called generalised aerodynamic 
forces,  defined by the internals 

1 if t ing 
surface 

( j )  where AC ( i)  i s  the pressure d i s t r ibu t ion  generated by the i- th vibrat ion mode and z 

the j-th vibrat ion mode. 
P 

i s  

I n  the last decennium f l u t t e r  speo ia l i s t s  have been oonfronted with the same d i f f i -  
ou l t i e s ,  because t h e i r  favouri te  s t r i p  analysis  could no longer be applied t o  the more com- 
plex configurations of modern airplanes. Therefore they had t o  develop theoret ical  and ex- 
perimental means t o  determine e i t h e r  generalised aerodynamio forces  or pressure d i s t r i -  
butions on a wide vaxiety of a i r c r a f t  configurations. A s  some of these means have grown t o  
routine methods, being equally applicable t o  problems of f l i g h t  dynamics and ae roe la s t i c i ty ,  
we recommend t h e i r  use i n  both oases. 

I n  the following survey we hope t o  give an idea o f  the p o s s i b i l i t i e s  of the exis t ing 
routine methods. For shortness sake we w i l l  concentrate on harmonically osc i l l a t ing  l i f t -  
ing-surfaces. However, forces  due 30 a rb i t r a ry  motions can be composed by means of Fourier 
integral  superpc si t  ion. 

- 2 Means f o r  determining pressure d i s t r ibu t ions  or generalised forces. - 2.1 Theoretical methods, 

sure d i s t r ibu t ions  on a harmonically o s c i l l a t i n g  l if t ing-surfaoe.  These methods oover the 
frequency ranges of i n t e re s t  t o  f l i g h t  dynamicists. They a re  based on the following 
assumptions. 

A t  present,  several routine methods e x i s t  for calculat ing generalised forces o r  pres- 

The f l u i d  i s  idealised so  that potent ia l  flow may be assumed. Therefore, e f f ec t s  of 
boundary layers ,  shook waves o f  f i n i t e  strength and separated flows have not been included. 
Furthermore’, the flow disturbances generated by the o s c i l l a t i n g  surface are  considered t o  
be small. Then the basic equations and boundary oonditions may be l inear ised,  leading t o  
unsteady aerodynamical forces  which a re  not affected by wing thickness and steady angle of 
incidence. These assumptions lead t o  the theoret ical  model of a plate-l ike wing of general 
planform, o s c i l l a t i n g  with small amplitudes about zero mean incidence in  a u n i f o r m  f l o w .  

neaz s t a l l  conaitions. In  these cases the non-uniform steady flow f i e l d  may strongly a f f ec t  
the unsteady aerodynamic forces. Then the only way out i s  t o  l i nea r i se  around the steady 
mean flow induced by the thickness d i s t r ibu t ion  or by incidence. 

It w i l l  be c l ea r  t ha t  these assumptions a re  violated in the transonic speed range or 

A s  recent ly  Landahl and Stark (3)  gave an exoellent review of l i f t ing-surface t h  o n e s ,  

The kernel function method, developed fo r  subsonic and supersonic speedfi, begins with 
x9 we w i l l  here only present the main character is t ios  o f  the most  important approaches. 

an integral  equation, r e l a t i n g  the unknown pressure d i s t r ibu t ion  AC 
c i t y  w a t  the l i f t i n g  surfaoe, prescribed by the motion of the surf& (fig.1): 

t o  the normal velo- 

x) For detai led information the reader i s  referred t o  4 and 5.  The subsequent 
references Eiven in  t h i s  section per ta in  only t o  recent work. 
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A s  the pressure d i s t r ibu t ion  appears implicitely in  the equation, it i s  expressed in  
a se r i e s  of preselected loading functions, reducing the problem t o  the determination o f  
the unknown coeff ic ients  i n  the se r i e s  expansion. Some types o f  loading function have been 
indioated in  the figure.  A solution is  obtained by sa t i s fy ing  the tan ency condition exaotl  
in jus t  a s  many p o i n t s  on the wing a s  there are  unknown coeff ic ients  ?collocation prooedurej, 
or by sa t i s fy ing  it approximately with a least-squares procedure in  a l a rge r  set  of points  
or with some var iat ional  technique. Appreciable gain in accuracy i s  achieved by choosing 
funotions that  a l l o w  an adequate loading representation especially near the edges. 

bution i s  thought t o  be generated by l i f t i n g  elements, dis t r ibuted over a large number o f  
panels ( f ig .2) .  An integral  r e l a t ion  analogous t o  t ha t  in the kernel-function method i s  ap- 
pl ied t o  detsrmine the strength of each element. In  the version known t o  us, the strengths 
are being calculated by collocation. 

into the downwash by means o f  the surface integral:  

In  the doubleMattice method, developed recently f o r  subsonic f l o w ,  the pressure d i s t r i -  

A t  supersonic speeds it is  possible t o  express the pressure d i s t r ibu t ion  exp l i c i t e ly  

In  the ex i s t ing  box methods the integral  i s  evaluated by dividing the wing planform into a 
large number of boxes in  which the downwash is  assumed t o  be constant (fig.3).  Consequently 
the integrations over the separate boxes have t o  be performed only once fo r  a l l  f o r  a num- 
ber o f  v ibrat ion modes. In  case of subsonic wing edges, the wing planform is  extended with 
a r t i f i o i a l  diaphragms within the Mach cone where the pressure jump has t o  be zero. 

Various versions of these methods a re  now being used f o r  application t o  simple and 
more complicated configurstions. To give an idea, f ig .4  shows configurations tha t  have been 
calculated with the means discussed. 

and side edges and consequently large pressure gradients occur. The doublet-latt ice and box 
methods can s t i l l  be used without adaptation) i n  the case of the kernel-function methods 
the accuracy is  considerably improved by introducing special  loading funotions with coef- 
f i c i e n t s ,  known from looal solutions ( 6 , 7 , 8 ) .  

ference e f f e c t s  between two or more surfaces are  involved. These interference e f f ec t s  can be 
evaluated by extending the integrals  over a l l  surfaces of i n t e re s t  (9 ) .  

The methods are  st i l l  being improved t o  enlarge the accuracy and t o  achieve shorter 
computation times (10,  11). Specific problems a t  the moment are the choice of the loading 
functions, the schematisation of  panels or boxes, numerical integration procedures and the 
best  approximation of the tangency condition. In  t h i s  respect we may r e f e r  t o  the meri- 
tor ious project of the ACAFD Structures and Materials Panel, with the objective t o  oompare 
methods in  use on the bas i s  of calculated generalised forces f o r  a number o f  defined 
osc i l l a t ing  wings. A report  with contributions from several NATO countries i s  expeoted in  
the course o f  t h i s  year. 

- 2.2 Pressure measuring techniques. 

methods f o r  measuring pressure d i s t r ibu t ions  on osc i l l a t ing  models. A t  present several 
teohniques are  available which are based e i the r  on the d i r ec t  method or on the indirect  
method. In  the former case a number of small pressure transducers is mounted in  the model 
a t  the desired posit ions ( r e f s .  12,13,14). With the indirect  method pressure tubes connect 
the model o r i f i c e s  t o  scanning valves with pressure transducers outside the model ( refs .  
15,16,17). A sui table  correction procedure is  then needed t o  convert the measured pressures 
into the required pressures a t  the model surface. Leaving the d e t a i l s  aside,  we may conclude 
tha t  several measuring techniques of both types have shown t h e i r  capabi l i ty  f o r  routine 
t e s t s ,  covering sgeed and frequency ranges o f  pract ical  i n t e re s t s .  

For a wing with f l a p s  the downwash becomes discontinuous along the f l a p  leading edge 

. The remaining examples, shown i n  'fig.4, conoern configurations when aerodynamic inter-  

I n  the l a s t  deoenniumalso considerable progress has been made in the development of 

3 Examples of  application. 

To i l l u s t r a t e  the appl ioabi l i ty  of the methods discussed we w i l l  show some examples. 
The choice made vas guided by our preference f o r  comparisons between measured and calculated 
re sul  t s. 

on a swept wing o s c i l l a t i n g  in an e l a s t i c  mode a t  M= 0.85. The unsteady pressures are  pre- 
sented a s  r e a l  and imaginary pa r t s  being respectively i n  phase and in quadrature with the 
wing motion. The experimental d i s t r ibu t ion ,  measured recently a t  NLR with the indirect  method, 
shows s i m i l a r  agreement with calculation a s  was known t o  ex i s t  f o r  p la in  wings a t  low speeds 

20 whioh was published just  before completing t h i s  paper, extensive 
comparisons between theory and experiment fo r  high subsonic and transonic flow are  presented. 

Star t ing with subsonic flow, the f i r s t  example (fig.5) shows the pressure d i s t r ibu t ion  

( sea, 18, ig) .  In  
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For a rectangular wing with oso i l l a t ing  control surface at low speeds, measured hinge 
moments are  compared with those predicted by two d i f f e ren t  calculat ion methods in  fig.6. 
Also in t h i s  case the agreement i s  sat isfactory.  

ference e f f e c t s  f o r  more complicated configurations. In f i g .  7 the yawing moment measured 
on a simple T-tail o sc i l l a t ing  in  yaw is presented together with r e s u l t s  of various theo- 
r e t i c a l  methods. These methods also account for the e f f ec t  of the tunnelwall a t  the f in root.  
A more detai led r e s u l t  i s  shown in  fig.8, compering measured,and calculated pressures f o r  a 
yawing swept T-tail.  I n  both cases,  the agreement i s  reasonable. 

To i l l u s t r a t e  the agreement a t  supersonio speeds fig.9 shows the s t i f fness-  and dampine 
in-pitch of  an ogee wing a s  a function of Mach number. 

A t  lower transonic speeds the l inear ised methods f o r  subsonic flow f a i l  t o  desoribe 
the detai led aerodynamics. This i s  c l ea r ly  demonstrated in fig.10 showing pressure distribu- 
t i ons  f o r  the same wing as in  fig.5, but now a t  the s l i gh t ly  supercr i t ical  Mach number 
M= 0.92 (Merit 0.89). 

gradients along and normal t o  the wing su r fme ,  which strongly a f f eo t  the propagation of 
disturbances from one point t o  another. This is c l ea r ly  i l l u s t r a t e d  in fig.11 comparing the 
wave pat terns  propagated upstream by a source a t  75 per cent chord i n  uniform and non-uni- 
form two-dimensional flow (28). 

character of the basic flow f i e l d  into theory (29). A recent NLR r e s u l t  is given i n  fig.12, 
showing f o r  high subsonic flow the pressure d i s t r ibu t ion  on a two-dimensional wing with a 
oontrol surface osc i l l a t ing  at  low reduced frequenoies. The essen t i a l  e f f eo t s  of the non- 
uniformities a re  represented r a the r  well. A s  the attempts have not yet  resul ted in routine 
methods, we s t i l l  have t o  r e l y  on experiments i n  the transonic speed range. 

4 Application of measured aerodynamic r e s u l t s  i n  development work. 

aerodynamic data f o r  a f l ex ib l e  a i r o r a f t ,  we a re  s t i l l  faced with problems. Already in an 
ear ly  stage of design we need pressure d i s t r ibu t ions  f o r  a number of modes at  various Mach 
numbers. The obvious solution t o  measure the d i s t r ibu t ions  d i r e c t l y  f o r  a l l  the desired 
modes and Mach nunbers i s  hardly possible in  pract ice ,  a s  it requires e i t h e r  a dynamically 
s i m i l a r  model or f o r  each mode a d i f f e ren t  model. 

programme o f  measurements on one model, o sc i l l a t ing  in  r a the r  a rb i t r a ry  modes. 

ed by the s t r i p  method that assumes the aerodynamic forces on streamwise s t r i p s  t o  be de- 
pendent only on the motion of the s t r i p  considered. Then pressure d i s t r ibu t ions  measured on 
a model o s c i l l a t i n g  in t w o  simplified modes a re  su f f i c i en t ,  a s  from these t e s t s  l oca l  force 
and moment der ivat ives  can be derived, t ha t  oan be applied t o  other vibrat ion modes. 

empirioal approach l i k e  t h a t  of Destuynder (13),  who suggests t o  adjust  the formula of 
Reissner's approximation f o r  f i n i t e  span with empirioal factors ,  derived from a l imited num- 
ber of measured unsteady pressures. 

20 an extension of the weight- 
ing procedure o f  Rodden and Revellx) (30). It i s  based on the assumption tha t  the r a t i o s  
between corresponding measured and calculated unsteady pressures are  independent o f  the mode 
shape. Then pressure measurements and calculat ions f o r  one s ingle  mode are su f f i c i en t  t o  
derive a correction matrix tha t  may be applied t o  adjust  the calculated values f o r  other 
modes. Its usefulness has already been demonstrated f o r  swept wings and a T - t a i l  at low sub- 
sonio speeds (20, 32). Recently experience has been gained with applications t o  swept wings 
a t  high subsonic and transonic speeds. Fig.13 shows tha t  a t  M= 0.80 predicted and measured 
pressure d i s t r ibu t ions  agree muoh b e t t e r  than the theoret ical  and measured dis t r ibut ions.  
&en at the supe rc r i t i ca l  Mach number 0.95 the correction procedure gives an appreciable 
improvement ( f ig . l4 ) ,  although near the shock differences are  s t i l l  present. 

Notwithstanding these promising r e s u l t s  we s t i l l  advioe t o  cheok the empirical pro- 
cedure in each case f o r  two d i f f e ren t  modes. A s  the r o l e  of the correction matrix i s  t o  close 
the gap between theory and experiment it is  of oourse reoommended t o  use the best  theory 
available.  

2 Tunnelwall interference.  
A s  the f l o w  conditions in  a windtunnel are  d i f f e ren t  from those in f r ee  f l i g h t ,  one 

wants t o  have a t  l e a s t  an assessment about the influence of the tunnelwalls on the aero- 
dynamic data. However, the evidence about t h i s  subject i s  r a the r  soarce and a common 
standpoint does not yet exis t .  

Results obtained f o r  two T-tails are  used t o  demonstrate the a b i l i t y  t o  oaloulate inter-  

The main reason f o r  these large discrepancies i s  tha t  the basic flow f i e l d  has veloci ty  

I n  recent years promising attempts have been made t o  incorporate the non-uniform 

If we want t o  use the experiment in development work a s  a means t o  provide the required 

So the question a r i s e s  whether it is  possible t o  derive the data  from a r e s t r io t ed  

For large aspeot-ratio wings with negligible ohordwise deformation a solution is offer- 

Another poss ib i l i t y  for large aspect-ratio wings in subsonic f l o w  i s  t o  use a semi- 

For a rb i t r a ry  wings the present authors proposed in  

x) A s i m i l a r  methode has a lso been used f o r  s t a t i c  forces (31). 
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In  case of low speed windtunnel t e s t s  various theories predict  the wall correotions 
t o  be small, provided the model i s  not unduly large r e l a t ive  t o  the tunnelsize. For t e s t s  
a t  higher speeds, however, serious doubts were raised by Wight e t  al. (33,34) with respect 
t o  the value of dynamic measurements i n  vent i la ted wall t e s t  sections,  since at NPL overal l  
aerodynamic derivatives measured on the same half  model e i t h e r  i n  various windtunnels or 
in t e s t  sections with d i f f e ren t  w a l l  conditions showed large discrepancies. A typical  . 
example, taken from (34)  I s  shown in  fig.15. Apart from the differences between the r e s u l t s  
of both windtunnels, the most s t r ik ing  e f f ec t  i s  the influence of the wall conditions f o r  
the 25x20 in. tunnel, even a t  the lower subsonic speeds. 

Garner, Moore and Wight (35) t r i e d  t o  explain the phenomena on a theoret ical  basis,  
using an extension of the c l a s s i ca l  theory o f  l i f t  interference. In  es6ence it i s  assumed 
tha t  the model i s  of small span and o s c i l l a t e s  a t  l o w  frequency in a subsonic flow and that 
the s lo t t ed  walls may be replaced by open boundaries. Application t o  the experimental NPL 
r e s u l t s  had some success, but there remained oases where the differences in  the measured 
derivatives f o r  various windtunnels were inoreased a f t e r  correction. These e f f e c t s  have 
been at t r ibuted t o  viscous e f f e c t s  in the s l o t s .  Hall and Claridge (36), who measured the 
f l o w  upwash ahead o f  an osc i l l a t ing  half  wing model in a s lo t t ed  wall and closed w a l l  t e s t  
section, demonstrated the importance of the visoous e f f ec t s  by f i t t i n g  soreens behind the 
wall s lots .  This resul ted in  a reduced upwash pat tern between that  o f  s lo t t ed  and closed 
wall conditions. 

ber of steaay and unsteady pressure dis3ribKtions over half  wing models were measured in  
the small pil3ttunnel (F'T 0.42 x 0.35 m ) 
1.60 x 2.00 m ), both tunnels having t e s t  sections with longitudinally s lo t t ed  top and floor.  

A s  i s  i l l u s t r a t e d  i n  the f ig s .  16 and 17 the r e s u l t s  a t  subcri t ioal  and supercr i t ical  
Mach numbers agree well, even near the side wall. S i m i l a r  agreement was obtained f o r  a half 
wing model with p a r t i a l  span control surfaoe, notwithstanding the high blockage percentage 
of 2.1°/0 i n  the smaller tunnel. 

section, it seems reasonable t o  consider these data as p rac t i ca l ly  interference free.  This 
implies t h a t  the wall corrections in  the FT are  bound t o  be small too. 

To investigate the influence of the wall conditions, the half  wing was also measured 
in  the PT with closed walls. A s  shown in f i g .  17  the change in wall condition has no per- 
ceptible influenoe a t  I t O O -  0.5, but a t  the higher Mach number the presence of the sol id  
walls causes a change i n  the unsteady pressure dis t r ibut ions.  However, f o r  M, U 0.85 also 
the mean Mach number dis t r ibpt ion on the wing becomes different .  This indicates  t ha t  the 
differences in  unsteady aerodynamic r e s u l t s  are  caused primarily by changes in the mean 
flow around the models, notwithstanding the f a c t  t ha t  the t e s t s  were performed a t  the same 
f r ee  stream Mach number. Obviously the model blockage in the closed t e s t  section dis turbs  
the stationary f l o w  f i e l d  at the higher speeds. A s  the theory o f  (35) s t i l l  assumes a uni- 
form mean flow f i e l d  around the wing, t h i s  blockage e f f ec t  i s  not included there.  It m a y  
be remarked tha t  the mean Mach number d i s t r ibu t ions  corresponding t o  f i g s .  16 and 17  were 
i n  close agreement. 

with osc i l l a t ing  models in  various windtunnels or i n  t e s t  sections with d i f f e ren t  wall con- 
d i t i ons  it is  necessary t o  check the s t a t i c  behaviour of the considered models. 

- 6 Closing wordL 

simulation and graphical display in  dynamic ae roe la s t i c i ty  (37)r "Aeroelastic e f f e c t s  are' 
no longer being considered a s  an afterthought by an isolated group of r a the r  misunderstood 
special is ts" .  Belonging t o  t h i s  group of people, we hope t h i s  paper has given the impression 
t h a t  unsteady aerodynamics may be a common tool  in tackling the problems of f l ex ib l e  a i r -  
c r a f t s  in f l i g h t .  

Recent investigations of Tijdeman e t  a l .  a t  NLR give a more optimistic picture.  A num- 

and in  the larger  high speed tunnel (HST 

Since in the HST the two models a re  very small compared with the s ize  of the t e s t  

From the NLR investigations the conclusions may be drawn t h a t  i n  comparative experiments 

A t  the end of t h i s  survey we l i k e  t o  quote Ashley who s t a t ed ,  when speaking about 
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c WING AND TAIL SURFACES d. WING WITH FOLDED TIPS 

FIG. 4 CONFIGURATIONS CONSIDERED BY ROUTINE 
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PROBLEMES POSES PAR LA DETERMINATION 

D E  FORCES AERODYNAWQUES AGISSANT SUR L'AVION SOUPLE 

par L .  DAROVSKY (SUD-AVIATION) 
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1. INTRODUCTION 

Pendant des annkes les akrodynamiciens et les akroklasticiens 
travail laient dans des  domaines bien skparks.  Les, aerodynamiciens s e  
consacraient B la dktermination d e  performances de l'avion idCal, 
supposk indkformable, tandis que les aCroClasticienS s e  penchaient su r  
la question de  la skcuritk de l 'avion, en Ctudiant deux groupes d e  
phknom'enes : divergence de surfaces  portantes et  l e  couplage de modes 
propr  es , pouvant conduir e au  flott em ent . 
Les exigences des  avions modernes obligent pourtant l e s  akrodynamiciens 
3 prendre  en considgration l e s  phknom'enes de dkformatioris d e  s t ruc ture  
de l'avion, lentes ou relativement rapides,  et d'Ctudier leur  influence 
s u r  la  manoeuvrabilitk e t  les performances des  avions en vol. 

D 'au t re  pa.rt, l 'augmentation de la v i tesse  des  avions, les exigences 
plus skv'eres relatives au poids de  s t ruc ture ,  la nkcessitk de rkduire  
les  Cpaisseurs re la t ives  d e  surfaces  portantes,  donc de diminuer les  
rigiditks, obligent l e s  aCroClasticiens B ktudier avec plus d e  precision 
les  marges  de skcuritk.  Ainsi ,  progressivement,  les  mdthodes bidi- 
mensionnelles,  t rop  pess imis tes ,  ont k t 6  remplackes par  les mkthodes 
tr idimensionnelles,  beaucoup plus proches des mkthodes des  akrodyna- 
miciens.  

C e  rapprochement,  amorc6 dkj2, doit s e  poursuivre  par une dtroite 
collaboration en t re  les aCrodynamiciens et les akroklasticiens et une 
elaboration de mCthodes d e  calcul plus exactes ,  basdes s u r  les  donnCes 
de coefficients agrodynamiques thkoriques et expkrimentaux Ctablis par 
les  agrodynamiciens et  adaptks 2 l 'ktude de  l'avion souple. 

La premi'ere question qui s e  pose es t  la suivante : par  que1 ensemble 
d'Cquations peut-on reprCsenter le  vol d e  l 'avion souple ? 

La rCponse 2 cet te  question n 'es t  pas s imple et  suivant les divers  aspects  
d'influence de la souplesse de  l'avion que l 'on  veut ktudier, on peut 
proposer  des  moules mathkmatiques diffCrents. 

2 .  EMPLOI D E  COEFFICIENTS STATIONNAIRES EQUIVALENTS 

Dans tous les  c a s  o h  les dkformations en jeu sont lentes,  par  exemple, 
l 'ktude.de 1' efficacitk de  gouvernes ou l 'optimisation d e  l a  voilure 
dCformable dans l e  domaine d e  v01, on peut Ctre tent6 de conserver  le  
syst'eme d'Cquations de vol de  l'avion rigide, mais  en considkrant l e s  
dCrivCes akrodynamiques figurant dans c e s  kquations comme des 
fonctions de  la configuration massique de l'avion e t  de la pression 
dynamique, en meme  temps que d 'autres  param'etres comme l e  nombre 
de Mach, l ' incidence, e tc . .  . 
Cette  mkthode a k t C  appliquCe B Sud-Aviation et  Monsieur Marsan vous 
f e r a  un expos6 dktaillk dans quelques jours.  J e  ne f e r a i  donc que quelques 
remarques  gkndrales s u r  un exemple simple.  
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Considkrons un avion en vol horizontal 3 vitesse  constante. Les  equations 
du vol de l'avion rigide peuvent s ' k c r i r e  : 

Supposons qu'aux coefficients globaux & 
les rkparti t ions de  coefficients d e  press ion  

d'influence d e  l'avion souple. Les  incidences en tous points 5 ,9 
voilur e d e  l'avion souple seront dkfinies pa r  l'kquation intkgrale. 

Gc, , cZ~,. correspondent 
C I % ( X ,  y ), 

O r  ' 
cp;(X, 9 ), 

cpp( 3C, y ) et soi t  c (Z, 3 , 5 ,p ) la fonction d e  coefficients 
d e  la 

I 

D'aut re  par t  la condition d'kquilibre des  fo rces  et  des moments 
agissant  s u r  l 'avion souple s ' expr ime par  deux kquations : 

L'kquation intkgrale de dkformations permet  d 'exprimer d ( x ,  9 ) en 
fonction l inkaire  de  i , e et de la rkparti t ion massique m ( x ,  9 ). 
En portant cet te  expression de d ( x ,  3 ) dans les kquations d 'bquilibre,  
on peut l e s  me t t r e  sous la forme : 

Ces  kquations exprimant l 'kquilibre de l'avion souple ont la m t m e  forme 
que les  kquations du vol de l'avion rigide. 
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Les remarques  suivantes peuvent e t r e  faites : 

1 

1 " )  Les "dkrivkes akrodynamiques" de l'avion souple ddpendent de la 
rkparti t ion massique et  d e  la configuration initiale de vol de  
l'avion rigide. 

2 " )  Leur dktermination nkcessite la connaissance de  la kkpartition des  
pressions adrodynamiques su r  l'avion rigide. 

3 O )  Ces coefficients ne peuvent t t re  utilisks que dans l e s  cas  de 
manoeuvres e t  de dkformations lentes et ne peuvent pas r endre  
compte d e  la rdponse dynamique d e  l'avion souple. 

Malgrk l e s  limitations prkckdentes cet te  mkthode peu t - t t r e  utilisde 
avec profit dans beaucoup d e  cas  : ktude d e  l 'adaptation d e  la voilure 
dkformable, dtude d e  la divergence de  surfaces  portantes,  ktude des  
efficacitks de.gouvernes dans les manoeuvres lentes,  e t c . .  . 
Dans d 'au t res  c a s ,  te ls  que, par  exemple, la rkponse d e  l 'avion souple 
B la turbulence atmosphdrique, influence de pilote automatique, il e s t  
nkcessaire  d e  tenir  compte du d6phasage des fo rces  akrodynamiques 
par rapport  aux dkformations et par rapport  aux actions extkrieures.  

3 .  EQUATIONS AVEC COEFFICIENTS INSTATIONNAIRES 

Depuis des annkes l e s  akroklasticiens ont ktudik et ont perfectionnk 
la thdorie de forces  akrodynamiques harmoniques. Les calculs t r idi-  
mensionnels permettent actuellement d e  dkterminer  les  forces  instation- 
naires  e t ,  h la l imite ,  l es  forces  stationnaires,  qui ne sont pas t rop  
dloigndes des  coefficients akrodynamiques dkfinis par les akrodynamiciens. 

D 'au t re  pa r t ,  une action extkrieure,  tel le que la turbulence, par  exemple, 
peut Btre considdrde comme une s k r i e  d'actionsharmoniques: c e n 'es t 
qu'une application de la thkorie tr'es gdnkrale de fonctions d e  t ransfer t .  

On peut donc reprdsenter '  (voir  planche 2 ) ,  l e  vol d e  l 'avion souple par  
un syst'eme d'kquations de l'avion rigide d'une par t  et de kquations 
de modes propres .  L e s  coefficients aCrodynamiques dans c es kquations 
seront les  dkrivkes instationnaires comprenant deux par t ies ,  l 'une en 
phase et  l ' au t re  en quadrature avec chaque param'etre du mouvement 
ou de la dkformation. 

n 

Le nombre d e  modes propres  2 f a i r e  intervenir dans ce  syst'eme 
d'kquations est  conditionnd par  deux crit 'eres : 

1 " )  D'une par t  l a  notion de la frkquence l a  plus dlevke 
dans l e  probl'eme donnk. Si on fait abstraction du probl'eme purement 
a6roklastique du couplage de modes propres ,  on peut indiquer, B 
t i t r e  d 'exemple 
atmosphkrique les  frkquences au-del3 de 8 B 10 hz peuvent t t r e  

h m e t t r e  en jeu 

que dans la rkponse de l 'avion h l a  turbulence 
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nCgligCes; la stabil isation ou l e  pilotage automatique 
plus limitks en fr6quences. 

sont encore 

2 " )  D'aut re  par t  l e  nombre de modes doit Ctre suffisant pour que la 
dkformation des  surfaces portantes et  du fuselage soit  reprksentke 
avec suffisamment de precision par  l 'ensemble l indaire de ces  modes 

Tr'es souvent on exag'ere l ' importance des  modes sup6rieurs .  
L'Ctude dktaillke de la participation de  chaque mode dans la dkfor- 
mation globale, montre  que dans beaucoup de cas  6 ,  7 modes 
fondamentaux donnent une pr kcision suff isante. 

Les coefficients instationnaires sont des fonctions complexes d e  la  
frkquence rkduite 
les coefficients instationnaires nkcessi tera  des  calculs a s s e z  volumineux 
sur  la  machine digitale et s e r a  tr'es ma l  adaptke 3 l 'ktude su r  la 
calculatrice analogique. 

w k == - L'utilisation des  6quations d e  vol avec l e s  Y' 

4. EQUATIONS AVEC COEFFICIENTS - QUASI-STATIONNAIRES ----- 

Dans beaucoup d'applications, sans vraiment rkduire  la g6nkralitk des  
kquations prkckdentes, il e s t  possible de remplacer  les  coefficients 
ins tationnair es par  des  coefficients quasi  - s tationnaire s indk pendants 
de la fr6quence rkduite (planche 3 ) .  

L'incidence locale en un point 3C, lJ de la surface portante dans l e  
mode 5; peut s ' k c r i r e  : 

La force  gdnkraliske Fsi%; dkfinie comme travai l  de fo rces  
akrodynamiques du mode s; dans l e s  dkplacements du mode , peut 

indkpendamment pour les deux t e rmes  d e  l ' incidence 
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Dans on admet t ra  
sont des constantes indd- 

de la f o r c e  
gknkralisee pourra  s ' k c r i r e  : 

Les kquations d e  vol d e  l'avion souple prendront maintenant la forme 
indiquCe sur  la  planche 4. 

La meil leure  precision s e r a  obtenue s i  on calcule les coefficients 
quasi-stationnaires correspondant au  mode 5; B la frkquence 
rkduite dCfinie par  la frkquence d e  c e  mode si . Pour  l e s  coordonnees 
de l 'avion.rigide, par exemple, 2 e t  8 dans le  c a s  d e  vol longi- 
tudinal, l es  coefficients quasi-stationnaires seront  calculks pour la 
frkquence rkduite tr'es faible, de  l ' o r d r e  d e  0 , 0 2  et les t e r m e s  

expkrimentales definies pa r  les  akrodynamiciens. 

c,; , 
C,; , c,,e t C,i , c,,e t C,,,; seront remplacks par les  valeurs  

Sur l e s  planches 5 et 6 nous donnons un exemple de calcul d'une 
fonction d e  t r ans fe r t  de l 'acckleration au droit  du pilote d'un avion 
soumis 3 l 'action de rafales  d e  frkquences variables.  On voit que les  
coefficients ins tationnair es et les co eff ici  ent s quas i- s tationnair es 
conduisent sensiblement aux mCmes rksultats.  Dans ces  calculs on n 'a  
pas tenu compte des amor t i ssements  d e  s t ruc ture  de modes propres .  
En introduisant cet  amor t i ssement  l ' dca r t  s u r  les  amplitudes s erai t  
encore rCduit. 

5. EQUATIONS AVEC FONCTIONS INDICIELLES 

Enfin quelle que soit la manoeuvre imposke 'a l 'avion ou l a  f o r m e  d e  
l 'action exter ieure ,  il e s t  possible d 'expr imer  l e s  equations du vol 
de l'avion souple 'a l 'a ide d e  fonctions indicielles d e  forces  aBrodyna- 
mique s .  

Cette  mdthode est  r igoureuse,  elle peut Etre employke a s s e z  facilement 
su r  une machine analogique ou adaptde s u r  une calculatrice digitale. La 
difficult6 res ide  dans la determination des fonctions indicielles que l'on 
determine B par t i r  de coefficients instationnaires harmoniques. 

La relation de base consis te  en une intkgrale de Four i e r  faisant 
cor respondre  aux derivdes instationnaires harmoniques 
+jC'lK) la fonction indicielle c*(S) oh 5 =VI 

z(k) = c'k) + 
(voir planche 7 ) .  
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Dhns cet te  relation l e s  constantes CT-1 et c'(0) sont Cgales : 
c*(-)= C ' b )  . 

j ks 
En r emplasant e par  : 

on peut Ccrire  : 

O b  

D'apr'es l e s  propriCtCs des  coefficients instationnaires e t  des fonctions 
trigonom'etriques, l e s  intCgrales l4 et 1.a sont des fonctions pa i res  
de k , l e s  intCgrales l3 et lr, sont des  fonctions impaires .  On au ra  
donc I3 = 14 = 0 et dans les  intCgrales I4 e t  on peut 
remplacer  l e s  l imites  d'intbgration -00 , +a0 p a r  les l imites  0 , +M. 

D'aut re  par t  pa r  la ddfinition de la fonction indicielle c ( 5  ) = 0 

fonction pa i r e  d e  5 , on au ra  : 

% 
pour 

5< 0 ,  e t  comme 1, es t  unefonction i m p a i r e d e  s e t  la une 

Pour  5 C 0 -I, = I, + C * W  

4 t  
Finalement,  on voit que la  fonction indicielle c ( S  ) peut s e  dCterminer 
par l'une des  deux relations : 

' 0  

.oo 
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I I /  
Prat iquement ,  les va leurs  d e  c ( k )  et de c ( k) ne peuvent Ctre 
dCterminCes avec prCcision que jhsqu'8 une cer ta ine  valeur finie de k . , 

P a r  contre on peut dkterminer C 
et on sai t  que 
raccorder  les  courbes 
avec suffisamment de prCcision. 

f (00) par  une me'thode impulsionnelle 
C''(oo)= 0 . Mais dans l a  majorite' des  c a s  on peut 

C' ( k) et C"( k) B leulsvaleurs asympt otiques 

Nous donnons quelques exemples de fonctions indicielles s u r  l e s  'planches 
8 ,  9 e t  10 : c e  sont les  fonctions d e  la portance, du moment et de la 
force  ge'ngralise'e d'un mode propre  dans la pe'ne'tration d e  l 'avion dans 
une rafale.  Dans ces  fonctions les valeurs  initiales pour 
nulles et les  va leurs  asymptotiques de la portance et du moment sont 
des coefficients expe'rimentaux dkfinis par les ae'rodynamiciens pour 
l'avion rigide. 

s = 0 sont 

Une fois Ctablies l e s  fonctions indicielles, les kquations du vol de l'avion 
souple s 'Ccriront en fonction de  param'etres de l'avion rigide e t  d e  
modes p ropres ,  sous fo rme  d'un syst'eme d'e'quations (planche 1 1 )  dans 
lequel toutes les  var iables  sont liCes aux fonctions indicielles par  les  
intbgrales d e  Duhamel. 

6 .  CONCLUSIONS 

C es diffCrentes fo rmes  d'Cquations montrent qu'il existe un outillage 
mathgmatique, qu' i l  faut peut-6tre approfondir et perfectionner,  mais  
qui pe rme t t r a  l'e'tude des  questions du vol de l 'avion souple 
intCressent les  adrodynamiciens. 

qui 

Tout n 'es t  pas fait. On remarquera  que dans ces  e'quations, celle 
de l a  trarne'e a e't6 syste'matiquement ne'glige'e,. pour une raison 
bien simple : l es  ae'roe'lasticiens ne savent pas calculer l a  trainbe 
due B une de'formation e'lastique. 11 faut donc que l e s  ae'rodynamiciens 
s e  penchent s u r  cette question, en collaboration avec l e s  ae'ro- 
e'lasticiens pour pouvoir calculer l e s  performances de l'avion souple. 

Une au t re  remarque  : depuis des  annCes, l e s  a6roe'lasticiens, en 
Ccrivant l eu r s  equations, emploient des  notations tellement diffe'rentes 
de celles des ae'rodynamiciens qu' i l  faut une grande expCrience 
pour comprendre de quoi on parle.  Pourtant, il s 'agi t  toujours de 
la mGme chose : des forces  agrodynamiques. I1 faut donc f inir  
par  t rouver  un langage commun. 
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D E T E R M I N A T I O N  DE D E R I V E E S  S T A T I O N N A  I R E S  

DE L'AVION SOUPLE 

Equations du vol longitudinal de I'avion r i g i d e  

D i f o r m o t i o n  i last ique 

Equil ibre de forces apr& d i f o r m a  t ion 

Equations du vol Iongkudinol de favion souple 

Ploncho 1 

i 
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DEFINITION DE DERIVEES QUASI-STATIONNAIRES 

Incidence locale dons la d i format ion du mode' f i : 

Force gin;rolis;e c r i e  par les forces oirodynomiques du mode fi dans le 

d6placement du mode $j : 

# . #  I 

- Approximotion yuosi- stationnoire ; les dertvees c <& = c sjsi I 

Ploncho 3 
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REPONSE DE L'AVION SOUPLE EN ACCELERATION 

AU DROIT DU PILOTE 

Calcul i n s  ta t ionna i re  

----- C a l c u l  quasi-stationnaire 

Planche 6 
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FONCT IONS INDlC IELLE S 

, . ,  . .w 
R e l o t  ;on fondomentole entre une fonction indicielle C(S) e t  les dertvees instationnoires 

C(k) = C/(k)+jC'[k) 

s =vt 0 k = -  v 

Lao 

avec lo condition l imi te  C"C) = C ' W  

E n  posont 

1- do J- 0 0  

1"- 1, , 1, sont des fbnctions pokes de K ,  I,, 1, foncthns impoires de K, donc 13=L= 0 

JO 

.oo 
COS k5 dk 

k 

Plonchr 7 
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CL! 

2 

1 

0 

CM 9 

0,lC 

0 

-0,lC 

FONCTION INDICIELLE c Lg;. 
M= 2,2 

2,08 

Plancha 8 
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The underlying principle8 of the design oases for atmospheric turbulence loads on aircraft 
The turbulence i s  considered t o  be made up of a number of patches each of which are discussed. 

can be represented by a von Karrmn three-dimensional speotrum w i t h  a Norm1 distribution of  
orossings of different nagnitudes of the turbulence velocity veotor. 
accelerations a t  the a i ro ra f t  centre of gravity a re  determined and used as a basis for comparing 
loads and displacements a t  various parts of a flexible aircraft. 

The consequential 

&'auteur e " i n e  les  pqncipes q u i  gouverpent lea  cas de calcul des charges sur l e s  avions 
dues a la turbulence atmospherique. 
nombre de zones qui pewent chacune e t r e  representees par un spectre tri-ditmns$onnel de Von 
X w p n  ou le nombre d' intersections du yeoteur vitesse d/e,turbulence pour differentes valeurs 
presente y e  distribution norm?.?. 
dg gravite de,l 'aviF; ces aocelerations sont u t i l i sees  pour comparer l e s  charges e t  l e s  
deplacements a differents points d'un avian souple. 

considere %ue la turbulence e s t  divisee en un cer ta in  

On determine les,accelerations qui en rgsultent au centre 
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1 .  INTRODUCTION 

I 

The purpose of t h i s  study is  t o  examine the design philosophy t c  be used in deoiaing on the 
design requirements for the loads on a i r c ra f t  due t o  atmospheric turbulence. 
philosophy tha t  leads t o  the design oases it is  the oharacter r a the r  than the magnitude of the 
loads #at matters but it i s  an advantage to  use measured values that oan subsequently be used t o  
define the ac tua l  values t o  be used far the design cases. A separate study i s  i n  hand on the 
frequency of occurrence of such loads but quotable numerical values w i l l  not be available for 
several month. 
amount of data t ha t  has already been oolleoted and a l so  take advantage of modern theoretioal 
methods of determining loads. 

I n  discussing the 

One purpose of the present study is  t o  develop a procedure that can w e  the la rge  

The data on turbulence loads tha t  a r e  most extensive are i n  the form of normal accelerations 
a t  a point near the a i r c r a f t  oentre of gravity together w i t h  height speed and weight of the 
a i r c r a f t  a t  the time of t he i r  occurrence. These accelerations are almost invariably tabulated 
as the frequencywith which various increments from 1G a r e  exceeded. 
on which measurements a re  taken these accelerations give a good indication of the overall  load 
on that a i r c r a f t  and it  i s  a common Br i t i sh  practice t o  seleot the same point for a counting 
accelerometer, (used i n  conjunction with height and speed indicators) t h a t  is used for the fatigue 
load meter ( a l s o  a oounting accelerometer with a limited number of oounting thresholds) that is 
oarried regularly on prac t ica l ly  a l l  Br i t i sh  C i v i l  and Military a i rc raf t .  
t ha t  a r e  determined experimentally or theoretioally oan be related t o  the norml  acceleration 
of one point on the a i r c r a f t  which i n  turn can be used t o  monitor the fatigue loads and give.- 
indication of the expeoted frequency of occurrenoe of the higher b a d s .  

The design loads due t o  turbulence on any one partioular a i r c r a f t  can be given as the normal 
accelerations a t  the centre of gravi ty  of the a i r c r a f t  produced by the turbulence and the 
relationship of the loads a t  o r i t i o a l  s t ruc tura l  parts t o  the normal amelera t ion  of the oentre 
of  gravity. The method of determining experimentally these relationships i s  discussed by 
P.B. Hovel1 i n  another paper a t  th i s  oonference. 
determination of loads t o  r e l a t e  the loads t o  a gust velooity rather than t o  the oentre of 
@vi* acceleration. It might appear a t  f i rs t  sight t o  be more brrsic but  t h i s  would o n l ~  be so 
i f  the  operational measurements had been made of gust velooities. 
a r e  concerned I have already stated that the extensive operational measurements a r e  on normal 
accelerations a t  points near the centre of graviQ and the amount of transcription t o  the motion 
of the true centre of gravity, which of course moves r e l a t ive  t o  the structure i n  a f lex ib le  
a i r c ra f t ,  is much smaller than the transciption t o  the turbulence ve loc i t ies  of the air r e l a t ive  
t o  the aircraft. I n  a l i nea r  system the transfer functions from gust velooity t o  normal 
acoeleration and from e i the r  of them t o  the load a t  any point in the structure are simply re la ted  
and on present knowledge of the properties of turbulence it would not be ju s t i f i ed  t o  contemplate 
anything but an equivalent l inear  system. 

For any par t icu lar  a i ro ra f t  

I n  this way al l  loads 

It is  often convenient in the t h e o r e t i d  

I n  f a c t  as f a r  as aircraft loads 

Before proceedhag t o  discuss i n  more d e t a i l  the  motion of the centre of grarlty of the 
a i r c r a f t  it should be emphasised that i n  the operational researoh on the normal aooelerations of 
the centre of gravity of one single type of a i r c r a f t  any transcription of the information t o  
equivalent gusts $8 solely f o r  convenience of analysis as the procedure must subsequently be 
reversed t o  obtain normal aocelerations from the gust velocit ies.  However when the operational 
research covers normal accelerations on a number of a i r c r a f t  and the data a r e  oombined t o  prediot 
normal accelerations on another a i r c r a f t  some oommon parameter, such as magnitude of equivalent 
gust, has t o  be introduced. The accuracy of the predictions t o  the  other a i r c r a f t  depends on the 
r e l a t ive  but not absolute accuraoy of the relationship of normal acceleration t o  gust velooity 
althou@;h confidence i n  the accuracy may be good only for airoraft of similar types. 

2. TURBULENCE MODEL FOR LOADS 

2 .I Theoretical cal.oulations 

Current mandatory gust requirements a l l  s t ipu la te  the magnitude and shape of a discrete gust. 
The number of occurrences of such equivalent gusts have been determined from normal aoceleration 
measurements on a number of a i r c ra f t .  
allowance i s  made for t h i s  the resultant frequencies of oocurrence derived from two s e t s  of data 
available i n  1963 are almcatidentical. 
probably for those or’ other countries also. 

The US shape d i f f e r s  s l i gh t ly  from the UK one but if 

These data form the bas is  fo r  UK requirements and 

It is oonsidered of paramount importance tha t  any immediate improvements i n  the turbulence 
model f o r  a i r c r a f t  loads should be such that the basic acceleration records can be used t o  
e s t h t e  the design values that must be assigned t o  the model. 
of data presented a f t e r  1963 so t ha t  changes tha t  would have become necessary on the current model 
even f o r  current a i r c r a f t  can be included. 

Naturally advantage may be taken 

t 
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One of the principal objections t o  the current model i s  tha t  it does not take suf f ic ien t  
account of the f ac t s  that i n  r e a l  conditions gust shapes vary considerably and tha t  the dynamic 
e f f ec t s  due t o  f l e x i b i l i t y  depend considerably on the re la t ion  between the absolute dimensions of 
the design gust shape and those of the a i r c ra f t .  

1 Press noted i n  the early 1950's t ha t  an assumption of a specific shape far individual gusts 

This readi ly  permitted the calculation o f  resu l tan t  spectra of normal accelerations 
could be avoided i f  the turbulence were represented by a Spectrum of Turbulence Energy a t  d i f fe ren t  
wavelengths. 
and loads and these could include f l e x i b i l i t y  e f fec ts .  As the  values t o  be given t o  the turbulence 
model are based on the frequencies of occurrence of various leve ls  of normal acceleration, compati- 
b i l i t y  between r e l a t ive  frequencies of the theoretical  model and the experimental data must be 
achieved. 
physical concepts. 

This was done by Press but  required the following two assumptions, which l e d  t o  dubious 

(a) The ver t ica l  velocity a t  any ins tan t  was assumed t o  be the same a t  every posit ion 
spanwise. 

Tne f'requency of crossing various leve ls  of ver t i ca l  velocity i n  homogeneous turbulence 
had t o  be assumed t o  be a normal d is t r ibu t ion  ( t h i s  does not d i f f e r  much from a Rayleigh 
d is t r ibu t ion  of velocity peaks) whereas the measured d is t r ibu t ion  of normal acceleration 
even in short  patches of turbulence was not and appeared t o  be much nearer t o  an 
exponential distribution. 

(b) 

When the f i r s t  assumption is  used with any reasonably prac t ica l  one dimensional spectrum of 
turbulence energy the calculated number of crossing of zero inorement of normal acceleration of the 
centre of gravity becomes so large that l i t t l e  use could be made of it unless an a rb i t r a ry  cut-off 
was made a t  some prescribed frequency. 

The second assumption would be ju s t i f i ed  only i f  it could be assumed tha t  a patch of turbulence 
had a range of RMS velocity in t ens i t i e s  that could be represented by a normal d is t r ibu t ion  of 
intensity.  
severe storm could not be regarded as giving a Rayleigh d is t r ibu t ion  of ver t i ca l  velocity peaks 
even when the distance traversed by the a i r c r a f t  was a s  l i t t l e  as  two miles. 

This would not introduce doubts i f  the patch were very long but Kidhas found tha t  

It is  now proposed t o  show ways i n  which these anomalies can be overcome and t o  check the 
accuracy of the model from normal acceleration records from a i r c r a f t  i n  f l i g h t .  
i s  overcome by taking a velocity tha t  has a spanwise variation a s  well as one in the l i n e  of f l igh t .  
The second i s  overcome by taking a Rayleigh d is t r ibu t ion  of the maxima of the turbulence ve loc i ty  
vector ra ther  than of the velocity component i n  one direction. 

The f irst  anomaly 

The model i s  based on the following assum tions.  Each p a h h  of turbulence has uniform 
properties, over the whole volume (homogeneousf and i n  each d i rec t ion  (isotropic) and can be 
represented by the von Karrnsn three-dimensional spectrum of turbulence. 
turbulence velocity vector a re  assumed t o  have a Rayleigh d is t r ibu t ion .  
completely defined by the in t ens i ty  and the scale of the turbulence. 
magnitude of the scale of turbulence a re  not as important charac te r i s t ics  as the homogeneity and 
the in tens i ty  of the turbulence. 
the in tens i ty  of the component i n  one direction i s  of greater significance than those i n  the others 
The numerical value inferred for the in tens i tg  of a patch of turbulence m e t  by an a i r c r a f t  w i l l  
depend markedly on the value given t o  the soale of tu rbaence  but  consistency between patohes can 
be high for a wide range of scales.  
quoted, the scale of turbulence i s  chosen empfrically5to be equal t o  the a l t i t ude  up t o  1,000 f t  
and thereafter equal t o  1,000 f t  times the r a t i o  of the a i r  density a t  ground l eve l  t o  that a t  the 
a l t i t ude  of the turbulence. 

The maxima of the 
The model i s  then 

Isotropy and the absolute 

Appreciable lack of isotropy could probably be tolerated where ' 

I n  order t o  maintain consistency i n  the numerical values 

With these assumptions the t o t a l  number of ver t i ca l  gusts encountered per mile (zero 
crossings) can be determined. and a l s o  the r e l a t ive  Prequency of occurrence of gust components of 
di f fe r  n t  velocit ies.  By taking the two dimensional ford of the ve r t i ca l  spectrum ( s l ide  1 )  
Kaynes has determined the cumber of zero crossings without recourse t o  any empirical cur ta i l ing  of 
the spectrum above cer ta in  frequencies tha t  i s  essent ia l  when the one-dimensional ver t ica l  spectrum 
i s  used. P i tch  is ignored but  account i s  taken of taper and sweep-back of the wing. 
consistency the gust response factors am a l so  determined from the two-dimensional spectrum although 
th i s  i s  not v i t a l  as the one-dimensional speotrum would give fac tors  t ha t  a r e  not appreciably 
different.  The re la t ive  frequencies of occurrence of ver t i ca l  gust components of various magnitudes 
expressed as proportions of the  turbulence in tens i ty  (i .e.  roo t  mean square of the turbulence 
velocity over the whole patch) a re  calculated from the following assumptions: 

9 
For 

( i )  The frequency of occurrence of di f fe ren t  magnitudes of the madma of the gust velocity 
vector is a Rayleigh distribution. 

The vector cbanges direction suf f ic ien t ly  slowly for the maxima of the components t o  
occur a t  the same time as the maxima of the vector. 

( i i )  
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I 

Slide 2 compares the d is t r ibu t ion  of occurrence of ve r t i ca l  gusts with the d is t r ibu t ion  of 
occurreme of gust vectors and gives the i r  algebraic f m .  

2.2 Experimental Normal Acceleration Records 

I n  the theoretical  predictions the numbers of gusts a re  the numbers of norm1 accelerations 
a t  the a i r c r a f t  centre of gravity; I n  experimental investigations the accelerometer i s  placed on 
the a i r c r a f t  structure and no matter how near it is t o  the cg i n  the s t a t i c  condition i t  w i l l  move 
r e l a t ive  t o  the cg as the structure deforms under load. 
frequency s t ruc tura l  modes a re  deliberately eliminated from the accelerometer records but the 
lower frequency ones a r e  retained. 

For most current a i r c r a f t  it is  l ike ly  tha t ,  when an accelerometer, as n o m l l y  used i n  UK, 
is  placed near the oentre of gravity, it w i l l  record accelerations greater than those of the cg 
i t s e l f ;  h m v e r ,  i t  i s  probably ju s t i f i ab le  t o  assume that the recorded t o t a l  number of 
appreciable excursions of accelerations from I g  and back t o  l g  w i l l  not be s ign i f icant ly  d i f fe ren t  
from the number which ac tua l ly  oocurs a t  the t rue  centre of gravity. 

that would oocur a t  a par t icu lar  posit ion near the centre of gravity of one a i r c r a f t  Prom 
measurements on another aircraft flying through the same patch of turbulence the re la t ive  
magnitudes of the three following parameters m u s t  be known t o  sufficient accuracy. 

The accelerations due to  the high 

For the proposed model of turbulence to  be effective i n  predicting the normal accelerations 

(a) 

(b) 

(c) 

Gust response fac tor  of the a i r c r a f t  centre of gravity 

h n s f e r  function of the acceleration a t  the accelerometer posit ion r e l a t ive  to  the 
centre of gravity 

The t o t a l  number of normal accelerations a t  the centre of gravity fo r  unit distance 
travelled (zero crossings). 

The first two need t o  be known f o r  both the discrete gust approach and a spectral  one. 
t h i r d  the isolated d iscre te  gust approach assumes tha t  a l l  a i r c r a f t  encounter the  same number of 
gusts. Bullen7has shown, however, that if the normal accelerations a t  the centre of gravity a re  
assumed to  have a fixed variation w i t h  time for  each gust (i.e. fixed gust shape) and they occur 
suf f ic ien t ly  frequently that they overlap, then the number of zero crossings w i l l  depend on the 
a i r o r a f t  characterist ics.  His investigations indicate tha t  atmospheric turbulence generated by 
so lar  radiation t o  the earth's surface tends t o  have the characterist ics of isolated discrete 
gusts a t  l o w  radiation but tends t o  have the characterist ics of continuous turbulence above a 
cer ta in  leve l  of radiation. The present investigation is concerned with continuous turbulence, 
a l b e i t  with a d i f fe ren t  representation from Bullen's. The comparison of the d e l  fo r  various 
normal acceleration measurements w i l l  show up the sum of  those errors d w  to  the model not being 
fully representative of continuous turbulence and those due t o  a l l  the turbulence not being f u l l y  
developed. The par t ly  developed turbulence noticed by Bullen resulted i n  lower loads but t h i s  
need not be s o  fo r  a l l  types of turbulence f o r  a l l  a i r c r a f t  configurations. As the design gusts 
should be based on operational recordings these features a re  automatically taken account o f  t o  a 
large degree for  similar types of a i r c r a f t  and similar types of route flying. Departures from 
e i ther  w i l l  reduce the confidence i n  the deductions; t h i s  i s  general t o  the determination o f  most 
design loading conditions and not peculiar t o  gust loading. 

There a re  available a t  the RAF, normal acceleration records from several hundred f ly ing  hours 
below 10,000 f e e t  on several a i r c ra f t  in a form suitable f o r  counting t o t a l  acceleration crossings 
during the minute intervals.  An analysis i s  i n  progress t o  check whether there i s  serious e r ror  
i n  assuming that each individual minute i s  i n  homogeneous turbulence. The patch size i s  suffi- 
c ien t ly  small t o  compare the theoretical  and experimental numbers of zero crossings, especially 
fo r  the patches where the turbulence appears reasonably continuous. 

can be checked by estimating the  number o f  zero crossings and the in tens i ty  during each minute and 
determining the cumulative to t a l s  for long periods. 
made on normal accelerations a t  the levels a t  which the counts were made and interpolation e r rors  
due t o  transferring t o  gust ve loc i t ies  before taMng to ta l s  can be avoided. A comparison is  made 
of a Rayleigh diatribution of the mixima of the velocity vector with a Rayleigh d is t r ibu t ion  of 
the ver t ica l  component of the velocity f o r  several a i r c ra f t .  
Viking a i r c r a f t  and s l ide  4 shows the distances travelled a t  d i f fe ren t  r a t io s  of the measured 
numbers of gust t o  the calculated values f o r  continuous turbulence. 
above about IOW. 
fluctuations when they a re  present. One of the more extensive areas of turbulence encountered by 
the Viking i s  shown i n  Slide 5; the average of the measured number of gusts i s  about 8s of the  
oalculated f o r  continuous turbulence. 
turbulence shows similar agreement for  the t o t a l  number of gusts (zero crossings) a s  a percentage 
of the calculated value f o r  turbulence. As the calculated number of zero crossings for , the  Anson 

For the 

The accuracy of the model of turbulence in predicting r e l a t ive  levels of normal acceleration 

This comparison on any one aircraft can be 

Slide 3 makes the comparison for a 

This shows a rapid f a l l  off 
There i s  a tendency f o r  turbulence loads t o  be reasonably continuous 

An examination of an Anson f l i g h t  through extensive 



5-4 

i s  about 1 5 6  of that for  the Viking, t h i s  5s a good indication that the number of zero orossings 
i s  dependent on the a i r c r a f t  and tha t  the calculated values given here a re  of the r igh t  order of 
magnitude. Much more work w i l l  be required to  determine the r e l a t ive  accuracy of the calculated 
values. 

As a l l  the turbulence described s o  far does not include severe s t o r m  turbulence a check has 
Slide 6 gives a comparison f o r  ?6 patches been made of a number of patches of storm turbulence. 

of the most severe turbulence emountered by Comets and 707's in 23,000 hours of c i v i l  flying. 
A s  the individual aocelerations were measured the comparison can be made on gust velocity. 
this purpose it has been assumed tha t  amplification of the accelerometer records r e l a t ive  t o  the 
motion of the t rue  centre of gravit  was the same f o r  a l l  conditions and in order t o  give 

Bar 

reasonably correct numerical values T t o  the gust the amplification fac tor  was taken t o  be 1.2. 

3. DESIGN CONDITIONS FOR THE NORMAL ACCELERA!PION AT THE CENTRE OF GRAVITY 

Having decided on a model of turbulence that gives an adequate representation of normal 
accelerations at  the centre of gravity a step can be taken towards formulating design requirements 
by recalculating the frequency of occurrence of gust ve loc i t ies  from the frequency of occurrence 
of accelerations a t  the centre of gravity that were used a s  the basis f o r  the current requirements. 

5 The AGARD Loads Manual gives an approximation t o  these data f o r  a model of turbulence that 
i s  i t s e l f  only s l i gh t ly  d i f fe ren t  from the present one in respect t o  gust response fac tor  and has 
the same empirical amplification factor far the magnitude of acoeleration a t  the accelerometer 
posit ion re la t ive  to  tha t  of' the true centre of gravity. 
8 and 9 .  
of number up and number down) given by Nomp = 9.9 per mile. 
the a i r c r a f t  used and is  based on the Dryden model of turbulence with an empirical oorreotion due 
t o  H a l l  t o  take account of the spanwise variation of the turbulence. 
the von Karman model, using KaynesS procedure, is approximtely I 4  per mile. 
average factor t o  take account of changing from the Zbrozek gust a l lev ia t ion  factor6 t o  a gust 
response factor based on the von Karman  model of turbulence with Hall's empirical correction for  
the spanwise effect .  This w i l l  not d i f f e r  muoh from IEByne's procedure. 

These data a r e  reproduced i n  s l ides  7, 
I n  s l i de  7 and 8 the information i s  given f o r  an a i r c r a f t  with zero crossings No (mean 

The average value based on 

This value is the average far 

Slide 9 uses an 

!be original data from which these figures were produced are available f o r  pull re-analysis. 
Whilst it is  not expected t o  show appreciable differences it w i l l  however help considerably i n  
interpreting the mean- of the ourve of frequency of Occurrence in s l ide  9 .  
constructed from the sum of two exponentials exp(-v/3.O) and exp(-v/6.0), where v f t / sec  EAS is 
the gust velocity, with 1.6% of the gusts a t  the more severe exponential distribution. 
intense turbulence corresponds roughly t o  f l i gh t  through cumulus and the more intense through 
thunderstorms. 
now proposed a moderate representation of s l ide  9, nsrintaining the same proportion of severe t o  
moderate turbulence and a l so  the factor of 2 on intensity,  can be obtained with the in tens i ty  f o r  
the two types as an RMS velocity of 5 ft/sec EAS and 10 ft/sec EAS as sham i n  s l ide  10. This 
greatly simplifies the representation of these basio data on accelerations a t  the centre of gravity 
fo r  the purpose of using spec t ra l  methods of determining the normal accelerations and loads in 
flexible a i r c r a f t  flying through turbulence. 

This curve i s  

The l e s s  

U s i n g  the re la t ive  frequency of occurrence of gusts i n  the model of turbulence 

It is considered tha t  a simple step forward, of t h i s  or similar type, from a discrete gust 
procedure t o  a spectral  procedure ellows an improvement in prediction of gust loads whilst still  
using prac t ica l ly  a l l  the pas t  experience. 

If such a procedure were accepted reasonably soon eqer ience  could be bui l t  up and further 
refinements could be made as further loads information becomes available. Mention was =de in 
paragraph 2.2 of one such f'urther investigation i n  which the analysis of the flying i s  broken down 
in to  a large number of short t h e  intervals.  
any systematic departures of gust pattern tha t  produce unexpectedly large or small normal 
accelerations. If t h i s  occurs i t  should be possible to  use Bullen's work t o  investigate the 
turbulence which almost certainly w i l l  l i e  between the extreme oonditions o f  fully developed 
turbulence and an isolated d iscre te  g u t .  A l o t  of data i s  now becoming available as records of 
individual patches of turbulence and it should be possible t o  igolate the more severe patches as 
~ i n g 2 h a ~  done. 

l ikely5 that the two forms of turbulence a re  substantially of the same in tens i ty  a t  a l l  heights and 
it should be possible when more data become available t o  determine the re la t ive  frequency of 
occurrence of  the two forms a t  d i f fe ren t  heights. 
curve for each type of turbulence and a table of frequency of occurrence of each a t  each height i n  
cruise olimb and descent instead of the to t a l  r e l a t ive  frequency of 98.G and I .&. Until this 
can be done the basic data on gust loads do not w a r r a n t  an elaborate mission analysis for the 
larger loads which depend so markedly on the changes of the above 1.6% with height. %us for the 
immediate future the recommended procedure for large loads i s  t o  continue with the present design 
envelope but t o  modify the  values of gust velocity so t h a t  they a r e  re la ted  t o  gust response 

This w i l l  show up, i n  particular,  where there a re  

The distribution of s l i de  I O  i s  a combination of data a t  a wide range of heights. It seems 

Slides 8 and 10 could then be replaced by one 

I 
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I 

fac tors  instead of gust a l l ev ia t ion  factors.  
would cer ta in ly  make a rb i t r a ry  adjustments t o  the requirements were they to find appc iab le  reductions 
i n  design loads on cer ta in  classes of a i r c r a f t ;  the main danger a r i s e s  i n  s t ruc tura l  areas where 
current a i r c r a f t  are much overstrength f o r  par t icu lar  design cases while future a i r c r a f t  w i l l  not 
be. 

Any regulating bodies making such modifications 

I n  addition t o  the operational data that have been discussed there a re  Lny investigations 
of atmospheric conditions met by a i r c r a f t  on special  f l i gh t s  on non-operational routes and a l s o  
on special  f l i g h t s  over operational routes when normal operational f lying i s  forbidden. Should 
these investigations show up "minefields" of turbulence or atmospheric conditions that might lead 
t o  serious f ly ing  hazards, f ly ing  requirements may have t o  be introduced. Such requirements a re  
outside the scope of t h i s  investigation although the data obtained during the special  f l i g h t s  can 
frequently be of immense value i n  understanding the character of loads occurring during standard 
operational f l i gh t s .  

4. DESIGN CASES FOR S"RUCTURAL LOADS 

The spec t ra l  form used t o  describe turbulence f o r  design conditions that has been presented 
i s  suitable for di reo t  calculation of loads without going through intermediate calculations of the 
acceleration a t  a point near the aircraft centre c f  gravity and taking account of a l l  the r i g i d  
body motions of the a i r c ra f t .  However for some applications this might involve excessive computing 
and some simplification might be attempted. The predictions have t o  be made for an equivalent 
l i nea r  system whatever method is  used and it  i s  considered that sa t i s fac tory  accuracy might be 
obtained by calculating the norm1 accelerations of the centre of gravity f rom the aerodynamic 
forces with only a crude allowance for the dynamics of the motion due t o  the s t ruc tura l  
f l e x i b i l i t y  and then determining the s t ruc tura l  loads that would be developed i n  a f lex ib le  
structure whose centre of gravity moved in the manner calculated,maMng full allowance for 
s t ruc tura l  damping but making only a crude allowance for aerodynamic damping introduced by the 
s t ruc tura l  vibrations. It i s  thought that this procedure might be par t icu lar ly  appropriate t o  
experimental ver i f ica t ion  of the transfer functions from normal acceleration at  a monitoring 
acclerometer t o  loads a t  d i f fe ren t  par t s  of the structure.  

5.  CONCLUSIONS 

A model of turbulence is  proposed tha t  i s  based on von Karm's tmbulence energy spectrum 
but based on a Rayleigh d is t r ibu t ion  of the madma of gust velocity vector ins t sad  of the commonly 
used ve r t i ca l  component of the gust velocity. By using the two dimensional speotrum the  estimates 
of t o t a l  numbers of gusts (zero crossings) a re  close t o  the measured values i n  continuous 
turbulence for two a i r c r a f t  one of which has a calculated number of zero crossings I .5 times the 
other. 
t o  normal acceleration a t  the centre of gravity. 

The spectrum a l s o  gives the gust response fac tor  that converts individual gust ve loc i t ies  

It i s  concluded that the current design envelope f o r  gusts based on the Zbrosek, QP other 
similar, gust a l lev ia t ion  fac tor  be replaced by the same envelope based on the proposed gust 
response factor.  
be regarded as an average for current a i r c ra f t .  
i n  the r a t i o  of %ts calculated number t o  the average for current airoraft. 

The t o t a l  number of gusts a t  any par t icu lar  height in ourrent requirements may 
For a new design t h i s  number should be adjusted 

The existing data a re  suf'ficient t o  continue using mission analysis for design for fatigue 
strength but  much more da ta  are required before mission analysis can be introduced with confidence 
for ultimate strength. 

Serious consideration must be given t o  the poss ib i l i t y  that atmospheric conditions might 
occur in exceptionable, bu t  predictable, circumstances i n  which the loads on the a i r c r a f t  exceed 
both current and the proposed requirements. 
introduced t o  ca te r  for these conditions. 

It is suggested that flying r e s t r i c t ions  ehould be 
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Fig .3  Viking-frequency of occurrence o f  gus t s  i n  170 minutes f l y i n g  below 5000 f t  
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Fig. 4 Viking-distance t r a v e l l e d  at  d i f f e r e n t  percentages of continuous turbulence i n  
170 minutes of f l i g h t .  Distance as ca l cu la t ed  number o f  gus t s  . t ha t  would 
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Fig. 5 Viking-distance travelled at different  percentages of continuous turbulence i n  
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Fig.9 Comparison of USA and UK data on re la t ive  frepuency of occurrence o f  gusts  of  
different  magnitude 

Fig.10 Representation o f  the data from 10 mil l ion miles  of f lying by combining in the 

of  twice the ve loc i ty  
r a t i o  of 98.4 t o  1.6 uniform turbulence o f  one RMS ve loc i ty  with another 
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RESUME- 

L'objet des etudes qui sont analysees est de pr6senter une dthode cohknte d'utili- 
sation des enregistrements V.G.H. permettwt la d6finition ae "mesuros de Imsoe" de la turbu- 
lence atmosphdrique. 

La methode repose sur 1'6talo"ge de l'avion, considhr6 come instmcnt de mcsure 
de la turbulence, les methodes thioriques de prevision &ant sujettes b des erreurs importantes. 
n est  monkt-4 qu'un Btalonnage soigneux, effectue sur quelques vols, pemet une excellente 
mesure de la distribution statistique de la turbulence h partir des acckldratiolls du centre 
de gravit6. 

en vol des ordres de pilotage, ont p e d s  de degager une technique qui soustmit, de l'acc616- 
ration globale, la part due am actions du pilote. 

Par ailleurs, des recherches syst6matiques, fondees sur llenregistroment nq6tique 

L'ensemble de ces travaux doit aboutir 2r la creation d'un "conpteur V.G.H." embar- 
quable de faible encombrement. 

USE OF AN AIRCRAFT FOR NWUXING 

THE STA'PISTICAL DIST'KIBilTIOIi 0;' 'l'UXBULd?CE 

The studies presented in this paper were meant to provide a consistcnt nethod for 
using Velocity, Gravity and Height recordings, allowing the definition of "mass measurements" 
of atmospheric turbulence. 

-This method is based on the calibration of the aircraft regarded as a turbulence 
measuring instrument; the theoretical nethods of prediction are being liable to considerzble 
errors. It is shown that carerul calibration, carried out on a few flights, makes it possible 
to measure with greet accuracy the statistical distribution of turbulence, from the centre of 
gravity accelerations. 

On the other hand, systematic research based on in-flicht magnetic recording of 
pilot inputs has led to a technique which takes away, from the total acceleration, the pzrt 
resulting from the pilot's actions. 

This overall research should lead to the development of a small size airborne 
v%elocity-&ravity -height meter". 
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Lars CC l 'dtltde d a  corc;jorte1ncnt er, vo1 e t  de la prdvision de l a  f a t i c x  tila-: aviox, 
il c s t  indispccsable de cormft ro  1s distributior. s ta t i s t iquc  des nivoaux de turbulence qu ' i l  
c s t  xmxytiblc!  cic reccor.trer. I1 e s t  adxis dnpJin p l u s i c x s  mx6es qu'ea dehors des rccherches 
thdorlqucs e? cc i rs ,  uT.e n6ttocie pcrxet taA d'avo5r w-e com:eir:saixc approxbxkive Le c c t t e  
dis t r ibnt iox do I;iveaiuc conclste h rcc.sen<der l e  plus pw.d  zonbre d'ir.fomatic.ns F L ~  les  ri- 
v e ~ - ~  &e tuYwlence rexcnztr6s p::r l e s  avions d 'essais  e t  surtout par l e s  .mima des lignes 
co:n-rcialcs. Ce t r a v n i l  s e  ?rete  pcrtic.;li?:rment $ion h mie collaboration internationrxilo. 

I1 est a;??zu trEs v i t s  in2ozsible d'o5tenir sw"i?ismer.t d ' h f o m t i o n s  b p w t i r  dc 
rccs\);I.cs 6i.rcctec do l a  turbulecce et l c s  e f f o r t s  se sont or ient& sur  l a  meluure dcs facteiu-s 
de cP:zgc suoportds p2.r l e s  ovioris. Cfent  dms cc t  espr i t  que In 21Prie Structures and Iaaterials 
Patiel ~.3.A.3.1). chargea K r .  C y r i l  G. P3CKSU dc sa icinoion d ' in fonxt ion  auprks des divers 
pa;rs de l'CTtVf, d i c  de d6finir  m. point de Vue coi:m'x pour le clxxenent Lcs dom6es V.C.II. [ l ] .  

L'cxp6ricnce inontre x j o u r d ' l i u i  que toutes l o h  di f f icu l t& n'ont pu e t r e  encore lev&. 
I1 e s t  encore d i f f i c i l e  d'appliquer intiddiateinent B un noaivel avion l e s  rdsu l ta t s  globmx obtcnus ; 
en effet, cos r d s u l t a t s  ref lEtent  t la f o i s  13. tu rbulcxe  :rtmosqli&i.que rericontrde _3iLr 1'zv.vion e t  
sa propre fonction de t r m s f e r t ,  d'autre p : r t  ils r d m l t c n t  tous de mcnures effectuees darts des 
handes nacsmtes  dc frdquences diffdrectes, r.c conduisant en aucm cas h une bmde passmte uni- 
vcrsel le  de 1o:;pevr d'onck de l a  turbulcnee. 

L1e:pos6 ci-densous pnrtnnt des t ravmx d? I h r r y  F?WS e t  des rdcents rdsu l ta t s  obtenus 
d&s IC cadre de 11ti.G.A.R.3., pr6sente m e  m6thode de nesure de  l a  dis t r ibut ion s ta t i s t ique  
de l a  conposmte ver t ica le  de l a  twhuleilce h p z r t i r  de l a  dis t r ibut ion s t a t i s t i q u e  de l'accdld- 
ra t ion  du centrc de gravitd de l a  s t ructure ,  B l a  s u i t e  d'un dtalormge prgalakle de l'avior., 
tout  nu moins en l'absence de m3noeiLvTcs du pi lote .  D,ms l e  cas ok de t e l l e s  imoeuvrcs exister.t, 
una adthode c s t  prksentde qui permet de "d6barrasser" les accdldrations de l'avion des acc616ra- 
ti0r.s t fpsas i tes ' f  dues au p i l o t x e .  Une conparaison entre  l e s  nombres de ddpaszeaents moyens 
p.2 scconde dcs accdldrations globales et des accdl6rations dues uniquement b l a  turbulence a 
p e d s  de noritrer que pour m e  bmde paesmte donnee, caractdristique de l 'avion, les comptaps 
dtnient pratic:uems?;t icicctiques d a s  l c s  ' deux cas. 

Daw, ces conditions, mojrennant m dtalomcge pr6alable d.'iLi avion d'*x.e sEric, . tous 
len avvions de :a n h e  sBrie devierxent de simples appareils do nesme dirccte  de 21 dist r ibut ion 
s ta t i s t iFue  de l a  turbulence atAOSph6riqUe. 

Harry PRESS considere que l a  turbulence atmosph8rique e s t  un processus localenent 
stntionnnire e t  gawsien caractdrisd p?r une dis t r ibut ion s t a t i s t i q u e  des  Bcarts quadratiques 
moyem? f (ew I .  

tude 
Pour chaque processus local, l e  nonbre noycn de ddpassements pa r  secondc de l'aiipli- 

est 2 0 ~ 6  par l a  fomule de Rice [Z] : 

e t   our l'ensemble des processus : 

P+oo 

D'une d & r e  plus &&ndrale, now admettrons que l a  turbulence atnosphdrique e s t  
caract t r isde pa r  une loi locale  posde universelle e t  par une dis t r ibut ion des 
&arts qmdratiques f(rw) : 1 )  devaut daris ce cas : 
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Dans l a  mesure ob l a  turbulence est un processus localcnent stationnaire de nod& 
spectrale dorm5 e t  d'8chelle constante l e  nombre de passage par zero est  independant du C& 
come l e  montre la fomule de Rice I 

, 

avec 

et  l a  relation (2)  devient I 

2.2.- D6ter"tion des d6Dassements N w  B par t i r  des deuassements r \ l ~  (2) d'un 
parambtre V de rbonse d'un avion. 

Dms l a  nesure ob l'avion n'est soWnis ;tu COWS de son vol qu'h la turbulence atciosphh- 
rique, l e  nonbre moyen de depassements par seconde du niveau est alors I 

%=y V V  

de m&ne, l e  nonbre mojrcii de depassemect par seconde du niveau Z / R 7  est : 

(4) i 

Une comparaison entre l e s  relations (5) et (4) montre imgdi; tement que : 

I 
... 
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Ces formules permettent ti p a r t i r  de l a  mesure des nombres de ddpassements d'accB16ration 
de determiner les dgpassements correspondint de l a  turbulence, dhs que l 'on connait l e s  nombres 
r y / ~  et N,, /Myo caract6risant 1'6talonnage de l'avion. 

Ces deux nombres sont calculables h p a r t i r  de l a  fonction de transfert 21 la turbulence. 
this il e s t  possible, aussi, de les obtenir  B p a r t i r  des densites spectralesde puissance de l a  
turbulence e t  de l'acc616ration du centre de gravit6 au Cours de quelques vols  tests d'un avion 
richement equip6. 

2.3.- b l o i t a t i o n  de l a  m6thode.- 

La m6thode propos6e ci-dessus suppose que les seules acc616rations mesur6es soient 
ce l les  dues 
considdrees come ndgligeables. Toutes v6rif icat ions de l a  d t h o d e  doi t  donc se faire sur des 
troncocs de vol pow lesquels on s ' e s t  assure que les actions du p i l o t e  avaient 6t6 pratiquement 
inexis tmtes .  

l a  turbulence atmosph&ique, les accdl6rations indui tes  par les manoeuvres Btant 

Par ailleurs, s i  l e s  v6rif icat ions en vol des fonctions de t ransfer t  calcul6es sur 
avions r igides ,  s e  sont avGr6es sat isfaisantes ,  il n'en a pas 6t6 de mhe des d r i f i c a t i o n s  sur 
avions souples, qui ont 6t6 souvent d6cevantes. I1 a donc 6t6 d6cid6 d'abandonner la mdthode qui 
consis ta i t  k calculer  sur plan l e s  nombres Qv/q, et &e /uy0 . 

Ces nombres ont, au contraire, 6th mesur6s directement 2I l a  suite d'un 6taonnage prda- 
lab le  de l'avion. On nous permettra B ce sq je t  de remarquer que, pour n'importe quelle mesure sur 
un a2pareil simple, l e  physicien juge indispensable de proceder h un Btalonnage pr6alable. 

Dans l e  n h e  espr i t ,  s i  l'instrument de mesure e s t  i c i  l'avion, avec toute  sa coniplexit6, 
on p u t  d i f f i d l e  neat & i t e r  c e t t e  &tape du travail. 

Les contrbles exp6rimentaux de l a  re la t ion  (5) ont 6t6 e f f e c t d s  sur deux vola A basse 
a l t i tude  d'un IXRAGX I11 B 225 et quatre vols  6quivalents du TRANSALL C 160 A04. 

Dam une preLu'ere Btape, une mesure fine de l a  turbulence permet de r e s t i t u e r  l a  compo- 
sante ver t ica le  des ra fa les  h p a r t i r  des enregistrements des rdponses instantannges d'une girouette 
d'incidcnce, d'un 
1'O.N.E.R.A. [3], 
l e s  caa l a  densit6 spectrale  de l a  turbulence oorrespondait bien au modble de VOn Ka" t 

mhtre  e t  d'un acc6ldromhtre suivant une d t h o d e  couramment u t i l i s e e  A 
L' analyse spectrale  des signaux obtenus a permis de v6r i f ie r  que dans tous 

Les 0; 
des enregistrements de I n  turbulence. 

e t  Mwe calcul6s h p a r t i r  de ce  modble spectral  sont a lors  en accord avec ceux ddduits 

Dans une deuxibme &ape l e s  mesures des 6carta quadratiques et  dea H e  de la r6ponse 
en acc616ration ont 6t6 compar6es dana l e  cas du KCRAGE I11 B 225 aux rdsul ta ta  obtenus au COWS 
des calculs  de fonction de transfert. Les nombres dt6talonnege Uv/ow et &o/$osont a lors  h 6 -  

diatement calculables. 

Les figures 1 et  2 pr6sentent les r 6 s u l t a t s  &si obtenus pour les deux avions. 

L'Btalonnage des avions effectu6, la  comparaison entre  les nombres de cl6passements de 
l a  t u r b u l e n c e w  nesur& directement B p m t i r  des enregistrements en vol  e t  ceux d6duits B l 'a ide 
de l a  re le t ion  (5) des nombres de dkpassements de l'acc616ration du centre de gravit6 est &om 
possible. Los courbes (3) et (4) montrent que l a  pr6vision des nombres de depassements de turbu- 
lence au cows des vols  tests a 6t6 tr&s satisfaisantes. 
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2.4.- Influence de 1'6chello et des parambtres avions.- 

Les Btaloqes de l'avion dependent en fait de l'dchelle de la turbulence rencontree 
au cows des portions de vols sur lesquels ils ont et6 realises et qui en fait n'est pas constante, 
ce qui explique probablement les petitcs dispersions qui apparaissent sur les figures 1 et 2. 

En tout etat de cause cette dispersion ne peut etre grande puisqu'il a 6t6 demontr6 
[5]  que le nombreQi/Ci variait come la puissance un tiers de 1'6chelle et le nombre & c . / ~ ~ ~  

come la puissance moins un tiers de 1'6chelle (fig. 5). 

Ces dtalonnages dependent aussi de la fonction de transfert de l'avion qui dvolue 
au cours du vol. I1 est important de signaler que pour trois vols du TRAETSALL A04 correspondant 
au profil de vol moyen 

lido rn/a 4 v 4  4 4 0  mfa 

s 40000 ca M L 44000 Ih 

8 0 m  Z L l P o m  

l'ensemble des courbes reduites Nbr;  1 @,, , ou en tenant compte de la rektion (6) Nulw*/%,,, 

obtenues pour quinee &chantillons, d'une duree de huit minutes chacun, dhfinit relntivement bien 
une courbe standard (fi. 6) des nombres reduits de ddpassements de la turbulence compte tenu des 
fluctuations de 1'6chelle de la turbulence et de la fonction de transfert de l'avion. 

Dans ces conditions, tant que le pilote n'induit p s  de facteur de charge importat 
au cows du vo1 en turbulence, la prkvision des nombres de depassements de la turbulence est 
bOMe ii partir de la relation 

La courbure standard, telle qu'elle est presentee ci-dessus, se pr&e relativement 
bien h un classwent condense des masses d'infomtions recueillies sur les avions de ligne 
initialement Btalonnhs. 

I11 - ELnIINBION DES m h T S  DU PILOTAGE LCRS DE L'ARALYSE DZS REPO1,JSES D'UI'J AVION A LA TWLZENC3.- 

3.1. - Pose du prob1Bme.- 
Au cows des vols en turbulence d'un avion, l'acc61Cration mesuree en un point de sa 

structure est la some des r6ponses 21 deux excitations distinctes, d'une part la turbulence atmos- 
pherique, d'autre part les ordres de braquage de la cowerne de profondeur (tout au moins tant que 
l'on ne s'interesse qu'au mouvement longitudinal de l'avion) ; 

Dans la mesure oh il slagit de caracteriser les fonctions de trailsfert de l'nvion rela- 
tivement 2I la turbulence atmospherique, il est indispensable do pouvoir 6lininer de l'acc616ration 
totale nesde en vol la partie Sue aux mnoeuvres imposkes par le pilote, et dans la mesure oh 
ces accelerations sont collectees par des avions de ligne, lrinstallation genettat cette 6limi- 
nation doit etre la plus r6duite possible. 

3.2.- Principe de la suppression des acc816rations puasitc?s.- 

En admettant que l'avion a un comportement lin$dre, et qu'il n'est excite que par la 
turbulence et l e s  mmoeuvres du pilote, l'acckl6ration Z7(t)  rclev6e au centre de gravit6 de 
l'avion est la some de l'accblkation zw induite par la turbulence wit) et de l'acckl6- 
ration 2 

I 

induite par les braqwges p l k )  de la gouverne de profandew, soit : r 
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ou I 

0: a,., It) et k p ( t )  sont respectivement l e s  reponses impulsionnellc B l a  turbulcme e t  
au b r a q u w  de gouverne ( st e s t  l e  symbole du produit de convolution), 

La mdthode proposee consiste h enregis t rer  sur b a d e  mngndtique en m h e  temps que 
Z-rb) , l e  braquage des puvernes p(t> , puis & fabriquer, aprhs l e  vol, sur.calculateur 

d o g i q u e ,  l 'accdldration : 

i, = R,*p 
due aux manoeuwes e t  & l a  soustrafre  de l'acc61dration t o t a l e  2~ \ k) mesuree en vol. 

L e  resultat : 

est bien l'acc616rration due ?I l a  seule turbulence, donc ddbarrasade des e f f e t s  pmas i tes  des 
manoeuvres. 

3.3.- Realisation pratique.- 

Dans l e  cadre des hy-pothkse f a i t e s  en 3.1. e t  3.2., l e  tangage e t  l e  dkplacement 
ver t ica l  du centre de gravi te  rdsultent uniquement des deux equations : 

si  l a  seule cxci ta t ion est l e  braquclge des gouvernes de profondew (c'est-h-dire pour u(t)= 0) 
et  s i  on ne s ' in teresse qu'aux p e t i t s  muvements de l'avion, 

Un t e l  systbme d i f fdren t ie l  e s t  faci leaent  rea l i sab le  sur un calculnteur analogique dks 
que l 'on  c o d t  bien l e s  coeff ic ients  aerodynamiques &; , Czp. ,em! , cms et 
La &lisation du bloc analogique de fabricat ion de l 'acc6lkration i! 
fig.. 7. 

analogique ne sont pas connus avec l a  m&me pr6cision e t  l a  fabricat ion de l'acck16ration de 
pilotage ne peut se faire sans contr8le permettant d'ajuster l e s  coeff ic ients  adrodynamiques. 

Pour ce faire, au coups d'un pa l ie r  stabilise en air calme (c'est-h-dire pour w '% 

de l'avion. 
est presentkesur l a  

FIalheureusement, tous les coeff ic ients  de l 'avion qui interviement  dans l e  calcul  

0) 
l e  p i l o t e  impose des s o l l i c i t a t i o n s  en, tangage A differentes  frequences. La turbulence &ant 
pratiquement nul le ,  l 'accelerat ion 
re la t ion  (7) I 

Z,  ( t )  qui lui e s t  due est aussi nul le  e t  d'aprbs l a  

I 1  z, It) = z p  
c'est-h-dire que l, 'acckl6ration mesuree dans l'avion au cows du vol se r6duit pratiquement A 
l 'acc6ldration; Z indui te  par l e  pi lote .  P 

Il suffit donc de modifier 16gbrement les paramktres thkoriques introdui ts  dans l e  
calcul  analogique jusqu'h ce que l 'on ait  obtenu un minimum net  pour l a  diffkrence. 
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Le r6su l ta t  de c e t t e  opdration est pr6ecnt6 sur 13 €4;. 8, on y trouve lcs ordres de 
braquage pour diffdrentes  frequences, l e s  acchlkrations m e s d e s  et fahriqukes a i n s i  que l'acck- 
16ration residuel le  qui aprbs suppression des actions du p i l o t w e  e s t  pratiounnent nul le  pour *m 
d o d e  important de frequence. 

3.4.- Comparaison des acckl6rations avant e t  ambs corrections des nanoe~vres &ues nu pi1ote.- 

Les coeff ic ients  du calcul  analogique &ant a i n s i  a just6s  au cows dc l a  mise au point 
prkc6dente, l 'op6ration de suppression des actions du p i l o t e  devient possible. 3n e f f e t ,  pour des 
vols  en turbulence oh l 'acc616ration t o t a l e  Z,[t) nesurde au centre de gmvi t6  e t  les ordres 

des gouvernes dans l e  bloc analogique simulant l e a  dquations dy $ 3.3.- pemet  l a  fabricat ion de 
l'acc616ration 2 (b)  e t  en consgquence de l'acc614ration 2 ,  ( p )  aprbs l a  soustraction 

pt b )  des gouvernes de profondeur sont cmegistr6s  oinultanenent, l ' iz t roduct ion *J braquage 

r 

On peut contr8ler l e  rdsu l ta t  qua l i ta t i f  de c e t t e  operation et  les e f f e t s  importants 

Des comptages de ddpassenent ont ensuite 6t6 r8a l i sds  sur 2 T 

des manoeuvres sur l'acc618ration a centre de gravit6 sur l e s  f i p r c s  3a e t  9b. 
" 

e t  z w et l e s  
resultats ont e t6  comp&s pom diffQrentes  conditiom de f i l t rage .  

Les f igures  10 e t  11 pr6sentent lcs r6su l ta t s  de c e t t e  opdration. Pour deux dchmti l -  
lons de deux wls du ?RAl!SALL, l e s  coaptages ont 6 t6  effectuGs pr me ba.de passmite de f i l t r a g g  
variable caractGris6e par urie fkquence de coupure haute fix6e ir 10 Hz e t  urx  fr6quer.ce cie 
coupure b a s e  varia5le. 

(0,l ; 0,2 ; 0,3 e t  0,4 g), pour lesquuela l e  r q p o r t  entre  l e s  r.onbres rioyens de coiqtrge de 4 
et de 2, e s t  tracd en fonction de l a  fr6quence de couI,ure basse lo du f i l t r e .  

La conparaison porte, pour les  deux fchrat i l lons,  s w  quit re  nivsaux dtac::616rations 

On remarque, pclr exemple, que pour l e  niveau de C,4 g, on obtient sur l.16ckmtillon de 
vol 144 : 

- 2,2 f o i s  plus de fr,mckissemect de ce nivezu pour l 'accdldration t o t a l e  que pour l 'accdlkrat ion 

- 1,5 f o i s  plus dims l a  bande 0,l - 7 0  Hz 
- 1,15 f o i s  plus dans l a  bande C,2 - 1 0  I:z 

- l e  meme nombre de frcnchissement dans l o  bande 0.25 - 10 Hz. 

due ?r l a  turbulence dms l a  bar,de O,C25 - 10 Hz 

Dans tous l e s  cas polur des coupures t r b s  basses, l e s  6iff6recces de d6passemc:nta sor,t 
importantes et  tendent k dispmaf t re  d6s que $,, a t t o i n t  G,25 Iiz, quelqse s o i t  l e  n ivem 
consider6. 

I1 semble pnr ccndquent que s w  l e  TflJTSLTL A 04, des conpiages de ci6psssemci:ts 
effectds sur l 'acc616ration globale b t ravers  un f i l t r a g e  dais  13 bmde (0,25 1 0  Yz) fournis- 
aent des rksultats priwtiquement ind6pendiints des mnoelivres eff,ectitQes F i r  l e  pilotn. I1 e s t  
important de constater d'autre par t  que pour cc type dla\,ion suuple, il sercble que l e  ftiorication 
du kklt) 
suffis 
domaine des fr6quences de deformations de l'avioii, respectivemcnt (04,25 Hz e t  2 - 10 ifz). 

2 

sur calculr-teur armlogicp B p m t i r  des dquation:; de l 'avion r ig ide  s o i t  largmcnt  
t e  compte t e r a  du domine de frdquerice oh intervicnnc?nt l c s  mnoeuvres 6u p i l c t e  e t  ciu 

Bien entendu l e s  r6su l ta t s  indiqu6s p,-s l e s  f i w e s  10 et  11 n'ont qu'une valeur 
qual i ta t ive,  en e f f e t  l ' i n f l n e ~ c o  du. pilotage sur l e s  coniptGes depend essentie!.lencnt de la 
dur6e des inandeuvres par  rapport ?i l a  dur6e to ta le  de 1 '~chant i l lon .  De m&me la 3Gquance C,25 Iiz 
oi t6e i c i  come linute des e f f e t s  du pilotage e s t  caractdristique de l 'avicn que nous awns  
u t i l i s e  et  peut var ie r  pow d'autres avions. 

I1 vient d '&tre  mor.tr6 qu ' i l  d t d t  possible d'obtenir directement en vol l'occ8ldratic;n 
rdelleclent incite sur l 'avion p z  l a  turbulence, ind6pend"er.t de to-dte axoeuvre impode p x  l e  
pilo'ie en cows de vol. 
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11 s d f i t  pour cela  de msul'er dan3 w e  b m i e  Le fr6Quence [ Po I P N w  1 l'accdld- 
ra t ion  t o t d e  sur l 'avion ; l a  f r8qxnce  #?,, &tat  d6temiiide zu cours de l 'd tdlormge prddlable. 

I1 cot cl;lir que p c ~  c e t t e  b a d e  pcvcsmte de friquence l ' u t i l i s a t i o n  de 12 m6thode 
eqosde au I1 pem.et d'obtenir l e a  co,mbes stan8zzds de l a  twbulence pour chaquc p r c f i l  de vol 
cclrnctdrir,tique. Un calcul  siclple pemei  ensui ts  cie dktc:?cixier ce  qu 'mxuent  d t d  ces courbes 
s t a n d a d s  b a  une autre bancie gitsr:m-tc de 7.oqpeurs d'ondos, d;?s que l 'on admet'que la turbulence 
a un nodale spectral  d4fini. 

i'6quipemcnt d'un vion 6talomtB pourrait e t r e  a lors  c o n s t i t d  d'un acc6ldrom&.tre, 
d'un passe b a d e  cald ZLUT [ Po , f 
coxptcur de ievel-crossisg. 

] e t  d ' w  conptew de d6passenent de niveaux du ty-pe 

Les deux mdthodes expos& dans ce texte  constitl;ent, h xotre avis ,  une am6lioration 
du traiteretmt de?, ini"cmations de masse recue i l l i es  de l a  turbulonce;elles permettent de remonter 
aw s tu t i s t iques  &e la turbulence rencontr8e. 

kctuellemeiit 10s nombres caract6ristiqucs du t r m s f e r t  Uz/rd e t  F'"o/p&ne doivent pas 

s t r e  calcul6s, en rciiocn des eryews susceptibles d'eiitacher un t e l  calcul. Ces nombres doivent 
8tre"dtalornds" sur un mion rich-sect 6qzip6, au c o w s  de c p l q u e s  vols tes ts .  Pen&& ces vols 
I n  bmde pacsmte de frdquence, 30- laquel le  les  accdl&.tions indui tes  prz- l e  p i l o t e  sont cd- 
gligeables, doi t  e t r e  ddtemirke a f i n  de dQfir.ir les caractbr is t icpes  du systbme V.G.H. embarqu6 
CUT t o x  les :~uutrus avions de l a  meme s6rio. , 
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SUMMARY 

Recent V/STOL a i rc+af t  developments-- including helicopters--are 

reviewed as  regards the influence of s t ruc tura l  dynamic and aero- 

e l a s t i c  charac te r i s t ics  on handling qua l i t i es .  Para l le l s  between 
D 

problems of t h i s  kind on large fixed-wing a i r c r a f t  and those of 

large helicopters are  drawn. Some special  challenges of stopped- 

rotor  V/STOL's are  considered, a s  are  the a f fec ts  of rotor  isola- 

t ion  systems and other f lexible  mountings on the s t a b i l i t y  of 

a i r c r a f t  response t o  control inputs and gust  disturbances. A 

number of cases where the .pilot-in-the-loop i s  important are  a lso 

discussed. 



7 - 1  

I .  Introduct ion 

The background t o  the  sub jec t  of s t r u c t u r a l  dynamic and a e r o e l a s t i c  e f f e c t s  on V/STOL 
handling q u a l i t i e s  i s  a r i c h  one. 
l i t e r a t u r e  on the sub jec t  of fixed-wing a i r c r a f t  dynamics including the e f f e c t s  of s t a t i c  
and dynamic a e r o e l a s t i c i t y .  I n  add i t ion ,  t he re  is  an increasingly well-understood tech- 
nology surrounding the  s t a b i l i t y  and con t ro l  of he l i cop te r s .  Both a r e a s ' a r e  pe r t inen t  when 
rotary-wing type V/STOL a i r c r a f t  a r e  considered, so that the  problems a r e  extremely in t e re s t -  
ing and complex; but more t o  the  point ,  sound s t a r t i n g  points  f o r  t h e i r  solut ion a re  avai l -  
ab l e ,  and considerable work has been done. 

There is ,  of course, a well-developed technology and 

A.  Fixed-Wing A i r c r a f t  

When s t r u c t u r a l  dynamics o r  a e r o e l a s t i c  e f f e c t s  must be considered i n  predict ing the 
f l y i n g  q u a l i t i e s  of fixed-wing a i r c r a f t ,  the  problems can conveniently be thought of a s  
f a l l i n g  i n t o  one o r  more of t h ree  categories .  
mations can be accounted f o r  by considering only t h e i r  influence on the  s t a t i c  o r  quasi- 
s t a t i c  aerodynamic de r iva t ives .  
o r  less con t ro l  moment than would be provided by a r i g i d  surface ( f o r  a nominal input a t  
t he  ac tua to r  attachment) i s  one example. 
a r e s u l t  of fuselage deformations. 

I n  the f i r s t  t he  e f f e c t  of s t r u c t u r a l  defor- 

Local deformations on a con t ro l  surface,  r e s u l t i n g  i n  more 

A second might be reduced t a i l  effect iveness  a s  

The second category of f l e x i b l e  airframe problems i s  one i n  which add i t iona l  degrees 
of freedom must be considered. When i n e r t i a  fo rces  associated with s t r u c t u r a l  deformations 
a r e  important, t he  t h e o r e t i c a l  representat ion of the system must include add i t iona l  equa- 
t i o n s  of motion represent ing the f l e x i b l e  body motions, r a t h e r  than j u s t  co r rec t ions  t o  
q u a s i - s t a t i c  aerodynamic c o e f f i c i e n t s .  
augmentation systems; here the  importance of t he  f l e x i b l e  airframe de f l ec t ions  achieves a 
t h i r d  kind of prominence because motion sensors w i l l  respond no t  j u s t  t o  the r i g i d  body 
motions, but a l s o  t o  the  e f f e c t s  of f l e x i b l e  body motion a t  t h e i r  p a r t i c u l a r  locat ion.  

Ind ica t ive  of t he  ma te r i a l  ava i l ab le  i n  the  l i t e r a t u r e  dealing with the representat ion 

The t h i r d  category involves au to -p i lo t s  o r  s t a b i l i t y  

of airframe f l e x i b i l i t y  by modifying quas i - s t a t i c  aerodynamic coe f f i c i en t s  a r e  the b r i e f  
discussions i n  Ref. 1. These include mention of the f a c t  t h a t  a t  high enough speeds and 
with c e r t a i n  f ixed  surface-control  surface c h a r a c t e r i s t i c s ,  con t ro l  can ac tua l ly  be reversed 
a s  a r e s u l t  of f l e x i b i l i t y  from w h a t  might o rd ina r i ly  be expected, as i n  the case of a i l e r o n  
r eve r sa l .  Further,  s t r u c t u r a l  deformations might increase a i r c r a f t  s e n s i t i v i t y  t o  e i t h e r  
con t ro l  o r  gus t s  a s  r e s u l t s ,  f o r  example, from approaching the  wing t o r s i o n a l  divergence 
speed too c lose ly .  

The use of invacuo n a t u r a l  v ib ra t ion  modes a s  add i t iona l  degrees of freedom t o  repre- 
s en t  response i n  s t r u c t u r a l  deformations, i s  described i n  more recent  texts, such a s  Ref.2. 
A t  t h i s  point  s t a b i l i t y  and con t ro l  analyses d i f f e r  from f l u t t e r  analyses only i n  emphasis. 
I n  f l u t t e r  analyses the f l e x i b l e  body motions a r e  dominant, and while r i g i d  body degrees of 
freedom a re  necessary, they can o f t en  be regarded only a s  refinements t o  the  basic  ana lys i s .  
I n  s t a b i l i t y  and con t ro l  analyses,  t he  r i g i d  body motions a r e  of paramount concern so t h a t  
including the  f l e x i b l e  degrees of freedom a r e  o f t en  considered a refinement. 
f l e x i b l e  body frequencies approach the  r i g i d  body frequencies and/or t he  couplings between 
them grow l a r g e r ,  t he  two analyses ul t imately become indis t inguishable  one from the other .  
One parameter which a c t s  a s  a powerful dr iving funct ion i n  t h i s  d i r ec t ion  i s  a i r c r a f t  s i z e .  
Fig. 1, summarizing the  c h a r a c t e r i s t i c s  of a c t u a l  fixed-wing a i r c r a f t ,  shows that the  f i r s t  
symmetric bending mode frequency of t he  wing approaches the  s h o r t  period, longi tudinal  a i r -  
p l ane - s t ab i l i t y  frequency a t  the higher gross  weights. 
speeds usual ly  involves primary wing-bending ( a s  well  a s  t o r s ion )  i t ' s  c l e a r  from t h i s  p l o t  
t h a t  r a t i o n a l  f l u t t e r  and s t a b i l i t y  and con t ro l  analyses converge f o r  l a r g e  a i r c r a f t .  

Clear ly ,  a s  

Since one of t he  c r i t i c a l  f l u t t e r  

Whenever f l e x i b l e  body e f f e c t s  a r e  accounted f o r  by using normal vibratory modes a s  
add i t iona l  degrees of freedom, it i s  clear t h a t  t h i s  only approximates the i n f i n i t e  number 
of degrees of freedom required f o r  a complete representat ion of continuous f l e x i b l e  bodies. 
A combination of the approaches used t o  handle the f i r s t  and second category problems i s  
therefore  o f t en  used. 
freedom, and those higher modes not  accounted f o r  i n  t h a t  way a r e  used t o  co r rec t  quasi- 
s t a t i c  aerodynamic c o e f f i c i e n t s .  This subject  i s  developed i n  Refs. 3 and 4, and the 
r e s u l t s  allow minimizing the  number of degrees of freedom and therefore  the  order  of the 
equations t o  be solved while maintaining accuracy. 

sensors i n  a limber airframe i s  obviously important. This subject  has been d e a l t  with i n  
many t ex t s  ( f o r  example Ref. 5 ) ,  and r epor t s  ( f o r  example, Ref. 6 ) .  Fig. 2 i s  reproduced 
from Ref. 5 t o  show how the  coupled r i g i d  body, f l e x i b l e  body and automatic s t a b i l i t y  
funct ions appear in a s implif ied block diagram. Ref. 7 and 8 a r e ,  perhaps, indicat ive of 

That i s ,  f l e x i b l e  body motions a re  used a s  add i t iona l  degrees of 

// When auto-pi lot  and s t a b i l i t y  augmentation systems a re  involved,. the  placement of the 
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t h e  work performed with t h e  i n t e n t  of expediting the  design of automatic con t ro l  systems 
f o r  a i r c r a f t  accounting f o r  f l e x i b l e  body dynamics. I n  the  f i r s t  of t hese ,  c h a r t s  are 
provided f o r  preliminary design purposes which account f o r  f l e x i b l e  fuselage bending. 
t r a n s f e r  funct ion f a c t o r s  can be approximated f o r  a given configurat ion by using these' 
cha r t s ,  compiled assuming that- bending i s  descr ibable  by one of four  standardized shapes. 
Required input  da t a  includes r i g i d  airframe c h a r a c t e r i s t i c s  (e .g .  airframe length,  mass, 
and pi tching moment of i n e r t i a ;  wing areas and loca t ions ;  con t ro l  types and loca t ion ;  and 
the  f l i g h t  envelope, t h a t  i s ,  dynamic pressure and Mach number) and q u a n t i t i e s  t y p i c a l  of 
f l e x i b l e  c h a r a c t e r i s t i c s  (e .g .  general ized mass, undamped n a t u r a l  f requencies ,  and s t ruc -  
t u r a l  damping, of t he  f l e x i b l e  modes; t he  modal de f l ec t ions  and s lopes;  and the  sensor  
l o c a t i o n s ) .  I n  Ref. 8 it i s  noted t h a t  t h e  open loop t r a n s f e r  funct ion f o r  a fuselage 
including e l a s t i c  motion i s  i n  the  same form a s  t h e  open loop t r a n s f e r  funct ion f o r  t h e  
r i g i d  body, but with co r rec t ions  made up of t r a n s f e r  funct ions f o r  f l e x i b l e  mode response 
with r i g i d  body response a s  i npu t .  
t o  be use fu l  f o r  es t imat ing t h e  e f f e c t s  of f l e x i b i l i t y .  

The 

The method presented shows un i ty  feedback techniques 

B. Helicopters 

Turning t o  he l i cop te r  s t a b i l i t y  and con t ro l ,  one i s  l i k e l y  t o  f e e l  t h a t  t h i s  i s  a 
more r ecen t  sub jec t .  But von Karman published a paper as e a r l y  as 1921 deal ing with the  
hovering s t a b i l i t y  of a coax ia l  he l i cop te r  configurat ion (Ref. 9 ) .  Crocco a l s o  published 
on the  same sub jec t  i n  1923 (Ref. 10). These e a r l y  authors ,  however, ignored t h e  f l e x i b i l i -  
t y  of r o t o r  blades,  so that except f o r  t h e i r  aerodynamic p rope r t i e s ,  t h e  r o t o r s  i n  those 
analyses  acted much l i k e  gyroscopes. 
t h e  f lapping hinge t o  h i s  autogyro designs,  i n  order  t o  reduce bending moments a t  t he  blade 
roo t s .  This invention made it impossible f o r  ana lys t s  t o  ignore t h e  motion of r o t o r  blades 
as f l e x i b l e  bodies i n  response t o  aerodynamic fo rces .  

Although t h e  he l i cop te r  industry s t i l l  sometimes speaks of 

I n  t h i s  same period, however, Juan De Cierva appl ied 

r o t o r s  when r e f e r r -  
ing t o  blades without hinges a t  t he  roo t ,  these h inge le s s ro to r s ,  SO f a r  as f l y i n g  q u a l i t i e s  
are concerned, have more i n  common with r o t o r s  which have f lapping hinges than with com- 
p l e t e l y  r i g i d  r o t o r s .  
w i s e  frequency of r o t a t i n g  blades covering a wide range of p r a c t i c a l  parameters i s  shown 
t o  f a l l  between 1.08L-l and l . 5 0 R  f o r  r o t o r s  without f lapping hinges.  (Some supporting 
da ta  f o r  a c t u a l  blades i s  shown i n  FiG. 3 . )  Considering t h a t  a r o t a t i n g  cha in ' s  f i r s t  
n a t u r a l  frequency f o r  motions out  of t h e  plane of r o t a t i o n  i s  exac t ly  l . O R  , i t ' s  clear 
t h a t  h inge le s s ro to r s  r e a l l y  do not  behave very d i f f e r e n t l y  as regards the  f i r s t  out-of- 
plane n a t u r a l  frequency f roma  r o t o r  with a f lapping hinge. 

This has been pointed ou t  i n  R e f . 1 1 ,  where t h e  f i r s t  n a t u r a l  f lap-  

When a present-day s t a b i l i t y  and con t ro l  ana lys t  considers a he l i cop te r ,  i t ' s  q u i t e  
clear from the  foregoing discussion t h a t  r o t o r  dynamics cannot be ignored. I t ' s  i n t e r e s t -  
ing,  t he re fo re ,  t h a t  t he  f i r s t  successful  he l i cop te r  s t a b i l i t y  analyses  were formulated i n  
t h e  l a t e  1930's without e x p l i c i t l y  accounting f o r  blade motions as separate  degrees of 
freedom. 
a paper published i n  1939, Ref. 1 2 .  
follows : 

Hohenemser was one of t h e  ear l ies t  important con t r ibu to r s  t o  t h i s  sub jec t ,  with 
The basic  assumptions made i n  these analyses  were a s  

A. Rotor blade motion i s  considered t o  take place i n  a plane containing t h e  
paths of t he  t i p s  as they r o t a t e ,  ( i . e . ,  t he  so-called " t i p  path plane"),  
i n  preference t o  accounting f o r  individual  blade motions. 

Coupling between long i tud ina l  and l a t e ra l  degrees of freedom f o r  t h e  r o t o r  
o r  f o r  t he  a i r c r a f t  a s  a whole i s  ignored. 

The r e s u l t a n t  r o t o r  fo rce  is  assumed t o  be perpendicular t o  the  t i p  path 
plane.  

The r o t o r  t i p  path plane i s  assumed t o  follow pi tching o r  r o l l i n g  angular 
v e l o c i t i e s  of t he  r o t o r  s h a f t  with a f ixed  angle between t h e  r o t o r  and 
s h a f t ,  t h i s  angle ,  however, being proport ional  t o  t h e  pi tching o r  r o l l i n g  
ve loc i ty  that the  r o t o r  s h a f t  i s  experiencing. 

B. 

C .  

D. 

Considerations similar t o  those i n  Ref. 11 w i l l  show the  f i r s t  assumption t o  be 
reasonable.  
s ide rab ly  lower than r o t o r  speed w i l l  appear t o  the  r o t a t i n g  blade as 1R. e x c i t a t i o n ;  
with t h e  b l ade ' s  fundamental mode c lose  t o  1R , t he  response of t he  blade t i p s  w i l l  
approximate planar  motion. 

Both con t ro l  and outs ide dis turbances with major frequency components con- 

The second assumption can be made with impunity i n  fixed-wing a i r c r a f t  design because 

For a s i n g l e  l i f t i n g - r o t o r  he l i cop te r ,  t h e  sense of r o t a t i o n  of t he  large l i f t i n g -  
of t he ,  u sua l ly ,  near ly  p e r f e c t  symmetry about t he  long i tud ina l  centerplane of the air-  
c r a f t .  
r o t o r  destroys t h i s  symmetry, and ignoring the  coupling between long i tud ina l  and l a t e r a l  
degrees of freedom can lead t o  appreciable e r r o r s  f o r  these types.  
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I 

The t h i r d  assumption i s  s t i l l  more se r ious  and almost always i s  unconservative as 
regards s t a b i l i t y .  R. H. Mil ler  f i r s t  showed i n  Ref. 13 t h a t  t h e  in-plane aerodynamic 
fo rce  on a r o t o r  i s  a d e s t a b i l i z i n g  inf luence s ince it reduces the  damping i n  roll and 
p i t c h  of a r o t o r .  Amer (Ref.14 ) explored t h i s  e f f e c t  f u r t h e r  and corroborated Miller's 
t h e o r e t i c a l  p red ic t ions  i n  f l i g h t  t e s t s .  
r o t o r  i s  operat ing with high enough inflow v e l o c i t i e s ,  the e f f e c t  of induced drag varia- 
t i o n s  i s  s o  d e s t a b i l i z i n g  as t o  overcome the  pos i t i ve  damping i n  roll o r  p i t c h  f o r  a r o t o r  
without o f f s e t  f lapping hinges.  

While they may lead t o  some e r r o r ,  t h e  f i r s t  t h r e e  of t he  assumptions discussed above 

I n  f a c t ,  t h e  l a t t e r  reference shows t h a t  i f  a 

are i n t u i t i v e l y  appealing. 
s h o r t  discussion of r o t o r  dynamics and basic  rotary-wing con t ro l s .  
two types ;  one c a l l e d  f7co l l ec t ive  pi tch",  where a l l  blades change p i t c h  by the  same amount 
a t  t he  same t ime;  t he  o the r  known as t tcycl ic  pi tch",  where the  p i t c h  va r i e s  s inuso ida l ly  as 
the  blade t r ave r ses  t h e  azimuth, each blade experiencing t h e  same p i t c h  angle when it reaches 
t h e  same place i n  azimuth previously occupied by t h e  o the r  blades.  Col lect ive p i t c h  changes 
the  t o t a l  t h r u s t  of t he  r o t o r  and i t s  torque requlrements. Cyclic p i t c h  changes the  tilt of 
t h e  t h r u s t  vector  without changing i t s  magnitude or t he  torque required,  a t  least  t o  a f i r s t  
approximation. Both of t hese  statements apply t o  t h e  hovering condi t ion;  i n  forward f l i g h t ,  
however, changes i n  c o l l e c t i v e  w i l l  a l s o  change the  t h r u s t  vector tilt and changes i n  c y c l i c  
w i l l  a f f e c t  both t h e  magnitude of t he  t h r u s t  vector  and the  torque required t o  d r ive  the  
r o t o r .  This i s  e a s i l y  seen by p i c tu r ing  the d i f f e rences  o r  l ack  of them between aerodynamic 
fo rces  on the  "advancing blade" (where r o t a t i o n a l  and forward v e l o c i t i e s  add) and on the  
' r r e t r ea t ing f l  blade (where they sub t r ac t )  f o r  cases  where the re  i s  zero blade p i t c h  and then 
when c o l l e c t i v e  o r  c y c l i c  i s  added. 

The fou r th  i s  r a t h e r  d i f f i c u l t  t o  v i sua l i ze  and suggests a 
These con t ro l s  a r e  of 

Cyclic p i t c h  i s  gene ra l ly  appl ied t o  r o t o r s  through a lfswash-plate1I. This i s  e s s e n t i a l -  
l y  a large bearing, usual ly  with i t s  inner  race gimballed t o  a non-rotating I7sleeveff which I 
s l i d e s  up and down t h e  r o t o r  s h a f t .  The gimbals allow it t o  tilt with r e spec t  t o  the  r o t o r  
s h a f t  and the  l i n k s  which change the  p i t c h  of individual  blades have t h e i r  lower ends 
at tached t o  t h e  o u t e r  race of t h e  bearing o r  swash-plate. 
up and down t h e  s h a f t ,  t he  blades change t h e i r  p i t c h  c o l l e c t i v e l y ,  and when t h e  swash-plate 
t i l t s ,  the  angles  change c y c l i c a l l y .  F l e x i b i l i t y  i n  these  members was not  important i n  t h e  
e r a  when cable con t ro l  systems provided the  f i x i t y  f o r  t h e  swash-plate. More recent ly ,  
full-power boost ac tua to r s  are mounted d i r e c t l y  between the  swash-plate and r e l a t i v e l y  
r i g i d  s t r u c t u r e .  I n  t h i s  s i t u a t i o n  t h e  swash-plate o f t en  i s  the  s o f t e s t  element i n  t h e  
con t ro l  system, and because the  ac tua to r s  provide f ix> ty  f o r  t he  swash-plate a t  a d i s c r e e t  
number of po in t s ,  t h e  spr ing r e s t r a i n t  i n  p i t c h  experienced by the  blade va r i e s  around the  
azimuth of r o t a t i o n .  

Thus, when the  swash-plate s l i d e s  

The tilt of the  t h r u s t  vector  which r e s u l t s  from c y c l i c  inputs  i s  i n  general  not  i n  
t h e  same d i r e c t i o n  as the  tilt of the  swash-plate, because of r o t o r  blade dynamics. This 
azimuthal phase angle between swash-plate tilt and t h r u s t  vector  tilt i s ,  f o r  constant  
values of t hese  angles  and t o  the  ex ten t  t h a t  blade motion can be represented by the  funda- 
mental invacuo n a t u r a l  v ib ra to ry  modes, a funct ion of t he  r a t i o  of t h a t  n a t u r a l  frequency 
t o  r o t a t i o n a l  speed and t h e  r a t i o  of damping t o  c r i t i c a l  damping i n  t h a t  mode. 
reproduced from Ref. 11, i l l u s t r a t e s  t hese  dependencies. The U , =  fl value f o r  $J would be 
expected t o  be 90°, as shown, r ega rd le s s  of damping r a t i o ,  s ince a f ixed  swash-plate angle 
provides a once per  revolut ion p i t c h  o s c i l l a t i o n  as experienced by the  blade,  and i f  w , = n ,  
t h i s  i s  the  c l a s s i c a l  case of a s i n g l e  degree of freedom system exci ted a t  resonance, 

Fig. 4 ,  

11. Rotors as Elements i n  Helicopter Control Systems 

I n  t h i s  s ec t ion  d i f f e rences  i n  the  dynamic response between hinged and h in@ess ro to r s  
are considered, p a r t i c u l a r l y  a s  regards the  response of t h e  l i f t i n g  r o t o r  t o  non-steady 
cont ro l  i npu t s ,  t o  check t h e  accuracy of approximation D i n  t h e  preceding sec t ion .  The 
equation of motion f o r  t h e  f i r s t  f lapping o r  flap-bending mode is :  

This equation i s  t h e  same as Equation 11 i n  Ref. 11, except that 8 i s  thought of as 
va r i ab le  i n  time, and 

A =  

(Y 
&Z(L+!-) f o r  cant i levered blades 

9 3 T  
; B =  

f o r  blades hinged a t  t he  
c e n t e r l i n e  of r o t a t i o n .  
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Where : = Blade Lock number = rpc  
71 

; p = a i r  mass density 

I =  
R =  
c =  
.fl = 

w, = 

e =  
$ =  
A =  

Moment of i ne r t i a  of r ig id  blade about centerline of rotat ion.  

Blade radius. 

Blade chord. 

Rotor speed (rads ./sec. ) 

F i r s t  flapping o r  flap-bending natural  frequency i n  a vacuum. 

Blade pitch angle. (radians) 

Azimuthal phase angle, o r  control "biastt. 

Deflection response a t  blade t i p  i n  f i r s t  f l ap  (flap-bending) mode 

These expressions assume a f ( I . - C@ r G  ) deflection f o r  the cant i lever  blade; C and 
blade mass are  assumed constant with the running s ta t ion  radius,  r . 

s t  
I f  the swash plate  i s  assumed t o  be subjected t o  motion of the type e then the 

blades w i l l  be subject t o  the pi tch angle variations 

i f  $ = o .  and &e blade w i l l  respond with p, = e,re 

e,e(L" + 5 v  

i(nt - @ + s t  

where : 

33 
I " =  

To achieve the desired t i p  path plane in  steady f l i g h t ,  however, the control w i l l  be 
"biased" by the angle $ when 5 7  o , i . e .  

which i s  the expression given i n  Ref. 11 and plotted in  Fig. 4.  Hence, the control w i l l  

ac tual ly  be 8, e b C(sc;n)t ++I  2 e ,cd( f i t++)  + e,i s k ( n t + + )  
so tha t  
terms of longitudinal and l a t e r a l  motions i . e .  
yields the t ransfer  functions 

0, 4 longitudinal control and e, S l a t e r a l  control analysis fo r  the response in  

where : 
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W i  For t h e  case where 
r i g i d  blade with a f lapping hinge on t h e  c e n t e r l i n e  of r o t a t i o n .  
s o l i d  l i n e  on Fig. 5, f o r  response t o  d i r e c t  con t ro l ,  i . e .  l ong i tud ina l  or l a t e r a l  f lapping 
f o r  l ong i tud ina l  o r  la teral  con t ro l ,  r e spec t ive ly .  
l e v e r  r o t o r  with (I - cosine)def lect ion shape and 
w =o. 
The llcenterline77 curve i s  f o r  t he  f i r s t  order  approximation 

It i s  seen that f o r  f requencies  up t o  about 10 rad/sec,  which i s  the  range of i n t e r e s t  f o r  
a i r c r a f t  s t a b i l i t y ,  t h e  frequency response c h a r a c t e r i s t i c s  are w e l l  represented by t h e  
approximation. 

4 = YOo and = 1.0, one obtains  the  usual  t r a n s f e r  funct ion f o r  a 
This i s  shown as t h e  

The dashed curve i s  f o r  a uniform can t i -  
@ I  = 1.5 ,normalized f o r  un i ty  ga in  a t  
R 

'bR/;d 

s +  Yh & = Zc = 
8, 8, 

Now, i f  e,lL i s  considered t o  be a %amp" funct ion then t h e  transform of equals 
GI) ,  = 3' 

where 8, i s  the  slope of t h e  ramp; i . e .  degrees of tilt per  u n i t  time. 

- .e, a I j5)L - - - Therefore,  t he  t i p  path plane tilt" 

Where a equals  8& 

w i l l  be given by 
A 2  5' ( 5  +a) 

Now t h e  l a g  of t he  t i p  path plane with respect  t o  t h e  s h a f t  
16 ' 

This can be rearranged as ,which a f t e r  transformation t o  real  t i m e  y i e l d s  

- a t  
= ?!(I - e ) .  Therefore as t approaches i n f i n i t y ;  t h a t  i s ,  the  steady v 1 , r  

state case,  

indeed equal  

A$31,r, or  t h e  l a g  of t he  t i p  path plane with r e spec t  t o  the  s h a f t ,  does 

16/,n times t h e  angular rate of t h e  s h a f t  tilt. 

I f  t he  s t a b i l i t y  of t he  system i s  i n  quest ion,  however, it may be necessary t o  repre- 
, sen t  t he  spectrum of the  r o t o r  response c h a r a c t e r i s t i c s  beyond 10 rads. /sec.  I n  t h i s  case 

Eq.(2) should be used f o r  h inge le s s ro to r s .  

Fig.  6 shows t h e  hinged ( = I ) and hingeless  (El = 1.5 ) rotor response i n  t h e  plane n 
normal t o  t h a t  about which the  f lapping o r  flap-bending i s  required.  
hingeless  r o t o r  has a l s o  been normalized by the  same f a c t o r  which makes the d i r e c t  con t ro l  
ga in  un i ty  a t  W = 0 .  A s  would be expected--since the  swash p l a t e  b i a s  was s p e c i f i c a l l y  
se l ec t ed  f o r  t h i s  purpose--the cross-control  response f o r  U =  o has zero ga in ,  
points"  f o r  t he  curves i n  these f i g u r e s  ( 5  E 6), being associated with the  fundamental 
bending frequency w i l l ,  of course,  occur a t  lower and lower frequencies  a s  t he  s i z e  of 
r o t o r s  grow. The inf luence of r o t o r  a e r o e l a s t i c i t y  and dynamics w i l l ,  t he re fo re ,  become 
more involved with a i r c r a f t  f l y i n g  q u a l i t i e s  as s i z e  increases ,  i n  a manner analogous t o  
t h e  f ixed-wing case.  

This curve f o r  t he  

The "break 

1 A .  Rotor Size Ef fec t s  

Whereas Fig.  3 shows values of f i r s t  f lap/flap-bending n a t u r a l  frequencies f o r  a c t u a l  

c i e s  f o r  l a r g e  r o t o r s ,  by examining the  r e l a t i o n s  given i n  Ref. 1 5  and assuming t h a t  rota-  
t i o n a l  t i p  speeds, vt , w i l l  continue t o  f a l l  i n  t he  usual  ranges,  roughly between 600 t o  
800 ' / sec .  
speed i f  t he  design i s  simply scaled upward as 

I 
I 

I 
I 

blades both hinged and hingeless,one can p r e d i c t  t he  probable dimensional n a t u r a l  frequen- 

Cant i lever  n a t u r a l  f requencies  tend t o  remain constant  r a t i o s  of r o t a t i o n a l  
R increases ,  s ince ,  as shown i n  Ref. 1 5 ,  

where I-= 
he= r o o t  mass per length 

a+.,= non-rotating n a t u r a l  frequency constant  

r o o t  c ros s  sec t ion  moment of i n e r t i a  

R = "'/R 

*Actually t h i s  and the  following barred q u a n t i t i e s  a r e  Laplace transforms. 
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KO ,K, = Southwell c o e f f i c i e n t s  

= blade o f f s e t  from the  s h a f t  

and &, K,, K ,  a r e  funct ions of mass and s t i f f n e s s  d i s t r i b u t i o n  with radius .  F i g .  7 
uses these general ized ideas  t o  show flap-bending n a t u r a l  frequencies l i k e l y  t o  be encoun- 
t e r e d  with hingeless  r o t o r s  as they grow i n  s i z e .  
t h a t  a p i t c h  angle of ?Oo w i l l  lower the  flap-bending frequency according t o  the  approxima- 
t i o n  U,,: = Lu,' - Swb0. (Ref. 1 5 ) .  

To t h e  e x t e n t  t h a t  disc-loading ( i . e .  t he  weight c a r r i e d  per  square f o o t  of l i f t i n g -  
r o t o r  a r ea )  tends t o  be constant  a t  around 10  t o  1 2  f o r  large he l i cop te r s ,  t h e  
absc i s sa  of t h i s  p l o t  can e a s i l y  be converted t o  gross  weight, and thus i s  d i r e c t l y  analo- 
gous t o  Fig. 1, f o r  fixed-wing a i r c r a f t .  

I n  t h i s  case,  however, 
t he  designer  has more l a t i t u d e  i n  the  range of frequency r a t i o s  "y& he d e s i r e s .  

bending s t i f f n e s s  f o r  in-plane motions i s  determined by the  f o u r t h  power of t he  chordwise 
dimension r a t h e r  than blade thickness ,  and c e n t r i f u g a l  s t i f f e n i n g  i s  less f o r  bending i n  
t h e  plane of r o t a t i o n .  
of fundamental i n -p l a t e  bending n a t u r a l  frequency below about l . 5 R  ; however, t he  lower 
values may go a s  low as 0.5.f-l f o r  hingeless  r o t o r s .  
f i r s t  in-plane n a t u r a l  frequency obtained with a c t u a l  r o t o r s  shown on Fig.  7. 

The lower l i m i t  l i n e  r e f l e c t s  t he  f a c t  

Similar  arguments are va l id  f o r  in-plane n a t u r a l  f requencies .  
The 

Minimum weight considerat ions w i l l  probably keep t h e  maximum values 

This i s  suggested by the  values of 

111. Man-machine i n t e r f a c e  problems. 

Two ca tegor i e s  of s t r u c t u r a l  dynamic problems occur i n  which t h e  human p i l o t  plays a 
p a r t .  
range where the  p i l o t  can inadvertant ly  force it a t  a resonant frequency. 
encountered when the  p i l o t  provides a means (or  another means) of "closing the loopff be- 
tween a i r c r a f t  response and con t ro l  i npu t ,  so t h a t  unstable o s c i l l a t i o n s  can r e s u l t .  This 
second category includes cases  i d e n t i f i e d  as P . I . O . ,  f o r  l l p i l o t  induced osci l la t ionsI1,  
which are s p e c i f i c a l l y  forbade by paragraph 2.110f Ref. 16 .  

One i s  where t h e  s t r u c t u r a l  response of t h e  a i r c r a f t  or some p a r t  of it i s  i n  a 
The o the r  i s  

A .  Pilot-Forced S t r u c t u r a l  Responses 

Fig. 1. i s  i l l u s t r a t i v e  of s i t u a t i o n s  i n  which combinations of a i r c r a f t  r i g i d  body 
motion and f l e x i b l e  airframe motions l l invi te l l  e x c i t a t i o n  by t h e  p i l o t .  Not only are the  
short-period f l i g h t  s t a b i l i t y  and the  f i r s t  symmetric wing-bending frequencies converging 
as subsonic a i r c r a f t  g e t  bigger,  but they are both dropping; t he  p i l o t ' s  maximum a b i l i t y  
t o  move f l i g h t  con t ro l s  on the  o the r  hand remains f ixed .  

Character izat ion of human p i l o t  behavior i s  use fu l  i n  attempting t o  understand such 
man-machine i n t e r a c t i o n s .  I n  Ref. 1 7  Ashkenas and McRuer po in t  ou t  t h a t ,  i n  con t ro l  system 
parlance,  human behavior includes (1) llmechanizationrl of feedback loops,  by sensing what 
has happened and applying co r rec t ive  con t ro l  i npu t s ;  (2)  llmechanizationll Of forward loops,  
by a n t i c i p a t i n g  what i s  going t o  be required--based on previous knowledge of t he  system 
and i t s  mission--and applying appropriate  con t ro l  i npu t s ;  and (3) "adaptation" by ad jus t ing  
h i s  (and the  system) gains  and t i m e  constants  within t h e  ranges 
f o r  changes e i t h e r  i n  circumstances or  i n  some p a r t  of t he  system o r  both. 

ava i l ab le  t o  account 

- E5 
Thinking of t he  human p i l o t  a s  a loop-closer,  t he  t r a n s f e r  funct ion XP e 

GS+ I 
i s  proposed i n  Ref. 18 ,  where 5 
i s  the  ga in ,  a measure of how much c o n t r o l  output the p i l o t  has decided t o  provide a s  a 
l i n e a r  funct ion of a given dis turbance o r  a i r c r a f t  response, Z = r eac t ion  time delay 
( .12 t o  .2 s e c . ) ,  and TN 
not  below about 0 . 1  s ec .  

i s  the  complex Laplace-transformed time va r i ab le ,  and Kp 

= a neuromuscular l a g ,  which i s  somewhat ad jus t ab le  but probably 

Since l a g  time constants  l i k e  a r e  i n t e r p r e t a b l e ,  f o r  first order  systems, as the  
time f o r  t h e  response t o  reach about 65% of t h e  f i n a l  value following a s t e p  funct ion inpu t ,  
t h e  sum of should be an approximation t o  what might be measured i n  f l i g h t  tests 
as t h e  time required f o r  t h e  p i l o t  t o  respond s u b s t a n t i a l l y  t o  step-type dis turbances.  
Tests t o  determine these  parameters have been conducted, are reported ( f o r  example) i n  
Ref. 19 ,  and form the  bas i s  f o r  t he  proposed human p i l o t  t r a n s f e r  funct ions.  With t h i s  kind 
of frequency c a p a b i l i t y ,  it i s  clear t h a t  a p i l o t  could, i n  f a c t ,  d r ive  t h e  f i r s t  wing- 
bending mode of t h e  larger a i r c r a f t  a t  resonance, e spec ia l ly  with the  help of power-boosted 
con t ro l s ,  s ince the  o s c i l l a t o r y  frequency required i s  w e l l  within h i s  frequency output 
capab i l i t y .  

and TN 

I f  t h e  t o t a l  of aerodynamic and s t r u c t u r a l  damping i n  t h a t  mode is  high, t he  



7 - 7  

I 

wing a very l i g h t l y  s t r e s sed  design, o r  t h e  a i r c r a f t  r i g i d  body response s u f f i c i e n t l y  
s luggish,  t h i s  p o t e n t i a l  con t ro l  resonance may not  be important. 
of t h i s  may be t r u e  ( c e r t a i n l y  one would hope t h e  l as t  i s  not)  and t h e  s t r u c t u r e  might 
s t i l l  be i n  no danger from t h i s  loading, i f  s i g n i f i c a n t  
unpleasant motion a t  t h e  p i l o t ' s  s t a t i o n  o r  drove an appropriate  and r e l i a b l e  d i sp l ay .  
t h i s  case,  however, t he  p i l o t ' s  gain-adjust ing adaptat ion i s  c a l l e d  on t o  l i m i t  h i s  con t ro l  
i npu t  i n  given frequency regimes. A s  has been shown i n  Ref. 20 and o the r s ,  t he  magnitude 
of KP which a p i l o t  must provide,  i s  d i r e c t l y  co r re l a t ab le  with h i s  opinion of t he  air-  
c r a f t  a s  a s a t i s f a c t o r y  machine. A t y p i c a l  p l o t  shown i n  Fig. 8 ,  reproduced from Ref. 20 
d a t a ,  shows t h i s  e f f e c t .  Thus, i f  s t r u c t u r a l  response r equ i r e s  t h e  p i l o t  t o  reduce h i s  
gain t o  a value viewed as a t r a n s f e r  funct ion f a c t o r  beyond "what p i l o t s  l i ke" ,  t h a t  a i r -  
c r a f t  w i l l  probably no t  be regarded as having s a t i s f a c t o r y  f l y i n g  q u a l i t i e s .  

Large he l i cop te r s  are suscep t ib l e  i n  t h i s  regard f o r  two reasons.  

I 
On the  o the r  hand, none 

Cycling of t he  con t ro l s  produced 
I n  

F i r s t ,  t h e  he l i -  
copter  i s  unstable i n  hover, requir ing con t ro l  inputs  from a p i l o t ,  a gyro-bar, o r  some 
o the r  s t a b i l i t y  augmentation system t o  maintain a t t i t u d e .  
t o r y  r o l l  mode i n  hover a r e  around 10 sec . ,  but t h e  r a t e  of divergence can be s o  high a s  t o  
double amplitudes every qua r t e r  cycle f o r  a i r c r a f t  with a r t i c u l a t e d  l i f t i n g  r o t o r s .  
t h e  low n a t u r a l  f requencies  i n  the  plane of r o t a t i o n ,  shown i n  Fig.  7,  have no counterpar t  
i n  t he  fixed-wing case,  where chordwise s t i f f n e s s  i s  r e l a t i v e l y  much higher .  

Typical periods of t he  o s c i l l a -  

Second, 

Bending normal t o  the  chord plane has the  bene f i t  of r e l a t i v e l y  high aerodynamic damp- 
Bending i n  the  chordwise direction--which i s  the  major bending component i n  the  plane ing.  

of r o t a t i o n  f o r  r o t o r s  which a r e  n e i t h e r  highly twisted nor operating a t  high geometric 
pitch-has of t he  order  of 1% of the  aerodynamic damping ava i l ab le  t o  flap-bending motions. 

A prime c r i t e r i o n  f o r  s t r u c t u r a l  s t r eng th  has always been t h a t  stress per u n i t  a i r -  
c r a f t  acce le ra t ion  be acceptably low. The s i z e  e f f e c t s  on both f ixed and ro t a ry  wing a i r -  
c r a f t  shown i n  Figs.  1 and 7 extend t h e  i n t e r p r e t a t i o n  of t h i s  c r i t e r i o n  t o  the  kind of 
o s c i l l a t o r y  acce le ra t ions  which t h e  p i l o t ,  f o r  one reason o r  another ,  may command. 

and has occurred i n  a t  least  one instance on a t i l t -w ing  V/STOL a i r c r a f t .  
c o n t r o l  t o  a t a i l  r o t o r  or f an ,  whose funct ion i s  t o  provide yawing o r  pi tching moments 
about t he  a i r c r a f t  C . G .  Yaw con t ro l  i s ,  perhaps, most c r i t i c a l  because it i s  not uncommon 
f o r  t h e  p i l o t  of a hovering V/STOL a i r c r a f t  t o  want t o  slew h i s  a i r c r a f t  r ap id ly  from one 
compass heading t o  another.  I n  f a c t ,  it i s  not  unusual f o r  a p i l o t  t o  bui ld  up a r a t h e r  
high angular r a t e  i n  yaw, i n  hover, and r ap id ly  reverse  the  yaw r a t e .  These kinds of con- 
t r o l  i npu t s ,  of course,  w i l l  r e s u l t  i n  abrupt changes i n  torque on the  s h a f t  which d r ives  
the  t a i l  r o t o r  o r  t a i l  f a n .  On one of t he  e a r l y  V/STOL f l y i n g  tes t -beds,  t he  VZ-2, t he re  
was, i n  f a c t ,  a t a i l  d r ive - sha f t  f a i l u r e  d i r e c t l y  a t t r i b u t a b l e  t o  p i l o t  i npu t s .  Fortunately,  
t h e  inc iden t  occurred with the  a i r c r a f t  hovering c lose  t o  the  ground, and no damage o the r  
than the  broken t a i l  s h a f t  was incurred.  Attempts t o  change the  n a t u r a l  frequency of t he  
t a i l  fan d r ive  system, i n  t h i s  case,  involved considerable weight i nc reases .  The problem 
was resolved by pu t t ing  a f l u i d  coupling i n  the  s h a f t  system, so t h a t  l a rge  impulsive 
torques were counteracted by more i n e r t i a  r e l i e f  and considerable damping was added t o  the  
system. The use of such devices ,  a s  w e l l  as a s l i p  c lu t ch ,  which was a l s o  considered, i s  
not  gene ra l ly  des i r ab le ,  however, s ince they a l s o  add weight and a f f e c t  maintenance and 
r e l i a b i l i t y .  Limiting ava i l ab le  con t ro l  o r  how rap id ly  it can be appl ied i s  a l s o  most o f t en  
unsa t i s f ac to ry .  

A simple design c r i t e r i o n  can be proposed, however, by regarding the t a i l  rotor-fan 
and s h a f t  system as a s i n g l e  degree of freedom t o r s i o n a l  system. I f  t he  e f f e c t i v e  po la r  
moment of i n e r t i a  of t he  t a i l  r o t o r  (plus  c lose gear  boxes) i s  c a l l e d  Iy, t he  equivalent  
t a i l  s h a f t  spr ing r a t e  a t  t he  t a i l  r o t o r ,  -fk 
t i o n  of motion i s  I v y  + ./e = appl ied aerodynamic torque. Since i n  t h i s  approximation 
the  t a i l  d r ive  s h a f t  i s  pictured a s  I1fixedl1 a t  some d r iv ing  point  near t he  a i r c r a f t  C.G.., 

torque can be wr i t t en  

There i s  another problem of t h i s  s o r t  t o  which t a i l  r o t o r  he l i cop te r s  a r e  suscept ible  
This concerns 

, and the angular motion y /  , then the  equa- 

v a l s o  represents  t he  t w i s t  angle which determines s h a f t  s t r e s s .  The aerodynamic 

0 

where /V = number of blades ; c3 = sec t ion  drag Coeff ic ient  

A e  i s  the  change i n  t a i l - r o t o r  ( c o l l e c t i v e )  p i t c h  

and constant  blade c h a r a c t e r i s t i c s  a r e  assumed with r e spec t  t o  span. 

The Laplace-transformed equation of motion then appears as the  standard second order  system 
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where A 8 , i s  t he  m a  ni tude of a s t e p  input  i n  t a i l  r o t o r  p i t c h  and the  n a t u r a l  frequency 

1y 
Cdy and c r i t i c a l  + amping r a t i o  J' of the  system a r e  given by 

For such systems the  maximum amplitude occurs a t  a time corresponding t o  wv t 3.2 , 
independent of 3"u,(l.O. Thus the  maximum t w i s t  angle i s  approximated by 

Minimizing t h i s  funct ion o r ,  a t  l e a s t ,  constraining i t s  value t o  an acceptable corre-  
sponding stress l e v e l ,  t he re fo re ,  provides a c r i t e r i o n  f o r  t a i l  rotor-fan,  d r ive  system 
c h a r a c t e r i s t i c s .  

Experience suggests t h a t  t h i s  i s  a c r i t i c a l  design s i t u a t i o n  only when sha f t ing  i s  
designed f o r  low steady torques (high speed s h a f t i n g ) ,  and when small diameter rotor-fans 
are used. I f  a s i m i l a r  problem were t o  become important, say,  f o r  t he  interconnecting 
s h a f t  of a prop-rotor type V/STOL--with engines mounted inboard of t he  r o t o r s  o r  with an 
engine out--in the  he l i cop te r  mode, it would seem t o  be more l i k e l y  t o  become a design con- 
d i t i o n  f o r  a t i l t -w ing  than a t i l t - r o t o r  type.  

B. Pilot-Induced Osc i l l a t ions  

An i n t e r e s t i n g  case of P . I . O .  has been encountered i n  the  operat ion of he l i cop te r s  
with s l i n g  loads.  A s  described i n  Refs. 2 1  and 22 ,  t h i s  i n s t a b i l i t y  i s  in t ima te ly  t i e d  t o  
t h e  l lnaturall l  con t ro l  motion of t he  c o l l e c t i v e  p i t c h  l e v e r .  That i s ,  by r a i s i n g  the  l e v e r  
i n  hover, t he  a i r c r a f t  w i l l  move v e r t i c a l l y  upward, and vice versa .  With t h i s  arrangement, 
i f  t h e  a i r c r a f t  should o s c i l l a t e  v e r t i c a l l y ,  t h e r e  i s  a n a t u r a l  tendency f o r  t he  p i l o t  t o  
put v e r t i c a l  o s c i l l a t o r y  con t ro l  i n t o  c o l l e c t i v e  p i t ch .  
t he  p i l o t ' s  body--in p a r t i c u l a r  h i s  forearm, viewed a s  hinged a t  t he  elbow--and from t h e  
seat suspension. A mathematical model f o r  t h i s  s i t u a t i o n  i s  shown i n  Fig.  9 reproduced 
from Ref. 21 ,  where the  p i l o t ,  h i s  s e a t ,  forearm and c o l l e c t i v e  p i t c h  l e v e r  a r e  a l l  lumped 
a s  one mass c h a r a c t e r i s t i c  mounted on a spring and damper. Some of t h e  c r i t i c a l  parameters 
i n  t h i s  s i t u a t i o n  were i d e n t i f i e d  i n  Ref. 2 1  a s  t he  r a t i o  of slung t o  fuselage mass /Ub ; 
t h e  r e l a t i v e  s e n s i t i v i t y  of t h e  c o l l e c t i v e  p i t c h  con t ro l ,  PT = ( v e r t i c a l  g ' s  per  inch of 
s t i c k  de f l ec t ion  divided by t h e  n a t u r a l  frequency of the p i l o t - s e a t  combination, W s  12; t he  
n a t u r a l  frequency of t h e  slung load (on i t s  cable ,  he l i cop te r  end f ixed)  compared t o  wS, 

defined as fi'($s; t he  c r i t i c a l  damping r a t i o  of t he  p i l o t  i n  h i s  s e a t ,  y s = ~  and the  
l a g  i n  r o t o r  fo rce  response, , t o  c o l l e c t i v e  con t ro l ,  non-dimensionalized by the  r a t i o  
of o s c i l l a t i o n  t o  s e a t  frequency r a t i o  S i tua t ions  such as d e a l t  with i n  Ref, 2 1  
have, i n  f a c t ,  been encountered i n  f l i g h t ,  and i n  some cases  the  slung load has had t o  be 
j e t t i s o n e d .  One way t o  avoid the  problem i s  t o  have a c o l l e c t i v e  p i t c h  l e v e r  which can be 
locked i n  any given pos i t i on .  This would destroy the  feedback between fuselage o s c i l l a t o r y  
motion and t h e  load t h a t  t he  r o t o r  pu t s  on the  fuselage i n  response t o  the c o l l e c t i v e  p i t c h  
s t i c k .  I n  one scheme, when the  p i l o t  wishes t o  change c o l l e c t i v e  p i t c h ,  he depresses a 
button which disengages the  lock and gives  him freedom t o  move the  c o l l e c t i v e  p i t c h  t o  the  
next pos i t i on ,  where he may r e l ease  the  button and momentarily lock the  c o l l e c t i v e  p i t c h  
s t i c k  again.  

It is  not  d i f f i c u l t  t o  imagine a similar phenomenon being encountered i n  designing 
tilt r o t o r  o r  tilt wing V/STOL a i r c r a f t .  
the  symmetric wing bending mode of a V/STOL a i r c r a f t  can give the  kind of freedom t o  the 
prop-rotor engine Nacelle package t h a t  t he  slung load has from the  he l i cop te r  fuselage.  
A comparison of Figs.  9 and 10 r evea l s tha t  t he  only d i f f e rence  i s  i n  where the  p i l o t  i s  
assumed t o  s i t .  I f  t he  comparison i s  drawn on t h e  bas i s  of where the  r o t o r  a c t s ,  then the  
V/STOL p i l o t  appears t o  be s i t t i n g  on the  equivalent  of t he  slung load. 
formed equations of motion f o r  t he  he l i cop te r  case as given i n  and using the no ta t ion  of 
Ref. 2 1  (See F i g .  9 )  are as follows: 

This r e s u l t s  from the  dynamics of 

CS 

%hS. 

Fig. 1 0  attempts t o  show t h a t  i n  hover pos i t i on ,  

The Laplace t rans-  

0 

0 
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The equivalent  equations of motion f o r  the V/STOL a i r c r a f t  case using the notat ion i n  
Fig.  10, a r e  a s  follows: 

Comparison of these equations shows that the  V/STOL a i r c r a f t  case i s ,  i n  f a c t ,  mathemati- 
c a l l y  somewhat simpler.  

Several  cases  were run f o r  the V/STOL a i r c r a f t  with the  following r e s u l t s ;  i f  

pL= 0.3, 

conservative,  i n  t h a t  the damping of the r o t o r  due t o  aerodynamics, t h a t  due t o  the  wing 
(or  cab le ) ,  and t h a t  i n  the  s e a t  system have a l l  been neglected a s  regards the motion of 
t he  p r inc ip l e  masses i n  the  system. 
cate t h a t  a system with more l a g  i n  the feedback loop i s  more s t a b l e  than one with less 
l a g .  
type of P . I . O .  w i l l  not  occur,  s ince the  prop-rotor Nacelle package cannot be dropped l i k e  
a slung load. 
t h ro t t l e - type  l eve r  a s  v e r t i c a l  f l i g h t  con t ro l  r a t h e r  than a c o l l e c t i v e  p i t ch  l eve r .  This 
would appear t o  be less n a t u r a l ,  and it remains t o  be seen whether it w i l l  be s a t i s f a c t o r y  
t o  the average p i l o t  f o r  t he  missions intended. 
i s  l i k e l y  t o  completely avoid the kind of i n s t a b i l i t y  discussed here .  

&= O.S, Q,= 0.25, and PT= 0.3 the system seems t o  be s t a b l e  f o r  

This ana lys i s ,  Like t h a t  of Ref. 21 ,  i s  very msC = 3 and unstable f o r  WsC = 0.  

The r e s u l t s  noted above a r e  suspect since they indi-  

S t i l l ,  i e  i s  important t h a t  V/STOL a i r c r a f t  designers take care  t o  see t h a t  t h i s  

It should be noted t h a t  some recent  V/STOL a i r c r a f t  a r e  proposing t o  use a 

On the  o the r  hand, a t h r o t t l e  type con t ro l  

I V .  Flexibly-Mounted Rotor-Propellers 

Two V/STOL configuration and f l i g h t  condition combinations can be foreseen i n  which 
rotor-propel lers  w i l l  operate i n  the he l i cop te r  s t a t e  with t h e i r  hubs f l e x i b l y  mounted. 
I n  one of these,  t he  hub mounting f l e x i b i l i t y  i s  a matter of design decis ion;  i n  the  o the r  
it w i l l  be l a r g e l y  unavoidable. 

F i r s t l y ,  advanced he l i cop te r s  and p a r t i a l l y  unloaded compounds w i l l  use l i f t i n g  ‘rotors 
a t  high forward speeds, say between 200 and 250 knots.  
v ib ra t ion  l e v e l s  of many of these a i r c r a f t  a r e  l i k e l y  t o  be s a t i s f a c t o r y  only i f  the r o t o r s  
a r e  vibrat ion-isolated from the  fuselage.  
r o t o r s  require  correspondingly low n a t u r a l  frequencies i n  the r o t o r  mounting system f o r  
e f f e c t i v e  i s o l a t i o n .  A s  regards handling q u a l i t i e s ,  however, t h i s  same f l e x i b i l i t y  i s  
l i k e l y  t o  introduce unacceptable l a g s  i n  the appl icat ion of con t ro l  moments unless par t icu-  
l a r  care is  taken. 

It i s  reasonable t o  think t h a t  the 

The low r o t a t i o n a l  frequencies associated with 

One approach t o  these contradictory requirements i s  t o  have an a c t i v e  i s o l a t i o n  system 
designed t o  cen te r  the r o t o r  hub with respect  t o  the  fuselage,  but incapable of responding 
t o  motions above a c e r t a i n  frequency. 
r e l a t i v e l y  close t o  t h a t  of t he  lowest offending shaking frequency--normally fundamental 
blade-passage frequency. Such a system i s  described i n  Ref. 23. 

t he  one frequency which i s  most offensive and which one wishes t o  i s o l a t e  from the fuselage.  
This i s  a lfnotched f i l t e r f f  system and i s  described i n  Ref. 24. 

The second flexibly-mounted hub s i t u a t i o n  involves tilt prop-rotors a t  lower forward 
speeds. 
wing bending-torsion, and w i l l  probably be only as s t i f f  a s  weight t rade-offs  w i l l  a l low. 
For t he  helicopter-compound with i s o l a t e d  r o t o r s  o r  tilt prop-rotor type V/STOL, the f l e x i -  
b i l i t y  of t he  r o t o r  mounting can be an important f l i g h t  s t a b i l i t y  considerat ion,  e spec ia l ly  
when s t a b i l i t y  augmentation o r  au top i lo t  systems a r e  used. One of t he  important modes of 

I n  an a c t i v e  system t h i s  frequency can be placed 

Another approach provides an i s o l a t i o n  system which flpassesff i . e .  i s  l fsof t f f  f o r  only 

I n  t h i s  case the  f l e x i b i l i t y  of the hub mounting i s  associated with fundamental 
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motion i s  t h e  combination of i nd iv idua l  blade motion i n  t h e  plane of r o t a t i o n  which gives  
r ise t o  displacement of t he  r o t o r  C . G .  from the  s h a f t  cen te r  l i n e .  This i s  t h e  c r i t i c a l  
motion f o r  mechanical i n s t a b i l i t y  as encountered by he l i cop te r s  on the  ground (Ref. 25). 
I n  the  f l i g h t  case, however, t he  motions of t he  airframe a r e  those of f l i g h t  s t a b i l i t y ,  
and t h e  accounting f o r  t h e  r o t o r s  must include the  aerodynamic de r iva t ives  r e l a t e d  t o  t i p  
path plane tilt discussed ear l ier .  The n a t u r a l  frequency of a flexibly-mounted r o t o r  and 
t h e  lowest break-point frequency of t h e  SAS w i l l  g ene ra l ly  be such t h a t  t h e  corresponding 
degrees of freedom w i l l  e n t e r  t he  s t a b i l i t y  phenomenon. 
motion and the  SAS ga in  are gene ra l ly  c r i t i c a l  parameters i n  t h i s  s i t u a t i o n ,  and the  in s t a -  
b i l i t i e s  which can be encountered gene ra l ly  have frequencies  c lose  t o  r o t o r  speed minus or 
p lus  the  fundamental r o t a t i n g  blade,  l a g  frequency. The number of degrees of freedom and 
t h e  f a c t  t h a t  s t a b i l i t y  augmentation system, boost ac tua to r ,  and blade motions i n  and ou t  
of t h e  plane of r o t a t i o n  are l i k e l y  t o  be involved tend t o  make ana lys i s  of t h i s  p o t e n t i a l  
problem area t r i c k i e r  than mpst . 

The damping r a t i o  f o r  blade l a g  

V .  Gust Response 

Rotary wing-type V/STOL a i r c r a f t  respond i n  a s p e c i a l  way t o  t h e i r  gus t  environment. 
This problem i s  considerably more complex than t h e  corresponding case f o r  fixed-wing air-  
c r a f t .  
depend on t h e  azimuthal 
ca t ing  f a c t o r  i s  t h e  f a c t  t h a t ,  i n  c o n t r a s t  t o  fixed-wing a i r c r a f t ,  he l i cop te r s  operat ing 
a t  high forward speed, where g u s t  response i s  c r i t i c a l ,  may have some p a r t  of t h e  r o t o r  
d i s c  s t a l l e d ,  o r  a t  least  very c lose  t o  s t a l l .  Thus, t h e  g u s t  might change the  r o t o r  
operat ing condi t ion from one i n  which only a very small port ion of t h e  swept area i s  s t a l l e d  
t o  one i n  which a much larger port ion i s  s t a l l e d .  Ref. 26 i s  an exce l l en t  summary of g u s t  
response considerat ions in he l i cop te r  and compound he l i cop te r  design. It i s  shown the re  
t h a t  t he  sequen t i a l  entrance of a r o t o r  i n t o  a sharp-edge g u s t  does, i n  f a c t ,  reduce t h e  
maximum acce le ra t ion  t h a t  t h e  a i r c r a f t  experiences;  by t h e  time t h e  e n t i r e  r o t o r  i s  i n  t h e  
g u s t ,  t h e  a i r c r a f t  i s  moving upward t o  some degree. This overcomes the  increased l i f t  due 
t o  the  r o t o r  Itflapping back" and thus  increasing i t s  angle of a t t a c k  as a r e s u l t  of enter-  
ing the  g u s t .  
t o  be of less consequence than one might think.  
sharper  with a sharp-edge g u s t ,  but t he  maximum value is  not  very much changed whether t he  
g u s t  be sharp-edged o r  no t .  The most adverse d i s t ance  from g u s t  leading edge t o  maximum 
g u s t  ve loc i ty ,  f o r  150 knots forward speed, appears t o  be roughly 100 f t .  

aerodynamics i s  t o  reduce maximum acce le ra t ions  by about 15%. 
however, q u a s i - s t a t i c  aerodynamics i s  adequate f o r  predict ing the  response.  
of blade bending have l i t t l e  e f f e c t  on the  r o t o r  t h r u s t  r e s u l t i n g  from g u s t  pene t r a t ion ,  
but it does, of course,  a f f e c t  o s c i l l a t o r y  blade and con t ro l  loads.  Thus, a blade with 
f l a p  hinges can be t r e a t e d  as a r i g i d  hinged blade,  so f a r  as t h e  maximum g u s t  loads a r e  
concerned. The e f f e c t  of blade Lock number, and r o o t  f lapping s t i f f n e s s  i s ,  however, t o  
increase g u s t  e f f ec t iveness ,  i . e .  reduce g u s t  a l l e v i a t i o n ,  as blade s t i f f n e s s  i n  fundamental 
f lapping o r  flap-bending motion i s  increased. Thus, increased f lapping moment of i n e r t i a  
(lower Lock number), increased f lapping hinge o f f s e t  ( i n  t h e  case of hinged r o t o r s ) ,  o r  
increased blade roo t  bending s t i f f n e s s ,  i n  general ,  makes a r o t a r y  wing a i r c r a f t  more 
g--sensi t ive t o  gus t s .  

One of t h e  s t ronges t  inf luences on g u s t  response is the  r o t o r  t h r u s t  c o e f f i c i e n t  
u sua l ly  based on hover condi t ions.  
r o t a r y  wing a i r c r a f t  and i s  analogous t o  wing loading and forward speed i n  the case of t he  
g u s t  response of fixed-wing a i r c r a f t .  Figs .  11 and 12, which are reproduced from Ref. 26, 
show t h i s  e f f e c t .  
e i t h e r  a g u s t  appl ied t o  t h e  e n t i r e  l i f t i n g  r o t o r  a t  once o r  a g u s t  which has the  shape of 
a s i n e  wave squared are shown as a funct ion of r o t o r  t h r u s t  c o e f f i c i e n t , a t  a forward speed 
of 200 knots .  The e f f e c t  of blade a rea  loading and t i p  speed i s  very marked. The t rend 
shown i n  Fig. 1 2  showing t h e  d i f f e rence  between t h e  normal acce le ra t ions  t h a t  would be 
experienced by pure he l i cop te r s  as compared t o  compound and winged he l i cop te r s  i n  t h e  
presence of g u s t s ,  suggests t h a t  high r o t o r  t h r u s t  c o e f f i c i e n t s  a t  high forward speeds which 
r e s u l t  i n  a larger p a r t  of t h e  r o t o r  being s t a l l e d  than when the  r o t o r  t h r u s t  c o e f f i c i e n t  
i s  low, make a pure he l i cop te r  less g u s t  s e n s i t i v e  than a compound. 
wings i n  unloading t h e  r o t o r  as it goes from hovering t o  high forward speed, increase the  
margin of t he  r o t o r  from s t a l l ,  so t h a t  when a g u s t  occurs,  larger l i f t  increments a r e  
developed. 

speeds a r e  very s i m i l a r  t o  those of an a i rp l ane  with a high wing loading. The fo rces  
generated by and i n  t h e  plane of t h e  prop-rotor are, however, s e n s i t i v e  t o  advanced r a t i o  
and must be taken i n t o  account. Horizontal  g u s t s  may a c t u a l l y  be the  most severe s i t u a t i o n  
f o r  t h e  low-disc loading tilt r o t o r  a i r c r a f t .  A ca l cu la t ion  of t h i s  type has been reported 

For example, t h e  d e t a i l e d  response of a he l i cop te r  r o t o r  t o  a sharp-edge g u s t  w i l l  
pos i t i on  of t he  f i r s t  blade t o  e n t e r  t he  g u s t .  A second compli- 

The rate a t  which the  g u s t  ve loc i ty  bui lds  up a t  i t s  leading edge -is shown 
The on-set  of normal acce le ra t ion  i s  

When a g u s t  is  appl ied simultaneously t o  the  e n t i r e  r o t o r ,  t h e  e f f e c t  of nonsteady 
For sequen t i a l  pene t r a t ion ,  

Higher modes 

This i s  a measure of t he  blade area and t i p  speed f o r  

I n  the  f i r s t  of t hese  f i g u r e s ,  t he  normal acce le ra t ion  r e s u l t i n g  from 

That i s  t o  say, t h e  

For t i l t -w ing  and t i l t - r o t o r  a i r c r a f t ,  t h e  v e r t i c a l  g u s t  loadings a t  high forward 

' I  
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i n  Ref .  26 f o r  a t i l t - r o t o r  a i r c r a f t  f l y ing  a t  350 knots and enter ing a 50 f t . / s e c .  hori-  
zon ta l  g u s t  with a sine-squared wave f r o n t .  It i s  noted that the response t o  t h i s  condi- 
t i o n  was .38 ho r i zon ta l  g ' s ,  and while t h i s  was noted a s  a reasonably moderate response 
f o r  t h i s  condi t ion,  it i s  l i k e l y  t h a t  some provisions f o r  gus t  a l l e v i a t i o n  w i l l  be required 
f o r  a i r c r a f t  of t h i s  type.  

Rotors general ly  provide opportuni t ies  f o r  incorporating gus t  a l l e v i a t i o n  devices.  
Ref. 26, f o r  example, shows t h a t  f o r  r o t o r s  with f lapping hinges,  geometric coupling between 
t h e  c o l l e c t i v e  flapping of a l l  blades (sometimes c a l l e d  tlconingtt) and p i t c h  angle can re- 
duce the  normal acce le ra t ion  due t o  a g u s t  by a s  much a s  18%: This reduction r e s u l t s  when 
the  blade p i t c h  angle i s  reduced 1/20 When faced with the  com- 
bined problems of normal and horizontal  acce le ra t ion ,  blade and con t ro l  loads,  and clearance 
between l a r g e  prop-rotors and f ixed airframe components, it may be necessary that  advanced 
r o t a r y  wing V/STOL a i r c r a f t  incorporate s t r u c t u r a l  dynamic s t a b i l i t y  augmentation devices 
f o r  g u s t  a l l e v i a t i o n .  Techniques of t h i s  kind a r e  being developed f o r  fixed-wing a i r c r a f t  
(See Ref. 27) and should be adaptable t o  V/STOL types.  

f o r  every 10 of llconingll. 

A .  Stowed-Rotor Conf igurat ions 

Two V/STOL configurat ional  types a r e  cu r ren t ly  under study i n  which the l i f t i n g  r o t o r  
i s  stopped, folded and l'stowedll t o  allow f l i g h t  a t  e s s e n t i a l l y  unlimited high forward 
speeds. One of these,  known a s  the "stowed-rotor compound", t r a n s f e r s  t he  l i f t  and pro- 
pulsive fo rce ,  r e spec t ive ly ,  t o  a i rp l ane  type wings and turbo-prop, turbo-fan o r  t u rbo - j e t  
propulsion a t  t he  so c a l l e d  l l transit ion' l  speed, and then brings i t s  helicopter-type r o t o r  
t o  a s top i n  a v i r t u a l l y  ho r i zon ta l  pos i t i on .  Each blade i s  then individual ly  ro t a t ed  
about a hinge located c lose  t o  the r o t o r  s h a f t  and close t o  p a r a l l e l  t o  it, u n t i l  a l l  
blades a r e  l i ned  up approximately with the a i r c r a f t  longi tudinal  a x i s .  I n  some types,  a l l  
blades t r a i l  a f t ,  i n  o the r s  some blades a r e  a f t ,  some forward. Fuselage-top f a i r i n g s  
usual ly  cover the  'Istowedll blades . in these designs.  

The second type is  a t i l t - r o t o r  V/STOL with a propulsion package (usual ly  turbo-fan) 
which r e l i e v e s  the prop-rotor of the propulsive funct ion,  once t r a n s i t i o n  has been made t o  
a i rp l ane  f l i g h t .  The prop-rotor can then be feathered and stopped, much l i k e  the  propel ler  
on a f a u l t y  engine on a conventional a i rp l ane .  Once stopped, t he  blades a re  pivoted a t  
t h e i r  roo t s  and folded a f t ,  umbrella s t y l e ,  t o  c l u s t e r  about and be f a i r e d  i n t o  the  nace l l e ,  
This V/STOL type i s  o f t en  c a l l e d  the ttstowed t i l t - r o t o r t l .  

Both these configurat ions subject  t h e i r  r o t o r s  or prop-rotors t o  forward speed t o  t i p  
speed r a t i o s ,  v/h , much higher than r o t o r s  have ever  before been exposed t o  i n  f l i g h t .  
A s  t he  r o t a t i o n a l  speed drops t o  zero,  these r a t i o s  become i n f i n i t e ,  and the blades,  which 
because of t h e i r  l a rge  radius  and l ight-weight construct ion a re  considerably more limber 
than conventional p rope l l e r s ,  l o se  t h e i r  cen t r i fuga l  s t i f f e n i n g .  During the stopping and 
s t a r t i n g  processes,  forward speed, gus t s  and a i r c r a f t  a t t i t u d e  thus become determining 
f a c t o r s  f o r  blade stresses. From t h i s  viewpoint, the  lowest possible  forward speed a t  . 
which the wing can support  the a i r c r a f t  weight is  the  best  f o r  stopping the  prop-rotor.  
The need t o  keep the r o t o r  p a r a l l e l  and perpendicular t o  the l o c a l  a i rs t ream, respect ively,  
f o r  t he  stowed-rotor compound and the stowed t i l t - r o t o r  V/STOL imposes severe handling 
q u a l i t i e s  c r i t e r i a .  
out  s t o p - s t a r t  processes with fuselage freedoms t y p i c a l  of f r e e  f l i g h t .  
discussion of stowed-rotor compound t e s t i n g  and design considerat ions i s  given i n  Ref. 28. 

Wind tunnel tests have been conducted, but t o  da t e  none have ca r r i ed  
A comprehensive 

Some of the blades of t he  stowed t i l t - r o t o r  V/STOL's must--in the process of being 
stowed o r  deployed--traverse regions of s u b s t a n t i a l  veloci ty  g rad ien t s ,  s ince they go from 
being roughly perpendicular t o  p a r a l l e l  t o  the chord plane of the wing. 
r e spec t s ,  however, the stowed-rotor compound would seem t o  be more suscept ible  t o  gus t s  
and handling q u a l i t i e s  d i f f i c u l t i e s  i n  i t s  s t o p - s t a r t  cycle.  One consequence of having 
advance r a t i o ,  
span on the t t r e t r ea t ing l l  s ide  i s  i n  reverse flow; t h a t  i s ,  the  (geometric) t r a i l i n g  edge 
becomes the (aerodynamic) leading edge. Thus, i f  the blade e l a s t i c  t o r s ion  a x i s  were a t  
25% chord, on the  advancing s ide  it would be coincident with the  cen te r  of pressure,  and 
on the  r e t r e a t i n g  s ide  it would be one-half chord length behind it. 
ca t ions  f o r  t he  t o r s i o n a l  a e r o e l a s t i c  divergence speed of the blade and hence on gus t  sensi-  
t i v i t y .  Even more important i s  the llswept-forwardtt condition that a t  l e a s t  one of the 
blades being deployed t o  i t s  "stowedtt posi t ion w i l l  t r ave r se .  A s  shown i n  Fig. 13, sweep 
e f f e c t s  couple bending with to r s ion  so  a s  t o  r a i s e  the t o r s i o n a l  divergence speed with 
sweepback and lower it with forward sweep. The combination of forward sweep, t r a i l i n g  
edge forward, and limber bending s t i f f n e s s  a l l  serve t o  make g u s t  s e n s i t i v i t y  i n  t r a n s i t i o n  
a d i f f i c u l t  design problem f o r  the stowed-rotor compound. This follows not only because of 
blade stresses, but  because the hub moments r e s u l t i n g  from stopped, forward-pointing 
( i . e .  180 \y L 270°) b l a d e r a s r a r e  acted on by gus t s  and o the r  disturbances,  
impose add i t iona l  con t ro l  requirements on the airf rame.  

I n  most other  

V/Y, j g r e a t e r  than uni ty  f o r  t he  horizontal  r o t o r  is  t h a t  the e n t i r e  blade 

This has major impli- 
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V I .  Summary and Conclusions. 

The a e r o e l a s t i c  c h a r a c t e r i s t i c s  of r o t o r s  o r  ro to r -p rope l l e r s  of rotary-wing V/STOL 
a i r c r a f t  w i l l  inf luence t h e  handling q u a l i t i e s  of these a i r c r a f t  a t  least  by t h e i r  approxi- 
mate f i r s t  o rde r  l a g  r ep resen ta t ion  and more o f t en  by t h e i r  higher order  dynamics, whether 
t h e  r o t o r s  a r e  hinged o r  n o t .  A s  r o t o r s  grow i n  s i z e ,  t he  r e s t r i c t i o n  which keeps r o t o r  
t i p  speeds below c r i t i c a l  Mach number r e s u l t s  i n  blade n a t u r a l  frequency c h a r a c t e r i s t i c s  
low enough not  only t o  couple with a i r c r a f t  rigid-body response, but a l s o  t o  become sus- 
c e p t i b l e  t o  pi lot-forced resonance and/or pilot-coupled i n s t a b i l i t i e s .  
(1) t h e  low damping inherent  f o r  r o t o r  blade motion i n  the  plane of r o t a t i o n  and (2 )  t he  
low-natural frequencies associated with flexibly-mounted prop-rotors i s  so p o t e n t i a l l y  
important as t o  always r equ i r e  a i r f rame-control  system ( including S.A.S. and a u t o p i l o t )  
s t a b i l i t y  t o  be examined with due cognizance faken, of these f a c t o r s .  Gust response of 
compound he l i cop te r s  a t  high forward speed w i l l  probably be more severe,  as regards the  
f ixed  airframe normal acce le ra t ions ,  t h a t  t h a t  of pure he l i cop te r s ,  al though the  concomi- 
t a n t  blade and c o n t r o l  system s t r e s s  problems a r e  l i k e l y  t o  be less se r ious .  
stowed J o t o r  V/STOL's, t he  g u s t  problem i s  most severe i n  t r a n s i t i o n ,  and seems p a r t i c u l a r l y  
d i f f i c u l t  f o r  t he  configurat ion which s tops and stows t h e  l i f t i n g  r o t o r  i n  a ho r i zon ta l  
pos i t i on .  

The combination of 

For stopped- 

V I I .  References 

1. Duncan, W. T . ,  CONTROL AND STABILITY OF AIRCRAFT, Cambridge N e w  Se r i e s ,  1952. 

2. Etkin,  B . ,  DYNAMICS OF FLIGHT, J .  Wiley E Sons, 1959. 

3 .  Schwendler, R. G .  and MacNeal, R. H . ,  OPTIMUM STRUCTURAL REPRESENTATION I N  AEROELASTIC 
ANALYSIS, ASD-TR-61-680, January,  1962. 

4. Pearce,  B. F . ,  RESIDUAL STIFFNESS EFFECTS I N  TRUNCATED MODAL ANALYSES, ASD-TDR-63-334 
P a r t  11, J u l y ,  1963. 

5. Kolk, W .  R . ,  MODERN FLIGHT DYNAMICS, Prentice-Hall ,  1961. 

6.  Cannon, R. H . ,  ROUTE-LOCUS ANALYSIS OF STRUCTURAL COUPLING I N  CONTROL SYSTEMS, ASME 

7. Fonda, A .  G .  and Frueh, F. J . ,  FLEXIBLE FLIGHT VEHICLE TRANSFER FUNCTION FACTORS FOR 

paper N58-A-65, Meeting Nov. 30 - Dec. 5, 1958. 

USE I N  AUTOPILOT PRELIMINARY DESIGN, RTD-TDR-63-4218, Apr i l ,  1964. 

8.  Pass,  H.  R. and Pearce, B. F . ,  TOPICS ON FLEXIBLE AIRPLANE DYNAMICS, PART I V  COUPLING 
OF THE R I G I D  AND ELASTIC DEGREES OF FREEDOM OF AN AIRFRAME AUTOPILOT SYSTEM, ASD-TDR- 
63-334, P a r t  I V ,  J u l y ,  1963. 

Vol. 1 2 ,  No. 24, 1921 (Translated i n  "Aircraf t  Engineering", September, 1940). 
9.  Karman, Th. V . ,  HELICOPTER THEORY, Zeibochrif t  f u r  Flugtechnik und Motorluf tschiffahib,  

' 1 0 .  Crocco, G .  Arturo,  INHERENT STABILITY OF HELICOPTERS, NACA TM-234, October, 1923, . (From "Rendicont d e l l a  R. Accademia Nazionale d e i  Lincei", August, 1923.) 

11. Young, Maurice I., A SIMPLIFIED THEORY OF HINGELESS ROTORS WITH APPLICATION TO TANDEM 
HELICOPTERS, American Helicopter Society,  Proceedings of t h e  Eighteenth Annual Forum, 
May 2, 3 ,  4, 1962, Washington, D.  C .  

1 2 .  Hohenemser, K . ,  DYNAMIC STABILITY OF A HELICOPTER WITH HINGED ROTOR BLADES, NACA TM- 
907, 1949. 

1 3 .  Mi l l e r ,  R. H . ,  HELICOPTER CONTROL AND STABILITY I N  HOVERING FLIGHT, J.A.S.,  August, 1948. 

14.  Amer, K .  B . ,  THEORY OF HELICOPTER DAMPING I N  PITCH AND ROLL AND A COMPARISON WITH 
FLIGHT MEASUREMENTS, NASA TN-2135, October, 1950. 

15 .  Yntema, R. T . ,  SIMPLIFIED PROCEDURES AND CHARTS FOR THE RAPID ESTIMATION OF BENDING 
FREQUENCIES OF ROTATING-BEAMS, NACA TN-3459, June, 1955. 

16. Advisory Group f o r  Aeronautical  Research and Development, RECOMMENDATIONS FOR V/STOL 
HANDLING QUALITIES, Report 408, October, 1962. 

VEHICLE SYSTEM CONSIDERATIONS, Aerospace Engineering, February, 1962. 
1 7 .  Ashkenas, I .  L . ,  and McRuer, D.  T . ,  A THEORY OF HANDLING QUALITIES DERIVED FROM PILOT- 

0 

I 



7 -  13 

18.  

19.  

20. 

21. 

22. 

23. 

24. 

25. 

26. 

27. 

28. 

McRuer, D.  T . ,  and Krendel, E .  S . ,  THE HUMAN OPERATOR AS A SERVO SYSTEM ELEMENT, 
Journal of t he  Franklin I n s t i t u t e ,  Vol. 267, No. 6, June,1959. 

Kuehnel, H.  A . ,  IN-FLIGHT MEASUREMENT OF THE TIME REQUIRED FOR A PILOT TO RESPOND TO 
AN AIRCRAFT DISTURBANCE, NASA TN D-221, March, 1960. 

Hall, I. A .  M . ,  EFFECT OF CONTROLLED ELEMENT ON HUMAN PILOT, WADC TR-57-508, 
August, 1958. 

Lytwyn, R. T . ,  AN ANALYSIS OF THE DIVERGENT VERTICAL HELICOPTER OSCILLATIONS RESULT- 
I N G  FROM THE PHYSICAL PRESENCE OF THE PILOT I N  THE COLLECTIVE CONTROL LOOP, Journal  
of t h e  American Helicopter Society,  January,  1967. 

Gabel R . ,  and Wilson, G .  J . ,  TEST APPROACHES TO EXTERNAL SLING LOAD INSTABILITIES, 
Jou rna l  of t h e  American Helicopter Society,  J u l y ,  1968. 

Smollen, Leonard E . ,  Marshall, Ph i l ip ,  and Gabel, Richard, ACTIVE VIBRATION ISOLATION 
OF HELICOPTER ROTORS., Jou rna l  of t he  American Helicopter Society,  Vol. 7, No. 2 ,  
Apr i l ,  1962. 

Theobald, Charles E . ,  and Jones,  R . ,  ISOLATION OF HELICOPTER ROTOR VIBRATORY FORCES 
FROM THE FUSELAGE , WADC TR- 57- 404, September, 1957. 

Coleman, Robert P. and Feingold, Arnold M . ,  THEORY OF SELF-EXCITED MECHANICAL 
OSCILLATIONS OF HELICOPTER ROTORS WITH HINGED BLADES, NACA T.  N .  3844, 1957. 

Drees, Jan M .  and Harvey, Keith W . ,  HELICOPTER GUST RESPONSE AT H I G H  F O M R D  SPEED, 
A I A A  Paper No. 68-981, 5th Annual Meeting and Technical Display, October 21-24, 1968. 

Wykes, John H . ,  STRUCTURAL DYNAMIC STABILITY AUGMENTATION AND GUST ALLEVIATION OF 
FLEXIBLE AIRCRAFT, A I A A  Paper No. 68-1067, 5th Annual Meeting and Technical Display, 
October 21-24, 1968. 

Deckert. Wallace H.  and McCloud 111, John L., CONSIDERATIONS OF THE STOPPED ROTOR 

, 

V/STOL CONCEPT, Journal  of t h e  American Helicopter Society,  Vol. 13, No. 1, January,  
1968. 



7 -  14 

damper 

I0.C 

G 

8 . 

5.c 

RESPONSE 
FREQUENCY, 

CPS 

2.0 

I .o 

0.5 

0.3 

GROSS WEIGHT .-. KIPS 

F i g . 1  E f f e c t  o f  g ross  weight on wing bending and s h o r t  per iod response 
frequency 

Fig. 2 Simplif ied block diagram o f  a i r c r a f t  contra1 response i n c h d i n $  
e l a s t i c  modes 



7 -  15 

fl ROTOR WITH FLAPPING HINGES 

0 

n 

0 HINGELESS ROTORS 

0 ROTORS DESIGNED FOR FLAPPING 
HINGES WITH HINGE LOCKED 

0 
n A A  n n & 

I I I I I I I I I 
5 IO 15 20 25 30 35 40 45 

ROTOR RADIUS - FT. 
I 

F i g . 3  F i r s t  f lapping n a t u r a l  frequency a s  a func t ion  of  r a d i u s  

90 

80 

70 

' 60 

50 

I W m 

.6 .7 .8 .9 I .'o 40 

W O ,  
Fig .4  Phase-frequency r e l a t i o n  f o r  constant  c y c l i c  input  



7 - 1 6  

0 

-IC 

- 2c 

- 3c 

0 

db T RIGID 

Fig.5 Direct response to cyclic control input 

f 
.O 

- 100 

- 200 

- 

10 

200 

IO0 

0 

100 

Fig.6, Cross control coupl.ing as a function of frequency 



7 - 1 7  

0 LAG BENDING VALUES FOR 
ACTUAL BLADES 

0 10 20 30 40 50 60 70 80 90 

ROTOR DIAMETER (FT)  

Fig .7  Fundamental n a t u r a l  frequency v s  r a d i u s  h i n g e l e s s  r o t o r s  

10 ~ 

0 2 4 6 8 i o  
COO0 AVERAGE POOR 

F i g . 8  P i l o t  opinion r a t i n g  



7 -  18 

ROTOR 

ILOT PLUS SEAT 
SEAT IN MOUNTING 

FUSELAGE MASS *f  

CABLE SPRING 

-LOAD MASS 
*A 

Fig.9 Mathematical  model f o r  c o l l e c t i v e  c o n t r o l  feedback o f  h e l i c o p t e r  
w i th  s l i n g  l o a d  

I 

Fig .  10 Mathematical  model f o r  t i l t - r o t o r  v / s t o l  a i r c r a f t  c o l l e c t i v e  c o n t r o l  
feedback 



7 -  19 

6- 

4- 

.I 

2 -  

- 
o +  

A 

a 
W 

200 KNOTS 

UDDEN GUST 

C 
a 

r, 

0 

0 0.02 O m 0 4  0.06 0.08 
ROTOR-THRUST C O E F F I C I E N T ,  @/c 
Fig.11 E f f e c t  o f  Rotor- thrust  c o e f f i c i e n t  on t h e  g u s t  load 

d 

d 
E 

COMPOUND AND 
WINGED HELICOPTERS 

HE L I  COPT ERS 

0 002 04 .(a6 .08 LO 12 

ROTOR-THRUST COEFFICIENT, 
C T b  

Fig.12 Rotor g u s t  load r a t i o  ve r sus  CT/U 



7 - 2 0  

d e f l e c t e d  

Fig.13 Reduction in angle of  attack by sweep-back and bending 

i o n  angle  

V sin 8 sin /3 



AEROELASTIC PROBLEMS OF FLEXIBLE V/STOL ROTORS 

bY 

D. E. B R A "  

Chief, V/STOL Dynamics 
The Boeing Company, V e r t o l  Divis ion 

Phi ladelphia ,  Pennsylvania 

. .  



8 



8- 1 

AERCEJASTIC PROBLEMS OF FLEXIBLE V/STOL RUTORS 

by 

D. E. BRAElDT 

Chief, V/STOL ~ynamics 
The Boeing Company, Vertol Division 

A discussion is presented of the aeroslestic problems associated with the use of large rotors i n  
V/STOL aircraf t .  
Propulsive mode, mechanical i n s t ab i l i t y  in the hover t o  ground mode, and gust response character- 
i s t i c s  peculiar t o  large propulsive rotors. 
phenomena ere described and methods for the i r  control using feedback concepts ere examined. Some 
r e su l t s  of studies for  a typical  configuration ere given. 
for large rotors is emphasized and some resul ts  ere presented for  programs involving such models. 

These inclme divergence and w h i r l  f l u t t e r  of large rotors when operating in the 

The mechanism of these in s t ab i l i t i e s  and response 

The value of dynamically similar models 

~ O m I W  

Requirements f o r  a i rcraf t  which approach the helicopter's hwering efficiency as w e l l  as the high 
speed cruise and range characterist ics of fixed wing a i r c ra f t  have generated a i r c ra f t  configurations 
which u t i l i ze  the prodrotor .  TypicaUy the prodrotor  aeroaynamic characterist ic must provide a 
good figure of merit i n  hwer  when the blades ere most heavily loaded as w e l l  a8 a high efficiency 
when the blades are l i gh t ly  loaded such as i n  cruise. 

Three configurations u t i l i z ing  the pr.op/rotor which introduce &he classes of aeroelestic problems 
discussed herein are s h m  i n  Figure 1 through 3. The tilt wing configuration tilts the wing and 
propellers i n  the VertiCBl posit ion for hwer.  
f low over the wing and the attendent increments of l i f t  and drag ere used t o  advantage for excellent 
STOL performance. 

The tilt rotor configuration is similar t o  .the tilt wing i n  principle differing only i n  tha t  the 
nacelles ere t i l t e d  rather than the whole wing, and it typically has larger diameter rotors. 
it retains hover efficiencies comparable t o  the helicopters and has cruise speed capabili t ies higher 
than the helicopter but somewhat l e s s  than the tilt wing. 

The folding tilt rotor  concept hovers and mskes a t ransi t ion t o  forward f l i g h t  i n  the same way as 
the pure k i l t  rotor. However, when the a i r c ra f t  reaches 8 conversion speed of between 130 t o  X)O 
knots, the rotors  are feathered and stopped end the blades folded back in to  wing mounted nacelles. 
Thrus€ for conventional f l ight  is then provided by convertible engines which are capable of pro- 
ducing ei ther  shaft  p m r  for  the rotors or fan thrust. 
comparable t o  the fixed wing and higher cruise speeds then the tilt wing concept. 

Vir tual ly  every Such prop/rotored aircraf t  has design c r i t e r i a  based on aeroelastic problems. 
most of these aeroelastic phenomena ere reasonably well understood, with the current scarcity of 
experiences, i€ is not unconrmon i n  specific cases for  en a i r c ra f t  t o  be i n  serious trouble because 
of one or more of them. Lacking h i s to r i ca l  trend and experience data, t o  properly account f o r  these 
effects on vehicle weight and p e r f m n c e ,  i t  is most important i n  the preliminary design phase t o  
give a detailed r e a l i s t i c  and accurate treatment of these problems. 

The high velocity of the slipstream stabi l izes  the 

Thus 

This resul ts  in forward f l i gh t  efficiencies 

While 

In t h i s  paper we will discuss a selected group of aircraft problems which ere influenced by the 
eeroelastic aspects of the p rodro to r  and which are par t  of the classes of problems related t o  
s t ructural  s t a b i l i t y  and forced response. I n  particular the use of active feedback coupling t o  
rotor collective or cyclic pitch w i l l  be discussed. It 1s emphasized that the basic philosophy 
&ding the design of these aircraf t  COnfiguratiOM and their  feedback systems i s  t h a t  the a i r c ra f t  
should be designed With inherent s tabi l i ty ,  and the feedback systems ut i l ized t o  improve the flying 
quali t ies,  increase the s t a b i l i t y  margins, increase the fail-safety, and as a provisional means t o  
incorporate solutions t o  marginal or unanticipated problems that might ar ise  in the developmental 
f l i gh t  tes t ing program of production design aircraf t .  

The general class of problems are surveyed in Table I. A brief description of each follows. The 
more c r i t i c a l  problems of whirl f l u t t e r ,  gust response, and meebenical i n s t ab i l i t y  w i l l  be discussed 
i n  more depth, and the extent to which t e s t  and analyses performed t o  date correlate or highlight 
important aspects of the problem w i l l  be shown. 
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TABLE1 

AEROEIASTIC S~~ STABILITY AND FORCED RESPCNSE FROBLDLS OF PROP/ROTOR V/STOL AIRCRAFT 

WETG/ROTOR DIVEWEWX u r g e  destabil izing prop/rotor n o m 1  Normal force derivatives 
force and " e n t  derivatives. 
Derivatives may increase with angle- 
of-attack. 

Large interaction of ro tor  forces with 
wingtnacelle motions. Reducing thrust  and inflow ra t io s  
is destabilizing. Disc tilt may be encountered. 
important parameter. 

are la rges t  vlllve fo r  
non-rotating blade. 

WKmL F L m  Large RPM variations 

GROUND AND AIR Applies t o  rotors with subcr i t ica l  
ME"ICAL INSTABILITY blade frequencies. Aircraft r i g id  

body and multiple, variable flexible 
airframe modes with low ef fec t ive  
mass are present i n  the important 
forcing frequency band. 

Elas t ic  deflections, twist, incidence 
of these large flexible blades r e su l t  
i n  significant coupling between the 
degrees of freedom. 

PROP/RUL'OR BIdDE 
FL" AND DIVERGENCE 

Large variations in 
stifYness and equivalent 
sweep angles are en- 
countered because of 
folding, gusts and 
mneuver effects.  

Same a8 f l u t t e r  and divergence abwe 

NON-LINEAR LIMIT 
CYCUI FWYIZR 

Strong coupling of blade mod-. 
Possible r e su l t  of non-linear effect  
associated with large displacements 
t ha t  r e su l t  from gust OF control or maneuvers. Large RPM 
inputs. and inflow ra t io s  

Blade s t a l l  and large 
displacements a t  low 
RPMs can r e su l t  f r o m  gust 

encountered. 

GUST BESPCNSE Low d isc  loading r e su l t  i n  large 
force increments. Lateral- 
directional s t a b i l i t y  degraded i n  
non-homogeneous turbulence. 

AIRFRAMF VIBRATION Non-uniform inflow, maneuver and 
gust effects produce large 
excitation. 

Trensversing blade and 
wing natural frequencies 
produce large amplifi- 
cation of cxcitations. 

NOli-IjNIFORM INFLW Rotor-airframe steady and unsteady 
a e r o d y n d c  interference effects,  
ro tor  t r a i l i n g  vortex e f fec ts ,  non- 
ax ia l  flow conditions, gust and 
cross wind ef fec ts  r e su l t  i n  non- 
uniform inflow through the ro tor  
disc. 
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PROP ROTOR WMRL FLUTPER AND DIVERGENCE 

Propeller whirl f l u t t e r  and wing-rotor divergence are problems experienced on conventional propeller 
driven a i r c ra f t .  
t e s t  of the XV-3 i n  1962. 

Wing-rotor divergence is a quasi-static i n s t ab i l i t y  of the wing and rotor which occurs a t  an a i r -  
speed where the combination of disturbing aerodynamic forces equals or exceeds the e l a s t i c  restoring 
forces provided by the wing structure. 
loading prop/rotor configuration because of the destabil izing e f fec t  of the associated large ro tor  
normal force and moment derivatives. That is, when the wing twists s t a t i ca l ly  the rotor experiences 
an angle of attack and a normal force which tends t o  increase the t w i s t  angle, i .e.  tends t o  produce 
divergence. 

These destabil izing ro tor  aerodynamic forces are produced by a cyclic variation i n  angle of attack of 
the blade produced by non-axial flow; hence it  i s  possible t o  reduce and even overcome th i s  effect  by 
a suitably phased application of cyclic pitch geared t o  the quantity causing the i n i t i a l  normal 
force. T h i s  may be envisioned i n  an approximate way as gearing the ro tor  t o  the wing so t ha t  i t s  t i p  
path plane is  maintained i n  an unchanged orientation i n  space even when the wing t w i s t s .  However, i t  
should be remembered t h a t  zeroing out the normal force and maintaining the t i p  path plane orientation 
a re  not exactly equivalent. 
derivatives increase with tilt angle re la t ive  t o  the f ree  stream so tha t  the high speed cruise COn- 
d i t ion  i s  not necessarily the c r i t i c a l  divergence condition. In the stoppable rotor configuration, 
the condition of zero RPM where des t ah i lk ing  aerodynamic forces tend t o  be a maximum for the ax ia l  
f low case m u s t  a l so  be addressed. 

The phen-na conrmonly referred t o  as whirl f l u t t e r  i s  a c lass  of i n s t ab i l i t y  involving the wing and 
eirframe structures mOdes and the gyroscopically coupled freedoms o f  the ro tor  system. 
characterized by spiraling motion of the ro tor  hub i n  an e l l i p t i c a l  motion, rotating i n  the opposite 
direction t o  regular propeller rotation. 
problem and m y  also introduce additional modes of i n s t ab i l i t i e s .  

To avoid propeller whirl f l u t t e r  the normal modes of the rotor motion must prevent the t ransfer  of 
energV from the airstream t o  the propeller/nacelle structure.  
selection of mass, s t i f fness ,  and geometric characterist ics (as  i n  the c lass ica l  approach for the 
prevention of f l u t t e r  and divergence), or a l te rna te ly  by the use of mechanisms t o  apply control 
motions t o  the blades t o  nul l i fy  aerodynamic coupling, or by a combination of both approaches. 

As i n  the case fo r  divergence, it may be reasoned tha t  since whirl f l u t t e r  i s  caused by the large 
aerodynamic yaw mment produced by a pitch angle on the rotor, again caused by cyclic variation of 
the angle of attack around the azimuth, a cyclic pitch input t o  the rotor with suitable phasing and 
geared t o  wing torsion can null out the yawing moment and, therefore, the tendency t o  whirl. 

In t rea t ing  this problem we have developed s t a b i l i t y  analyses which describe the dynamic behavior of 
large diameter flexible rotors mounted a t  the t i p s  of typ ica l  wing structures and operating a t  high 
forward speeds. These analyses also address s t a t i c  aeroelastic divergence. 

A typ ica l  analytical  model t o  predict  f l u t t e r  and divergence characterist ics i s  shown i n  Figure 4. 
This i s  a 6 degree of freedom analyses which describes the coning, pitch and yaw of the disc,  w i n $  
nacelle ver t i ca l  bending (ve r t i ca l  translation),  torsion (nacelle pi tch) ,  and chordwise bending 
(nacelle yaw). Both the e f fec ts  of s t ruc tura l  damping and feathering feedback are included. 
analysis computes the s t a b i l i t y  boundary as a function of variation i n  pitch and yaw natural 
frequencies. 

Prop/rotor whirl f l u t t e r  was f i rs t  experienced by a VTOL during the wind tunnel 

This problem i s  par t icu lar ly  c r i t i c a l  i n  the low-disc- 

It should a l so  be noted tha t  there i s  evidence tha t  the important rotor 

It i s  

Large, flexible, rotors are more l i ke ly  t o  encounter this 

This can be achieved by proper 

The 

Figure (5) shows a typ ica l  analytical  r e sv l t  pertaining t o  a particular design where the design 
point l i e s  on the boundary of B f l u t t e r  region and uncomfortably close t o  divergence. 
case was studied to see whether feedback of the type previously mentioned would he effective i n  
improving the si tuation. 
pitch phasing normally used for control and a 1:l re la t ion  between wing twist  and the cyclic pitch 
amplitude, reduces the torsional s t i f fness  requirement for  divergence t o  near zero but extends the 
f l u t t e r  region. 

This i s  approximately eauivalent t o  zeroing out the normal force. 
1:l r a t i o  of cyclic pitch t o  torsion, but phased 90° i n  advance of tha t  used for a i r c ra f t  pitch 
control it is seen from Figure 7 tha t  the f l u t t e r  region disappears and comfortable margins ex i s t  for 
pitch and yaw divergence. 

The whirl f l u t t e r  behavior of large flexible rotors i s  an  obvious area of application for model t e s t  
techniques. 
Company t o  gain insight in to  the aeroelastic behavior of large flexible rotors and t o  pravide data 
t o  correlate with analysis. 

The f i r s t  model was a 30 inch diameter unpowered or windmilling semi-span model generally represen- 
t a t ive  of the tilt ro tor  configuration and was oriented toward generating parametric data t o  exmine 
the f l u t t e r  phenomena and substantiate the degree of va l id i ty  of the analysis previously described. 

This basic 

It i s  seen from Figure 6 that feedback which makes use of the cyclic 

mow introducing a f b t h e r  similar 

A series of model t e s t s  have been accomplished a t  the Vertol Division of the Boeing 

Figure 0 and 9 show two models used for these purposes. 
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To t h i s  end, the mechanical features 
matical model. The blades were f r ee  
s t i f f  i n  the chordwise and tors iona l  
wing spar. Parametric variations of 
investigated. 

of the model were such tha t  it closely simulated the mathe- 
t o  f l ap  normal t o  the plane of the d i sc  only and were very 
modes. 
wing spar s t i f fness ,  blade hinge offset ,  and blade mass were 

Wing aerodynamic e f f ec t s  were excluded by shrouding the 

The second model was a 5 .foot diameter, powered, semi-span model dynamically similar t o  a specific 
tilt ro tor  design. 
tilt angle. 
the investigation of prop whirl  f l u t t e r  characterist ic,  the model was u t i l i zed  t o  generate blade 
loads data under condition of non-axial flow and cyclic p i tch  control. 

It should be noted tha t  the design and construction of dynamically similar model requires the same 
careful a t ten t ion  as the full scale hardware. 
natural  frequencies, careful balancing of the dynamic components, and the determination of and mini- 
mization of undesirable amounts of b u i l t  i n  l a t e r a l  cyclic and control free-play. 
dynamic loads, i n  par t icu lar  Vrev  loads, w i l l  dominate the data, making needed on-site interpre- 
ta t ions  of the data d i f f i c u l t  a t  bes t  and complicating the f i n a l  da ta  reduction procedure. 
more important is the poss ib i l i ty  of having t o  l imi t  the scope of desired tes t ing  because blade loads 
exceed safe l imits.  

The model included remotely controlled collective and cyclic pitch, and nacelle 
I n  addition t o  The model a l so  incorporated a variable swashplate feathering feedback. 

This requires an accurate prediction of blade 

Otherwise, 

&en 

Typical r e su l t s  from the unpowered model t e s t  program are shown i n  Figure 10 where it can be seen 
tha t  ana ly t ica l  f l u t t e r  predictions (which neglected s t ruc tura l  damping) are conservative and 
correlate well  with the t e s t  data for  a ser ies  of spar s t i f fnesses .  

The f l u t t e r  mode and frequency was, as predicted, essent ia l ly  tha t  of the wing fundtmntal coupled 
v e r t i c a l  bending mode without any significant chordwise bending of the wing (which would produce  raw 
of the nacelle). This is i l l u s t r a t ed  i n  Figure 11 where traces of blade flapping motion, and wing 
ver t ica l ,  chordwise and tors iona l  motions as  measured by s t r a i n  gages are sham. The torsion is i n  
exact phase with the v e r t i c a l  wing bending as  anticipated, the ro ta t iona l  speed plus. and minus 
f l u t t e r  frequency is c lea r ly  evident i n  the blade traces.  This may be interpreted as  the ro tor  t i p  
path plane osc i l l a t ing  i n  p i tch  and yaw a t  the same frequency as the wing oscil lations.  

As a general comment, it should be noted tha t  the complexity of the inter-relationship of important 
parameters make broad general conclusions inadvisable. 
of parameters tes ted  fo r  t h i s  specific model configuration, the f l u t t e r  speed tended t o  increase 
with tors ion  s t i f fness ,  with hinge of fse t ,  and with blade weight. 
sharing the e f f ec t s  of blade weight, hinge offset ,  and beam s t i f fnesses  are shown i n  Figures (12, 
13, and 14 respectively) . 
it can be seen from beam 3 i n  Figure 14 t ha t  the c r i t i c a l  ro tor  RFM may be obtained as  the ro tor  is 
feathered and the  ro tor  slowed t o  an RPM below i t s  normal operating RPM. 

The e f f ec t s  of nacelle tilt re la t ive  t o  the f r ee  stream are i l l u s t r a t ed  i n  Figures 15  and 16 for 
two d i f fe ren t  beams. I n  Figure 15 the f l u t t e r  speed fo r  a fixed collective c lear ly  increases with 
nacelle tilt. However, i n  Figure 16 which is a p lo t  of f l u t t e r  speed vs collective pitch f o r  two 
discrete nacelle tilt angles, it can be seen tha t  the f l u t t e r  speed may e i ther  increase or decrease 
with nacelle tilt a t  a fixed collective depending on the collective pitch sett ing.  
be observed tha t  the most c r i t i c a l  f l u t t e r  condition i s  i n  f ac t  a t  the 4.5' nacelle tilt which is 
more representative of cruise angles of attack. 
frequencies and mode shapes are handled i n  a s t r a igh t  forward manner and do not explain these resu l t s .  
Obviously the e f f ec t s  of non-axial f low must be carefully examined i n  each specific design. 

The bes t  one can say is t ha t  for the range 

Typical experimental r e su l t s  

With par t icu lar  reference t o  the stoppable ro tor  a i r c r a f t  configurations, 

It should a l so  

The e f f ec t s  of nacelle tilt on the coupled natural  

Result from the powered model shown i n  Figure 9 are sham i n  Figure 17. 
t e s t  a l so  involved the wing coupled ve r t i ca l  bending mode. 
speed charac te r i s t ic  correlate with theory when wing aerodynamic e f f ec t s  are neglected. 
seen from these data, the influence of posit ive t h r u s t  is s tab i l iz ing  with f l u t t e r  occurring near 
the zero or s l i g h t l y  negative thrus t  condition charac te r i s t ic  of a windmilling rotor.  It i s  also 
noted tha t  t h i s  f l u t t e r  was limit-cycle i n  nature permitting long increments of time f a i r l y  deep 
within the f l u t t e r  region without the osc i l la t ion  building up t o  c r i t i c a l  amplitudes. It suggests 
t ha t  some non-linear or wing ro tor  unsteady interference e f fec ts  may be present. 

The f l u t t e r  mode i n  this 
Both the  f l u t t e r  frequency and f l u t t e r  

As can be 

MECHANICAL INSTABILITY 

Large diameter hingeless rotors,which incorporate cyclic p i tch  fo r  yaw control, such as for  the tilt 
ro tor  configurations, tend t o  have a low inplane s t i f fnes s  (i.e.,  the natural  frequency of the f irst  
f l ex ib l e  mode below s/rev) t o  reduce blade root stresses.  
which a re  relieved i n  the normal helicopter blade by the l a g  hinge. However, the consequence of 
u t i l i z i n g  a l o w  inplane s t i f fnes s  blade is t o  introduce the poss ib i l i t y  of mechanical ins tab i l i ty ,  o r  
ground and air resonance. 

These loads a r i se  fYom Coriolis forces 
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The mechanism of mechanical i n s t a b i l i t y  i s  w e l l  understood and has been t r e a t e d  i n  he l icopters  on a 
rout ine  b a s i s  f o r  many years. 
a very few modes; usua l ly  coupled l a t e r a l  and r o l l  motion of the  fuselage i s  the only mode t h a t  i s  
s i g n i f i c a n t .  

V/STOL systems d i f f e r  from he l icopters  i n  t h a t  t h e  prop/rotors  a r e  mounted a t  the  r e l a t i v e l y  f l e x i b l e  
wing t i p s .  
wing modes and low mode generalized masses. 
vary with nace l le  tilt angle. 
t o r s i o n  a r e  most a p t  t o  f a l l  wi th in  the  frequency range where mechanical coupling a t  operat ing 
F W s  can occur. 

Figure 18 i s  a t y p i c a l  frequency p l o t  f o r  a tilt r o t o r  a i r c r a f t  i n  the hover configurat ion ind ica t ing  
t h e  increased r i s k  of  mechanical i n s t a b i l i t y  when s t r u c t u r a l  modes a r e  considered. Each i n t e r s e c t i o n  
of t h e  r o t o r  frequency curve y i t h  t h e  o ther  modal frequencies i s  a p o t e n t i a l  point  of  mechanical 
i n s t a b i l i t y .  When i n s t a b i l i t y  occurs i n  a s t r u c t u r a l  mode i t  may be more severe and more d i f f i c u l t  
t o  c o n t r o l  than if assoc ia ted  with r i g i d  body motion of the  whole a i r c r a f t  because t h e  r a t i o  of  
blade mass t o  modal e f f e c t i v e  mass CA3 of a c l a s s i c a l  Coleman type of ana lys i s )  w i l l  be r e l a t i v e l y  
l a r g e r  i n  t h e  s t r u c t u r a l  mode than i n  a r i g i d  body mode. 
s t a b i l i z e  a s t r u c t u r a l  mode may be c o n s i d e r a b l y l a r g e r  r e l a t i v e  t o  the requirement f o r  a r i g i d  body 
mode. 

I n  e i t h e r  case, introducing appropriate  damping t o  the  tilt r o t o r  configurat ion presents  problem not 
found i n  c l a s s i c a l  he l icopter  technology. 
s i g n i f i c a n t l y  with the  r o t o r  usua l ly  have l a t e r a l - r o l l  motion of the  a i r c r a f t  on i t s  landing gear. 
I n  the  t y p i c a l  he l icopter  with r e l a t i v e l y  small r o l l  i n e r t i a ,  there  are two modes involving t h e  
la teral  and r o l l  degrees of  freedom each of which has a s i g n i f i c a n t  component of r o l l  which exerc ises  
the  oleos and provides damping i n  t h e  body freedom. 

I n  t h e  tilt r o t o r  configuration, however, t h e  r o l l i n g  moment of  i n e r t i a  i s  many times l a r g e r  than 
t h a t  of  a he l icopter  of equivalent  weight (due t o  the  r o t o r  locat ion)  and this e f f e c t i v e l y  decouples 
t h e  r o l l  and l a t e r a l  degrees of  freedom so t h a t  sideways motion of the  sh ip  aga ins t  t h e  landing gear 
l a te ra l  s t i f f n e s s  can occur with p r a c t i c a l l y  no closure of t h e  oleo. Thus unless  a s p e c i a l  gear i s  
designed, only a low l e v e l  of damping i s  ava i lab le  i n  this mode, and r e l i a n c e  must be placed i n  
frequency separa t ion  t o  avoid ground resonance. 

The hingeless  r o t o r  a l s o  presents  d i f f i c u l t i e s  i n  the  provis ion of addi t iona l  damping i n  the  r o t o r  
modes. 
beyond t h e  inherent  s t r u c t u r a l  damping, this adds increased c o s t  ,and complexity and necessar i ly  must 
be included i n  t h e  design from t h e  start.  Figure 19 i l l u s t r a t e s  the p o t e n t i a l  problem f o r  the  example 
problem of Figure 18 i n  which only the c r i t i c a l  damping of  the  marginal and unstable  modes i n  or 
near t h e  r o t o r  operat ing RPM band are shown. 
assumed i n  a l l  body modes, 1% i n  f l e x i b l e  airframe modes, and 0.5% i n  the  blade modes. After taking 
account of a l l  ava i lab le  damping, the system i s  still unstable  i n  the hor izonta l  wing bending mode 
j u s t  above operat ing RF'Ms. Given'a f l i g h t  reduct ion from design wing frequency such as might e a s i l y  
be found i n  t h e  ground v i b r a t i o n  survey of t h e  f i r s t  f l i g h t  a i r c r a f t ,  the  unstable  region would s l i p  
i n t o  the  operat ing band of  RF'M. 
s ince damping cannot e a s i l y  be added by c lass ica lmethods .  

However, it should be noted t h a t  these ca lcu la t ions  have neglected the r o t o r  aerodynamic damping. 
Rotor d i s c  r o l l i n g  v e l o c i t y  r e s u l t s  i n  aerodynmic damping which i s  added t o  the body mode. 
magnitude of  these forces  i s  proport ional  t o  the flapwise s t i f f n e s s  or equivalent  hinge o f f s e t  
and f o r  t y p i c a l  hingeless  prop/rotors  can be qui te  la rge  r e l a t i v e  t o  inherent  s t r u c t u r a l  damping. 

Further ,  because these a r e  highly twisted blades, they a r e  a l s o  h ighly  coupled i n  f l a p  and l a g  
motions and, therefore ,  there  i s  an addi t iona l  source of  inplane or rotor-mode damping f o r  most 
operat ing conditions. 
i s  a l s o  an important source o f  damping which must be c a r e f u l l y  assessed. 

Under these circumstances i l l u s t r a t e d  by t h e  previous 2 f igures ,  t h e  need i s  apparent e i t h e r  f o r  
conservative design f a c t o r s  o r  t h e  f a c i l i t y  t o  br ing  t o  bear  some o ther  form of suppression. 
c y c l i c  p i t c h  i s  an e s s e n t i a l  f e a t u r e  of the  tilt r o t o r  design it suggests i t s e l f  as the ac t ive  agent 
o f  a suppression device. I n  t h i s  appl ica t ion  it i s  envisaged t h a t  the swashplate ac tua tor  w i l l  be 
given an input  s i g n a l  from the  unstable  mode so t h a t  t h e  r o t o r  i s  pi tched or yawed i n  phase with t h e  
v e l o c i t y  of  the,mode and thus provides aerodynamic damping i n  the mode. 
wing hor izonta l  bending i n  Figure 19 t h e  r o t o r  swashplate would be dr iven by a s i g n a l  generated by 
fore  and a f t  def lec t ion  of the  wing. Other forms of  coupling might be equal ly  e f f e c t i v e  provided 
they change the  proper t ies  of  the  system s i g n i f i c a n t l y .  As always, with such feedback systems, care  
must be taken t o  ensure t h a t  t h e  measures used t o  s t a b i l i z e  one system did not des tab l ize  others .  

The t y p i c a l  he l icopter  tends t o  be suscept ib le  t o  ground resonance i n  

Thus t h e  r o t o r s  may have many more freedoms a t  t h e  r e l a t i v e l y  low frequencies of the  
Further  t h e  n a t u r a l  f requencies  of  these wing modes 

Such modes as wing symnetric or  antisymmetric hor izonta l  bending and 

Consequently,the damping requirement t o  

The body freedom modes genera l ly  found t o  couple 

While it would be poss ib le  t o  design a hingeless  r o t o r  with devices t o  provide damping 

For t h i s  ca lcu la t ion  3% c r i t i c a l  damping has been 

Thus the  a i r c r a f t  would have a ser ious  problem d i f f i c u l t  t o  cure  

The 

Kinematic coupling r e s u l t i n g  from the  r o t o r  geometry or  e l a s t i c  deformations 

Since 

For example, i n  the  case of  
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F'ROP/ROTOR BLADE INSTABILITIES 

Prop/rotor blades are subject t o  the same s t a t i c  and dynamic i n s t a b i l i t i e s  as fixed wings. 
problems are more complex t o  deal with because the high geometric twist and incidence angles, large 
e l a s t i c  deflection, and the ro ta t iona l  e f f ec t  on i n e r t i a  and aerodynamic forces introduce many 
coupling e f f ec t s  between the degrees of freedom. 
than as v e r t i c a l  or flapwise and chordwise bending as i s  usually considered i n  helicopter or fixed 
wing problems. 

For the ro ta t ing  blade, out-of-plane and in-plane deflections i n  the presence of loads perpendicular 
t o  the deflections give r i s e  t o  powerful torsional moments for  any blade tha t  does not have i t s  non- 
ro ta t ing  s t i f fnesses  i n  these two directions exactly matched. The tors iona l  natural  frequency can 
be lowered by a factor of 4 or 5 because of the increase i n  feathering moment of i n e r t i a  associated 
with these deflections.  
natural  frequencies of what a re  predominantly flapwise modes and lowering those which are predomi- 
nantly chordwise modes. 

Thus, the mechanisms are present which give r i s e  t o  a l l  of the i n s t a b i l i t i e s  t ha t  have been 
encountered i n  helicopter technology, such as s t a t i c  divergence, bending-torsion f l u t t e r ,  pitch-lag 
and flap-lag in s t ab i l i t i e s .  
coupling and spec ia l  treatments t o  control deflections t o  a t t a i n  ro tor  s t a b i l i t y  throughout the 
required operating envelope. 

Slowing, stopping, and folding the ro tor  introduces substantial  changes i n  s t i f fnes s  because of the 
loss  of centrifugal s t i f fen ing  and, potentially,  because of the i n e r t i a l  and folding mechanism 
s t i f fnes s  variations associated with the folding cycle. For example, i f  the folding hinge i s  out- 
board of the feathering bearing, there w i l l  be a subs tan t ia l  change i n  blade torsional frequency. 

The simple s t a t i c  torsional divergence problem encountered by sweep forward wings must be addressed 
for  the ro tor  blade when it i s  stopped because both the e f fec ts  of nacelle angle-of-attack and 
v e r t i c a l  gust w i l l  produce an e f fec t ive  forward sweep on a t  l e a s t  one blade. 
fixed-wing bending-torsion f l u t t e r  problem must be addressed as the blade i s  swept a f t  during the 
folding process. 
maneuvers and gust responses must be carefully assessed. 

The 

Blade deflections occur along a space curve rather 

Geometric incidence required f o r  high speed f l i g h t  r e su l t  i n  ra i s ing  the 

One can anticipate the requirements for bu i l t - i n  geometric kinematic 

An excellent review of these problems can be found i n  Reference (1). 

Likewise, the c l a s s i ca l  

As i n  the ro ta t ing  blade condition, the e f fec ts  of blade deflection result ing from 

LIMIT CYCLE FLU'ITER 

I n  the work of Dr .  M. I. Young (Reference 2) a pioneering investigation of t rans ien t  f lap-lag 
in s t ab i l i t y  as  a r e su l t  of large displacement. e f f ec t  such as produced by gusts or control inputs was 
made fo r  non-twisted helicopter rotors.  He shared tha t  there are normally Coriolis acceleration 
coupling of in-plane and out-of-plane blade motions and second order non-linear e f fec ts  such as time 
dependent perturbations i n  the steady l i f t  and drag loads which could lead t o  l i m i t  cycle oscil lations,  
par t icu lar ly  i n  hingeless ro tors  where low damping i s  available fo r  inplane motions. 

In  the case of the prop/rotor, the r e l a t ive ly  large twists and large blade incidence i n  cruising and 
high speed forward f l i g h t  provides an inherently strong coupling i n  the in-plane and out-of-plane 
components of the blade natural  oscil lations.  
aeroelastic phenomena requires a rigorous derivation of the motion equations. Although these un- 
stable blade osc i l la t ions  may be of limited amplitude, they can be of suf f ic ien t  amplitude t o  
degrade f ly ing  and handling qua l i t i es ,  and blade s t ruc tu ra l  fatigue charac te r i s t ics  t o  unacceptable 
leve Is. 

The stopped rotor configuration must, i n  addition, address the conditions of low RPM and large 
displacement tha t  may ar i se  from gust or evasive maneuvers tha t  occur during i t s  conversion. 

For t h i s  reason, an adequate representation of t h i s  

GUST LOADS INDUCED ON LARGE ROTORS 

The gust response behavior of large l i g h t l y  loaded ro tors  operating i n  the propulsion mode presents 
problems not encountered i n  high d isc  loading propeller technology nor helicopter technology. Since 
the prop/rotor i s  used for hover i t  has the capabili ty of delivering up t o  10 times the thrus t  
needed f o r  propulsion i n  the cruise mode of operation. Hence, any change of blade section angle of 
attack such as that  induced when the ro tor  meets a horizontal  gust can produce large increments i n  
thrus t  compared t o  tha t  needed for  normal cruise equilibrium. This can r e su l t  i n  unacceptable r ide  
qua l i t i es .  It may a lso  produce weight pena l i t i es  associated with dynamic response loads i n  the wing 
which has inherently a low natural  frequency i n  i t s  fundamental bending modes. 

Although longitudinal gust response design c r i t e r i a  fo r  acceptable r ide  aua l i t i e s  are not c lear ly  
defined even i n  simple terms such as  a cabin acceleration for a specified d iscre te  gust ( i n  contrast  
t o  a power spec t ra l  density c r i te r ion) ,  our best  judgment would specify a value one ha l f  the 
acceptable v e r t i c a l  acceleration of approximately 0.05 g longitudinal acceleration. 
qua l i ta t ive  assessment can be obtained by comparing the thrus t  increment of the V/STOL a i r c r a f t  t o  
typ ica l  high speed fixed wing propeller driven a i r c r a f t  which are considered t o  have acceptable 
properties. 
because of the significant differences tha t  may be present i n  the mission spectrums. 

A f i r s t  cut 

However, one must give full recognition t o  the l imitations of t h i s  aua l i ta t ive  comparison 
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Figure 20 i l l u s t r a t e s  the re la t ive  influence of disc loading i n  the cruise mode on the increment of 
thrust  produced by a 20 f t / sec  sharp edged ax ia l  gust. 
loading tilt ro tor  a i r c r a f t  are poten t ia l ly  3 times as sensit ive t o  longitudinal gust as typ ica l  
fixed wing a i r c r a f t  while the tilt wing a i r c r a f t  are approximately 25% more sensit ive.  

Of course, the instantaneous e f f ec t  of a sharp edge gust i s  equivalent t o  assuming constant RPM 
for  the more r a t iona l  (1-cos) gust. The e f f ec t  of symmetric horizontal  gusts on a re la t ive  large 
diameter multirotor V/STOL a i r c r a f t  has been studied f o r  a range of 1-cosine gusts of constant 
amplitude and varying wave length. The main study objective was t o  determine cabin acceleration as 
influenced by the RPM and f lex ib le  wing degrees of freedom and t o  define the requirement for  gust 
a l lev ia t ion  systems. 
model included the A / C  body freedom i n  the longitudinal direction, wing horizontal bending, the 
f i r s t  rotor blade flexural mode (coning) and rotor RPM perturbations. 
on l inearized prop/rotor aerodynamic performance characterist ics.  

Figure 21 i l l u s t r a t e s  the thrus t  increments and Figure 22 the incremental RPMs as a function of time 
for  various gust lengths most typical of low a l t i tudes .  The thrus t  i n i t i a l l y  decreases due t o  the 
increased inflow velocity a r i s ing  from the gust. A t  the same time, the dynamic system responds and 
an overswing e f f ec t  occurs, producing posit ive thrus t  increments of almost the same magnitude as the 
i n i t i a l  negative increments. There i s  a progressive reduction i n  the magnitude of th rus t  increment 
as the gust increases i n  length, as there i s  more time for  the system t o  overcome the ro tor  i n e r t i a  
producing a corresponding greater RPM change. This implies more of the gust energy i s  used i n  
speeding up the ro tor  and l e s s  i n  changing the thrust .  For comparison, the sharp edge gust or 
constant RPM rotor th rus t  levels are a l so  shown i n  Figure 21. Obviously, permitting the RF'M 
var ia t ion  i n  the prop/rotor for these re la t ive  short  time increments provides inherent gust 
alleviation. 

The cabin acceleration i s  made up of two components, the response i n  the a i r c r a f t  r i g id  body mode 
and the response i n  the wing horizontal free-free mode. 
merely a re f lec t ion  of the thrus t  increment. I n  the bending mode, however, the i n i t i a l  response 
(Figure 24) i n  the cabin i s  opposite t o  tha t  of the r ig id  body because of the mode shape. 
cabin acceleration i s  shown i n  Figure 25. The wing fuselage chordwise bending frequency fo r  the 
a i r c r a f t  considered was such that,  for a forward f l i g h t  velocity of 340 kts,  a gust length of 300 f t  
was tuned t o  the chordwise bending frequency. 

The maximum cabin acceleration response i s  essent ia l ly  tuned t o  the wing fuselage chordwise bending 
frequency, but i t s  magnitude i s  acceptably low. 
i s  t o  make the rebound charac te r i s t ic  s l i gh t ly  larger than the i n i t i a l  peak. Of course, i t  must be 
recognized tha t  t h i s  simple analysis neglects the e f fec ts  of wing aerodynamic and s t ruc tu ra l  damping 
which w i l l  reduce the magnitude of the rebound. 

The anticipated sens i t i v i ty  of large rotors t o  gust has led naturally t o  the study of a l lev ia t ion  
systems which reduce the gust loading by changes of collective p i tch  coupled t o  various a i r c r a f t  or  
ro tor  responses. 
p i tch  t o  ro tor  shaft  acceleration. That i s  t o  say rotor shaft  acceleration i s  sensed and ac t iva tes  
a collective p i tch  actuator which adjusts collective i n  such a way as t o  tend t o  maintain constant 
rotor th rus t .  

One can quickly conclude tha t  the low d isc  

The r e su l t s  of t h i s  study are shown i n  Figures 21 through 25. The mathematical 

Rotor aerodynamics are based 

The r ig id  body response (Figure 23) i s  

The net 

As can be seen, the influence of wing f l e x i b i l i t y  

A form of feedback coupling found t o  be most effective i s  t o  gear rotor collective 

For the same tilt wing a i r c ra f t ,  cabin accelerations f o r  the 250 f t  gust for  various gains are shown 
i n  Figure 26. For the high gain (.OOOg) the cabin acceleration i s  essent ia l ly  nulled. 
system analyzed, t h i s  feedback, coupling blade collective pitch with ro tor  shaft  acceleration, 
appears feas ib le  as a means of a l lev ia t ing  the e f fec ts  of symmetric f ron ta l  gusts. 
gust the t o t a l  change of collective pitch t o  zero out the response i s  of the order of l / 2  degree. 
Hence, servo accuracy with respect t o  gain bias, threshold, e tc .  becomes a major engineering and 
design and construction consideration. O f  course, the gust a l lev ia t ion  system's gains, r a t e s  of 
operations, and system thresholds must be carefully evaluated and the coupling e f f ec t s  between other 
gust direction, maneuver and p i l o t  controls must be thoroughly investigated t o  support the def in i t ion  
of system design c r i t e r i a .  

I n  a l l  probability, the more serious gust response problem i s  tha t  of la te ra l -d i rec t iona l  response 
i n  the presence of non-homogeneous turbulence. 
when one rotor experiences a gust of greater in tens i ty  than does the other. As i l l u s t r a t ed  schemat- 
i c a l l y  i n  Figure 27, when the ro tors  are interconnected a change i n  RF'M on one ro to r  i s  communicated 
t o  the other ro tor  v i a  the shafting. 
gust, it w i l l  tend t o  speed up and develop an increment of negative thrust .  
speed up a l so  but i n  doing so increases i t s  angle of attack and develops an increment of thrust .  
Thus a sizeable yawing moment develops. 
dynamic system, the incremental th rus t  on the driven ro tor  w i l l  tend t o  develop a f t e r  the a i r c ra f t  
has developed some yawing velocity. 
the second ro tor  experiencing the gust a t  a l a t t e r  t i ne  a l l  introduce phase lags tha t  can seriously 
degrade the yaw s t a b i l i t y  of the a i r c ra f t .  
required by other c r i t e r i a  or sophistigated gust a l lev ia t ion  systems which involve both yaw damper 
as well as  ro tor  t i p  path plane control. 

For the 

I n  a 20 f t / sec  

Without cross-shafting, yaw moments will be developed 

Thus i n  the extreme case where only one ro tor  experiences the 
The other ro tor  w i l l  

Moreover because the  ro tors  and shafting consti tute a 

I n  addition, the e f f ec t s  of wing f l e x i b i l i t y  and poss ib i l i t y  of 

This may necessitate ve r t i ca l  f i n  areas la rger  than 

I 
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AIRFRAME VIBRATION 

I n  general, the fuselage vibration charac te r i s t ics  require the same careful treatment currently 
employed i n  helicopter development. 
fuselage forced response predictions used i n  helicopter technology i s  d i r ec t ly  applicable and adequate. 
The problem i s  simply more complicated because of the variable coupled natural  frequencies of the a i r -  
frame as previeusly discussed. 

Within the constraints imposed by performance requirements ( the  number of blades, t i p  speed i n  hover 
and cruise, blade radius, chord, and twist) and the requirements dictated by s t ruc tura l  loads and 
deflection, the ro tor  design should be optimized t o  minimize the important vibratory hub loads 
since the  forces and moments represent a measure of the resu l tan t  a i r c r a f t  forced vibration. 

The low fundamental alrframe coupled natural  frequencies which can vary with tilt angle as 
previously discussed and Unique loading environment which produced l/rev loadings i n  particular,  may 
necessitate effective ro tor  a d o r  powerplant isolat,ion for  s t ruc tura l  in tegr i ty .  Obviously such a 
requireuent could have a significant e f fec t  on the whirl f l u t t e r  characterist ic.  The high vibratory 
loading conditions are generally not amenable t o  ana ly t ica l  predictions and, as sWh, shaking 
forces and mouents for  design must be obtained from model t e s t  data. 
interference e f fec ts ,  ro tor  t r a i l i n g  vortex e f fec ts  and large angles of attack a t  the conversion 
speed r e s u l t  i n  non-uniform inflow through the rotor discs, hence large aerodynamic excitations. 

The stoppable ro tor  configuration encounters 
variations necessarily transverse blade and wing natural  frequencies. 
time of duration, t h i s  problem i s  not l i ke ly  t o  r e su l t  i n  a significant human comfort problem, but 
could be of significance i n  considerations of in tegr i ty .  

For the most par t  the technology of ro tor  vibratory loads and 

Additionally rotor/airframe 

a unique transient vibration condition as ro tor  RPM 
Because of the r e l a t ive  short  

(1) Robert G. Loewy, Review of Rotar -Wing V/STOL Dynamic and Aeroelastic Problems AIAA Paper 
No. 69-202, Presented a t  the A&AHS VTOL Research, Design, and Operations Mehing a t  
Georgia Ins t i t u t e  of Technology, Atlanta, Georgia, February 17 - 19 1969. 

(2) M . I .  Young, A Theory of Rotor Blade Motion S tab i l i t y  i n  Powered Flight,  Journal of American 
Helicopter Society, V.9, N-3, July 1964, pp 12 - 25. 
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EFFETS AEROELASTIQUES s u r  les  QUALITES de VOL d'un ROTOR RIGIDE 

par J. GALLOT, SERVICE AERODYNAMIQUE 

Rksumk Introduction 

Le rotor "rigide", B pales plastiques, es t  
un rotor dont les  pales sont relativement 
souples en battement e t  t r a h k e ,  ce  qui 
conduit B l 'ass imiler  B un rotor articulk B 
forte excentricitk de battement e t  de trarnke. 
Cette simplification permet  de reprksenter 
correctement  le  comportement dynamique du 
rotor  du point de vue qualitks de vol. Z e s  
rksultats d 'essais  en vol B grande vitesse 
ont montrd, toutefois , que le  comportement 
de l 'hklicoptkre ktait modifik, pour l e s  
facteurs de charge klevks, pa r  un phkno- 
mkne annexe que l 'on peut dkcrire  sous le  
t e r m e  de couplage t r ahke - to r s ion  par  le  
statique de battement. Ce ph6nomkne a 6tk 
t r k s  bien expliquk thkoriquement e t  une 
sk r i e  d 'essais  a permis  de l e  met t re  en 

Le rotor rigide a kt6 adopt6 dans le  cas  de 
l 'appareil  SA 340 dans le  but d 'uti l iser une 
solution rotor  plus simple et  plus moderne 
B la fois. La rkalisation en a ktk rendue 
possible grzce aux progrks de la technologie 
hklicoptkre e t  B l 'utilisation de mat6riaux 
rksistant B des charges klevkes, ayant de 
bonnes caractkrist iques de fatigue. 

Les avantages, pronks pour la solution rotor 
rigide, sont lies 21 la simplicitk du rotor et  
du moyeu (fig. l ) ,  ce  qui conduit 3 : 

- un coot de fabrication moins klevk, 

- un poids e t  un encombrement rkduits, 

kvidence et  de trouver l e s  paramktres  - une fiabilit6 meilleure,  
permettant de le  minimiser.  

S U D - A V I A T I O N  

MARIGNANE FRANC E 

Notations 

Mi 

V 

m 

NR 

n 

T 

tD 

DP 

p. 
A)& 

Gradient de moment 
(mN/degrk) 

- un entretien simplifi6. 

Par ai l leurs ,  l e s  qualitks de vol de l 'h6li- 
coptkre doivent dtre  nettement amkliorkes 
par  l 'utilisation d'un rotor  rigide, dont la 
puissance de commande et  le  temps de 
rkponse rendent la maniabilit6 de l 'appareil  
plus grande. 

de tangage 

Vitesse appareil  (km/h) 

Masse appareil  (kg) 

Rkgime rotor  (t/mn) 

Facteur  de charge 

Pkriode (sec)  

Temps de doublement (sec)  

Les premiers  e s sa i s  ont kt6 r k a l i s k s  en 
Janvier 1966 s u r  Alouette I1 kquipke d'un 
rotor tr ipale,  en ktroite collaboration avec 
la Sociktk BOLKOW G.M.B.H. Le pro- 
gramme d ' e s sa i  couvrant une endurance de 
1000 heures et  plus de deux annkes de vieil- 
l issement e s t  achevk B l 'heure actuelle. Les 

Composante en sinus du pas cyclique essais  ont kt6 poursuivis ensuite s u r  un 
(en 7% de la course totale du manche) appareil  plus moderne et  plus rapide, l e  

Prkconicitk du rotor 

Angle de cas su re  de la pale pa r  a permis  de rkal iser  des vi tesses  plus kle- 
rapport  B l 'axe de pas vkes que s u r  1'Alouette BBlkow, une fois les  

SA 340, dont le  p remie r  vol eut lieu l e  7 
Avril  1967. L'kvolution normale de l 'appareil  

~~ 

problkmes de vibrations rksolus,  e t  de t e s t e r  
complktement l e s  qualitks de vol de c e  rotor 
rigide B des vitesses klevkes. 

cyclique rotor : 
Variation de pas cyclique B 0 , 7  R due 
B la deformation de la pale. 
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Description du rotor-r igide du SA 340 

L'objectif recherche (suppression des a r t i -  
culations de battement et de trafnke) pouvait 
dtre  rgalisk de deux manikres diffkrentes : 

- introduction d'klkments souples dans le  
moyeu lui -mGme 

- ou souplesse de la pale dans la zone du 
c 01 

de faGon, dans les deux cas ,  L permettre 
les  mouvements dynamiques de la pale en 
battement et en trainke. 

C ' e s t  la deuxikme solution qui a ktk retenue 
(fig.2). Les pales sont montkes par l ' in ter-  
mkdiaire de l 'articulation de pas s u r  des 
fusees solidaires d'un moyeu t rks  rigide 
(Moyeu Intkgrk Rigide). La pale elle-mdme, 
construite en f ibre  de v e r r e ,  e s t  relative- 
ment souple dans la zone du col, ce  qui lui 
confkre une premikre frkquehce propre de 
battement de 1,15 LL et  une premikre f r k -  
quence propre de trainke de 0,82 fi . Les 
caractkristiques gknkrales des deux appa- 
re i ls ,  qui ont ktk utilisks par Sud-Aviation 
pour tes ter  les qualitks de vol de c e  type 
de rotor,  sont les  suivantes : 

Alouette I1 SA 340 
Rotor rigide 

Masse maximale (kg) 1650 1600 

Diamktre rotor (m) 10,20 10 ,5  

Nombre de pales 3 3 

Corde (m) 0,270 0,285 

Nombre de tours rotor 
(t/mn) 360 378 (410) 

Vitesse testke en vol (km/h) 240 2 80 

Etude thkorique du comportement dynamique 

d'un hklicoptkre L rotor rigide 

Dans le  cas d'un rotor articulk classique, l e  
comportement de l'hklicoptkre es t  l i k  au 
mouvement de battement de la pale par 
rapport & liarbre rotor.  

Dans le cas du rotor rigide adopt6 par Sud- 
Aviation, ce  mouvement e s t  remplack par 
une dkformation en flexion de la pale que 
l 'on peut ass imiler  L un battement par rap- 
port  & une articulation fictive, cette art icu- 
lation &ant beaucoup plus kloignke que pour 
un rotor articulk. 

Ces considkrations conduisent & un modkle 
de rotor simplifik : rotor kquivalent L forte 
excentricitk de battement. Du fait de l 'excen- 
trement de l 'articulation de battement, le  
foyer du rotor rigide e s t  t rks  klevk, ce  qui 
lui confkre une puissance de commande et  
un amortissement plus klevks, mais conduit 
aussi  & une instabilitk d 'assiette croissant 
t rk s  rapidement avec la vitesse s i  l 'appareil  
e s t  kquipk d'un empennage he taille conven- 
tionnelle comme pour les rotors articulks. 

La figure 3 montre,  dans le  cas  du rotor 
rigide, la nkcessitk de contrebalancer l ' ins- 
tabilitk statique d'assiette du rotor e t  du 
fuselage par une contribution stabilisante 
t rks  importante donnke par  une grande s u r -  
face d'empennage, (cette nkcessitk pose, 
d 'ail leurs,  le  problkme du choix d'un empla- 
cement optimum pour l'empennage, au point 
de vue akrodynamique, comme le  montrkrent 
les  rksultats expkrimentaux). Le fait d'aug - 
menter la taille de l'empennage (fig.4) per-  
me t  d ' acc ro3re  notoirement le  temps de 
doublement de l 'oscillation L longue pkriode, 
commandes bloqukes, qui dktermine le . 
comportement de l 'appareil  aprks un kchelon 
de commande ou la traverske d'une rafale. 

Dans le cas d'un rotor rigide, la puissance 
de commande &ant aussi  plus klevke que 
pour un rotor articulk, les  facteurs de charge 
atteints s u r  un kchelon de cyclique sont plus 
importants e t  sont proches des l imites du 
rotor au point de vue dkcrochage. I1 a sem- 
bl6 intkressant de simuler le  comportement 
de l 'appareil  dans une rafale en ktudiant le 
facteur de charge maximum lo r s  de la pre-  
mikre oscillation aprks un kchelon de cycli- 
que de 3% L cabre r ,  (fig.5). L'augmentation 
de surface de l'empennage, thkoriquement, 
diminue notoirement le  facteur de charge 
atteint en ressource pour un kchelon type, 
qui, avec l'empennage classique, aurait  6tk 
prohibitif B grande vitesse,  le  facteur de 
charge atteint dkpassant alors l a  limite de 
dkcrochhge du rotor.  

Rksultats expk rimentaux 

Les premiers .  essais  en vol, au-del& de 
200 h / h ,  ont montrk.que l 'appareil  avait un 
comportement dksagrkable par temps turbu- 
lent avec un empennage de taille classique. 
Sous l'action d'une rafale ou d'un kchelon de 
commande cyclique L cabrer ,  l 'appareil  enga- 
geait L cabre r ,  
sant trks rapidement jusqu'au dkcrochage du 
rotor,  le  pilote devant contrer le mouvement 
au pas cyclique e t  au pas gknkral. 

le facteur de charge crois-  
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L'augmentation de la surface de l'empennage 
s e  rkvkla insuffisante. Un empennage, 
kquipk de pitots, montra,  par  la suite,  que 
l 'efficacitk de l'empennage dkpend beaucoup 
de sa position dans le  flux rotor ( f ig .6 ) .  
Toute discontinuitk dans l 'alimentation de 
l 'empennage s e  traduit par  une variation du 
moment dQ au fuselage et  p a r  un dkplace- 
ment sensible du manche en configuration 
stabiliske. En ressource,  ceci peut dktkrio- 
r e r  notoirement l e s  qualitks de vol de l 'hkli- 
coptkre pour l e s  oscillations de grande 
amplitude. Dans le  cas  8'un appareil  h rotor 
rigide, l a  surface de l'empennage devenant 
importante, l 'emplacement de celui-ci doit 
Etre Btudik avec le  plus grand soin. La 
stabilitk longitudinale d'un appareil  classique 
ktant gknkralement meilleure en centrage 
avant, l e s  e s sa i s  'a un centrage avanck de 
20  c m  permirent  de dkmontrer un compor- 
tement sain jusqu'h 220 km/h environ. 

Devant ces  rksultats plus pessimistes que 
les  prkvisions, les  essais  furent orientks 
v e r s  l 'analyse du comportement du rotor 
avec facteur de charge.  L 'a l lure  des cour- 
bes de manche en virage 'a pas gknkral et  
vitesse constante, altitude variable,  nous 
e s t  apparue significative. En effet, pour un 
appareil  stable,  ces  courbes ont une pente 
negative (recul du manche pour une augmen- 
tation du facteur de charge),  le  changement 
de pente correspond, pour les  mouvements 
de petite amplitude, h un mouvement apkrio- 
dique divergent. Les rksultats des essais  
montrkrent que ces  courbes prksentaient 
une inversion de pente non prkvue thkori- 
quement, pour des facteurs de charge de 
plus en plus faibles au fur  e t  h mesure  que 
le  pas e t  la vi tesse  augmentent (fig.7). 

Pour  chaque vi tesse ,  il existe donc un fac- 
teur de charge au-del3 duquel l 'hklicoptkre 
es t  instable.  statiquement. Une sk r i e  d 'essais  
furent conduits pour montrer  que le  facteur 
de charge atteint en ressource avait yne 
influence s u r  le  comportement de l 'appareil .  
Ceci fut  vkrifik en ktudiant la  reponse de 
l 'appareil  pour des kchelons diffkrents h une 
vi tesse  donnke, ce  qui donna l e s  rksultats de 
la figure 8. Tant que le  facteur de charge 
atteint au cours  d'une kvolution, suite h un 
kchelon, res ta i t  infkrieur 'a la  l imite d ' insta- 
bilitk dkduite des courbes de cyclique en 
fonction du facteur de charge,  l 'appareil  
faisait  une oscillation complkte sans que le  
pilote touche aux commandes, sinon, au-del3 
de cette l imite,  l 'appareil  engageait 'a cabre r  
jusqu'au dkcrochage, ce  qui nkcessitait  une 
intervention rapide du pilote au pas collectif 
et  au cyclique. 

L'examen des contraintes pales enregistrkes 
en ressource a montrk : 

- l'augmentation des contraintes statiques et  
dynamiques de battement like 3 l 'accrois-  
sement du facteur de charge et  au bascu- 
lement du rotor en a r r i k r e ,  

- l 'apparition de contraintes alternkes de 
t r a k k e  su r  l e  moyeu, correspondant h un 
recul dynamique pour la pale avansante, 

une augmentation de la  contrainte alternke 
s u r  la  biellette de pas correspondant h un 
moment h cabres  s u r  la pale en position 
avansante, le  dkcrochage apparaissant fina- 
lement s u r  la pale reculante pour l e s  fac- 
teurs  de charge klevks. 

Ces rksultats ont conduit penser que la 
pale s e  d6formait en torsion lorsque le  fac- 
teur de charge augmentait et  que son inci-  
dence, c6tk pale a v a q a n t e ,  augmentait,  ce 
qui e s t  kquivalent 'a une variation cyclique 
de pas h cabre r  au cours de la ressource 
(fig. 9). 

Etude de la deformation de la pale 

en ressource 

Devan' ces  rksultats,  une ktude thkorique 
simplifike permit  d 'analyser le  phknomkne, 
d 'essayer  d 'en chiffrer l ' importance et  de 
determiner les  paramktres  influents. I1 
s 'agi t  d'un couplage tracnke-torsion par  le 
statique de battement. En ressource,  lorsque 
le facteur de charge augmente, la pale s e  
dkforme statiquement en battement e t ,  pour 
une valeur critique de ce  facteur de charge,  
passe au-dessus de l 'axe de pas calk par  
rapport  'a l ' a rb re  suivant l'angle de prBconi- 
citk choisi. Tout effort dynamique de trarnke 
pa r  suite de la deformation statique de batte- 
ment,  produit un moment alternk de torsion, 
donc une torsion parasite.  Compte-tenu du 
sens des efforts de tra?nke mesurks ou cal-  
culks (vers  l ' a r r i k r e  su r  la pale avansante), 
celh s e  traduit par  une variation cyclique 
d'incidence h cabre r .  La premiere  ktude 
supposait que la  dkformation ktait localiske 
dans le col de la  pale, ce  qui permettait  de 
dkfinir simplement un coefficient de couplage 
approchk donnant la  dkformation de torsion 
pour une flEche de battement e t  de tracnke 
unitaire. Ce coefficient a ktk mesurk s u r  
pale au repos et  il a ktk possible d 'en dk- 
duire les  valeurs de rigiditk h fa i re  inter-  
venir dans le calcul. Une dtude plus dktaillke 
faisant intervenir la  rkpartition de moment 
de torsion le long de la pale, donne des rksul- 
tats semblables quantitativement. Toutefois, 
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la torsion est  rkpartie s u r  une portion plus 
ktendue de la pale. Cette thkorie a permis  pa r  le  statique de battement semble,  en 
de mettre  en kvidence l'influence des para-  
mktres  suivants s u r  la dkformation en to r -  blbme qu'i l  faut t r a i t e r  avec l e  plus grand 
sion en fonction du facteur de charge (fig. 10): soin pour ce  type de rotor.  

Le  phknomkne de couplage t r akke - to r s ion  

definitive, bien ktabli e t  constitue un pro- 

1. 

2. 

3. 

4. 

5. 

taux de variation de la dkformke statique 
avec le  facteur de charge,  

angle de prkconicitk, Conclusions 

cas su re  de la pale par  rapport  A l 'axe de 
pas ,  

dkcentrage latkral ,  
L'ensemble de ces  rksultats expkrimentaux 
e t  thkoriques montre de manikre significative 
l ' importanc e des caractk r i s  tiques klastiques 
de la pale e t  des  phknomknes akroklastiques 
s u r  l e s  qualitks de vol d'un hklicoptkre B 

et ,  kvidemment, l e i  souplesses relatives 
en battement, trainee et  torsion. 

Expkrimentalement, le  taux de variation de 
la dkformke statique avec le  facteur de 
charge fut minimise par  adjonction de 
masses  en extrGmit6 de pale. La pente des 
courbes de manche 'fut nettement amkliorke 
(fig. 11) ainsi  que l e s  qualitks de vol de 
l 'appareil .  Le mzme effet fut atteint en 
augmentant le  rkgime rotor de 378 t/mn A 
410 t/mn. Le comportement de l 'appareil  

rotor rigide. 

En p remie r  lieu, le  choix de la souplesse en 
battement de la pale, dans une solution 
moyeu rigide, determine la position de l'arti- 
culation kquivalente de la pale e t  influe direc-  
tement s u r  la stabilitk dynamique: e t  le  con- 
t r6le  de l 'appareil.  

fut amkliork de manikre remarquable e t  le  
phhnomkne d'engagement 21 cabre r  fut suppri- 
mk dans tout le  domaine de vol, l 'appareil  
ayant vole A 275 km/h ?L un facteur de cha r -  
ge de n = 1,7.  En vol de crois ikre ,  l'appa- 
rei1 vole, manche bloquk pendant deux mi -  
nutes,  sans problkme et  rkpond normalement 
21 des sollicitations de 2 3 3% A cabre r ,  l e s  
facteurs de charge maximum &ant rkduits 
de manikre notable (fig. 12). 

Les souplesses en battement, trarnke. tor  - 
sion, interviennent pour determiner  l e  d e g d  
de couplage admissible pour un rotor de ce  
type. La solution optimale se ra i t  une pale 
ayant des rigiditks en battement et  en trainee 
t rk s  voisines e t  une grande rigiditk en tor-  
sion. 

Avec une pale dont les  caractkrist iques ne 
sont pas optimum, il e s t  possible de mini- 
m i s e r  ce t  effet pour amkliorer  le comporte- 
ment dynamique de l 'appareil  en modifiant 
la prkconicitk ou le  calage de la pale pa r  
rapport  A l 'axe de pas. 

La prkconicitk fut augmentke s u r  1'Alouette 
Balkow, ce  qui permit  d 'accroi t re  notoire- 
ment le  domaine de vol:de l 'appareil  pa r  
temps turbulent*jusqu'A 210 km/h, ce  qui 
es t  remarquable compte-tenu de la nature 
du fuselage, identique A celui de 1'Alouette I1 
sk r i e  classique. Les courbes de manche sont 
devenues stables jusqu'B un facteur de charge 
de 1 , 6  pour un pas de 14' A 180 km/h. Le 
comportement de l 'appareil  e s t  considkrk 
actuellement comme comparable A celui d'un 
appareil  kquipk d'un rotor articulk. 

Dans le  but de vkrifier plus 3 fond la thko- 
r i e ,  l'influence du dkcentrage latkral fut 
testke en vol p a r  l'adjonction d'une masse  
de 100 kg s u r  le  patin du t ra in ,  ce  qui 
correspond 2 une variation de centrage de 
6 cm. Le comportement de l 'appareil  fut 
nettement amkliork en centrage A gauche, 
qui diminue auss i  l e s  efforts sur la pale 
reculante. 

ce 

* * *  
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SUUUARY 

The BBlkow r o t o r  s y s t e m  f e a t u r e s  f l a p w i s e  and l a g w i s e  r i g i d  a t t a c h m e n t  o f  f l e x i b l e  
f i b e r g l a s s  r o t o r b l a d e s  t o  a v e r y  s t i f f  hub. The f l i g h t  mechan ics  of  a h e l i c o p t e r  
w i t h  s u c h  a h i n g e l e s s  r o t o r  s y s t e m  i s  m a i n l y  i n f l u e n c e d  by t h e  a e r o e l a s t i c  b e h a v i o u r  
o f  t h e  r o t o r  b l a d e s .  

The p a p e r  d i s c u s s e s  t h e o r e t i c a l  work as w e l l  as f l i g h t - t e s t  e x p e r i e n c e  w i t h  t h e  
BO 105 h e l i c o p t e r .  

The r e s u l t s  o f  a p a r a m e t r i c  s t u d y  showing t h e  i n f l u e n c e  of t h e  r o t o r  s t i f f n e s s  on 
t h e  s t a b i l i t y  and  c o n t r o l  c h a r a c t e r i s t i c s  i n  h o v e r i n g  and  f o r w a r d  f l i g h t  a r e  p r e s e n -  
t e d .  A d d i t i o n a l l y ,  a s h o r t  d i s c u s s i o n  o f  some a e r o e l a s t i c  c o u p l i n g  e f f e c t s  and  i n -  
s t a b i l i t y  phenomena i n  f l i g h t  are  g i v e n .  

SO UNA I R E  

Dans l e  s y s t i m e  de  r o t o r  d e  Bolkow, l e s  p a l e s  d e  r o t o r  de  f i b r e  d e  v e r r e  s o u p l e  s o n t  
f i x 6 e s  d e  f a f o n  r i g i d e  e n  b a t t e m e n t  e t  e n  t r a f n B e ,  1 un moyeu ex t rdmement  r a i d e .  L a  
mhcanique du v o l  d ' u n  h 6 l i c o p t d r e  d o t 6  d ' u n  t e l  r o t o r  r i g i d e  e s t  e s s e n t i e l l e m e n t  
i n f l u e n c i e  p a r  l e  comportement a i r o 6 l a s t i q u e  d e s  p a l e s .  

L ' a u t e u r  e x p o s e r a  l e s  r h s u l t a t s  d e s  t r a v a u x  t h l o r i q u e s  e t  d e s  essais  e n  v o l  e f f e c t u 6 s  
s u r  l ' h 6 l i c o p t ; r e  BO 105. ' 

11 p r i s e n t e r a  l e s  r i s u l t a t s  d ' u n e  Q t u d e  p a r a m e t r i q u e  mon t ran t  l ' i n f l u e n c e  d e  l a  r i g i -  
d i t 6  du r o t o r  s u r  l e s  c a r a c t e r i s t i q u e s  de  s t a b i l i t 6  e t  d e  con t r f3 l e  en  v o l  s t a t i o n n a i -  
re e t  e n  t r a n s l a t i o n .  I1 B t u d i e r a  e n f i n  b r iQvemen t  c e r t a i n s  e f f e t e  du c o u p l a g e  a h , - ,  
i l a s t i q u e  e t  c e r t a i n s  phOnom6nes d ' i n s t a b i l i t g  e n  v o l .  
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I N T R O D U C T I O N  

A e r o e l a s t i c i t y  is  d e f i n e d  as  t h e  s c i e n c e  which s t u d i e s  t h e  mutua l  i n t e r a c t i o n  
be tween ae rodynamic  f o r c e s ,  e l a s t i c  forces  and  i n e r t i a l  f o r c e s  and  t h e  i n f l u e n c e  o f  
t h i s  i n t e r a c t i o n  on a i r p l a n e  d e s i g n .  I n  modern h i g h - s p e e d  f i x e d  wing  a i r c r a f t  a e r o -  
e l a s t i c  phenomena have  p r o f o u n d  e f f e c t s  ma in ly  upon t h e  d e s i g n  of  t h e  s t r u c t u r a l  
p a r t s .  The c l a s s i c a l  a e r o e l a s t i c  phenomena s u c h  as f l u t t e r  d e f i n e  t h e  d e s i g n  l i m i t s  
which  have  t o  b e  a v o i d e d .  Due t o  e l a s t i c  d e f o r m a t i o n s  t h e r e  may be  i n f l u e n c e s  on 
c o n t r o l  e f f e c t i v e n e s s  and on t h e  dynamic and  s t a t i c  a i r p l a n e  s t a b i l i t y ,  b u t  f o r  
s t a b i l i t y  and  c o n t r o l  t h e s e  e f f e c t s ' n o r m a l l y  a r e  s e c o n d a r y ,  

I n  t h e  case o f  t h e  r o t a t i n g  wing a i r p l a n e  t h e r e  e x i s t  s i m i l a r  a e r . o e l a s t i c  pheno- 
mena as w i t h  f i x e d  wing  a i r p l a n e s ,  b u t  t h e r e  a r e  i m p o r t a n t  d i f f e r e n c e s  due  t o  t h e  
d i f f e r e n t  a i r f l o w - c o n d i t i o n s ,  which i n d u c e  p e r i o d i c  e f f e c t s ,  and  due t o  t h e  h i g h  
c e n t r i f u g a l  b l a d e  l o a d s .  A s  a f i rs t  a p p r o x i m a t i o n  t h e  h e l i c o p t e r  w i t h  a r t i c u l a t e d  
r o t o r  b l a d e s  oan be  c o n s i d e r e d  as a s y s t e m  o f  s e v e r a l  r i g i d  b o d i e s ,  which are  com- 
b i n e d  by i n e r t i a l  and  ae rodynamic  f o r c e s .  The r o t a t i o n  o f  t h e  r o t o r  c a u s e s  a c e n t r i -  
f u g a l  r e s t r a i n t  be tween a i r f rame and  r o t o r .  T h e r e f o r e  i n  a h e l i c o p t e r  w i t h  a n  a r t i -  
c u l a t e d  r o t o r  t h e r e  a r e  many phenomena s imilar  t o  a e r o e l a s t i c  phenomena w i t h o u t  
s t r u c t u r a l  d e f l e c t i o n s .  I n  t h e  case of a h e l i c o p t e r  w i t h  a s o - c a l l e d  r i g i d  or b e t t e r  
h i n g e l e s s  r o t o r  t h e  r o t o r b l a d e s  a r e  f l a p w i s e  and  l a g w i s e  r i g i d l y  a t t a c h e d  t o  t h e  hub. 
F l a p p i n g  a n d  i n p l a n e  movements o f  t h e  r o t o r b l a d e s  are e l a s t i c  d e f l e c t i o n s .  The con-  
t r o l  o f  t h e  h e l i c o p t e r  is  a c h i e v e d  by  c o n t r o l l i n g  t h e  f l a p p i n g  b l a d e s .  A l so  dynamic 
s t a b i l i t y  is main ly  i n f l u e n c e d  by t h e  b e h a v i o u r  o f  t h e  f l a p p i n g  r o t o r .  T h e r e f o r e  i n  
t h e  case of t h e  h e l i c o p t e r  w i t h  a h i n g e l e s s  r o t o r  a l l  t h e  f l i g h t  dynamics  are o f  
a e r o e l a s t i c  o r i g i n .  

I n  t h e  f o l l o w i n g  some p rob lems  o f  t h e  h i n g e l e s s  r o t o r  h e l i c o p t e r  c o n c e r n i n g  a e r o -  
e l a s t i c i t y  and  h a n d l i n g  q u a L i t i e s  w i l l  b e  d e s c r i b e d .  The a n a l y t i c a l  work and t h e  
f l i g h t  t e s t  e x p e r i e n c e  was done  i n  c o n n e c t i o n  w i t h  t h e  deve lopment  o f  a small  h e l i -  
c o p t e r ,  t h e  BO 105 (see f i g u r e  1) which  is  now i n  f i n a l  f l i g h t  t e s t i n g .  Some o f  t h e  
phenomena and  r e s u l t s  have  been  d i s c u s s e d  more d e t a i l e d  i n  some e a r l i e r  p a p e r s  
(1 t Lo. 

DESCRIPTION OF THE D Y N A H I C  SYSTEM 

The main f e a t u r e s  o f  t h e  B6lkow R i g i d  R o t o r  Sys tem are  d e t e r m i n e d  by i t s  f i b e r -  
g l a s s  r o t o r b l a d e s  o f  h i g h  e l a s t i c i t y ,  which  a r e  r i g i d l y  a t t a c h e d  t o  a v e r y  s t i f f  hub 
( s e e  f i g u r e  2 ) .  I t  seems t h e r e f o r e ,  t o  b e  n o t  q u i t e  c o r r e c t  t o  u s e  t h e  d e s i g n a t i o n  
" r i g i d  r o t o r " .  The r i g i d i t y  i s  o n l y  i n  t h e  hub. The re  a r e  n o  f l a p p i n g  and  no l a g g i n g  
h i n g e s ,  o n l y  t h e  c o n t r o l  o f  t h e  r o t o r  i s  done  i n  t h e  c o n v e n t i o n a l  manner u s i n g  f e a -  
t h e r i n g  b e a r i n g s  which  a l low t h e  change  o f  t h e  b l a d e  p i t c h i n g  a n g l e .  The r o t o r h u b ,  
t o g e t h e r  w i t h  t h e  mast and  t h e  g e a r b o x  i s  mounted r i g i d l y  t o  t h e  f u s e l a g e  s t r u c t u r e .  

The a e r o e l a s t i c  b e h a v i o u r  o f  a h e l i c o p t e r  w i t h  t h i s  r o t o r  s y s t e m  i s  ma in ly  i n f l u -  
e n c e d  by t h e  dynamic b e h a v i o u r  o f  t h e  e l a s t i c  r o t o r  b l a d e s .  F i g u r e  3 shows t h e  n a -  
t u r a l  f r e q u e n c i e s  of t h e  f i rs t  two uncoup led  b e n d i n g  modes. The f i r s t  f l a p p i n g  mode 
h a s  a f r e q u e n c y  r a t i o  o f  1.12 and t h e  first i n p l a n e  mode a r a t i o  o f  . 7 2 .  P r i m a r i l y  
t h e s e  two modes and  t h e  f i rs t  t o r s i o n a l  mode w i l l  f i x  t h e  a e r o e l a s t i c  b e h a v i o u r ,  b u t  
it i s  e s s e n t i a l  t o  a v o i d  r e s o n a n c e  c o n d i t i o n s  w i t h  h i g h e r  modes i n  o r d e r  t o  keep  
v i b r a t i o n s  and  b l a d e  stresses a t  a r e l a t i v e l y  low l e v e l .  The B O  105 r o t o r  i s  w e l l  
t u n e d  and  t h e r e  are  n o  p rob lems  w i t h  h i g h e r  modes. 

For t h e o r e t i c a l  s t u d i e s  it i s  p o s s i b l e  t o  u s e  a r e l a t i v e l y  s i m p l e  m a t h e m a t i c a l  
model.  I n  f i g u r e  4 t h e  main f e a t u r e s  o f  t h e  e q u i v a l e n t  s y s t e m  are shown. The e l a s t i -  
c a l l y  d e f l e c t i n g  b l a d e  can  b e  r e d u c e d  t o  a c o n v e n t i o n a l  a r t i c u l a t e d  b l a d e  w i t h  e q u i -  
v a l e n t  s p r i n g s  and  dampers  a t ' e a c h  e q u i v a l e n t  h i n g e ,  however w i t h  t h e  p i t c h  a x i s  
i n n e r m o s t  and  f i x e d  unde r  a p r e c o n e  a n g l e  t o  t h e  r o t o r s h a f t .  I t  i s  p o s s i b l e  t o  i n -  
c l u d e  b lade-sweep.  Fo r  c e r t a i n  p rob lems  up t o  two e l a s t i c  t o r s i o n a l  h i n g e s  are used .  
I t  i s  p o s s i b l e  t o  c o n s i d e r  a l s o  t h e  r o t o r  s u p p o r t  f l e x i b i l i t y ,  which p r o v i d e s  coup-  
l i n g  of t h e  v a r i o u s  b l a d e s  o f  t h e  r o t o r .  

The e l a s t i c  p r o p e r t i e s  o f  t h e  airframe are n o r m a l l y  o f  minor  i m p o r t a n c e  t o  t h e  
f l i g h t  c h a r a c t e r i s t i c s  w i t h  t h e  e x c e p t i o n  o f  v i b r a t i o n .  They a re  o f  i m p o r t a n c e  f o r  
t h e  b e h a v i o u r  o f  t h e  h e l i c o p t e r  s t a n d i n g  on t h e  ground w i t h  t h e  r o t o r  r u n n i n g .  

INFLUENCE OF THE FLAPWISE FLEXIBILITY ON FLIGHT DYNAMICS 

Conce rn ing  h a n d l i n g  q u a l i t i e s  t h e  main f e a t u r e  o f  t h e  r i g i d  r o t o r  i s  i t s  c a p a b i l i -  
t y  t o  p roduce  v e r y  h i g h  r o t o r  moments. T h i s  h a s  a f a v o r a b l e  e f f e c t  on b o t h  s t a b i l i t y  
and  c o n t r o l a b i l i t y  o f  t h e  h e l i c o p t e r .  The main p a r a m e t e r  i s  t h e  f r e q u e n c y  o f  t h e  f u n -  
d a m e n t a l  b l a d e  f l a p w i s e  mode. I t  i s  e a s y  t o  p r o v e  t h a t  t h e  r i g i d  r o t o r  w i t h  e l a s t i c  
b l a d e s  i s  e q u i v a l e n t  t o  an  a r t i c u l a t e d  r o t o r  w i t h  a c e r t a i n  h i n g e  o f f s e t  and a h i n g e  
r e s t r a i n t .  F i g u r e  5 shows t h e  r e l a t i o n s h i p .  The BO 1 0 5  w i t h  t h e  r i g i d  r o t o r  h a s  a 
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f r e q u e n c y  r a t i o  o f  1 .12 .  E q u i v a l e n t  dynamic c h a r a c t e r i s t i c s  would be  f o r  a n  a r t i c u -  
l a t e d  r o t o r  w i t h  an  f l a p p i n g  h i n g e  o f f s e t  o f  a b o u t  14% and n o  h i n g e  r e s t r a i n t ,  or 
f o r  a r o t o r  w i t h  z e r o  h i n g e  o f f s e t  and a c o r r e s p o n d i n g  h i g h  h i n g e  r e s t r a i n t .  The 
e q u i v a l e n t  f l a p p i n g  b l a d e  o f  t h e  c a n t i l e v e r e d  e l a s t i c  b l a d e  s h o u l d  c o r r e s p o n d  as 
a c c u r a t e l y  as p o s s i b l e  t o  t h e  dynamic as wel l  as t o  t h e  ae rodynamic  c h a r a c t e r i s t i c s  
of  t h e  r e a l  b l a d e .  The c o r r e s p o n d a n c e  seems t o  be r e l a t i v e l y  good when t h e  d i f f e r e n -  
ce be tween t h e  f i r s t  n a t u r a l  b e n d i n g  mode and  i t s  l i n e - s e g m e n t  a p p r o x i m a t i o n  by t h e  
f l a p p i n g  s t i f f  b l a d e  i s  a minimum f o r  t h e  same s t o r e d  e n e r g y .  T h i s  n o r m a l l y  r e s u l t s  
i n  an  e q u i v a l e n t  s y s t e m  w i t h  a h i g h e r  h i n g e  o f f s e t  and  a n e g a t i v e  h i n g e  r e s t r a i n t ,  

Us ing  s u c h  a n  e q u i v a l e n t  f l a p p i n g  sys t em a s t a b i l i t y  c a l c u l a t i o n  f o r  h o v e r i n g  
was done f o r  d i f f e r e n t  f l a p p i n g  f r e q u e n c y  r a t i o s .  The r e s u l t s  o f  which  a r e  shown 
i n  f i g u r e  6 f o r  t h e  c r i t i c a l  mode. H e l i c o p t e r s  n o r m a l l y  have  u n s t a b l e  f l i g h t  c h a r a c -  
t e r i s t i c s .  I n  t h e  c a s e  o f  t h e  BO 105 w i t h  a no rma l  a r t i c u l a t e d  r o t o r  h a v i n g  a f l a p p -  
i n g  f r e q u e n c y  r a t i o  n e a r  1 .0  t h e  t i m e  t o  d o u b l e  a m p l i t u d e  would b e  be low 10 s e c o n d s .  
The r i g i d  r o t o r  s y s t e m  d o e s  n o t  s t a b i l i z e  t h e  s y s t e m  b u t  it r e d u c e s  t h e  i n s t a b i l i t y .  
A t  a f r e q u e n c y  r a t i o  o f . 1 . 1 2  t h e  t ime t o  d o u b l e  a m p l i t u d e  i s  a b o u t  20 s e c o n d s ,  which 
seems t o  b e  r e l a t i v e l y  s t a b l e  t o  a h e l i c o p t e r  p i l o t ,  who i s  f a m i l i a r  w i t h  t h e  u n o t a b -  
l e  c o n d i t i o n s .  The p e r i o d  o f  t h e  h e l i c o p t e r  w i t h  f i x e d  c o n t r o l s  i s  r e l a t i v e l y  l o n g ,  
i n  t h e  s p e c i a l  c a s e  a b o u t  15  s e c o n d s .  I t  i s  n e a r l y  n o t  i n f l u e n c e d  by t h e  f l a p p i n g  
s t i f f n e s s .  

E x p e r i e n c e  h a s  shown t h a t  t h e  s t a b i l i t y  v a l u e s  a r e  o f  minor  i m p o r t a n c e  t o  t h e  
h a n d l i n g  q u a l i t i e s .  These  a r e  ma in ly  i n f l u e n c e d  by t h e  c o n t r o l  c h a r a c t e r i s t i c s .  The 
c a p a b i l i t y  o f  t h e  r i g i d  r o t o r  t o  p roduce  v e r y  h i g h  r o t o r  moments w i l l  a l l o w  a more 
d i r e c t  c o n t r o l  o f  t h e  a i r c r a f t  compared t o  t h e  a r t i c u l a t e d  r o t o r .  The l a t t e r  p rodu-  
c e s  t h e  c o n t r o l  moments ma in ly  by d e f l e c t i o n  o f  t h e  r o t o r  t h r u s t .  

The e f f e c t s  o b t a i n a b l e  w i t h  a c e r t a i n  c o n t r o l  d e f l e c t i o n  and  t h e  c o r r e s p o n d i n g  
t i m e  b e h a v i o u r  a r e  t h e  most i m p o r t a n t  p a r a m e t e r s  i n  e v a l u a t i n g  t h e  c o n t r o l  c h a r a c t e -  
r i s t ics .  E x p e r i e n c e  h a s  shown t h a t  f o r  a good c o n t r o l  b e h a v i o u r  d e f i n i t e  c o r r e l a t i o n s  
must e x i s t  be tween c o n t r o l  e f f i c i e n c y  and  t h e  t i m e  b e h a v i o u r .  U s u a l l y  t h e  c o n t r o l  
e f f i c i e n c y  w i l l  b e  e x p r e s s e d  by t h e  i n i t i a l  a c c e l e r a t i o n  p e r  u n i t  s t i c k  d e f l e c t i o n ,  
which i s  e q u a l  t o  t h e  r a t i o  of t h e  c o n t r o l  moment o b t a i n a b l e  w i t h  t h e  s t i c k  d e f l e c -  
t i o n  t o  t h e  moment o f  i n e r t i a .  The t i m e  b e h a v i o u r  i s  g e n e r a l l y  e x p r e s s e d  by t h e  dam- 
p i n g  moment which a g a i n  i s  r e f e r r e d  t o  t h e  i n e r t i a  moment. F i g u r e  7 g i v e s  t h e  v a l u e s  
i n  p i t c h i n g  f o r  t h e  BO 105 w i t h  t h e  r i g i d  r o t o r  and a l s o  w i t h  a n  a r t i c u l a t e d  r o t o r  
o f  a b o u t  2 %  f l a p p i n g  h i n g e  o f f s e t .  I n  t h e  d i a g r a m  t h e  e s t a b l i s h e d  l i m i t s  o f  s a t i s -  
f a c t o r y  and  i n s u f f i c i e n t  p r o p e r t i e s  by S a l m i r s  and  T a p s c o t t  a r e  shown i n  compar i son  
w i t h  m i l i t a r y  s p e c i f i c a t i o n s  and recommendat ions  f o r  armed h e l i c o p t e r s .  With t h e  
a r t i c u l a t e d  r o t o r  t h e  BO 105  w i t h  a p r o p e r  c h o i c e  f o r  t h e  c o n t r o l  r a t i o  would be  
w i t h i n  t h e  r a n g e  of  t h e  c u r v e s  o f  S a l m i r s  and  T a p s c o t t .  With t h e  r i g i d  r o t o r  t h e  
BO 105 i s  w i t h i n  q u i t e  a n o t h e r  r a n g e  t h a n  u s u a l  f o r  h e l i c o p t e r s  up t o  now. The con-  
t r o l  moment f o r  t h e  same s t i c k  d e f l e c t i o n  i s  more t h a n  t h r e e  times t h e  v a l u e  o f  t h e  
a r t i c u l a t e d  r o t o r .  For damping a similar r e l a t i o n  e x i s t s .  The damping i n  t h e  case 
o f  t h e  r i g i d  r o t o r  i s  a b o u t  f o u r  t i m e s  t h a t  of t h e  a r t i c u l a t e d  rotor. T h i s  is s t i l l  
more i m p o r t a n t  t h a n  t h e  c o n t r o l  moment, which can  b e  i n f l u e n c e d  by t h e  c o n t r o l  r a t i o .  
The BO 105 h a s  a v e r y  h i g h  c o n t r o l  power due t o  t h e  c o n t r o l  r a t i o  used ,  b u t  d u r i n g  
a l l  t e s t s  t h i s  was no problem t o  t h e  p i l o t s .  T h e o r e t i c a l  and e x p e r i m e n t a l  s t u d i e s  
have  i n d i c a t e d  t h a t  f o r  t h e  r i g i d  r o t o r  a h i g h e r  c o n t r o l  power w i l l  b e  b e n e f i c i a l  
f o r  good h a n d l i n g  i n  g u s t y  w e a t h e r  c o n d i t i o n s .  With t h e  c o n t r o l  r a t i o ,  which f i n a l l y  
h a s  been  c h o s e n ,  t h e  h e l i c o p t e r  w i l l  b e  wel l  w i t h i n  t h e  recommendat ions  f o r  armed 
h e l i c o p t e r s .  

By a s suming  t h a t  t h e  c o n t r o l  p r i m a r i l y  i n f l u e n c e s  t h e  r o t a r y  m o t i o n s  o f  t h e  h e l i -  
c o p t e r ,  i t  c a n  be shown t h a t  t h e  r e c i p r o c a l  v a l u e s  o f  t h e  damping moment, r e f e r r e d  
t o  t h e  moment of  i n e r t i a ,  r e p r e s e n t  t h e  t i m e  c o n s t a n t s  o f  t h e  s y s t e m .  F i g u r e  0 g i v e s  
a n  i m p r e s s i o n  of t h e  d i f f e r e n t  t i m e  c o n s t a n t s  w i t h  t h e  r i g i d  r o t o r  and  w i t h  a n  a r t i -  
c u l a t e d  r o t o r .  I n  p i t c h i n g  f o r  i n s t a n c e  t h e  v a l u e s  a r e  a b o u t  1 .2  s e c o n d s  f o r  t h e  
a r t i c u l a t e d  r o t o r  and  a b o u t  . 2  s e c o n d s  f o r  t h e  r i g i d  r o t o r .  When t h e  t i m e  c o n s t a n t  
i s  s h o r t ,  t h e  h e l i c o p t e r  f o l l o w s  c o n t r o l  m o t i o n s  more f a i t h f u l l y ;  t h e  a n g u l a r  v e l o c i -  
t y  and  t h e  a t t i t u d e  o f  t h e  h e l i c o p t e r  w i l l  b e  b e t t e r  i n  p h a s e  w i t h  t h e  c o n t r o l  d i s -  
p l a c e m e n t .  

The good c o n t r o l  c h a r a c t e r i s t i c s ,  which have  been  e x p e c t e d  by t h e o r e t i c a l  s t u d i e s ,  
c o u l d  b e  p roved  f u l l y  d u r i n g  t h e  f l i g h t  t e s t s ,  a l s o  u n d e r  g u s t y  w e a t h e r  c o n d i t i o n s .  

I n  f o r w a r d  f l i g h t  t h e r e  i s  n o  i m p o r t a n t  change  i n  c o n t r o l  c h a r a c t e r i s t i c s .  F i g u r e  
9 i l l u s t r a t e s  p i t c h i n g  moment c o n t r o l  d e r i v a t i v e s  v e r s u s  f o r w a r d  speed  f o r  c y c l i c  
and  c o l l e c t i v e  c o n t r o l .  The c o n t r o l  moments f o r  t h e  r i g i d  r o t o r  a r e  much h i g h e r  t h a n  
t h o s e  of  t h e  a r t i c u l a t e d  r o t o r .  With f o r w a r d  s p e e d  t h e  p i t c h i n g  moment due  t o  c y c l i c  
c o n t r o l  r a i s e s  o n l y  s l i g h t l y ,  b u t  t h e r e  i s  a v e r y  s t r o n g  change  f o r  t h e  p i t c h i n g  QO-  
ment due  t o  c o l l e c t i v e  c o n t r o l .  T h i s  means t h a t  a t  h i g h  s p e e d s  a change  i n  c o l l e c t i v e  
p o s i t i o n  w i l l  h ave  a power fu l  i n f l u e n c e  i n  c h a n g i n g  moment. T h i s  may be  v e r y  h e l p f u l  
for i n s t a n c e  t o  s t o p  maneuver c o n d i t i o n s  w i t h  h i g h  l o a d - f a c t o r s ,  b e c a u s e  a r e d u c t i o n  
o f  c o l l e c t i v e  a n g l e  r e d u c e s  t h r u s t  and p r o d u c e s  a d d i t i o n a l l y  a nose-down p i t c h i n g  
moment, 
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I n  f i g u r e  1 0  t h e  p i t c h  damping d e r i v a t i v e  is shown. T h e r e  is n e a r l y  n o  change  
w i t h  f o r w a r d  s p e e d .  T h i s  means t h a t  t h e  f a v o r a b l e  t ime b e h a v i o u r  i n  c o n t r o l l i n g  t h e  
a i r c r a f t  w i l l  be unchanged o v e r  t h e  whole e n v e l o p e .  

F i g u r e  11 shows t h e  p i t c h  a t t i t u d e  d e r i v a t i v e  o f  t h e  moment, which is o f  main 
i n f l u e n c e  on t h e  s t a b i l i t y  o f  t h e  a i r c r a f t .  The r i g i d  r o t o r  i t s e l f  p r o d u c e s  - com- 
p a r e d  t o  t h e  a r t i c u l a t e d  r o t o r  - a h i g h  d e s t a b i l i z i n g  moment; t h e  moment o f  t h e  
f u s e l a g e  i s  u n s t a b l e  t o o .  T h e r e f o r e  t h e  r i g i d  r o t o r  h e l i c o p t e r  w i l l  n eed  a l a r g e r  
h o r i z o n t a l  s t a b i l i z e r  t h a n  i s  u s u a l  w i t h  no rma l  h e l i c o p t e r s  i f  s t a b l e  moment con-  
d i t i o n s  are  d e s i r e d .  

J u s t  as t h e  c o n t r o l  c h a r a c t e r i s t i c s ,  t h e  s t a b i l i t y  b e h a v i o u r  o f  t h e  h e l i c o p t e r  
w i t h  a r i g i d  r o t o r  w i l l  b e  i n f l u e n c e d  by i t s  h i g h  moment c a p a c i t y .  The r o t o r  is more 
s e n s i t i v e  t o  c o n t r o l  i n p u t s ,  b u t  a l s o  t o  e x t e r n a l  d i s t u r b a n c e s .  On t h e  o t h e r  hand ,  
t h e  h i g h e r  damping moments w i l l  b e  a d v a n t a g e o u s .  F i g u r e  12 shows c a l c u l a t e d  s t a b i l i t y  
c h a r a c t e r i s t i c s  o f  t h e  B O  105  as  a f u n c t i o n  o f  a i r s p e e d .  I l l u s t r a t e d  a r e  t h e  p e r i o d  
and t h e  t i m e  t o  d o u b l e  a m p l i t u d e  o f  t h e  c r i t i c a l  n a t u r a l  h e l i c o p t e r  mode w i t h  f i x e d  
c o n t r o l s  u s i n g  t h e  s t a b i l i z e r  area as a p a r a m e t e r .  The p e r i o d  i s  n e a r l y  c o n s t a n t  
w i t h  s p e e d ,  b u t  f o r  a small  s t a b i l i z e r  area t h e  o s c i l l a t i o n  w i l l  become more and  
more u n s t a b l e  w i t h  h i g h e r  s p e e d s .  For t h i s  c o n d i t i o n  a l o t  o f  f l i g h t  t e s t i n g  was 
d o n e ,  b u t  even  u n d e r  bad  w e a t h e r  c o n d i t i o n s  t h e  p i l o t s  p r a c t i c a l l y  d i d  n o t  f e e l  t h i s  
i n s t a b i l i t y  b e c a u s e  o f  t h e  e x c e l l e n t  c o n t r o l  c h a r a c t e r i s t i c s .  T h i s  i o  i n  ag reemen t  
w i t h  s i m u l a t i o n  s t u d i e s  which  showed t h a t  t h e  p i l o t ’ s  judgement  is m a i n l y  i n f l u e n c e d  
by t h e  c o n t r o l  c h a r a c t e r i s t i c s . ’  

The d i a g r a m  shows t h a t  t h e  s t a b i l i z e r  area is v e r y  e f f e c t i v e  f o r  s t a b i l i t y .  By 
e n l a r g i n g  t h e  area s i g n i f i c a n t  improvements  or even  s t a b l e  c o n d i t i o n e  can  be o b t a i -  
n e d .  The re  a r e  some o t h e r  p a r a m e t e r s  which  i n f l u e n c e  s t a b i l i t y .  F o r  i n s t a n c e  a h i g h e r  
rpm or a l o w e r  d i s c  l o a d i n g  are a d v a n t a g e o u s .  The t r e n d  f o r  modern a i r c r a f t  i s  t o w a r d s  
“hands  o f f “  s t a b i l i t y .  By a p r o p e r  l a y - o u t  o f  t h e  h e l i c o p t e r  it i s  p o s s i b l e  t o  g e t  
t h i s  w i t h o u t  a r t i f i c a l  s t a b i l i z i n g  €or f o r w a r d  f l i g h t  c o n d i t i o n s ,  b u t  it seems t o  be  
q u e s t i o n a b l e  i f  it i s  w o r t h w h i l e  t o  d o  i t  f u l l y  w i t h  n a t u r a l  means and  t o  pay f o r  i t  
i n  l o a d i n g s  and  w e i g h t .  If one  w a n t s  a n  i n t e g r a t e d  f l i g h t  c o n t r o l  s y s t e m  w i t h  a n  
a u t o p i l o t ,  t h i s  can  be  u s e d  a l so  f o r  s t a b i l i z i n g .  T h i s  w i l l  b e  t h e  t r e n d  a t  l e a s t  
f o r  l a r g e r  h e l i c o p t e r s .  

Between t h e  f l i g h t  d y n a m i c a l  i n s t a b i l i t y  and  t h e  c lass ica l  a e r o e l a s t i c  i n s t a b i l i -  
t i e s  t h e r e  is a v e r y  i m p o r t a n t  d i f f e r e n c e .  The p i l o t  can  overcome t h e  i n s t a b i l i t y  i n  
t h e  f l i g h t  b e h a v i o u r .  Because  o f  t h e  r e l a t i v e  low f r e q u e n c y  o f  t h e  o s c i l l a t i o n  he  i s  
a b l e  t o  c o n t r o l  and  s t a b i l i z e  t h e  movements o f  t h e  a i r c r a f t .  The c o n t r o l s  are  i n f l u -  
e n c i n g  d i r e c t l y  t h i s  o s c i l l a t i o n .  The c l a s s i c a l  a e r o e l a s t i c  i n s t a b i l i t i e s  c a n n o t  be 
t o l e r a t e d .  The p i l o t  h a s  no  mean t o  c o n t r o l  them. 

INFLUENCE OF INPLANE FLEXIBILITY 

The f l a p w i p e  f l e x i b i l i t y  and  t h e  c o r r e s p o n d i n g  a e r o e l a s t i c  b e h a v i o u r  of t h e  r i g i d  
r o t o r  is one  o f  t h e  main f e a t u r e s  o f  t h e  r o t o r  s y s t e m .  As shown t h e  a e r o e l a s t i c s  are  
t h e  b a s i s  f o r  t h e  e x c e l l e n t  h a n d l i n g  c h a r a c t e r i s t i c s .  To keep  b l a d e  l o a d s  a t  a low 
l e v e l  a l s o  a r e l a t i v e l y  s o f t  i n p l a n e  f l e x i b i l i t y  o f  t h e  b l a d e s  is d e s i r e d .  The a f o r e -  
men t ioned  i n p l a n e  n a t u r a l  f r e q u e n c y  r a t i o  o f  a b o u t  . 7 2  may l e a d ,  a c c o r d i n g  t o  c lass i -  
c a l  ‘#ground resonance’ ’  t h e o r y ,  t o  i n s t a b i l i t i e s  on t h e  ground and i n  t h e  a i r .  I t  c a n  
o c c u r  when t h e  v a l u e  o f  r o t o r  o p e r a t i o n a l  f r e q u e n c y  minus t h e  f i rs t  i n p l a n e  f r e q u e n -  
c y  m a t c h e s ,  or i s  c l o s e  t o  a body mode f r e q u e n c y .  The i n s t a b i l i t y  is b a s i c a l l y  mecha- 
n i c a l .  I t  o b t a i n s  d r i v i n g  e n e r g y  f rom t h e  r o t a t i n g  r o t o r  and  n o t  f rom ae rodynamic  
f o r c e s .  

I t  was found  by c a l c u l a t i o n s  and  t e s t s  t h a t  f o r  t h e  BO 105  tand ding on t h e  ground 
no  s e l f - e x c i t a t i o n  w i l l  o c c u r .  Even i f  t h e  ground s u r f a c e  i s  s u c h  t h a t  t h e  h e l i c o p t e r  
h a s  a n a t u r a l  “ r o c k i n g ” - f r e q u e n c y  c l o s e  t o  i t s  c r i t i c a l  f r e q u e n c y  t h o  s t r u c t u r a l  damp- 
i n g  i n  t h e  b l a d e s  a n d  t h e  airframe i s  s u f f i c i e n t  t o  p r e v e n t  an  i n s t a b i l i t y .  

S t a n d i n g  on t h e  ground t h e  body f r e q u e n c y  is m a i n l y  i n f l u e n c e 4  by t h e  l a n d i n g  g e a r .  
I n  t h e  a i r  t h e r e  e x i s t s  t h e  p o s s i b i l i t y  o f  c o u p l i n g  be tween t h e  m e c h a n i c a l  i n p l a n e  
mot ion  and  t h e  f l i g h t  d y n a m i c a l  modes. I n  a t h e o r e t i c a l  s t u d y  b o t h  t h e  e q u a t i o n s  o f  
mot ion  o f  t h e  f l i g h t  dynamics  and t h e  e q u a t i o n s  f o r  t h e  r o t o r  i n p l a n e  d e g r e e s  o f  
f r eedom as u s e d  i n  g round  r e s o n a n c e  s t u d i e s  were c o u p l e d .  

F i g u r e  1 3  i l l u s t r a t e s  some o f  t h e  t y p i c a l  r e s u l t s .  T h e r e  i s  shown t h e  t ime t o  h a l f  
a m p l i t u d e  r e s p e c t i v e l y  t h e  t ime t o  d o u b l e  a m p l i t u d e  of t h e  c r i t i c a l  r o t o r  i n p l a n e  
mode v e r s u s  t h e  a i r s p e e d .  The l a g  damping o f  t h e  r o t o r b l a d e s  is u s e d  as a p a r a m e t e r .  
With n e a r l y  no damping s e l f e x c i t a t i o n  w i l l  o c c u r ,  b u t  t h e  damping ha5  a v e r y  s t r o n g  
s t a b i l i z i n g  e f f e c t .  The i n s t a b i l i t y  i s  r e l a t i v e l y  smooth i n  a wide r a n g e  compared t o  
t h e  more e x p l o s i v e  i n s t a b i l i t y  i n  ground r e s o n a n c e  w i t h  a r t i c u l a t e d  r o t o r s .  I t  i s  
wor th  t o  n o t i c e  t h a t  t h e  c r i t i c a l  r o t o r  i n p l a n e  mode must be  s t a b l e  €or a l l  f l i g h t  
c o n d i t i o n s  i n  c o n t r a s t  t o  t h e  f l i g h t  m e c h a n i c a l  i n s t a b i l i t y ,  b e c a u s e  t h e  p i l o t  h a s  
n o  means t o  c o n t r o l  s u c h  o s c i l l a t i o n s .  



10-9  

S p e c i a l  t e s t s  w i t h  t h e  f i b e r g l a s s  r o t o r b l a d e s  have  shown t h a t  t h e  r e a l  damping 
i s  h i g h  enough t h a t  no  i n s t a b i l i t i e s  w i l l  b e  p o s s i b l e .  Dur ing  f l i g h t  t e s t s  which 
i n c l u d e d  s p e c i a l  e x c i t a t i o n  it was n e v e r  p o s s i b l e  t o  g e t  i n t o  a n  u n s t a b l e  r e g i o n  
anywhere o v e r  t h e  s p e e d  r a n g e .  

F o r  ground and a i r  r e s o n a n c e  phenomena t h e  b l a d e  i n p l a n e  f r e q u e n c y  r a t i o  is  o f  
main i n f l u e n c e .  Lower ing  t h i s  f r e q u e n c y  r a t i o  f rom .72 w i t h  t h e  BO 105  t o  a b o u t  . 6 5  
f o r  i n s t a n c e  would a l r e a d y  need  t w i c e  t h e  damping t o  p r e v e n t  i n s t a b i l i t y .  The re  w i l l  
be a l i m i t  f o r  t h e  minimum i n p l a n e  f r e q u e n c y  r a t i o ,  i f  t h e r e  i s  n o  p o s s i b i l i t y  f o r  
a r t  i f  i c i a l  b l a d e  damping. 

INFLUENCE OF TORSIONAL STIFFNESS 

For  f i x e d - w i n g  a i r c ra f t  t h e  more c l a s s i c a l  a e r o e l a s t i c  phenomena are  ma in ly  i n -  
f l u e n c e d  by t h e  t o r s i o n a l  f l e x i b i l i t y  o f  t h e  l i f t i n g  s u r f a c e s .  Also for  r o t o r b l a d e s  
t o r s i o n a l  s t i f f n e s s  i s  a n  i m p o r t a n t  q u a l i t y .  A s  i n  t h e  case o f  f i x e d - w i n g  t o r s i o n a l  
e l a s t i c i t y  a f f e c t s  t h e  f l u t t e r  and d i v e r g e n c e  s p e e d .  I n  a l l  cases, it i s  n o t  t h e  
t o r s i o n a l  s t i f f n e s s  o f  t h e  b l a d e  a l o n e  t h a t  m a t t e r s  b u t  t h e  s t i f f n e s s  o f  t h e  r o o t  
c o n s t r a i n t ,  t h a t  means o f  t h e  c o n t r o l  s y s t e m ,  and o f  t h e  b l a d e  combined i n  ser ies .  
F i g u r e  14  i l l u s t r a t e s  t h e  i n f l u e n c e  o f  c o n t r o l  s t i f f n e s s  t o  t h e  t o r s i o n a l  f r e q u e n c y  
r a t i o .  With i n f i n i t e l y  s t i f f  c o n t r o l  s y s t e m  t h e  BO 105 b l a d e  would have  a f r e q u e n c y  
r a t i o  of a b o u t  4 ,  t h e  i n f l u e n c e  o f  c o n t r o l  f l e x i b i l i t y  b r i n g s  t h i s  r a t i o  t o  a b o u t  
3 .5 .  

F i g u r e  15  i l l u s t r a t e s  t h e  s t a b i l i t y  l i m i t s  f o r  c l a s s i c a l  r o t o r  b l a d e  f l u t t e r  v e r -  
s u s  a i r s p e e d  f o r  t h e  BO 1 0 5 .  The l o w e r  l i m i t  l i n e  c o r r e s p o n d s  t o  t h e  s t a b i l i t y  l i m i t s  
o f  t h e  c r i t i c a l  a d v a n c i n g  b l a d e ,  f o r  t h e  u p p e r  l i n e  t h e  s t a b i l i t y  l i m i t s  a re  c a l c u -  
l a t e d  w i t h  t h e  mean a i r  v e l o c i t i e s  a t  t h e  b l a d e  d u r i n g  t h e  r o t a t i o n  o f  t h e  r o t o r .  If 
p i t c h  a x i s ,  c e n t e r  o f  g r a v i t y  and  ae rodynamic  c e n t e r  are  a t  t h e  25% c h o r d  l i n e ,  which 
i s  d e s i r a b l e  f o r  r o t o r b l a d e s ,  t h e  n e c e s s a r y  t o r s i o n a l  f r e q u e n c y  r a t i o  t o  a v o i d  f l u t t e r  
i s  r e l a t i v e l y  low. The re  i s  n o  d a n g e r  o f  a n  i n s t a b i l i t y .  

I n  h i g h  s p e e d  f l i g h t  t h e  b l a d e s  a r e  s u b j e c t e d  t o  a n  a z i m u t h a l l y  v a r y i n g  a e r o d y n a -  
m i c  env i ronmen t  t h a t  i n c l u d e s  s t a l l ,  r e v e r s e  f l o w  and  c o m p r e s s i b i l i t y .  These  e f f e c t s  
may r e s u l t  i n  u n s t a b l e  c o n d i t i o n s .  However, t h e  v a r i a t i o n  o f  t h e  ae rodynamic  e n v i r o n -  
ment s e ldom a l l o w s  t h e  b l a d e  t o  r ema in  i n  a n  u n s t a b l e  env i ronmen t  l o n g  enough f o r  
l a r g e  d i v e r g e n t  o s c i l l a t i o n s  t o  o c c u r .  The b l a d e  w i l l  n o r m a l l y  d e v e l o p  l i m i t - c y c l e  
o s c i l l a t i o n s .  I n  t h e  case of t h e  BO 105  t h e r e  are n o  s u c h  p rob lems .  The a d v a n c i n g  
b l a d e  t i p  Mach number i s  r a t h e r  c o n s e r v a t i v e ,  on t h e  o t h e r  Bide  t h e  t o r s i o n a l  s t i f f -  
n e s s  i s  s u f f i c i e n t  t o  p r e v e n t  c r i t i c a l  l i m i t  c y c l e  s t a l l  f l u t t e r .  

T o r s i o n a l  s t i f f n e s s  i s  most i m p o r t a n t  b e c a u s e  of i t s  i n f l u e n c e  on c o n t r o l .  A t  t h e  
B61kow R i g i d  R o t o r  a s u b s t a n t i a l l y  r i g i d  hubarm f i x e s  t h e  f e a t h e r i n g  a x i s  u n d e r  a 
p r e c o n e - a n g l e ,  b l a d e  b e n d i n g  w i l l  b e  o u t s i d e  o f  t h i s  hubarm. T h i s  d e s i g n  w i l l  r e s u l t  
i n  a c o u p l i n g  be tween f e a t h e r i n g ,  i n p l a n e  b l a d e  mot ion  and  f l a p  b e n d i n g .  The o v e r a l l  
l a y - o u t  h a s  t o  t a k e  care t h a t  t h i s  c o u p l i n g  e f f e c t s  as w e l l  as t h e  c o u p l i n g  e f f e c t s  
i n  t h e  b l a d e  i t s e l f  by i n e r t i a ,  e l a s t i c  or ae rodynamic  f o r c e s  r ema in  r e l a t i v e l y  
small .  I n  f i g u r e  16 measured  p i t c h  l i n k  f o r c e s  are  p l o t t e d  o v e r  t h e  a i r s p e e d .  The 
f o r c e s  a r e  n o t  h i g h e r  t h a n  f o r  h e l i c o p t e r s  o f  e q u a l  s i z e  w i t h  a r t i c u l a t e d  b l a d e s .  
The c o n t r o l  f o r c e s  a re  n o t  s t r o n g l y  changed  by a change  o f  f l i g h t  c o n d i t i o n .  T h i s  
a l l o w s  t h e  c o n c l u s i o n  t h a t  t h e  c o n t r o l  c o u p l i n g  e f f e c t s  a r e  r e l a t i v e l y  small which 
was a l s o  e x p e c t e d  by t h e o r e t i c a l  d e s i g n  s t u d i e s .  

CONCLUSION 

It may b e  c o n c l u d e d  t h a t  f o r  a h e l i c o p t e r  w i t h  a r i g i d  or b e t t e r  a h i n g e l e s s  ro- 
t o r  a e r o e l a s t i c i t y  i s  t h e  b a s i s  o f  i t s  c h a r a c t e r i s t i c s .  I t s  h a n d l i n g  q u a l i t i e s ,  t h a t  
means b o t h  s t a b i l i t y  and  c o n t r o l ,  are ma in ly  i n f l u e n c e d  by t h e  f l a p w i s e  f l e x i b i l i t y  
o f  t h e  r o t o r b l a d e o .  B lade  i n p l a n e  f l e x i b i l i t y  and  t o r s i o n a l  s t i f f n e s s  have  n o  d i r e c t  
i n f l u e n c e  on t h e  f l i g h t  dynamics .  But t h e y  may f i x  d e s i g n  l i m i t s  t o  a v o i d  unaccep-  
t a b l e  i n s t a b i l i t i e s .  With a p r o p e r  t u n i n g  o f  t h e  d e s i g n  c o n c e r n i n g  mass d i s t r i b u t i o n ,  
e l a s t i c  p r o p e r t i e s  and k i n e m a t i c  r e l a t i o n s  it i s  p o s s i b l e  a l s o  f o r  a r i g i d  r o t o r  t o  
k e e p  c o u p l i n g  e f f e c t s  80  small t h a t  t h e y  w i l l  b e  n o t  o f  i m p o r t a n c e .  
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Fig. 1 BO 105 in Flight 

Fig. 2 The Balkox Rigid Rotor System 
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THE INFLUENCE OF COMPRESSIBILITY ON THE AIRLOADS ON OSCILLATING 
ROTOR BLADES I N  HOVERING FLIGHT 

W .  P. JONES* and B. M.  RAO** 

Department of Aerospace Engineering 
Texas A&M Unive r s i ty  

College S t a t i o n ,  Texas 

1. ABSTRACT 

An o u t l i n e  i s  given of a method, presented i n  f u l l  i n  an earlier paper ,  f o r  determining compres- 
s i b i l i t y  e f f e c t s  on o s c i l l a t i n g  r o t o r  b l ades .  
model of t h e  f low i n  which a t y p i c a l  s e c t i o n  of t h e  r e fe rence  b l ade  i s  replaced by an  a i r f o i l  with a 
s t r a i g h t  wake and a system of r e g u l a r l y  spaced i n f i n i t e  wakes below i t ,  inc lud ing  those from o t h e r  
b l ades .  This  model y i e l d s  t h e  r e s u l t  t h a t  t h e  downwash due t o  t h e  i n f i n i t e  system of wakes is inde- 
pendent of Mach number when t h e  b l ade  c i r c u l a t i o n  i s  assigned.  

The theory makes use  of a two-dimensional mathematical  

Aerodynamic c o e f f i c i e n t s  obtained from previous work toge the r  w i th  some addi t ional .  r e s u l t s  a r e  
A t  t h e  higher  given and t h e i r  s i g n i f i c a n c e  discussed from t h e  p o i n t  of view of b l ade  i n s t a b i l i t y .  

Mach numbers t h e  c o e f f i c i e n t s  v a r y  considerably i n  va lue  bu t  t h e  v a r i a t i o n  with phase d i f f e r e n c e  be- 
tween t h e  wakes shows a s i m i l a r  t r end  t o  t h a t  f o r  incompressible  flow. 
f i c i e n t s  f o r  plunging ( f l app ing)  o s c i l l a t i o n s  and f o r  p i t c h i n g  o s c i l l a t i o n s  about t h e  quarter-chord 
a x i s  a r e  always p o s i t i v e  bu t  can be sma l l  when t h e  b l ade  o s c i l l a t e s  a t  an e x a c t  number of cyc le s  pe r  
r evo lu t ion .  
is p o s s i b l e  f o r  a wide range of a x i s  p o s i t i o n s  and frequency parameter va lues .  

The aerodynamic damping coef- 

For p i t c h i n g  a x i s  p o s i t i o n s ,  forward of quarter-chord,  i t  is  shown t h a t  b l ade  i n s t a b i l i t y  

2. INTRODUCTION 

A s  p a r t  of a g e n e r a l  r e sea rch  programt on unsteady aerodynamic problems sponsored by t h e  U.S. 
Army Research Of f i ce  - Durham under P r o j e c t  Themis, a t h e o r e t i c a l  s tudy  has  been made a t  Texas A&M 
Unive r s i ty  of t h e  compress ib i l i t y  e f f e c t s  on o s c i l l a t i n g  r o t o r  b l ades  f o r  hovering f l i g h t .  Some of 
t h e  r e s u l t s  of t h i s  i n v e s t i g a t i o n  were given i n  a paper presented a t  t h e  r e c e n t  AIAA S t r u c t u r a l  Dyna- 
mics A e r o e l a s t i c i t y  S p e c i a l i s t  Conference he ld  a t  New Orleans.  ( l )  Since t h e  p re sen t  meeting i s  con- 
cerned among o t h e r  s u b j e c t s  w i th  a e r o e l a s t i c i t y  and i t s  e f f e c t s  from t h e  f l i g h t  mechanics p o i n t  of 
view on h e l i c o p t e r  des ign ,  i t  w i l l  be  appropr i a t e  t o  summarize t h e  f i n d i n g s  of our r e c e n t  paper and 
more p a r t i c u l a r l y  t o  comment on how t h e  r e s u l t s  obtained would a f f e c t  t h e  h e l i c o p t e r ' s  s t a b i l i t y  and 
f l u t t e r  c h a r a c t e r i s t i c s .  

The f l u t t e r  and v i b r a t i o n  behaviour of h e l i c o p t e r s  i n  hovering and forward f l i g h t  have been inves-  
t i g a t e d  ex tens ive ly  bu t  most of t h e  t h e o r e t i c a l  work has  been based on t h e  use of quasi-s teady aero- 
dynamic theory and t h e  a i r l o a d s  on t h e  r o t o r - b l a d e s  a r e  u s u a l l y  es t imated on t h e  b a s i s  of incompres- 
s i b l e  f low theory.  

The h e l i c a l  n a t u r e  and d i s t o r t i o n  of t h e  wakes of t h e  b l ades  in t roduces  a s e r i o u s  o b s t a c l e  t o  t h e  
development of a complete unsteady a i r f o i l  theory wi th  frequency e f f e c t s  taken f u l l y  i n t o  account.  
However f o r  incompressible  f low,  some p rogres s  has  been made towards t h i s  o b j e c t i v e ,  no tab ly  by J .  P. 
Jones(2)  and by R. G. L ~ e w y ( ~ ) .  Both considered t h e  case  of low forward speed o r  hovering f l i g h t  when 
t h e  inf low through t h e  r o t o r  b l ades  w a s  assumed t o  be small .  A two-dimensional mathematical  model of 
t h e  flow was assumed and t h e r e  i s  evidence t o  support  t h e  view t h a t ,  f o r  high frequency o s c i l l a t i o n s  
and low inf low,  t h i s  model i s  a reasonable  approximation. The same model has  a l s o  been used i n  our 
r e c e n t  paper  which took compress ib i l i t y  as w e l l  a s  frequency e f f e c t s  i n t o  account.  On t h e  b a s i s  of 
t h e  a n a l y s i s  i t  would appear t h a t  t h e  two-dimensional model used is  reasonably accu ra t e  f o r  b l ade  
s e c t i o n s  a few chord l eng ths  away from t h e  t i p ,  and t h a t  aerodynamic loads  can be est imated wi th  
some confidence by s t r i p  theory when t h e  modes of deformation of t h e  b l ades  and t h e i r  motions a r e  
p re sc r ibed .  

3.  OUTLINE OF METHOD 

In t h e  paper by R .  G .  L ~ e w y ( ~ ) ,  t h e  two-dimensional model r e p r e s e n t a t i o n  of a multi-bladed r o t o r  
i s  discussed i n  d e t a i l .  A s i m i l a r  model was used by t h e  p re sen t  au tho r s  i n  which t h e  system of 
h e l i c a l  wakes from t h e  b l ades  i s  r ep resen ted  by a two-dimensional a r r a y  of r e g u l a r l y  spaced vo r t ex  
(o r  doub le t )  s h e e t s .  Let  us  suppose t h e  r o t o r  has  Q blades and t h a t  a p a r t i c u l a r  b l ade  i s  denoted 

* Research P ro fes so r .  

** A s s i s t a n t  P ro fes so r .  

t Work sponsored by t h e  U.S. Army Research Of f i ce  - Durham under P r o j e c t  Themis Contract  
DAHC04-69-C-0015. 
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by the symbol q, where q = 0, 1, 2 ,  3 ,  Q-1 in turn and q = 0 represents the reference blade. 
determine the flow over a particular section of the reference rotor blade at radius r, it is assumed 
that the blade section can be replaced by an airfoil of the same chord moving with velocity U(:rn) 
and oscillating about a mean straight line in an identical manner. The helical wakes are then re- 
placed by a semi-infinite wake from the airfoil itself together with a system of infinite wakes as 
shown in Figure I. 

To 

If the rotation i s  such that blade q-1 follows blade q, the semi-infinite wake of the airfoil 
representing the reference blade section will be followed by the infinite wakes arising from blades 
1, 2 ,  3 ,  and Q-1, in that order, in the first revolution. The pattern repeats itself for every revo- 
lution thereafter except that the wake from the reference airfoil, q-0, also extends from -- to -. 

The spacing between the wakes is determined by the inflow and the rotational speed. 
pose that the distance between consecutive wakes is represented by dE where 211 i s  the chord. For low 
inflows, d will be small and when this is the case the two-dimensional model is believed to be fairly 
accurate at the higher frequencies for sections a few chord lengths inboard of the tip. 

Let us sup- 

All the blades of the rotor are assumed to be oscillating with the same frequency and amplitude 
but not necessarily in phase. 
f =  Ez = Ez’exp(ipt) and pitching oscillations, a = a’exp(ipt1 about its mid-chord point, taken as 
origin, the displacement 5 of any point P at a distance r: (=EX) from mid-chord is given by 

If the reference blade section is describing plunging oscillations 

where p is the frequency in rads/sec. The corresponding expression for the downwash distribution is 

1 

where w = pE/U is the reduced frequency. 
distribution that will induce the downwash distribution w(X) in order to satisfy the tangential flow 
condition. This can be done with the aid of known methods and results from two-dimensional unsteady 

theory for compressible flow. (4) 

The problem is then reduced to one of finding a vorticity 

airfoil 

Let 

z =  

where B 
then be 

$ =  

and X = 

a26 

the co-ordinates X,#in Figure 1 be changed and assume 

(3) $2 ET 
U E X , % = B y  t i -  

= m. 
expressed in terms of a modified potential 4 where 

The velocity potential 4 of the disturbed flow due to the blade oscillations can 

EQei(Xx+wT) (4) 

M2w/(1-M2). It can readily be proved that Q satisfies the wave equation 

a24 *+ p+ K ~ Q  = o (5) 

where K = Mw/(1-M2). 
we can write 

If $a and $b are the values of $ immediately above and below the vortex sheet, 

i(XX+wT) 
$a - Ob Ek EK(X)e 

where K(X) ? 4a-Qb. It can also be readily proved that in the wake 

aK 
ivK + ax = 0 

where v = w/(l-M2) is a modified reduced frequency parameter. 
in the transformed co-ordinates is 

The corresponding 

(7 )  

boundary condition 
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The problem is then reduced t o  one of f i n d i n g  t h e  s o l u t i o n  of t h e  equat ion 

I 

where Wi(Xl) is t h e  modified downwash amplitude due t o  t h e  system of i n f i n i t e  wakes and Z1 -+ 0. 
Wi(X1) = 0,  t h e  above equat ion corresponds t o  t h a t  f o r  a s i n g l e  o s c i l l a t i n g  a i r f o i l  i n  compressible 
flow and its s o l u t i o n  has  been obtained.  

When 

The gene ra l  equat ion with t h e  W i  term included can a l s o  be solved by a method similar t o  t h a t  
used f o r  t h e  s i n g l e  a i r f o i l  by W .  P. Jones.(4) The d i s t r i b u t i o n  of K(X) i n  t h e  immediate wake of t h e  
a i r f o i l  is of t h e  form 

K(X) = K(l)eiw(l-x) (10) 

s i n c e  cond i t ion  (7) must be s a t i s f i e d .  
preceding b l ade  wi th  a phase lead of Q1 is 

The K(X) d i s t r i b u t i o n  over t h e  f i r s t  v o r t e x  s h e e t  due t o  t h e  

2Ti p 
K10 = K(l )e  Q n  iv(1-X) + i q J 1  - - 

and t h a t  due t o  t h e  q ' t h  b l ade  wi th  a phase l ead  of $, is 

(11) 

a f t e r  n r e v o l u t i o n s .  
can be shown t h a t  

When t h e  downwash due t o  a l l  t h e  Kqn d i s t r i b u t i o n s  is taken i n t o  account ,  i t  

2nWi(X1) = *KO F(Q)eiv(l-X) 
QD 

where 

Q-l. i$, + !k!l Y 
F(Q) = %!i 11 + e Q ]  

eY-1 q = l  

and y = 2 n i  p/il + Qwd. 
t h e  system of wakes, namely 

This l e a d s  t o  t h e  fol lowing expres s ion  f o r  t h e  a c t u a l  downwash wi(X) due t o  

which is independent of Mach number f o r  a given k ( 1 ) .  
r e f e r e n c e  b l ade  is ass igned ,  t h e  downwash due t o  t h e  system of wakes is t h e  same f o r  compressible f low 
as f o r  incompressible  flow. 

For a s i n g l e  b l ade  F(Q) reduces t o  

I n  o t h e r  words when t h e  c i r c u l a t i o n  round t h e  

where y 
p e r  r evo lu t ion .  
i n  F igu re  2. 
when wd i s  assigned.  

i$o + wd and $o = 2n p/O = 2n(N+~) ;  N being the number of complete c y c l e s  of o s c i l l a t i o n  
For a s i n g l e  b l ade  t h e  v a r i a t i o n  of F with wd f o r  d i f f e r e n t  va lues  of Go a r e  shown 

The func t ion  F is independent of N and depends only on t h e  f r a c t i o n a l  p a r t  E of $,/2n 

It should b e  noted t h a t  both r e a l  and imaginary p a r t s  of F(EF'+iF") a r e  ve ry  s e n s i t i v e  t o  t h e  
v a r i a t i o n s  i n  q0 when wd is sma l l .  

The s o l u t i o n  of t h e  b a s i c  i n t e g r a l  equa t ion ,  when W(X) is known, can be 'obtained as i n  Reference 1. 
When K(X) is der ived  t h e  l i f t  d i s t r i b u t i o n  over t h e  s e c t i o n  can be deduced and t h e  t o t a l  l i f t  and 
p i t c h i n g  moment e s t ima ted .  

The t o t a l  l i f t  L and nose-up p i t c h i n g  moment M about t h e  mid-chord a x i s  can then be expressed i n  
t h e  form 
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L - = ( e ,  + id; ) z  + ( e ,  + iwe&>a 
np eu 

Values of the aerodynamic coefficients e , ,  e ; ,  and so on have been calculated for a single blade and 
a two-bladed rotor for a range of Mach numbers for particular values of w, d and $. 
initially obtained with the reference pitching axis at mid-chord but by the use of standard trans- 
formation formulae, the coefficients for any other axis can be obtained. 

The results were 

4. DISCUSSION OF RESULTS 

Most of the results given refer to a single oscillating rotor blade and were derived from the data 
given in our earlier paper. 
of the two-dimensional model of the flow used, a multi-bladed rotor can often be replaced by a mathe- 
matically equivalent single blade, provided the wake spacing and the inflow have appropriate values. 
Further, since our interest is in blade instability, attention will be concentrated on the behaviour 
of the aerodynamic damping coefficients as the Mach number and other parameters are varied. 

This is, however, not a severe limitation as it is known that on the basis‘ 

Figure 3 shows the variation of the coefficients and with $, for a range of Mach numbers 

The curve for M = 0 agrees with that given by J. P. Jones(2) and the variation with 
when w = 0.1 and d = 2.0. 
Mach numbers. 
Mach number is greatest when n / 4  < $, < n/2. 
per blade revolution, only the fractional part E of the ratio p/s2 is taken into account and $, is inter- 
preted as being effectively 2 n ~  whatever the value of N, the number of complete cycles per revolution. 
For the particular M values considered the curves showing variation of e ;  with $, follow the same trend 
as in incompressible flow. 

The damping coefficient 9.i aecreases to a minimum at $, = 0 and 2a for all 

In cases where the rotor blade oscillates several times 

Similarly for a reference axis at quarter-chord, the curves of e& show no marked changes of shape 
The values of 1; for as M is varied but the numerical values of the coefficient differ considerably. 

M = 0.8 range between 5.0 and -12.0 as $, is varied and this result may have important consequences in 
blade flutter analysis. 

In Figure 4 the pitching moment stiffness coefficient, -ma, and the damping coefficient, -m&, are 
shown plotted similarly. Both coefficients correspond to a reference pitching axis at quarter-chord. 
At M = 0, the coefficient -m, - 0 but as M is increased its value increases slowly up to M = 0.7 and 
then increases more rapidly, particularly when n/2 < $, < 3~12. This corresponds to a backward move- 
ment of the aerodynamic center of the blade section. It is shown in Reference 1 that the cross damp- 
ing derivative -m; behaves similarly but in both cases the values of the coefficients are small being 
less than 0.1 for M = 0.8. 
ficient -m& is of more importance. At M = 0, its value is independent of $, but as M is increased it 
increases in value and for M > 0.6 shows some variation with $,. 
damping and the results indicate compressibility effects to be stabilizing for pitching oscillations 
about the quarter-chord axis. 
positions. 

From the stability point of view, the behaviour of the direct damping coef- 

Positive values of -mh imply positive 

However, as will be shown later, this is not the case for all axis 

The variation of the coefficient e ;  with wake spacing d may also be of interest. In Figure 5, e ;  
is plotted against d for M = 0 and M = 0.7 for various values of $, when w = 0.2. 
vary much with Mach number for this value of w, except when d is small. 

The curves do not 

From the results given it is evident that never becomes negative. While this is also true of 
-4 for pitching oscillations about quarter-chord, it is not generally the case. The value of -m&(h) 
for a pitching axis at a distance he forward of quarter-chord is given in terms of the values of the 
coefficients referred to the quarter-chord axis by the standard transformation formula 

-m.(h) = -m. - h(mi - e; )  + h2ki 
It was noted earlier that 
influence in determining the value of -m&(h). 

could be large and negative and it is evident that it would have a strong 

For a conventional airfoil, it is known that -m&(h) can theoretically become negative for a small 
For M = 0.7, the range of reference axis positions forward of quarter-chord when M = 0 and w 2 0.06. 

range of axis positions is enlarged and one degree of freedom oscillations are possible up to w 
Figure 6 shows the above instability regions together with corresponding results for hovering flight 
when the influence of the system of wakes is taken into account, 
considerably increased and for M = 0.7, d = 1 and $, = 7n/4 the damping coefficient -m&(h) is negative 
for a wide range of axis positions for w values up to about w = 0.2. 

0.1. 

The region of instability is then 

Some calculations were also done for a two-bladed rotor and even larger regions of instability 
were obtained. The extent of the regions depend on the phase lead $1 of the second blade and the 
values of the other parameters involved. 
n/2), the coefficient -mb(h) is negative for an even larger range of axis positions for values of 
w ’ 0.3. 

For M = 0.7, d = 1, $, = 7n/4 and $1 = 3n/2 (phase lag of 

When $1 = n, instability occurs up to w = 0.2. 
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, 

The implications of these results are being further studied and it may be that the instability 
regions mentioned can be related to those that occur in actual flight. When the amplitudes of the 
z and a motions are such as to produce an effective pitching axis forward of quarter-chord or when 
a blade torsional resonance mode has a nodal line forward of quarter-chord, the theory would predict 
instability. 

It is realized that the mathematical model of the flow on which the theory is based is very idea- 
lised as it completely ignores tip effects, boundary layer behaviour and the helical nature of the 
wake. Nevertheless, the results obtained may be of some value in leading to a better understanding 
of instabilities at high blade-tip Mach numbers though they may be largely due to shock wave boundary 
layer,interaction effects. 

1. W. P. Jones 
B. M. Rao 

2.  J. P. Jones 

3. R. G. Loewy 

4 .  W. P. Jones 
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FIGURE 3: INFLUENCE OF MACH NUMBER AND PHASE ON 
AERODYNAMIC COEFFICIENTS ( w =  0.1; d = 2.0) 
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FIGURE 5: V A R I A T I O N  I N  1; FOR M=O AND M z 0 . 7  WHEN 
w =  0.2 

FIGURE 6: EFFECT OF REFERENCE A X I S  P O S I T I O N  ON P I T C H I N G  
MOMENT DAMPING C O E F F I C I E N T  
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An Analytical Method f o r  Predicting the  S t a b i l i t y  and 

Control Characterist ic8 of Large E las t i c  Airplanes 

a t  Subsonic and Supersonic Speeds, Part  I - Analysis 

Dr. Arthur R. Dusto 
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Commercial Airplane Division 

The Boeing Company 

SUMMARY 

An ana ly t ica l  method i s  presented f o r  predicting the  s t a b i l i t y  charac te r i s t ics  of la rge ,  
f lexible airplanes. 
described i n  terms of influence coefficients.  
t i ons  of motion f o r  t he  f l ex ib l e  airplane which appear as two s e t s  of  matrix equations. 
governs the  motion of  t he  airplane'e, center of gravity and the  second set  governs the in t e rna l  
equilibrium of  the  airplane as an e l a s t i c  body. 
d i rea t iona l  motion. T h i s  
technique introduces the  e f f ec t s  of the  s t ruc tu ra l  f l e x i b i l i t y  on the  a i rp lane ' s  motion i n  an 
optimal manner. 
spec ia l  modification of the s t a b i l i t y  derivatives. 

I n  this method the  aerodynamic and e l a s t i c  properties of the  airplane a r e  
T h i s  description leads  to  small disturbance equa- 

One s e t  

They apply to  longitudinal as well as l a t e ra l -  
The formulation readi ly  permits the  use of "residual f lex ib i l i ty" .  

These e f f ec t s  a r e  introduced in to  the mall disturbance equations of motion by 

The se lec t ion  and development of the formulation w a s  car r ied  out under NASA-Ames Contract 
NAS 2-3662, "An Analysis of Methods fo r  Predicting the S t a b i l i t y  Characterist ics of an E la s t i c  
Airplane". 
formulation by comparing computer calculated s t a b i l i t y  charac te r i s t ics  with value8 measured i n  wind 
tunnel and f l i g h t  areas. 

1.0 INTRODUCTION 

A companion paper wi l l  present validation of the  pr inc ipa l  techniques used i n  the  

The e f f ec t s  of s t ruc tu ra l  f l e x i b i l i t y  have been a consideration i n  the  design of air- 
planes s ince  the ear ly  days of aviation. 
t r o l  effectiveness have been the  primary problems. The e f f ec t  of f l e x i b i l i t y  on an a i rp lane ' s  
s t a b i l i t y  has been modest and could be accounted f o r  by small aeroe las t ic  corrections to  r i g i d  
a i rp lane  s t a b i l i t y  derivatives obtained from handbooks o r  wind tunnel testing. 

F lu t t e r  and wing divergence as well as loss of con- 

The e t a b i l i t y  charac te r i s t ics  of  the  l a t e s t  l a rge  transport  type airplanes operating i n  
the  transonic and supersonic f l i g h t  regimes a re  exceptions. 
planes is considerably increased over previous transports and they a re  subjected t o  high 
dynamic pressures. 
t o  cons t i tu te  a major consideration i n  configuration selection. Also, the natural  frequencies 
of the s t ruc tu ra l  motions a r e  su f f i c i en t ly  reduced that aerodynamic coupling between the  
s t ruc tu ra l  motion and the overa l l  airplane motion is attendant. An adequate evaluation of 
dynemic s t a b i l i t y  must be car r ied  out using equations of motion which accurately represent 
s t ruc tu ra l  motion. 

The f l e x i b i l i t y  of these air- 

T h i s  causes such a la rge  aeroe las t ic  e f f ec t  on t h e i r  s t a t i c  s t a b i l i t y  as 

An influence coef f ic ien t  method f o r  evaluating s t a b i l i t y  and control charac te r i s t ics  of 
l a rge  f l ex ib l e  airplanes is  presented which is capable of accounting for  severe aeroe las t ic  
e f f ec t s  on s t a t i c  and dynamic s t ab i l i t y .  It was developed, i n  pa r t ,  under sponsorship of the 
NASA-Ames Research Center, and the  work was car r ied  out under contract by The Boeing Company 
a t  Renton, Washington. Par t  I is a p a r t i a l  development of the  influence coefficient method 
oriented toward the dynamic s t a b i l i t y  problem. 
s t a b i l i t y  charac te r i s t ics  obtained using the influence coef f ic ien ts  with values measured by 
f l i g h t  t e s t ing  and wind tunnel testing. 
models of the Boeing 707-320B transport  and a typ ica l  supersonic transport  configuration. 
comparisons show the va l id i ty  of the  estimates based on the influence coef f ic ien ts  and the 
degree t o  which s t a t i c  and dynamic s t a b i l i t y  of these airplanes a r e  affected by s t ruc tu ra l  
f l ex ib i l i t y .  

Part  I1 presents comparisons of values of 

The wind tunnel test values were obtained using 
The 

I f  an e l a s t i c  airplane is t r ea t ed  as a continuous e l a s t i c  body, its e l a s t i c  motion is 
described by a time varying displacement f ie ld .  
a i rp lane  the  continuous representation is  replaced by a simplified model. 
divided i n t o  a la rge  number of small segments which a re  elementary sub-structures. 
l eads  t o  s t ruc tu ra l  influence coef f ic ien ts  which r e l a t e  the  deflection of the segments of the 
s t ruc ture  t o  the  loads applied a t  the  segments. 
nature form the bas is  fo r  describing e l a s t i c  motion. 

For a s t ruc ture  aa complicated as that of an 
The s t ruc ture  is 

The analysis 

S t ruc tura l  influence coef f ic ien ts  of this 

1 
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Recently an aerodynamic influence coefficient method has been developed which conforms 
well with the s t ruc tura l  influence coefficient method. 
r e l a t e s  a change i n  f low incidence at  one sement  of the  a i rp lane ' s  surface t o  the change i n  
pressure a t  another surface segment. 

Each aerodynamic influence coefficient 

The influence coefficient representation of both the s t ruc tu ra l  and aerodynamic character- 
i s t i c s  requires a specialized formulation of the equations of motion used i n  an airplane 
s t a b i l i t y  evaluation. The concept of a lumped parameter is used t o  develop equations of 
motion for  the d iscre te  representation required for  the influence coefficients.  Attention is 
given t o  the approximations involved i n  this representation where they e f fec t  the accuracy of 
predicted motions. 
accrues from the influence coefficient representation. 

EQUATIONS OF MOTION I N  LUMPED PARAHETER FORM 

The development l e a b  t o  the residual f l e x i b i l i t y  approximation which 

2.0 

The equations of motion fo r  the  airplane form the mathematical model on which s t a b i l i t y  
predictions a re  based. 
and s t ruc tu ra l  properties the airplane is represented by a collection of lumped masses joined 
together by the e l a s t i c  properties of the structure. 
describe the motion of the  lumped masses under the action of aerodynamic, i n e r t i a  and gravity 
forces. 

To u t i l i z e  the influence coefficient representation of the  aerodynamic 

The appropriate equations of motion 

The motion of the lumped masses is treated as the  motion of point masses with three 
t rans la t iona l  e l a s t i c  degrees of freedom re l a t ive  t o  a body axis system. The body d s  system 
i n  turn has three t rans la t iona l  degrees of freedom and three ro ta t iona l  degrees of freedom 
re l a t ive  t o  fixed space. 
degrees of freedom and 6 degrees of freedom as a whole. The number of equations of motion 
required fo r  a complete description of the motion is 3n. 

The airplane has n lumped masses; and therefore, has 3n-6 e l a s t i c  

The volume of  the  airplane, V, is  divided in to  a la rge  number, n, of volume segments, 
V i ,  such that 

37 v=c y (2.1) 
L . = f  

The lumped masses a re  the maases contained i n  the volume segments so t ha t  

- v= i ,  A V  (2.2) 

where pa is the mass density of the  airplane. The t o t a l  m a s s  o f  the airplane is therefore 
n .. 

M=C 777,' (2.3) 
I +  

The position of the ith lumped mass r e l a t ive  to  a space fixed reference frame x '  ,y '  ,z' , 
Fig. 1, is given by 

and the position of  the arsplane's center of gravity is  

Thus, posit ion of the ith lumped mass r e l a t ive  t o  the center of gravity is 

- - 0  17' r;. -5' (2.6) 

The position 5' is taken t o  be the position of the  ith lumped mass when the airplane 
is i n  a s t a t e  of a rb i t ra ry  e l a s t i c  deformation. 
as i t  is i n  its fabrication j i g s ,  the position of the i t h  lumped mass is denoted by 
The e l a s t j c  displacement vector is defined by 

When the airplane is f ree  of applied-forces, 
6 . 

L 
& &  a',.= - r; (2.7) 
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and is the rector joining the location of the undeformed lumped maas t o  i ts  deformed position. 
It may be computed from a continuous displacement f i e ld  as 

(2.8) 

The displacement f i e l d  a mu& be a solution to  the equations of elasticity.  That solution 
is obtained in the form of s t ructural  influence coefficients. 
fom as 

These may be written in diadic 

where, for example c,zsgs,.. 
i n  the X, direction of a s&uctural aX-s sgstem, Xs,Ys,Zs, due to a unit  force i n  the Ys direc- 
t ion at the jth l u m  ed mass. 

is the component of displacement, d&-, of the ith lumped mass 

Letting Qj be a force at the j t h  lumped maate, the result ing die- 
plhcement a t  the it E lumped mass due to forces a t  all the lumped masses is 

(2.10) 

Letting the matrix [C] represent the 3n x 3n matrix of 3 x 2 sub-matrices 

Y L 

7 
l e t t i ng  

and l e t t i ng  

(2.u) 

Eq. (2.10) m a y  be replaced by the matrix expression 

It may be noted that a prime has been :sed t o  denote the displacement in Fq. (2.10) and 
to  distinguish them from the dieplacements di originally introduced. 
join the deformed lumped masses t o  t he i r  undeformed positions when one potnt of the structure 
hae been held fixed during the deformation. 
reference point and is the origin of the etructural  ax ia  system, XS,Y,,Z,. For simplicity i n  
the following l e t  it coincide with the center of gravity of the airplane i n  its undeformed 
state.  

The displacement6 &' 
That fixed point is referred to  ata the structural  

A s m a l l  t ranslation and rotation_ of the s t ructural  axis system relat ive to  the body d s  
Then the two displacement vectors for the i t h  lumped system may be represented ae 

plil~s are  related as 
and 8,. 

where products of the mall translation and rotation are neglected. 
written aa 

Eq. (2.10) may now be 

t 
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Further, l e t t i n g  

T {a = pe,&.~&.%o,+,@e] 
and introducing the  r i g i d  b o a  mode shape matrix 

[+I = 
0 0  

I O  1 O f  
L 

the  matrix equation, Eq. (2.131, may be writ ten as 

0 

- 4' 

Yi  

(2.16) 

The body exis system is specified as a mean axis system, (11, by requiring the e l a s t i c  
displacement f i e l d  d t o  s a t i s f y  the relationships 

/A;#= 0 
Y 

and 

(2.19) 

(2.20) 

By defining the  diagonal mass matrix 

=?n -* = 

Eq. (2.19) requires that t h e  displacement f i e l d  not give r i s e  to a change i n  posit ion of the 
a i rp lane ' s  center of gravity. 
e l a s t i c  motion from ro ta t iona l  motion when the  ro ta t iona l  r a t e  is sma l l ,  (2). 
s a t i s f i e s  t he  l a w  of comervation of angular momentum when the body axis system is non-rotating 
and the  airplane is i n  a s t a t e  of f r e e  vibration. 
ducing free-vibrational mode shapes i n t o  the  analysis. 

The requirement of Eq. (2.20) leads to  dynamic uncoupling of 
It a lso  

This is important f o r  the purpose of intro- 

Eq. (2.19) and (2.20) may be combinedinto a s ingle  matrix expression as 
I 

(2.21) 

(2.22) 

Now, i f  E q .  (2.18) is  pre-multiplied by 
au expression fo r  the  vector {B} 80 that Eq. (2.18) may be writ ten as 

[@lTrd Eq. (2.22) may be used t o  derive 

where 
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I 

where 

and a , (  ) -  
at 

(2.30b) 

The forces on the  disturbed airplane may be separated in to  reference values and disturbed 
values. 
Hence, the  reference i n e r t i a  force on the ith lumped maem becomes 

When the airplane is  undergoing reference motion, the motion is a steady motion. 

and [I] is the ident i ty  matrix. 

It may be shown that the  e l a s t i5  rc ta t ion  90 is  of the order of magnitude of the s t r a ins  
i n  the structure. 
Eq. (2.9), d i f f e r  from base vectors i,3,% i n  the body axis system by this mall rotation. 
the components of the  f l ex ib i l i t y  coefficients i n  the body axis system, i.e., 

The base vectors ,is,js,%s i n  the diadic form of the f l ex ib i l i t y  coefficients,  
Thus, 

d i f f e r  from the  components i n  the s t ruc tura l  axis aystem only by quantit ies of the order of 
magnitude of products of e l a s t i c  strains.  
theory. Thus, t o  the order of accuracy of the analysis, components of vectors i n  the 
s t ruc tura l  axis system a re  interchangeable with components i n  the body axis aystem. 
interchangeability is used t o  represent a l l  components i n  the following development i n  the 
body axis system apd to  disregard the subscript S involved i n  the  preceding equations. 

These differences a re  ignored i n  l i nea r  s t ruc tura l  

T h i s  

The forces applied to the  airplane consist of i n e r t i a  forces, gravity forces, and aero- 
dynamic forces. The t o t a l  force applied a t  each lumped mass is given by 

where the i n e r t i a  force is 

with & the t i n e  rate of change apparent to an obLerver i n  the body axis sgstem and f, the 
ro ta t ion  r a t e  of the body axis system. The gravity force is given by 

with e,$ the Euler angles defining angle of inc l ina t ion- to  the  horizon and angle of roll. 
aerodynamic forces a re  the r e su l t  of aerodynamic surface tractions. 
dynamic surface of the i t h  lumped mass, l e t t i n g  ds be a d i f f e ren t i a l  surface element and 
neglecting viscous tractions,  ths  aerodynamic force on the i t h  lumped mass is 

The 
Letting S i  be the aero- 

where Cp is the  rmrface pressure coefficient and: is the  dynamic pressure. 

Several approldmationa a re  now introduced regarding the i n e r t i a  forces. The e l a s t i c  dis- 
placements and the i r  r a t e s  BB well as the rotation r a t e  and its rate of change are  regarded 
suf f ic ien t ly  small that products of these quantit ies may be neglected. This l e a b  t o  
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The disturbance i n e r t i a  force is 
.. 

(2.32) 

where the subscript p iden t i f i e s  the excess of the  values t o  the variables over t h e i r  steady, 
reference values. Similarly, the gravity force may be written as 

(2.33) 

by l e t t i n g  8 = 81 + eP and 0 = $1 + Idp and using the  mall angle approximation i n  the  s ine  
and cosine functions. 

The aerodynamic forces a re  separated an 

(2.344) 

Finally, the disturbance forces acting on the lumped masses may be written as 

where 

is the  matrix of disturbance components of translational and rotational ve loc i t ies ,  

( f . Z } =  Lo, a,o, $!, e!, OJ 

is the matrix of orientation angles, and [MI] , [Mz] a re  suitably defined i n  terms of the  
reference motion variables t o  give the appropriate centrifugal and gravity disturbance 
forcen, (3). 

The disturbance forces, E q .  (2.351, may be combined with Eq. (2.23) t o  obtain 

(2.36) 

These a re  the equatione of motion governing the e l a s t i c  motion re la t ive  to  the  body axis 
system. Also, the l a w s  of conservation of l i nea r  and angular momentum lead t o  

[$]IQp] = 0 
Thus, on using 4. (2.221, the expanded disturbance forces may be introduced to  find 

(2.37) 

Eq. (2.377) consti tutes s i x  equatione of motion governing the disturbance motion of the body 
axis system re l a t ive  to  reference motion. 
equations of motion fo r  assessing the  s t a b i l i t y  of the reference motion. 

4. (2.36) and (2.377) a re  the required disturbance 

The remainder of the discussion w i l l  introduce the dependence of the aerodynamic forces 
on t he  motion'variables and the simplifying approximatione known as quasi-static and residual 
f l ex ib i l i t y ,  (3). 
obtained from an aerodynamic influence coefficient method which conforma with the lumped para- 
meter representation. 

LUMF'ED AERODYNAMIC FORCES - A E R O h A M I C  INFLUENCE COEFFICIENTS 

The dependence of the aerodynamic forces on t he  disturbance motion is 

3.0 

The aerodynamic forces which a c t  on the lumped masses and a r i s e  as a consequence of the 
airplane's disturbance from a reference motion may be expressed an 
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The aerodynamic matrices p] , p] , [A{] , [AI+] , and [ A 2 1  are derived f r o m  consideration 
of t he  small disturbance ormula ion  of t e aerodynamic pro em. An important intermediate 
s t ep  i n  the derivation involves the  development of aerodynamic influence coef f ic ien ts  of t he  
type used by Woodward, (4). 

The exact inv isc id  f l u i d  boundary conditions imposed by the  a i rp lane ' s  motion through the  
atmosphere consist  of the  pa ra l l e l  flow requirement which can be writ ten as 

together with the  requirement of zero pressure discontinuity across the  wake and the  vanishing 
of disturbances a t  inf in i ty .  
boundary condition (3.2) small parameters describing the  loca l  surface inc l ina t ions  (i.e. , 
camber, thickness, and e l a s t i c  deformation) , the angles-of-attack and s ides l ip ,  and the  r a t e s  
of r o l l ,  p i tch ,  yaw, and e l a s t i c  deformation r a t e ,  and seeking an asymptotic solution i n  the  
l i m i t  ai3 t he  parameters approach zero. 
s e r i e s  involving powers of the  mall parameters. 
exact flow equations and boundary conditiona and equating equal order of magnitude among the  
small parameters leads t o  a sequence of simplified l i nea r  boundary value problems which 
individually describe the  flow associated with each of the  small parameters. 

The small disturbance'formulation a r i s e s  by identifying i n  the  

The velocity po ten t i a l  is  expanded i n  an asymptotic 
Substi tution of this expansion in to  the 

A velocity poten t ia l  expansion par t icu lar ly  su i t ed  f o r  the present analysis is of the  form 

where .Et* denotes any of the  mall parameters. The f i r s t  order po ten t ia l s ,  &;.#e- , a re  
governed by the  c l a s s i ca l  l i nea r  Prandtl-Qlauert equations. The corresponding f i r s t  order 
boundary conditions appear i n  the  form of required flow incidence angles. 
t o  combine the  flow incidence angles due t o  camber, tranevarse airplane motion, s t ruc tu ra l  de- 
formation r a t e s  and airplane ro t a t iona l  ve loc i t i e s  together i n t o  a s ingle  flow 

It is  convenient 

incidence 

st. , sa t i s fy ing  the  boundary condition 

where %= flow incidence a t  point i due t o  camber, transverse motion, 

# =  angular or ien ta t ion  of the mean surface cross section. 

ai= l oca l  camber slope. 

s t ruc tu ra l  deformation and airplane ro th t ion  rates.  

The remaining flow incidence due t o  thickness s a t i s f i e s  the condition 

yet. =et,- (3.5) 

where O t i  is  the  loca l  thickness slope. 

I n  many cases the  first order po ten t ia l s  alone a r e  su f f i c i en t  t o  provide a su i t ab le  
approximation f o r  the aerodynamic loads. 
Rubbert (5) has shown that cer ta in  second order terms involving products of the angle of 
s i d e s l i p  ,& 
approximation f o r  the s ides l ip  effects.  These second order terms a re  governed by l i nea r  
inhomogeneous p a r t i a l  d i f f e ren t i a l  equations whose par t icu lar  eolutions involve the  f i r s t  
order flow. 
With these,  the solutions fo r  t he  second order po ten t ia l  can, i n  principle,  be obtained by 
adding homogeneous terms t o  f u l f i l l  t he  appropriate boundary conditioner, which turn  out t o  
be l inear .  I n  practice,  however, it has been found t h a t  current numerical methods such as 
the  Woodward scheme (4) do not provide su i tab le  accuracy i n  the computation of  the  second 
order par t icu lar  solution. The d i f f i cu l ty  l i e s  i n  the  f ac t  that these par t icu lar  i n t eg ra l s  
require an accurate knowledge of various derivatives of t he  f i r s t  order solutions which a r e  
not supplied by current numerical methods. Implementation of t he  second order calculations 
must therefore be based on improved numerical methods fo r  solving the f i r s t  order boundary 
value problems. 

For the  par t icu lar  case of s ides l ip ,  however, 

with the  other small parameters a re  often s igni f icant  i n  determining a su i tab le  

General forms fo r  t he  par t icu lar  so lu t ions  have been worked out by Rubbert (5). 

The formulation of the  aerodynamic influence coef f ic ien ts  a r i s e s  from the  numerical 
scheme. I n  the Woodward scheme, f o r  example, d i s t r ibu t ions  of sources, vor t ices  and doublets, 
Fig. 2, a r e  u t i l i z e d  t o  generate the  disturbance flow. Line sources a re  located a t  slender 
body centerlines,  such as the fuselage i n  Fig. 2, t o  represent its thickness, Distributions 
of sources a r e  located a t  middle surfaces of t he  segments of t h in  bodies such as wings and 
tails t o  represent t h e i r  thicknesses. 
slender bodies a re  represented by l i n e  doublets on t h e i r  centerlines. 
(vortex d is t r ibu t ions)  including t h e i r  contributions t o  the  wake a r e  used to  represent the 

, 
Cross flow due t o  camber and transverse motion of 

Doublet d i s t r ibu t ions  
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wing and tail segments. 
surface distributions of singularit ies on a cylinder of mean body radius a t  the region of 
interference. 
coefficients which relate  the lumped pressure force a t  the ith segment of the airplane to  flow 
incidence due to  thickness a t  the jth segment 88 

Finally, interference effects  on slender bodies are  accounted for  by 

The distributed source type singularit ies give r i s e  to  aerodynamic influence 

where Fi is  along the normal zi. 

due t o  camber and transverse motion as 
The distributed doublet type singularit ies r e l a t e  the l&ped pressure forces to  incidence 

(3.71 

These influence coefficients are  applicable t o  qaasi-steady airplane motion. 
calculation of s idesl ip  effects  requires an extension of this basic procedure t o  include the 
forementioned second order terms. 

The accurate 

The approximate effects of unsteady aerodynamics are evaluated by an expansion of the 
solution to  the unsteady flow problem i n  terms of reduced frequency about zero frequency. 
The lowest order solution yield8 the quasi-steady flow problem. 
imation,when combined with the lowest order approximation, yields an uneteady flow problem. 
The solution t o  this problem may be computed directly from the solution t o  the quad-steady 
flow problem. The approach was suggested by Uiles, (61, and applied t o  supensonic unsteady 
flow over wings with supersonic t r a i l i ng  edges. 
applicable to  slowly oscil lating wings i n  supersonic flow with arbitrary edges and i n  subsonic 
flow for wings of f i n i t e  aspect ratio. 
numbers, U, and aspect ra t ios ,  A2 , which sat isfy the requirement -&<< 1. 
Uach number aspect r a t io  combinations where valid, the approach leads to  unsteady aerodynamic 
influence coefficients which are  independent of the reduced frequency provided i t  is mall by 
comparison with unity. 
forces and the r a t e  of change of flow incidence due t o  camber and transverse motion. T h i s  is 
expressed as 

The next higher order approx- 

It has been shown by Brune, (71, that it is 

The approximation is valid i n  subsonic flow for Uach 
For the 

The resul t  is a relationship between the lumped aerodynamic pressure 

Eq. (3.51, (3.61, and (3.7) may be combined to  give 

(3.81 

and it i e  this expression and Eq. (3.4) and (3.5) which form the b a d s  for  writing the aero- 
dynamic equation, Eq. (3.1). 

QUASI-STATIC AND RESIDUAL FLEXIBILITY APPROXIMATIONS 4.0 

The preceding has led to equationa of motion for the disturbance motion 04  an elast ic  
airplane expressed a s  

for the r i@d body motion and as  

for e l a s t i c  motion, where 

are  the disturbance aerodynamic forces. 

A quasi-static e las t ic  airplane representation is  one i n  which a l l  i n e r t i a l  and damping 
forces associated with the e l a s t i c  motion are  negligible. 
e l a s t i c  motion equations, Eq. 
blned to  eliminate explicit  dependence of the aerodynamic forces on the e l a s t i c  displacements. 
T h i s  r e su l t s  i n  

When t h i s  assumption is valid, the 
(2.361, and the aerodynamic equation, E q .  (4.11, may be com- 
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When this expression is introduced in to  E q .  (2.377) the equations of motion may be expressed 
as 

steady s t a b i l i t y  derivatives 

unsteady s t a b i l i t y  derivatives 

orientation stab& ty derivatives 

The s t a b i l i t y  derivatives corresponding to i n e r t i a l  forces may be combined d i rec t ly  with 
When that i s  done, the  e f fec t  of the i n e r t i a l  the steady and unsteady s t a b i l i t y  derivatives. 

forces on the values of the s t a b i l i t y  derivatives is referred to  as i n e r t i a l  r e l i e f  owing to  
the negative sign before these terms. 
with the  disturbance Euler angles 0 and 8. 
the airplane becomes rigid. 
dynamic pressure so that the  multiplier [[Zl-[A,lCCl]il-L 
dependence is the  mechanism whereby phenomena such as wing divergence occur. 

The orientation s t a b i l i t y  derivatives a re  associated 
They vanish when the  f l ex ib i l i t y  goes to  zero and 

Also, i t  may be noted that the  aerodynamic matrices contain the  
is dynamic pressure dependent. Tha t  

Eq. (2.361, (2.371, and (3.1) represent the dynamic e l a s t i c  airplane and Fq. (4.1) repre- 
sen ts  the quasi-static e l a s t i c  airplane. 
mediate to  these two extremes and is  optimum fo r  predicting s t a b i l i t y  characterist ics of 
large,  e l a s t i c  airplanes. 
sentation of the airplane‘s e l a s t i c  deformation and is  termed a residual f l e x i b i l i t y  repre- 
sentation, (3) and (8). 
which a r e  l i ke ly  t o  couple with the  r i g i d  body motions. 
modes a re  included as quasi-static e l a s t i c  motion. 

There is an airplane representation which is inter-  

Its formulation is based on a free-vibration mode shape repre- 

T h i s  formulation includes dynamic e f fec ts  of low frequency modes 
The ef fec ts  of the higher frequency 

The free-vibration modes a re  introduced as a transformation of the e l a s t i c  displacements 
t o  generalized e l a s t i c  displacements as 

where the columns of the transformation matrix [a] are  the  deformation shapes associated with 
the modes and the  quantit ies {U) a r e  the  generalized displacements which a re  functions of 
time alone. 

The mode shapes are obtained from an eigenvalue problem which develops from the e l a s t i c  
motion equations when the airplane is unaccelerated, non-rotating and f ree  of applied forces. 
The equations are 

1 dpI = - [e] TmJi dp 1. (4.4) 

They may also be expressed i n  terms of s t i f fnes s  as 

[PJ{dpJ= - [mJ{&I (4.5) 
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where the s t i f fnes s  matrix is given by 

and [ K . 4  is the inverse of the f l ex ib i l i t y  matrix [C] contained i n  [CJ . 
displacements ui  with f r equencyu i .  
value problem 

The mode shapes are  generated by assuming harmonic motion i n  each of the generalized 
Under that assumption Eq. (4.5) reduces to  the eigen- 

There are  3n-6 non-zem eigenvalues. 
t o  the non-zero eigenvalues. 

The transformation matrix has 3n-6 columns corresponding 
There are  Six eigenvalues which a re  zero, and s i x  additional 

may be constructed. They are the columns of the r i g i d  bow mode shape matrix 

The transformation matrix has the-following orthogonality properties: 

(4.7) 

where the diagonal elements of rRJ are  the generalized s t i f fness ,  

(4.8) 

where the diagonal elements of id are-the generalized masses, and 

(4.9) 

When the e l a s t i c  motion equations, Eq. (2.361, are expressed i n  terms of the s t i f fnes s  
matrix [RI and the transformation, E q .  (4.31, is introduced, the above orthogonality properties 
lead to generalized elatstic equations of motion as follows: 

(4.10) 

These equatione are coupled only i n  terms of the generalized aerodynamic forces. 
only 311-6 i n  number i n  l i e u  of the original 3n equations of e l a s t i c  motion. 
e l a s t i c  deflection dependence on the fne r t i a  and gravity forces no longer appears explicity,  
due to  the orthogonality property expressed by E q .  (4.9). It may be shown, (31, that the 
generalized aerodynamic forces are  computed from aerodynamic forces which deviate from those 
which jut balance the ine r t i a  and gravity forces at each lumped matss.  

They are  
Also, the 

Equations of motion for  the residual f l e d b i l i t y  representation are  obtained by parti t ion- 
ing the tramformation such that 

Then, l e t t i n g  [$A contain the higher frequency mode shapes such that 

TmJ[ a]{ ii I = 0. 

[AJ[ 4231 GI = 0 
the higher frequenoy portion of the equatione of motion, Eq. (4.101, reduce t o  

l v z ~  = r~..-’[~~ii/.). (4.13) 

This expression may now be used to  eliminate expl ic i t  dependence of the aerodynamic forces 
on the generalized displacements (u2) The r e su l t  is 

(4.14) 

I 
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Eq. (4.14) may be used t o  represent the  aerodynamic forces i n  the  res idua l  f l e x l b i l i t y  
formulation. 
representation, Eq. (4.11, is readi ly  apparent. The matrix [9,]mJ[9L] plays the  r o l e  of 
[ E ]  and is the  residual f l e x i b i l i t y  associated with the  high frequency modes. The r i g i d  body 
i n e r t i a l  and gravity terms do not appear i n  Eq. (4.14) because of the  orthogonality condition, 
E q .  (4.91, and because it is expressed en t i re ly  i n  terms of the free-vibration mode shapes. 

The s imi la r i ty  of  Eq. (4.14) with the  aerodynamic forces is the  quasi-static 

The exp l i c i t  dependence on the  higher frequency modes m a y  be eliminated as follovs. The 
q u a t i o n e  governing e l a s t i c  motion, Eq. (2.361, may be expressed i n  terms of s t i f f n e s s  aa 

The par t i t ioned  transformation, Eq. (4.11), is introduced in to  the l e f t  hand member of Eq. 
(4.15) and the  en t i r e  expression is pre-multiplied by the  transpose of the  par t i t ioned  trans- 
formation matrix. The r e s u l t  may then be solved f o r  t he  generalized e l a s t i c  displacements 
t o  f ind  

Premultiplication of Eq. (4.17) by the  transformation matrix leads t o  

and the  e l a s t i c  displacements of Eq. (4.18) may be equated t o  those of E q .  (2.36) t o  f ind  

The res idua l  f l e l d b i l i t y  is now defined as 

so that on introducing the  pa r t i t i on  transformation, Eq. (4.11); using the f i r s t  of the  
approximations of Eq. (4.12) and the  orthogonality conditione; Eq. (4.19) reduces to  

is eliminated i n  the same 

Eq. (4.21) may now be introduced t o  eliminate exp l i c i t  dependence of Eq. (4.22) on the higher 
frequency mode shapes and solved f o r  the aerodynamic forces. When that r e s u l t  is subs t i tu ted  
i n t o  Eq. (2.37) the  equations of mbtion writ ten i n  terms of res idua l  f l e x i b i l i t y  a re  found as 

steady s t a b i l i t y  derivatives 
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~~ ~ 

T 

unsteady s t a b i l i t y  derivatives 

i n e r t i a l  and or ien ta t ion  s t a b i l i t y  derivatives 
(4.23) 
cont. 

generalized e l a s t i c  displacement s t a b i l i t y  derivatives 

The s imi la r i ty  of the  above equations with the  quasi-etatic e l a s t i c  equations-of motion 
is  apparent. 
Eq. (4.23) becomes iden t i ca l  with Eq. (4.2). 
t o  the  quasi-static e l a s t i c  representation i n  the  l i m i t .  

I f  a l l  of the modes a r e  t rea ted  as s t a t i c  e l a s t i c ,  [GR) reduces t o  [cl and 
The res idua l  f l e x i b i l i t y  representation reduces 

The e l a s t i c  equations of motion f o r  t he  res idua l  f l e x i b i l i t y  representation of the air- 
plane a r e  readily obtained as 

(4.24) 

T h i s  s e t  of equations may be made to vanish when all modes a r e  taken as quasi-static. 

The residual f l e x i b i l i t y  formulation r e t a ins  only those dynamic e f f ec t s  of t he  s t ruc tu ra l  
motion which have important consequences on the charac te r i s t ics  of the  r i g i d  body motion. 
Whether the  e f f ec t  of the s t ruc tu ra l  motion may be represented as quasi-static or must be 
represented as dynamic depends largely on t he  na tura l  frequencies of the structure.  
s t ruc tu ra l  motion represented by motion i n  s t ruc tu ra l  modes whose frequencies a re  much 
l a rge r  than the na tura l  frequencies of the  r i g i d  body motion (an order of magnitude la rger )  
w i l l  not have s igni f icant  dynamic coupling wi th  the r ig id  body motion. 

The 

Since aerodynamic ertiffness, damping, and i n e r t i a l  forces on the  s t ruc tu ra l  modes a r e  
small by comparison with the s t ruc tu ra l  i n e r t i a l  and s t i f f n e e s  forces, the free-vibration 
na tura l  frequenciee of the s t ruc ture  a r e  close approximations t o  the  na tura l  frequencies of 
the  s t ruc ture  of the  airplane i n  a reference f l i g h t  condition. 
of the s t ruc ture  and the  r i g i d  body na tura l  frequencies based on the  quasi-static airplane 
representation a r e  a reasonable guide i n  se lec t ing  those generalized e l a s t i c  freedoms which 
must be included i n  the  dynamic analysis. 

The free-vibration frequencies 

It has been the prac t ice  t o  ignore the  high frequency modes such tha t  the  f l e x i b i l i t y  
associated with them is completely l e f t  out of a s t a b i l i t y  analysis. 
erroneous s t a b i l i t y  evaluation. A l a rge  na tura l  frequency f o r  a s t ruc tu ra l  mode need not imply 
a la rge  generalized s t i f f n e s s  nor s m a l l  deflections under aerodynamic loading. 
tail Burfaces on many airplanes have t h e i r  section m a s s  centers very close t o  the  shear centers 
of t h e i r  sections. 
be qui te  large. 
incorporation of the  tors iona l  deformation in to  a high frequency s t ruc tu ra l  mode. 
frequency of the  motion implies t h a t  the s t ruc ture  wi l l  respond quickly i n  twis t  under an 
aerodynamic couple about its shear center. 
e f f ec t  on r i g i d  body motion. The residual f l e l d b i l i t y  representation includes these e f f ec t s  
without encumbering the  numerical analysis of the important motion charac te r i s t ics  by intro- 
ducing unnecessary degrees of freedom. 

T h i s  can lead  t o  an 

For example, 

The surface may be very f lex ib le  i n  torsion and its mass d is t r ibu t ion  may 
But, the close proximity of the  section shear and mass centers leads  t o  the  

The high 

The r e s u l t  could be a s igni f icant  quasi-static 
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SUMMARY 

The method i s  appl ied t o  two a i r c r a f t  representa t ive  of current  design, the  Boeing 707-320B and 
an ear ly  vers ion of t h e  supersonic t ranspor t .  
t h i s  purely a n a l y t i c a l  method provides r e l i a b l e  and useful  r e s u l t s  f o r  es t imat ing t h e  longi tudinal  
s t a b i l i t y  and cont ro l  c h a r a c t e r i s t i c s  of  la rge  f l e x i b l e  a i r c r a f t .  
s t a t i c  longi tudinal  s t a b i l i t y  and control  of  t h e  two a i r c r a f t  were found t o  be la rge  and unfavorable 
f o r  most f l i g h t  condi t ions.  
i t y  c h a r a c t e r i s t i c s ,  bu t  t h e  r e s u l t s  ind ica te  t h a t  as the  s t r u c t u r a l  frequencies approach t h e  f r e -  
quency of motion of t h e  a i rp lane  ( r a t i o s  l e s s  than 4:1), major e f f e c t s  might occur. 

Comparisons with experimental values i n d i c a t e  t h a t  

The e f f e c t s  of e l a s t i c i t y  on the  

On the  o ther  hand, e l a s t i c i t y  did not grea t ly  a f f e c t  the  dynamic s t a b i l -  

INTRODUCTION 

I t  i s  evident (1) t h a t  t h e  a n a l y t i c a l  determination of t h e  s t a b i l i t y  and control  of an e l a s t i c  
a i rp lane  involves three  b a s i c  considerat ions:  ( i )  p red ic t ion  of t h e  aerodynamic forces ,  ( i i )  de te r -  
mination of t h e  deformations i n  shape caused by these  forces  and t h e  ensuing e f f e c t s  upon t h e  forces  
themselves, and ( i i i )  combination of  these  r e s u l t s  t o  determine t h e  dynamic motion of t h e  a i rp lane  
and i ts  s t r u c t u r e .  Errors  i n  t h e  a n a l y t i c a l  r e s u l t s  w i l l  accrue from a l l  of these sources .  

Experience has shown t h a t  the  aerodynamic problem is t h e  most d i f f i c u l t  t o  t r e a t ,  and t h e  
aerodynamic predic t ions  contain la rge  uncer ta in t ies .  
of an a n a l y t i c  scheme f o r  computing s t a b i l i t y  c h a r a c t e r i s t i c s  should include the  v a l i d i t y  of the  
aerodynamic ana lys i s  i n  addi t ion t o  t h e  overa l l  accuracy of t h e  scheme i t s e l f .  
has already been made of t h e  aerodynamic method of t h e  present  scheme, bu t  is  concerns only idea l ized  
wing-body shapes (2,3) .  
ances and sur face  d i s c o n t i n u i t i e s  on a i rp lanes ,  together  with t h e  large differences between wind 
tunnel and f l i g h t  Reynolds number, makes it advisable  t o  extend t h e  appra isa l  t o  f u l l - s c a l e  a i r c r a f t .  
This extension i s  t h e  f i r s t  object ive of the  present  inves t iga t ion .  

For these  reasons an assessment of  the  u t i l i t y  

Such an appra isa l  

The presence of nace l les ,  s t r u t s ,  hinge l i n e s ,  and various o ther  protuber- 

A second, more important ob jec t ive ,  i s  t o  determine t h e  o v e r a l l  accuracy of the  a n a l y t i c a l  
scheme appl ied t o  e l a s t i c  a i r c r a f t ,  thereby assessing i t s  general usefulness in a i r c r a f t  design. 

To accomplish these  two objec t ives ,  information concerning the  e f f e c t s  of e l a s t i c i t y  on the  
s t a b i l i t y  and cont ro l  of the  associated configurat ions i s  supplemented and re-examined t o  determine 
how and t o  what extent  the  pr inc ipa l  s t a b i l i t y  and control  parameters of t h e  configurat ions a re  
a f fec ted .  

With but  one exception a l l  r e s u l t s  apply only t o  longi tudinal  motion. 

SYMBOLS 

b wing span, m 

CL l i f t  c o e f f i c i e n t ,  L/%S 

change i n  l i f t  coef f ic ien t  with angle of a t tack ,  aCL/aa, deg-’ CLa 

CLd, 
change i n  l i f t  coef f ic ien t  with r a t e  of change of angle of a t tack ,  a C ~ / a ( k / 2 V ) ,  radian-’ 

change i n  l i f t  coef f ic ien t  with e leva tor  def lec t ion  angle, aCL/a t iE ,  deg-’ 

C l  rolling-moment c o e f f i c i e n t ,  Mx/%Sb 
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change i n  rolling-moment coef f ic ien t  with r o l l  r a t e ,  aC~/a(pb/ZV), radian-’ 

pitching-moment c o e f f i c i e n t ,  M,,/%Sc 

change i n  pitching-moment coef f ic ien t  with p i t c h  r a t e ,  aCm/a(qc/2V), radian-’ 

change i n  pitching-moment coef f ic ien t  with angle of a t tack ,  aCm/aa ,  deg-’ 

change i? pitching-moment coef f ic ien t  with r a t e  of change of angle of a t tack ,  
X m / a  (ac/ZV) , radian- ’ 

change i n  pitching-moment coef f ic ien t  with e leva tor  def lec t ion  angle, aCm/aSE,  deg-’ 

reference chord, m 

center-of-gravi ty  loca t ion ,  x/c  

maneuver point  locat ion,  x/c 

neut ra l  point  locat ion,  x/c 

r o l l i n g  moment, m-N 

p i tch ing  moment, m-N 

Mach number 

load f a c t o r  

r o l l  r a t e ,  radians/sec 

p i t c h  r a t e ,  radians/sec 

dynamic pressure,  N/m2 

projected wing area ,  m2 

a i rp lane  ve loc i ty ,  m/sec 

longi tudinal  dis tance,  m 

angle of a t t a c k ,  deg 

r a t e  of change of angle of a t t a c k ,  radians/sec 

e leva tor  def lec t ion  angle, deg 

short-per iod damping r a t i o  

a i r  dens i ty ,  kg/m3 

short-per iod damped na tura l  frequency, radians/sec 

Abbrevi a t  ions 

a1 ti tude 

supersonic t ranspor t  

a i rp lane  weight 

CONFIGURATIONS, DATA, AND COMPUTATION 

Two configurat ions representa t ive  of current  t ranspor t  a i r c r a f t  designs were examined i n  t h i s  
inves t iga t ion .  The general arrangement of  t h e  configurat ions is  given i n  Fig. 1. The Boeing 
707-320B a i rp lane  is  general ly  fami l ia r ;  t h e  supersonic t ranspor t  (SST) configurat ion is  one of t h e  
ear ly  variable-sweep designs s tudied.  Only t h e  f u l l y  swept configurat ion i s  considered here .  

C h a r a c t e r i s t i c  fea tures  of the  Boeing 707-320B a i rp lane  per t inent  t o  t h i s  inves t iga t ion  a r e  i t s  
r e l a t i v e l y  high aspect  r a t i o ,  6 .9 ,  and i t s  f l e x i b l e  s t r u c t u r e .  
r e s u l t s  a r e  normally expected of aerodynamic ca lcu la t ions .  

For planforms of t h i s  type, good 



12- 11 

The b a s i c  s t a t i c  der iva t ives  considered a r e  CL,, CQ, Czp ,   CL^^, Cm6E, dGE/dV, and dQ/dn.  

Although Figs. 3 through 8 i l lus t ra te 'many of t h e  e f f e c t s  of e l a s t i c i t y  on t h e  aerodynamic character-  
i s t i c s  of t h e  configurat ions,  discussion of these e f f e c t s  i s  deferred t o  t h e  sec t ion  immediately 
following, where t h e  addi t iona l  da ta  of  Figs .  9 and 10 a r e  introduced. 
l a t i o n s  f o r  t h e  e l a s t i c  a i rp lane  a r e  based upon i t s  q u a s i - s t a t i c - e l a s t i c  shape. 

A l l  s t a t i c  s t a b i l i t y  calcu- 

The aspect  r a t i o  of t h e  supersonic  t ranspor t  is  low, 1.25, and severely t e s t s  t h e  range of 
a p p l i c a b i l i t y  of t h e  aerodynamic ana lys i s .  'Another fea ture  of aerodynamic i n t e r e s t  is  t h e  shear  t i e  
between the  wing and t h e  hor izonta l  t a i l ,  which i n  the  f u l l y  swept condition r e s u l t s  i n  a discontinu- 
i t y  between t h e  s lopes of these  surfaces  a t  t h e i r  juncture .  

The experimental da ta  f o r  t h e  707 (see (4))  were obtained from f l i g h t  t e s t s  of  t h e  f u l l - s c a l e  
The Reynolds number of e l a s t i c  a i rp lane  and from wind-tunnel t e s t s  of an 0.035 s c a l e  r i g i d  model. 

the  wind-tunnel t e s t s ,  based on the  reference chord length (which f o r  the  f u l l - s c a l e  a i rp lane  is  
6.92 m), ranged from 1.8 t o  3.0 mil l ion.  

A l l  experimental da ta  f o r  t h e  SST (4) were derived from wind-tunnel t e s t s .  Two 0.015 s c a l e  
models were used - one r i g i d  and one e l a s t i c .  
t i o n s  of t h e  wing and t a i l  surfaces  under s i m i l a r  loading conditions dupl icated as  c lose ly  as 
possible  those ca lcu la ted  f o r  the  proposed f u l l - s c a l e  a i rp lane  a t  c r u i s e  condi t ions.  
b i l i t y  was not dupl icated;  t h e  body construct ion was t h e  same as t h a t  o rd inar i ly  used f o r  r i g i d  
models. 

The e l a s t i c  model was constructed so  t h a t  the  def lec-  

Body f l e x i -  

Reynolds numbers of these t e s t s  were 15 t o  21 mi l l ion .*  

Predicted values of aerodynamic q u a n t i t i e s  were i n  a l l  cases obtained by use of aerodynamic 
inf luence c o e f f i c i e n t s .  
f o r  the  Boeing 707-320B a i rp lane ,  these aerodynamic inf luence coef f ic ien ts  were computed by a method 
based on l i f t i n g  sur face  theory (2,3) .  
t h i s  procedure employed aerodynamic inf luence c o e f f i c i e n t s  obtained from l i f t i n g  l i n e  theory. 
ca lcu la t ions  neglected the  e f f e c t s  of wing thickness  and, with one exception, those of body thickness  
as well .  

With t h e  s i n g l e  exception of a por t ion  of t h e  dynamic s t a b i l i t y  ca lcu la t ions  

The 707-320B dynamic s t a b i l i t y  ca lcu la t ions  deviat ing from 
A l l  

Cer ta in shortcomings inherent  i n  t h e  aerodynamic ana lys i s ,  even i n  i t s  complete form, should 
( i )  pressure d i s t r i b u t i o n s  near the  leading 

For these  and o ther  reasons, the  panel 

a l s o  be mentioned. 
edge of t h e  wing a r e  not wel l  represented,  and ( i i )  pressures  over each of t h e  panels i n t o  which the  
planform is divided are  presumed constant f o r  t h a t  panel .  
arrangement used i n  the  ca lcu la t ions  has dec is ive ly  important e f f e c t s  on t h e  accuracy of t h e  r e s u l t s .  
Fig. 2 shows the  paneling used f o r  t h e  computations of  t h e  present  inves t iga t ion ;  the  paneling was 
arranged i n  accordance with t h e  recommendations of (2) .  

Two i n  p a r t i c u l a r  a r e  important: 

S t r u c t u r a l  def lec t ions ,  t r a n s l a t i o n a l  and angular, were ca lcu la ted  by use of s t r u c t u r a l  i n f l u -  
ence c o e f f i c i e n t s .  
c e r t i f i c a t i o n  of  t h e  a i r c r a f t ;  they had, i n  addi t ion,  been v e r i f i e d  by s t a t i c  load and v ibra t ion  
tests. 
measured def lec t ions  of t h e  s t a t i c a l l y  loaded wind-tunnel models were used. 

The c o e f f i c i e n t s  employed f o r  t h e  707-320B ca lcu la t ions  were those used i n  the  

For t h e  SST conputations, experimental inf luence coef f ic ien ts  determined from d i r e c t l y  

To account f o r  t h e  a i rp lane  weight and i n e r t i a ,  p a r t  of t h e  t o t a l  mass was assigned t o  each panel 
t o  correspond t o  t h e  a i rp lane  mass d i s t r i b u t i o n  over i t s  planform. 
t r a t e d  a t  t h e  panel centroid.  
e l a s t i c  def lec t ions  of the  s t r u c t u r e  were then handled by two d i f f e r e n t  methods. 
termed t h e  "quas i - s ta t ic -e las t ic , "  while including f o r  each panel t h e  i n e r t i a l  forces  associated with 
a i rp lane  center  of  grav i ty  acce lera t ion ,  neglected the  corresponding forces  a r i s i n g  from panel 
acce lera t ions  r e l a t i v e  t o  the  a i rp lane  center  of grav i ty .  
forces  causing them were assumed t o  be exact ly  i n  phase a t  a l l  times. 
the  " s t a t i c  e l a s t i c "  and "equivalent e l a s t i c "  procedure. 
representa t ion ,  recognized t h e  e f f e c t s  of a l l  i n e r t i a l  forces  as well as gravi ta t iona l  forces ,  and 
used the  concept of normal modes t o  represent  t h e  shape of t h e  s t r u c t u r e .  

The term " r i g i d  body" ind ica tes  a s i n g l e ,  unique configurat ion.  

Each elemental mass was concen- 

The f i r s t  method, 
The e f f e c t s  of  aerodynamic, i n e r t i a l ,  and gravi ta t iona l  forces  on the  

Panel def lec t ions  and the aerodynamic 

The second method, the  " fu l ly  e l a s t i c "  
This method is  a l s o  known as , 

The shape of t h i s  configurat ion 
is  t h a t  of t h e  loaded q u a s i - s t a t i c - e l a s t i c  a i rp lane  with i t s  mass properly d i s t r i b u t e d  f o r  t h e  
se lec ted  t o t a l  weight i n  the  c ru ise  condition. 

RESULTS AND DISCUSSION 

The d a t a  summarizing the  r e s u l t s  obtained f o r  t h e  two configurat ions of t h i s  inves t iga t ion  a r e  
These f igures  have been arranged t o  i l l u s t r a t e  f i r s t  t h e  accuracy presented i n  Figs .  3 through 13. 

of the  a n a l y t i c a l  method as r e f l e c t e d  by comparisons of s t a t i c  s t a b i l i t y  and control  parameters 
(Figs. 3-8); second, t h e  e f f e c t s  of e l a s t i c i t y  on s t a t i c  longi tudinal  s t a b i l i t y  and control  
(Figs .  3-10) ; and, f i n a l l y ,  t h e  dynamic s t a b i l i t y  c h a r a c t e r i s t i c s  (Figs. 11-13). 

*Ful l -scale  reference length was 48.2 m (158 f t ) .  
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S t a t i c  S t a b i l i t y ,  Evaluation of Theory 

Boeing 707-320B a i rp lane . -  To evaluate  the  accuracy of t h e  t h e o r e t i c a l  ca lcu la t ions  of l i f t  and 
p i tch ing  moment, t h e  values computed f o r  l i f t  curve s lope,  CL,, and f o r  pitching-moment der iva t ive ,  
CQ, of t h e  r i g i d  a i rp lane  a r e  compared i n  Fig. 3 with the  experimental da ta  obtained from wind- 
tunnel  t e s t s  of a r i g i d  model. L i f t  curve s lope computations accounting f o r  the  e f f e c t s  of body 
thickness  a r e  a l s o  included i n  t h i s  f igure .  For CL,, t h e  agreement of predicted with experimental 
values is  considered good, t h e  maximum discrepancy over t h e  Mach number range f o r  the  t h i n  body 
representat ion being of the  order  of 10 percent .  Cplculations of  CL using t h e  thick-body repre-  
sen ta t ion  provided even b e t t e r  comparison, t h e  maximum discrepancy being reduced t o  l e s s  than 
5 percent .  

cc 

For 
CL,, but  here  a l s o  t h e  v a r i a t i o n  with Mach number is  wel l  represented. 

As w a s  previously explained, t h e  aerodynamic ca lcu la t ions  (except a port ion of t h e  707-3208 

Cmu, t h e  e r r o r  i n  the  magnitudes of t h e  t h e o r e t i c a l  values i s  somewhat g r e a t e r  than it is  
f o r  

dynamic s t a b i l i t y  analysis)  a r e  based upon sur face  theory as contrasted with t h e  l i f t i n g  l i n e  
theory frequent ly  used f o r  planforms of the  type represented by t h i s  a i rp lane .  
choice stems from t h e  r e s u l t s  of comparative ca lcu la t ions  with the  two t h e o r i e s .  
r e s u l t s  obtained with l i f t i n g  sur face  theory were i n  b e t t e r  agreement with experimental r e s u l t s  than 
those derived from l i f t i n g  l i n e  ana lys i s .  

One reason f o r  t h i s  
In  a l l  cases t h e  

I n  Fig. 4 values of CL, and Cm, computed f o r  t h e  e l a s t i c  a i rp lane  a re  compared with measure- 
ments made i n  f l i g h t  a t  the  a l t i t u d e s  and Mach numbers indicated.  
these  r e s u l t s ,  t h e  r i g i d  a i rp lane  c h a r a c t e r i s t i c s  of Fig. 3 a r e  a l s o  shown. The agreement of the  
e l a s t i c  body ca lcu la t ions  with t h e  f l i g h t  da ta  f o r  
is not iceably b e t t e r  than the  agreement of the  r i g i d  body ca lcu la t ions  with t h e  same experimental 
data .  Thus it may be concluded t h a t  t h e  a n a l y t i c a l  method of (1) does account f o r  t h e  major e f f e c t s  
of f l e x i b i l i t y  a t  these  subsonic Mach numbers. 
weight, ind ica t ing  t h a t  the  s t a b i l i t y  of  t h e  707-3208 a i rp lane  increases  with mass, should be i n t e r -  
preted caut iously.  The s c a t t e r  of the  da ta  f o r  108,900 kg shows t h a t  more evidence i s  required 
before  any but  q u a l i t a t i v e  conclusions can be drawn. 
ence between ca lcu la ted  and f l i g h t  values f o r  108,900 kg gross weight approximates -0.003 and t h a t  
t h i s  d i f fe rence  i s  about t h e  same as  t h a t  shown i n  the  comparison of  Fig. 3. 

To provide a b a s i s  f o r  evaluat ing 

CL,, and f o r  C,, f o r  the  108,900 kg a i rp lane ,  

The two experimental po in ts  f o r  129,500 kg gross 

I t  should f u r t h e r  be not iced t h a t  t h e  d i f f e r -  

Cm, 
I The var ia t ion  with Mach number of Cz change i n  rolling-moment c o e f f i c i e n t  with r a t e  of r o l l ,  

is  shown i n  Fig. 5 .  Here a l s o  t h e  agreement of  ca lcu la ted  with measured r e s u l t s  i s  reasonably good. 
This conclusion i s  a l s o  supported by t h e  da ta  of Fig. 6 ,  i n  which t h e  var ia t ion  of e leva tor  angle 
with ve loc i ty  dGE/dV and with load f a c t o r  dGE/dn have been p lo t ted .  The good agreement observed 
i n  t h i s  l a t t e r  f igure  i s  of more than passing s igni f icance ,  i n  t h a t  i t  provides an appra isa l  of  t h e  
overa l l  v a l i d i t y  of  the  ana lys i s .  The experimental values a re  measured d i r e c t l y  and with reasonable 
accuracy; t h e  predicted values a r e  determined i n d i r e c t l y ,  from ca lcu la ted  values of such b a s i c  
der iva t ives  as 

P' 

CL,, C,,, hq, CmGE, e t c .  

Supersonic t ranspor t . -  Comparisons of predicted and experimental values of the  angle-of-attack 
der iva t ives  f o r  the  SST configurat ion a t  Mach numbers of 1 .6  and 2.7 a r e  presented i n  
Fig. 7. These %ata a r e  p l o t t e d  as funct ions of free-stream dynamic pressure f o r  both r i g i d  and 
e l a s t i c  models. For the  e l a s t i c  wind-tunnel model the  e f f e c t s  of model mass, and of mass d i s t r i b u -  
t i o n ,  were ca lcu la ted  and found t o  be negl ig ib le .  

CL and Cmu 
I 
I 

I 

I Predicted values of CL, f o r  both t h e  r i g i d  and f l e x i b l e  models, when compared t o  t h e  experi- 

I 
mental da ta ,  show good agreement. 
experimental values .  

The discrepancies  t h a t  do occur a r e  l e s s  than 4 percent  of the  

1 

Analytical ca lcu la t ions  of Cma f o r  t h e  r i g i d  model do not agree with t h e  experimental values 
measured i n  the  wind-tunnel t e s t s .  This r e s u l t  i s  not pecul ia r  t o  t h i s  configurat ion nor t o  t h e  t h i n  
body assumption. Experience with t h e  aerodynamic analysis  using thick body representa t ion ,  while not 
yet  extensive, ind ica tes  t h a t  the  disagreement observed here  both i n  s i z e  and d i r e c t i o n  (underestima- 
t i o n  of the  s t a t i c  s t a b i l i t y )  i s  usual ly  encountered. 
dynamic analysis  as  it i s  present ly  formulated. Among t h e  poss ib le  causes may be t h e  f a i l u r e  t o  
accurately account f o r  leading edge pressure representat ion and t h e  f a c t  t h a t  chordwise'pressure 
d i s t r i b u t i o n s  near the  wing t i p ,  as shown i n  ( 2 )  and (3) ,  a r e  not iceably inaccurate .  These and 
o ther  p o s s i b i l i t i e s  are current ly  being inves t iga ted  a t  t h e  NASA, Ames Research Center by wind- 
tunnel t e s t s  of pressure d i s t r i b u t i o n s  models. 

The e r r o r  appears t o  be inherent  i n  the  aero- 

I t  should a l s o  be noted t h a t  the  experimental measurements of Cma a t  l i f t  c o e f f i c i e n t s  of 
0 . 0 2  and 0.08 shown i n  Fig. 7 disagree with one another. 
independent of CL;  consequently, C, var ies  nonl inear ly  with angle of a t t a c k .  The formulation of 
the  aerodynamic theory, depending as  i t  does upon l i n e a r  approximations, obviously cannot account 
f o r  t h i s  nonl inear  e f f e c t .  

This disagreement shows t h a t  Cm, is  not 

Comparisons of t h e  predicted e leva tor  control  surface der iva t ives  and CmG f o r  the  SST 
E 

configurat ion a r e  i l l u s t r a t e d  i n  Fig. 8 .  For CL both r i g i d  and e l a s t i c  ca lcu la ted  values 
6E 
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general ly  agree.wel1 with the  experimental values ,  except f o r  t h e  r i g i d  model a t  1.6 Mach number. 
The agreement is  a l s o  good f o r  t h e  r i g i d  body values of Cm6E. 

and experimental values disagree ser ious ly  and because ca lcu la ted  values of Cm, 
previously,  unre l iab le ,  values pred ic ted  f o r  Cm6E 

be observed t h a t  the  pred ic t ions  a r e  unconservative. 

Here, however, because t h e  e l a s t i c  

a r e ,  as discussed 
I t  should a l s o  should be viewed with caut ion.  

S t a t i c  S t a b i l i t y ,  Ef fec ts  of E l a s t i c i t y  

The da ta  used t o  appraise  the  e f f e c t s  of e l a s t i c i t y  on t h e  s t a t i c  s t a b i l i t y  and control  of the  
Boeing 707-3208 a i rp lane  a r e  contained i n  Figs .  4-6, and i n  Fig. 9 .  For the  supersonic t ranspor t  
configurat ion the  re levant  information appears i n  Figs .  7, 8, and 10. A l l  pitching-moment d a t a  a r e ,  
f o r  t h e  707-3208, r e f e r r e d  t o  the  25-percent chord poin t ;  and f o r  t h e  SST, t o  the  64-percent chord 
poin t .  

Boeing 707-320B a i rp lane . -  The e f f e c t s  of e l a s t i c i t y  on the  s t a b i l i t y  der iva t ives  CL, and Cm, 
may be infer red  by comparing t h e  curves of Fig. 4 ca lcu la ted  f o r  t h e  r i g i d  and e l a s t i c  body shapes. 
For both der iva t ives  i t  i s  c l e a r  t h a t  the  changes a r e  la rge  and unfavorable, and t h a t  these  d i f f e r -  
ences increase sharply a t  Mach numbers above 0.4. For example, a t  0 .6  Mach number and 3050 m a l t i -  
tude the  loss  i n  CL, is  20 percent  of t h e  r i g i d  body value,  and i n  Cm,, 50 percent .  The r o l l i n g  
moment der iva t ive  C z p  a l s o  i s  not iceably a f fec ted  (Fig.  5 ) .  For these same conditions the  
reduct ion here  a l s o  approximates 50 percent .  

I t  i s  i n t e r e s t i n g  t o  examine the  t rend  with Mach number of t h e  magnitudes of t h e  d i f fe rences  
between r i g i d  and e l a s t i c  values ca lcu la ted  f o r  
number the  d i f fe rence  i n  the  
The loss experienced i n  CL, 
r e s u l t  is  a l s o  found f o r  Cma and f o r  CL Since t h e  dynamic pressure a t  constant a l t i t u d e  l ike-  
wise var ies  as the  square of t h e  Mach number, t h e  d a t a  ind ica te  t h a t  f o r  t h i s  a i rp lane  losses  due t o  
e l a s t i c i t y ,  a t  constant a l t i t u d e ,  a r e  pr imari ly  associated with changes i n  dynamic pressure.  

CL,, C%, and C2 As an example, a t  0 .2  Mach 
P' 

CL, 
thus var ies  more o r  l e s s  quadra t ica l ly  with Mach number. 

curves is  approximately 0.0025; a t  0 . 4 ,  0.009; and a t  0.8, 0.037. 
This same 

P' 

F l igh t  t e s t  d a t a  f o r  Cma i n  Fig. 4 ind ica te  t h a t  the  e f f e c t s  of  e l a s t i c i t y  a l s o  change w i t h  
changes i n  the  a i rp lane  mass. 
weight a i rp lane .  

The reduction i n  s t a b i l i t y  appears t o  be g r e a t e r  f o r  the  l i g h t e r  

The d i f fe rences  between t h e  r i g i d  and e l a s t i c  values of d+/dn, and of dSE/dV a t  Mach numbers 
below 0.3, i l l u s t r a t e d  i n  Fig. 6 ,  are  negl ig ib le .  This r e s u l t  is  a t t r i b u t e d  t o  the  f a c t  t h a t ,  while 
changes i n  the  b a s i c  der iva t ives  a r e  mater ia l ,  t h e  changes neut ra l ize  each o ther  i n  the  process of 
combining these  der iva t ives  t o  ca lcu la te  d6E/dn and d6E/dV. Accordingly, the  e l a s t i c  e f f e c t s  
observed here  a r e  considered t o  be a p e c u l i a r i t y  of  the  707-320B a i rp lane ;  they may o r  may not be 
encountered i n  o ther  designs. Above 0 . 3  Mach number t h e  differences i n  dGE/dV increase not iceably,  
and i n  t h e  d i r e c t i o n  of increased s t a b i l i t y .  

The e f f e c t s  of e l a s t i c i t y  on the  longi tudinal  s t a b i l i t y  of the  707 a i rp lane  a r e  f u r t h e r  
i l l u s t r a t e d  i n  Fig. 9 by the  comparison of ca lcu la ted  values of s t a t i c  margin and maneuver point  f o r  
both r i g i d  and e l a s t i c  a i rp lanes .  
condi t ions.  For f l i g h t  near Mach number 0 .6  t h e  incremental chknge i n  s t a t i c  margin i s  4 percent of 
the  reference chord, amounting t o  approximately 20 percent  of  the  t o t a l  center-of-gravi ty  range f o r  
t h i s  a i rp lane .  (Center-of-gravity range f o r  t h e  707 i s  19 percent  of t h e  reference chord.) Changes 
i n  maneuver point  f o r  t h e  r i g i d  and e l a s t i c  a i rp lane  a r e  approximately t h e  same as t h e  change t h a t  
occurred i n  s t a t i c  margin. 

The loss  i n  s t a b i l i t y  i s  seen t o  be s i g n i f i c a n t  f o r  a l l  f l i g h t  

Supersonic t ranspor t . -  The e f f e c t s  of e l a s t i c i t y  on t h e  l i f t  and pitching-moment coef f ic ien ts  
of the SST configurat ion a r e  shown i n  Fig. 7 f o r  Mach numbers 1.6 and 2 . 7 .  
measured f o r  the  r i g i d  and e l a s t i c  models shows t h a t  s i g n i f i c a n t  losses  occur a t  both Mach numbers 
throughout t h e  range of dynamic pressures  inves t iga ted .  The r e l a t i v e  magnitude of these losses i s  
approximately t h e  same a t  both Mach numbers (15 percent  a t  1 .6  and 1 2  percent a t  2.7 Mach number). 
The d e t e r i o r a t i o n  of  pitching-moment c o e f f i c i e n t ,  as measured by 
Losses as grea t  as 50 percent  were found experimentally. These losses  a l s o  p e r s i s t  throughout the 
range of dynamic pressures  f o r  both Mach numbers. 

CL, A comparison of 

Cm,, is  even more pronounced. 

The e f f e c t s  of e l a s t i c i t y  on t h e  cont ro l  der iva t ives  C and Cm6 (Fig. 8) follow the  same 
L6E E 

pa t te rn .  The losses  a r e  large (50 percent roughly of r i g i d  body values) a t  a l l  Mach numbers. These 
e f f e c t s  a re  indicated both by the  experimental observations and by the  t h e o r e t i c a l  p red ic t ions .  

A f u r t h e r  appreciat ion of the  e f f e c t s  of e l a s t i c i t y  on the  longi tudinal  s t a b i l i t y  c h a r a c t e r i s t i c s  
of t h i s  configurat ion may be obtained from examination of  t h e  s h i f t  i n  neut ra l  point  locat ion.  
Fig. 10 presents  t h i s  parameter p l o t t e d  as a funct ion of  dynamic pressure f o r  2.7 Mach number. The 
var ia t ions  of gross weights and dynamic pressures  i n  Fig. 10 encompass t h e  design operating range. 
Thus, 142,500 kg i s  t h e  weight of the  b a s i c  a i r c r a f t  without f u e l  o r  payload, and 302,800 kg i s  the  
weight f u l l y  loaded with maximum f u e l  and payload. 
t h i s  a i rp lane  the  l i f t  coef f ic ien ts  range from 0.073 t o  0.156 a t  the  lowest dynamic pressure,  and 
from 0.027 t o  0.057, a t  t h e  h ighes t  (design c ru ise  CL is  0.09 t o  0 .12) .  Although, as  noted i n  the  

For t h e  835 m2 (9,000 f t 2 )  reference wing area  of 
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f igure ,  t h e  center  of grav i ty  (and a l s o  t h e  moment reference point)  was f ixed  a t  64 percent  of t h e  
reference chord f o r  these  ca lcu la t ions ,  t h e  mass d i s t r i b u t i o n  was not constant ;  it was changed i n  
each case t o  r e f l e c t  the  ac tua l  d i s t r i b u t i o n  expected i n  f l i g h t  f o r  the  f u e l  and payload assumed. 

The f i n a l  design provided f o r  a var ia t ion  i n  t h e  center-of-gravi ty  loca t ion  of 5 percent  (0.05 
reference chord). Fig. 10 shows t h a t  a t  2.7 Mach number t h e  neut ra l  point  s h i f t s  from 0 .01  reference 
chord forward t o  0.02 a f t ,  t h a t  i s ,  0 .03 reference chord o r  60 percent  of t h e  center-of-gravi ty  
requirement i t s e l f .  
(gross weight and mass d i s t r i b u t i o n ) ,  the  e f f e c t  of t h i s  l a t t e r  quant i ty  being g r e a t e s t  when the  
gross weight is  smal les t .  

This s h i f t  r e s u l t s  from changes both i n  dynamic pressure and i n  a i rp lane  load 

I t  is  evident ,  of course, t h a t  a t  2.7 Mach number the  curves corresponding t o  maximum f u e l  and 

I t  i s  important t o  remember, however, t h a t  t h e  range 
payload, and t o  empty weight a r e  not r e a l i s t i c  boundary conditions and t h a t  0 .03 t o t a l  s h i f t  i n  
neut ra l  point  would never be met i n  p r a c t i c e .  
of dynamic pressures  considered i n  t h i s  f igure  can be encountered a t  Mach numbers as  low as 1.0 
(1100 m or  3620 f t  a l t i t u d e ) .  
pressures  as  high as 62,200 N/m2 (1300 l b / f t 2 )  must be reckoned with is  therefore  somewhat g r e a t e r  
than Fig. 10 implies .  
throughout t h e  Mach number range depends, among o ther  th ings ,  on t h e  magnitudes of the  differences 
between Cma f o r  t h e  r i g i d  a i rp lane  and CQ f o r  t h e  e l a s t i c  a i rp lane .  

designer with a major problem. 
center-of-gravi ty  locat ions and f l i g h t  condi t ions,  t h e  e l a s t i c  e f f e c t s  must be completely analyzed 
a t  the  very beginning of the  a i rp lane  design. The ca lcu la t ions  summarized i n  Fig. 10 i l l u s t r a t e  t h a t  
the method presented i n  t h i s  paper provides the  means required i n  ear ly  evaluat ions.  

The v a r i a t i o n  i n  gross weight and mass d i s t r i b u t i o n  f o r  which dynamic 

Whether o r  not the  neut ra l  point  remains within the  envelope of Fig. 10 

/ 
In  any event, t h e  conclusion i s  inescapable t h a t  t h i s  e f f e c t  of e l a s t i c i t y  confronts t h e  

To make c e r t a i n  t h a t  adequate longi tudinal  s t a b i l i t y  e x i s t s  f o r  a l l  

Dynamic S t a b i l i t y  

While use of t h e  q u a s i - s t a t i c - e l a s t i c  representat ion of t h e  a i r c r a f t  s t r u c t u r e  t o  analyze s teady 
s t a t e  f l i g h t  c h a r a c t e r i s t i c s  is  inherent ly  a technica l ly  sound approach, the  same remark cannot i n  
general be made f o r  dynamic s t a b i l i t y ,  although t h i s  i s  the  representat ion commonly used. The lower 
s t r u c t u r a l  frequencies and the  short-per iod frequency of t h e  a i r c r a f t  motion may be close enough t o  
r e s u l t  i n  interchange of s i g n i f i c a n t  amounts of energy. To examine t h i s  p o s s i b i l i t y ,  and t o  deter-  
mine the  magnitude of the  e f f e c t s  f o r  the  subjec t  configurat ions,  ca lcu la t ions  were made and the  
r e s u l t s  summarized i n  Figs. 11, 1 2 ,  and 13. In  t h e  ca lcu la t ions  t h e  s t r u c t u r a l  shape was represented 
(as described i n  (1))  by i t s  normal modes, t h e  number used varying from 0 ( r i g i d  body) t o  20 f o r  the  
SST and t o  14 f o r  the  Boeing 707. 

Supersonic t ranspor t . -  Fig. 11 indica tes  t h a t  f o r  t h e  SST model n e i t h e r  damping r a t i o  nor 
frequency i s  mater ia l ly  a f fec ted  by e l a s t i c i t y  a t  any of t h e  t h r e e  Mach numbers inves t iga ted .  
f a c t  t h a t  the  damping r a t i o s  computed both from q u a s i - s t a t i c - e l a s t i c  and t h e  f u l l y  e l a s t i c  analyses 
(20 normal modes) a r e  always smaller  than those derived from r i g i d  body ana lys i s  is ,  however, an 
ind ica t ion  t h a t  damping d e t e r i o r a t e s  with e l a s t i c i t y .  
uniformly smaller  damping r a t i o s  computed using the  q u a s i - s t a t i c - e l a s t i c  representat ion as compared 
t o  the  r e s u l t s  fo r  20 normal modes. 

The 

No s igni f icance  is  at tached t o  the  

Fig. 1 2  shows t h e  e f f e c t s  on damping r a t i o  and frequency of varying t h e  number of normal modes 
(Values shown f o r  0 modes i n  t h i s  f igure  d i f f e r  from the  r i g i d  used i n  the  f u l l y  e l a s t i c  ana lys i s .  

body values of Fig. 11 because Cm. and CL.  were not included i n  t h e  normal mode ca lcu la t ions . )  
I t  i s  apparent f o r  a l l  th ree  Mach numbers t h a t  the  number of normal modes used had v i r t u a l l y  no 
e f f e c t  on e i t h e r  damping r a t i o  o r  frequency - a r e s u l t  e n t i r e l y  cons is ten t  with the  d a t a  of Fig. 11. 
Some clue t o  t h e  reasons f o r  t h i s  r e s u l t  i s  furnished by a comparison of s t r u c t u r a l  frequencies with 
the  frequency of motion. Values of the  former quant i ty  a r e  1.6 Hz f o r  t h e  primary mode, 2.33 Hz f o r  
the  secondary, and 3.88 f o r  the  t e r t i a r y .  
the  value 2.8 Hz)  a t  2.7 Mach number a r e  5.7, 8.3, and 1 2 . 1 .  S t r u c t u r a l  and motion frequencies a r e  
therefore  f a i r l y  f a r  removed from one another, and t h i s  separat ion together  with t h e  damping forces  
present  apparently n u l l i f i e s  any e f f e c t s  of coupling. 

The corresponding r a t i o s  t o  frequency of motion (using 

Boeing 707-320B a i rp lane . -  Consideration of similar da ta  f o r  t h e  Boeing 707 a i rp lane  (Fig. 13) 
provides f u r t h e r  support f o r  t h i s  hypothesis. 
f i g u r a t i o n  a r e  1.24 H z ,  2.92 H z ,  and 3.39 Hz ( r a t i o s  t o  r i g i d  body motion: 3.5, 8.3, and 9 .7) .  The 
lowest s t r u c t u r a l  frequency i s  therefore  somewhat c l o s e r  t o  t h e  frequency of motion than it is f o r  
the  SST, and it is  seen t h a t  t h e  computed value of damped frequency f o r  t h e  e l a s t i c  case does d i f f e r  
detectably from the  r i g i d  body value.  The damping r a t i o ,  however, is  v i r t u a l l y  unaffected. The 
inference of these r e s u l t s ,  appl ied t o  o ther  a i rp lanes ,  i s  t h a t  f u r t h e r  reduction i n  the  r a t i o  of 
primary s t r u c t u r a l  frequency t o  the  r i g i d  body motion frequency below 3.5 would induce coupling 
between s t r u c t u r a l  and r i g i d  body motions. 

The f i r s t  t h r e e  s t r u c t u r a l  fequencies of t h i s  con- 

In  summary, while some e l a s t i c  e f f e c t s  on the  dynamic motion of both of these a i r c r a f t  a re  
apparent, t h e  e f f e c t s  a r e  nowhere la rge ,  and q u a s i - s t a t i c - e l a s t i c  o r  even a r i g i d  body analysis  is  
s u f f i c i e n t l y  accurate  f o r  most design purposes. 
primary s t r u c t u r a l  frequencies a r e  l e s s  than four  times t h e  frequency of r i g i d  body motion, should be 
q u i t e  carefu l ly  inves t iga ted  using a completely e l a s t i c  representat ion.  

Other designs, p a r t i c u l a r l y  those f o r  which t h e  
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CONCLUDING REMARKS 

An examination of t h e  p r i n c i p a l  longi tudinal  s t a b i l i t y  and control  der iva t ives  of  two 
representa t ive  f l e x i b l e  a i rp lane  configurat ions,  determined both a n a l y t i c a l l y  and experimentally, 
ind ica ted  t h a t :  

1. Except f o r  t h e  pitching-moment der iva t ives ,  t h e  a n a l y t i c a l  procedure provided useful  values 
of t h e  pr inc ipa l  s t a t i c  s t a b i l i t y ,  cont ro l ,  and dynamic s t a b i l i t y  der iva t ives .  

2. Discrepancies f o r  t h e  most p a r t  a r e  probably a t t r i b u t a b l e  t o  e r r o r s  inherent  i n  the  
aerodynamic theory. 

3. The f u l l y  dynamic representa t ion  of t h e  s t r u c t u r e  based on normal mode theory would not be 
required f o r  e i t h e r  of these  two configurat ions.  
e las t ic" )  provided r e s u l t s  of s u b s t a n t i a l l y  t h e  same accuracy. 

A s impl i f ied  s t r u c t u r a l  arrangement ("quasi-s ta t ic-  

4 .  The s t a t i c  s t a b i l i t y  c h a r a c t e r i s t i c s  of both configurat ions were a f fec ted  s t rongly  by 
e l a s t i c i t y  and, . in  most cases ,  adversely. 

5. The longi tudinal  control  der iva t ives  examined were a l s o  s i g n i f i c a n t l y  and,unfavorably 

Dynamic s t a b i l i t y  c h a r a c t e r i s t i c s ,  as measured by damping r a t i o  and damped frequency, were 

a f fec ted .  

6. 
not grea t ly  a f fec ted  by e l a s t i c i t y .  For both a i r c r a f t ,  however, s t r u c t u r a l  frequencies were r e l a -  
t i v e l y  f a r  from the  frequency of r i g i d  body motion, and t h e  d a t a  i n d i c a t e  t h a t  without t h i s  
separa t ion  major e f f e c t s  might be encountered. 
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(a) BOEING 707-3208 

72O SWEEP 4 

(b) REPRESENTATIVE SUPERSONIC TRANSPORT (SST) 

Fig. 1 . -  Aircraft general arrangement. 

PER AIRPLANE HALF 

a) BOEING 707 - 3 2 0 6  

80 PANELS PER AIRPLANE HALF 

b) REPRESENTATIVE SUPERSONIC TRANSPORT (SST) 

Fig. 2 . -  Airplane paneling. 
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Definition 

Drag due to angle-of-attack 

Dimension 

Nondimensional 

Lift due to angle-of-attack Nondimensional 

Pitching moment due to angle-of-attack Nondimensional 

Drag due to angle-of-attack rate Nondinlensional 

Lift due to angle-of-attack rate Nondimensional 

Pitching moment due to angle-of-attack rate Nondimensional 

Drag due to pitch rate 

Lift due to pitch rate 

Pitching moment due to pitch rate 
(Pitch damping) 

Drag due to pitch acceleration 

Nondimensional 

Nondimensional 

Nondimensional 

sec2 rad-l 

Lift due to pitch acceleration sec2 rad-' 

Pitching moment due to pitch acceleration sec' rad-' 

Drag due to inertial acceleration 

Lift due to inertial acceleration 

Pitching moment due to inertial acceleration 

Drag due to attitude Nondimensional 

sec ft-l 

sec ft-1 

sec ft-1 

Lift due to attitude 

Pitching moment due to attitude 

Trim or steady state lift coefficient 

Aerodynamic center location in 
fractions of E 

Center of mass location in 
fractions of Z 

Perturbed force in the xs direction 

Perturbed force in the zs direction 
Perturbed moment about Y .  

. Airplane mass 

Square matrix (n x n) 

Column matrix (n x 1) 

Row matrix (1 x n) 

Diagonal matrix (n x n) 

Panel number 

Perturbation quantity 

Components along XYZ 
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Comments, Interpretation and Application of a Method for Predicting 
Aerodynamic Characteristics of Large Flexible Airplanes 

t 

J. Roskam 
Associate Professor of Aerospace Engineering and 
Director of the Flight Research Laboratory, The 

University of Kansas, Lawrence, Kansas 

Abstract 

This paper discusses the potential applications to airplane design of a recently developed 
method to account for elastic effects on stability, control and performance characteristics of 
large flexible airplanes. 
mation on which to base design decisions. It is shown how the method can be used to determine the 
effect of changes in aerodynamic, structural and mass configuration on: 

The method lends itself well to rapid calculation of trade-off infor- 

1) equilibrium and jig shape 
2) lift-to-drag ratio 
3) stability derivatives 
4 )  aerodynamic center 

An interpretation of elastic airplane stability derivatives is given and it is shown what 
format these derivatives assume if the conventional rigid airplane equations of motion are to be 
used. 

Finally it is shown how the method should be used to 'massage' windtunnel data obtained on 
rigid and elastic models before these data can be applied to the full scale airplane. 

1. Introduction 

During the preliminary design phase (p.d.) of an airplane, its aerodynamic and structural con- 
figurations are in a continuing state of flux. Technical management is confronted with the necessi- 
ty to make far reaching design decisions on the basis of rough or 'p.d.' type trade studies supplied 
by their technical specialists. 
to wing-body planform geometry, wing camber, twist and thickness distribution, nacelle location, 
tail size and locatfon, mass distribution of payload and fuel, fuel sequencing requirements and 
general structural arrangements. In the past, when the interaction of elastic deformations with 
stability, control and performance of the airplane was minor or could be neglected entirely, such 
design decisions could often be made on the basis of accumulated design experience and design 
intuition. 
makes it mandatory for the designer to account accurately for its effects on aerodynamic charac- 
teristics even in the early design stage. This makes it difficult and hazardous to use an intui- 
tive approach to the making of aerodynamic and structural configuration decisions. It is highly 
desirable for the designer to have available to him fast and reliable computational tools and 
methods that will aid him in making critical design decisions. 

Typical design decisions that have to be made are those relative 

Current and future large airplanes possess a degree of structural flexibility which 

This paper discusses the potential applications to airplane design of a recently developed 
method to account for elastic effects on stability, control and performance characteristics. The 
method, when properly computerized, lends itself very well to quickly develop the much needed trade- 
off information on which to base design decisions for large flexible airplanes. A thorough deriva- 
tion and substantiation of the method may be found in References 1 through 4 .  

Section 2 describes briefly the most essential features of the method, which applies to quite 
arbitrary planform configurations in subsonic and supersonic flow. In Section 3 it is pointed out 
how the method can be used to study systematically the effect of aerodynamic and structural con- 
figuration changes on: 

1) 
2 )  

' the jig shape and equilibrium shape in cruising flight 
the lift to drag ratio 

An important consequence of flexibility is a change in the meaning and use of stability deri- 
vatives. This is discussed in Section 4 ,  where it is also pointed out, how the conventional small 
perturbation equations of motion are affected. 
the aerodynamic center. 
are also discussed in this section. 

A design parameter of particular importance is 
The effect of flexibility and of configuration changes on this parameter 

Another consequence of flexibility is that windtunnel data obtained from rigid (sic!) and 
flexible 
tive of the aerodynamic characteristics of the full scale airplane. Section 5 discusses how this 
may be done. 

models must be massaged in a special manner before they can be considered as representa- 

Conclusions and recommendations are presented in Section 6 .  
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\ 
2. Essential Features and Limitations of the Method 

As shown in References 1 and 2 it is possible to represent the aerodynamic pressure force 
distribution over an airplane as the product of a square aerodynamic influence coefficient matrix 
[ A ]  and a column matrix of local angles of attack {.CL) : 

Figure 1 shows the angular geometry used in relating local panel forces, , to local angles of 
attack, 4; . The local angles of attack OCt are the sum of the overall airplane angle of attack, 
oC, , the local camber and twist angle, erL , and the local elastic distortion angle, eet . If 
necessary, deflection angles due to control surfaces can also be added. Each element,aCi , of 
the matrix [A]  represents the pressure force*induced on panel due to a unit angle of attack of 
panel & . 
of the matrix [ A ]  are a function of Mach number and of the overall geometry of the airplane which 
can be completely arbitrary. 
tions to the small perturbation flow equation in subsonic and supersonic flow. This restricts 
the method to situations involving attached flow (small angles of attack) and excludes transonic 
applications. 
these restrictions can be removed. Effects of thickness of wing, body and tail can also be in- 
cluded as pointed out in Reference 1. To simplify the discussion, the effects of thickness were 
neglected in Reference 2 and this approach is followed again in this paper. 

FAr 

Figure 2 shows typical examples of planform panelling that have been used. The elements 

The matrix [A]  at any Mach number is computed from elementary solu- 

However, it is pointed out in Reference 3 that by using an empirical approach 

The elastic properties of the structure are represented by flexibility influence coefficients, 

, and a gravitational force, 
Cei , which relate the elastic rotation, @ L  , of panel L to the total force acting on 
pane! k . This total force is made up of an aerodynamic force, 
Vn~8 . 
Knowing the overall structural arrangement of the airplane it is possible to compute the flexibi- 
lity influence coefficient matrix [c,] with conventional methods of matrix structural analysis. 
The force-deformation relationship is thus represented by: 

An inertial force, 41; , must also be considered if the airplane is allowed to rotate. 

It is assumed in setting up Equations (1) and (2) that all angles in Figure 1 are so small that 
cosines are equal to one. 

In this paper the airplane is also assumed to be equivalent-elastic. An equivalent elastic 
airplane is a designation for a particular mathematical model of an elastic airplane, where it is 
assumed that loads and deformations at the exterior surface of the airplane are in phase with each 
other and with the motions of the stability axis system. This assumption means that it is not 
necessary to account for structural dynamic behavior as separate degrees of freedom. The condi- 
tions of validity of this assumption are difficult to describe in a few words and the reader is, 
therefore, referred to Reference 4 .  It suffices to say that many situations exist, where this 
type of mathematical model is quite sufficient. 

The discussion of the method will be limited to the longitudinal aerodynamic characteristics 
of the airplane. This is done largely because of the state-of-the-art of influence coefficient 
aerodynamics. From the developments discussed in References 1 and 2 it should be evident that the 
basic ideas behind the method can he extended to include lateral-directional aerodynamic charac- 
teristics. This is also shown in Reference 4 .  

3 .  On the Effect of Aerodynamic and Structural Configuration Changes on Airplane Shape and 
Lift-to-Drag Ratio 

3.1 Jig Shape and Equilibrium Shape 

The completely unloaded or jig shape of the airplane is represented in Figure 1 by the angles 
In a steady state flight condition the equilibrium aerodynamic pressure force distribution GL . 

acting on the airplane can be expressed in a manner analogous to Equation (1) as: 

where the subscript 1 indicates the steady state. 
write the equilibrium elastic distortion of the airplane a s :  

By analogy to Equation (2) it is possible to 

Substituting Equation (3)  into Equation ( 4 )  it is possible to solve for 1 as follows: 

* Per unit dynamic pressure 
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The steady state dynamic pressure, 8, , and the steady state reference angle of attack, dI , are 
assumed to be known. 
jig shape 

The equilibrium cruise shape of the airplane is now found by summing the 
and the distortion angles {eELl)  : 

Cruise Elastic 
Distortion 

In most practical situations the cruise shape {et) 
dynamicist to assure the best possible lift-to-drag rgtio, '/D 
condition. Knowing the design cruise shape it is possible to use Equations (6) and (5) to find 
the jig shape, {exi) . 
plane must be assembled in the plant to yield the desired design cruise shape in the design cruise 
flight condition. Or, in the case of elastic windtunnel models it is the shape to which the elastic 
model must be machined in the shop to yield the desired design cruise shape in the design tunnel- 
test condition. 

is prescribed by the performance aero- 
, at the design cruise flight 

This jig shape is therefore interpreted as that shape to which the air- 

That large differences can indeed exist between the jig shape and the design cruise shape is 
illustrated in Figure 3 .  A s  shown in Figure 4 ,  the method of Equation ( 4 )  can be used to predict 
such shape changes with good accuracy. By making systematic changes to the planform geometry, the 
structural arrangement and the mass distribution, thereby systematically changing [ A ]  , 
and {mi) it is possible to evaluate the effect of such changes on the jig shape or cruise shape 
of the airplane. This is particularly valuable once the basic design of the airplane is 'frozen' 
and it is necessary to compute the effect of small changes in the aerodynamic, structural or mass 
configuration on the design cruise shape. Typical examples of systematic planform changes which 
can be studied efficiently with this method are illustrated in Figure 5. 

3 . 2  Lift-to-Drag Ratio 

[ Ce3 

The lift-to-drag ratio of an airplane depends on friction as well as pressure drag. It is 
generally assumed that the friction drag part is not dependent on the shape of the airplane but 
obviously the pressure drag part is. To study the effect of elastic equilibrium shape changes on 
the overall lift-to-drag ratio, it is proposed that it suffices to study their effect on 
( PRESSURE ) 

Substituting Equation ( 4 )  into Equation ( 3 )  and solving for {FwL, i  it is found that: 
-I 

From this in turn it follows that to a first order of approximation: 

where : 

with ioEtl 1 given by Equation (5). 

The lift-to-pressure-drag ratio is thus found to be: 

Systematic variations in mass distribution {mi , aerodynamic configuration [A] and 
structural configuration [ce] 
Typical aerodynamic configuration changes that can be studied in this manner are illustrated in 
Figure 5. 

can now be carried out and their effect on (L/D)PR45YRE studied. 

It is postulated that the method can be used also to study trades between structural weight 
and performance parameters. 
affected by changes in local structural configuration. By proper partitioning of [C,] such 
changes can be easily introduced in a computer program. 

This could be done by changing those elements in [C,) which are 

It should be observed that the mass matrix { W L ~  consists of two types of masses: fixed 
masses { W I ; ~ , ~  
fuel and payload). 
substituting suitable numbers in {WIL 
variable part of the mass matrix canie arranged in a practical situation. 

(e.g. structure, engines, fixed equipment) and variable massesjmi"~~.~~,3(e.g. 
The effect of the variable mass distribution can be studied easily by . Figure 6 shows a typical example of how the 

I 
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FIGURE 5 - E X A M P L E S  OF 5 ’ ISTEMATIC CONF\CURATION CHANGES 
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4. Interpretation and Use of Equivalent Elastic Airplane Stability Derivatives 

4.1 Direct Formulation of Equivalent Elastic Stability Derivatives 

It was shown in Reference 2 that, using the aerodynamic and structural influence coefficient 

Substantiation of these formulas is presented in 
matrices [ A ]  and [ C e ]  
derivatives of the equivalent elastic airplane. 
References 2 and 3. 
1. 
mentally different from those of the rigid airplane. 
there are two types of loads acting on an elastic airplane: 
gravitational). 
aerodynamic loading. The aerodynamic loading itself does the same thing. In general, airplane 
derivatives represent the change in aerodynamic loading due to changes in the motion variables. 
In the formulation of Table 1 the stability derivatives are split into two categories: those due 
to aeroelastic effects in the absence of inertial forces (called zero mass derivatives) and those 
due to aeroelastic effects caused solely by inertial forces (called inertial derivatives). 
following inertial effects must be accounted for: 

, it is possible to derive explicit formulas for the longitudinal stability 

The formulas, arranged in a slightly different form, are presented in Table 
It may be seen that the stability derivatives of the equivalent elastic airplane are funda- 

This is the consequence of the fact that 

The inertial loads cause deflections of the structure which induce changes in 
aerodynamic and inertial (including 

The 

1) 
2) 

those due to linear and angular accelerations and 
those due to changes of airplane orientation with respect to the earth's 
gravitational field. 

Thus, in addition to the regular aerodynamic stability derivatives due to 
there can be expected to appear new inertial derivatives due to : 

cx , U, q, and ck 

centrifugal , 93 acceleration 
$ 1  acceleration and 1. perturbation 

1 linear 
acceleration ' 

angular 9 gravity 

Except for 
ward accelerations 

all inertial perturbations are accounted for in the formulation of Table 1. For- 
are assumed to be negligible in their effect on elastic distortions. 

It is now possible to formulate the complete perturbed forces and moments on an equivalent 
This is done in Table 2 and the differences with conventional rigid airplane elastic airplane. 

formulations such as used in Reference 5 are indicated. 

Observe that the equations of Table 2 contain derivatives marked "zero mass" and derivatives 
marked 'inertial'. 
dent of the mass distribution of the equivalent elastic airplane. 
tives are very much dependent on the mass distribution of the equivalent elastic airplane. 
Observe that the inertial derivatives as used here have no relation to unsteady flow phenomena. 
The inertial derivatives simply occur because of elastic distortions of the airplane caused by 
inertial forces. 

The physical significance of this is that zero mass derivatives are indepen- 
However, the inertial deriva- 

a 

The boxed terms in Table 2 are responsible for algebraic changes in the perturbed equations 
All non-boxed derivatives of Table 

For example, the derivative c,gI can be pulled to- 
of motion of the rigid airplane as presented in Reference 5.  
2 already have a 'home' in these equations. 
gether with Iyy, to form: 

Similarly, because of the identity: 

L; = & U ,  (14) 

it is possible to combine & 
derivatives. 
motion of the equivalent elastic airplane of Table 3 .  
stability derivatives according to Tables 1, 2 and 3 is called the Direct Formulation. 

4.2  Indirect Formulation of Equivalent Elastic Stability Derivatives 

inertial derivatives with the dL acceleration (quasi-steady) 
Doing this in a consistent manner results in the small perturbation equations of 

The formulation of the equivalent elastic 

It should be pointed out that there exists another (indirect) way of accounting for inertial 
effects in the study of equivalent elastic airplane dynamics. 
standard method of accounting for inertial effects or as it is frequently called, inertial relief. 
In this method several acceleration terms are combined in so-called load-factor derivatives 
3CL/3n and scm/& . The relationship between the load-factor derivatives and the inertial 
derivatives of Table 1 will now be developed. 

This represents what has been the 

It is possible to write the aerodynamic lift-force and pitching-moment expansion as follows: 
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I N D I RE CT F 0 R M U L A T \ 0 N 

T H R O U G H  ARE N O T -  
% NOTE : E X P R E S S I O N S  F O R  cDME 

D E R \ V E D  IN THE T E X T  . HOWEVER, THEY A R E  S ~ M I L A R  

T O  THOSE OF E Q L I A T ~ O N ~  (27- 31) AND (34 -3s)  . 
EXAMPLE : cDaE = cDaE + 3 9  CL=- ’ WITH 3CD --- - 

30 &a CL,C,-bcL/h 

T A B L E  3 - SMALL P E R T U R ~ A ~ O N  € Q U A T I O M S  O F  MOTION 
F O R  AN E Q U I V A L E N T  E l A 5 T l C  R\RPLAN(E 
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Z E R O  MASS 

Z E R O  M A 5 5  

+ 3% + c-.. 6 an ' P ( E ~ J A B ~ >  *I - I N E R T I A L  - 
Comparing Equations (18) and (19) with (12) and (13) shows that the inertial effects of $, 9 
and @ have been lumped together with np , the perturbation load factor which is defined by: 

where 
coeffi 
state 

tl 
.dent. 
flight: 

is the total load factor and CL,=   CL^^^^ , the equilibrium (steady-state) lift 
It is not difficult to realize that for perturbations about rectilinear steady- 

np = -(% - + O u n O , )  (21) % 
where U, = steady state speed. 

01 = steady-state attitude angle 

This implies, therefore: 

CL4 & + CL !G + CQ t 2&(-9 + - %8,) 
4 1 4  % T i  

so that the following identities must be satisfied: 

(22) 

Observe that the latter term vanishes for perturbations about steady level flight because then: 
Sln 0, = 0. Similarly, it may be shown that: 

from which: 
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Observe that the latter term vanishes for perturbations about steady-state level flight because 
then: Sin@,= 0. 

Now, by substituting M p =  L P  from Equation (20)  in Equation (18) and solving 
for CL, it is found that: LTUlM 

Or, upon defining: 

it is possible to write: 

The boxed term, if not negligible, still causes a change in the small perturbation equations of 
motion as compared with the rigid case, but a +  ’ -  ,st the other terms are now quite analogous to 
those of the conventional rigid case. By 
into Equation (19)  it follows that: 

tituting n = CL and Equation (32)  P P/CLTR\M 

Or, upon defining: 
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it is possible to write: 

With this expression, it is seen that the rigid and equivalent elastic derivative formulations for 
pitching moment coefficient are indeed quite similar. The 
with the I,,, 
using Equations ( 3 2 )  and ( 3 9 )  is called the Indirect Formulation. 

term again can be pulled together 
inertia term. The formulation of equivalent elastic stability derivatives 

The result of using Equations ( 3 2 )  and ( 3 9 )  in the small perturbation equations of motion 
is indicated in Table 3 by Equations ( 4 0 )  and ( 4 1 ) .  Comparison with Reference 5 shows that the 
rigid and equivalent elastic airplane small perturbation equations are similar in algebraic 
format with the exception of the  CL^ term which usually is negligible, It is shown in Table 
4 that the derivative cm- cannot always be neglected! 

e1 

It is obviously advantageous to be able to use the same algebraic formulations for rigid 
and elastic airplane small perturbation equations of motion. 
derivative expressions of Equations ( 2 7 ) - ( 3 0 )  and ( 3 4 ) - ( 3 8 )  must be adhered to! It is interesting 
to observe the difference in interpretation between cLd+ and CY”aE on the one hand and CL 
and C m d E  on the other. 

The derivative c~~~ 
plane. 
load factor. It is pointed out in Section 5 that it is precisely this quantity which is measur- 
able on an elastic wind-tunnel model. 

In so doing however the stability 

QE 

is the lift curve slope of the equivalent elastic but ‘zero mass’ air- 
This is physically the same as saying that  CL^^ is the lift curve slope at constant 

On the other hand, c~~~ is the lift-curve slope of the equivalent elastic airplane for 

Similarly, the derivative CmaE is the slope of the pitching moment versus angle of attack 

varying load factor. 

curve of the ‘zero mass’ airplane or that at constant load-factor. Again, it will be shown in 
Section 5 that it is c m o c E  

valent elastic airplane for varying load factor. 

which can be measured in the windtunnel. 

On the other hand, e m q E  

The derivatives e m e E  and CmME 
center as will be discussed in section 4 . 3 .  

is the pitching-moment versus angle of attack slope of the equi- 

lead to different interpretations of the aerodynamic 

4 . 3  Aerodynamic Center 

One of the most difficult problems which arise particularly during the preliminary design 

The influence coefficient method can.be used to great advantage in such 
phase is to predict where the aerodynamic center of the airplane moves as a consequence of changes 
in planform geometry. 
situations. Typical examples of planform variations that can be studied with the method are 
illustrated in Figure 5.  

For a rigid airplane the aerodynamic center is generally found from C,-and CLw by: 

In the case of the equivalent elastic airplane it was shown in Section 4 . 2  that a distinc- 
tion must be made between angle of attack changes at constant load-factor and those at varying 
load factor. Similarly therefore two aerodynamic centers must be defined: 
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1) ~ I C \  = aerodynamic center location for constant load-factor 
2 )  x,+ . =  aerodynamic center location for varying load factor. and 

The first definition for elastic airplane aerodynamic center should be used in trim calcula- 
tions, the second for situations involving maneuvers such as steady symmetrical pull-ups and 
steady level turns. 

In terms of these definitions and the derivatives formulated in Section 4 . 2  it is found that: 

= x,, - 

while : 

L 

= x, - 

As expected, only the second type of aerodynamic center depends on the mass distribution. 
Equations ( 4 3 )  and ( 4 4 )  can be used to study the effect of changes in aerodynamic, structural and 
mass configuration on aerodynamic center. It is emphasized that even though these equations look 
formidable, they contain all the elements already contained in the 'direct formulation' of Table 1. 
For a digital computer program the addition of Equations ( 4 3 )  and ( 4 4 )  represents a negligible 
increment in computer time. 

Reference 6 showed several examples of trends and magnitudes of mass effects on stability 
derivatives. To illustrate the effect of mass on 
aerodynamic center some data of Reference 6 were used to compute aerodynamic centers according to 
Equations ( 4 3 )  and ( 4 4 ) .  Figure 7 presents the results. It is seen that even for the current 
family of subsonic jets the differences between the two types of aerodynamic center are important. 

More examples are presented in Reference 3 .  

5 .  Prediction of Full Scale Airplane Aerodynamic Characteristics from Elastic and Rigid 
Model Data 

A detailed discussion on the development and use of rigid and elastic wind-tunnel models in 
It the prediction of full scale flexible airplane characteristics was presented in Reference 7.  

was shown that in the case of flexible airplanes it is not possible to use the tunnel data direct- 
ly. These data must be massaged using the influence coefficient method "of Sections 2 - 4 .  

The purpose of this section is to discuss step-by-step the procedure that should be followed 
in using model data to predict the full-scale airplane variation of lift coefficient with angle of 
attack. In doing this, the fundamental differences that exist between an airplane in free flight 
and a model fixed in the tunnel are accounted for. These differences are listed in Table 5. The 
procedures discussed in this section apply to cases where the lift coefficient varies with angle 
of attack in a nonlinear manner. 
c, - c, characteristics the reader is referred to Reference 7. 

For extension of these procedures to the prediction of full scale 

It is assumed that the shape of the airplane for the design flight condition is known (cruise 
shape) and that a rigid model has been constructed that is a scaled duplication of this shape. 
It is realized that rigid models cannot be perfectly rigid, and the consequence of this is dis- 
cussed also. 

The idea of building rigid models of the cruise shape relies on the assumption that one 
particular flight condition is of major importance or that the demonstration of analytical 
accuracy at one flight condition is sufficient to validate estimates for other conditions. It is 
impractical to construct rigid models for each important flight condition. 
airplane, the true (elastic) airplane is meant. When using the word rigid airplane, the airplane 
shape that results from freezing the airplane (true, elastic) in some equilibrium flight condition 
is meant. 

When using the word 
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SST 

M 

.3 

.5 
: 7 
.5 
.7 
.9 
.7 
.9 

1.1 
1.3 
1 .5  
2.2 ' 

2 . 7  

- 
ALT . GROSS 
-FT. WEIGHT 

-LBS . 
8,500 370,000 
9,600 

11,000 
32,500 675,000 
26,000 
23,500 
47,500 668,000 
37,000 
33,000 
30,000 520,000 
24,000 
60,500 
49,000 

I V Y ,  
W I N G  1O6SCUG*FT2 
SWEEP (Approx.) 
-DEG . 

30 40.2 

42 47.2 

72 48.3 

47.6 

C , p  

TYY, 
.0080 
.0248 
.0217 
.0050 
.0125 
.0198 
.0020 
.0031 
.0097 
.0425 
.182 
.0939 
.263 

707-320B 

M ALT . 
FT. 

.255 10,000 

.365 

.548 

.800 35,000 

.850 

.900 

% Table 4 - Comparison of c, 
with P i t c h  I n e r t i a  I.,,,, 

I Y * .  ... 

c,g +E 

I W ,  

106 SLUG . F T ~  
(Approx. 

5.025 .027 
.052 
. lo5 
.094 
.lo6 
.121 

7 0 7 - 3 2 0  B 
M =  .5 

RIG ID 

WITH MASS 

400 3,S;OOO FT ZERO MA55 
10,000 FT 

I I I I I 

0 I O 0  200 300 - 
D Y N A M I C  PRESSURE - 4 - P5F 

FIGURE 7 - EFFECT OF MASS DISTR~BUT\ON AND 
E L A 5 T l C l T Y  ON AERODYNAMIC CENTER LOCATION 

Airplane - Model 

1. Load f a c t o r  (n) v a r i e s  with ang le  
of a t t a c k .  

2 .  Airplane is  completely f l e x i b l e .  
Example : 

Wing 
T a i l  
Body 

F lex ib l e  

3.  Weight d i s t r i b u t i o n  v a r i e s  f o r  
v a r i o u s  f l i g h t  cond i t ions .  

4 .  Airplane experiences va r ious  changes 
i n  f l e x i b l i t y  because of environ- 
ment changes (aerodynamic h e a t i n g ) .  

1. Model is  t e s t e d  a t  cons t an t  
load f a c t o r  (n= l )  when angle  
of a t t a c k  i s  va r i ed .  

f l e x i b i l i t y .  Example: 
Body 
Inboard wing and 

Outboard wing and 

2.  Model usua l ly  has  only p a r t i a l  

Rigid 

} F l e x i b l e  

1 t a i l  pane l s  

t a i l  panels  
3.  Weight d i s t r i b u t i o n  cons t an t  and 

no t  s i m i l a r  t o  any a i r p l a n e  d i s t -  
r i b u t i o n .  

f l e x i b i l i t y  c rea t ed  by wind 
tunne l  temperatures .  

4 .  Model experiences changes i n  

Table 5 - Differences Between an Airplane 

and a Wind Tunnel Model 
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Making the assumptions that the wind tunnel model is a perfectly scaled duplication of the 
airplane, that Reynolds number effects and power effects are negligible, and that shock forma- 
tions are properly simulated, the rigid airplane 
measured rigid model CL -0c  curve. This is indicated in Figure 8 by the curves marked 'rigid' 

C L , - O L  curve should be identical to the 

M 

It is also assumed that an elastic model has been constructed that, when tested at cruise 
Mach number, cruise dynamic pressure, and cruise angle of attack, deflects to the desired cruise 
shape. This implies that the rigid and the elastic model have, for the design flight condition, 
identical values of CL , c, Figure 8 reflects this fact at point . The result of wind tunnel measurements then is the establishment of cLM- oc curves for 
the rigid and elastic model. 

, and C-D at the design O( . 
This completes Step 1. 

Observe that, while on the airplane, a variation of OC at constant dynamic pressure implies 
a varying load factor; this is not so for the wind tunnel model, where the load factor is always 
one. 
airplane it has the important consequence that inertial forces participate in deforming the air- 
plane. 
the concept of zero airplane and model mass. Because n = 1 in the tunnel, correcting to zero 
model mass has the effect of shifting the elastic model 
amount ACL" =o. This amount can be computed with the influence coefficient method of Sections 
2-4 (from thexnown model mass and stiffness distribution), but is expected to be very small. A 
typical value computed for the current elastic SST model is 

dynamic pressure, which is 

Even though this fact is of no consequence to rigid airplanes and models, for the elastic 

The different effects of gravity on airplane and model can be accounted for by introducing 

CL,.,-- curve (vertically) over a small 

A ~ L , . ,  mlo = 0.00031 at M 0 2:7 and - q = 456 psf. This value is indeed small, compared with the flight CL at this Mach number and 
= 0.085. 

CLZE516N 

It has been assumed that the effect of model mass on model elasticity (deflection) is constant 
over the OC range. This assumption is reasonable, particularly in view of the smallness of 

side of Figure 8). 

3cLA/hh 
This yields point Pz . Assuming that the elastic model is perfectly scaled (dimensional and 
stiffness), and that local shocks and Reynolds effects are negligible, it follows that the zero- 
mass airplane C L ~ - O C  curve should be identical to the zero-mass elastic model CL,-- curve, 
but shifted vertically so that it intercepts point P2 This provides the first anchor point 
for prediction of full-scale characteristics and represents Step 3 .  

ACL, m=o . The zero mass model CL,-= 
This completes Step 2.  

curve is now replotted on the left (i.e. airplane 

For the airplane at the design angle of attack, OCDE5,6N , it is possible to compute 
, the incremental lift coefficient due to airplane mass distribution at VI = 1. 

. 

Because the airplane in reality has mass, and because load factor varies with cy. , it is 
necessary to correct the full-scale zero mass  CL,-^ curve. Load factor is defined as: 

CLA q s 
W 

n =  ( 4 5 )  

Notice that M = 0 for 
as corresponding td a zero-gravity environment. 
full and zero mass intersect at 
the process of predicting full-scale airplane characteristics. 
CL,-OC curve is expressed by the increment: 

 CL^ = 0. Because of this it is possible to consider the line  CL^ = 0 

= 0 (Point A ,  ) ,  providing still another anchor point in 
The effect of load factor on the 

For that reason, the airplane C L ~ - O (  curves for 
CL* 

Observe that 'CLA/3f i  

tion, dynamic pressure 
partical derivative b c L ~ / h n  has a value independent of OL . 
that the incremental aerodynamic loading due to mass distribution P C L ~ , ,  
the variation of lift distribution with an angle of attack. 
0.0050, which, although small compared with the design c~~ 
Adding the correction L~L,,, 
finally been found. Notice that both points A, and are on the elastic airplane C L ~ - O (  
curve. The correction A C L ~ , ,  varies from zero at A ,  to b C ~ ~ / & ,  at P, , but in a linear 
manner. This completes Step 4 .  

Notes: 

1. 
from elastic model data involves computer applications because it is not feasible t o  simulate 
mass and mass-distribution while at the same time testing at full-scale Mach number and dynamic 
pressures. 

2 .  

for the airplane is a function of its known mass and stiffness distribu- 
and Mach number (Equation (23) and Table 1). It is assumed that the 

In other words, it is assumed 
is not a function of 

A typical value for xLA/Jn is 
at M = 1, is not negligible. 

, the full-scale C L ~ - O C  curve of the (elastic) airplane has 

It will be observed that the process of predicting full-scale airplane CL*-O( characteristics 

This is where the influence coefficient method described in Sections 2-4 comes in. 

The procedures indicated here depend on a number of assumptions, the essentials of which are: 
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CLM n = i  E L A S T I C  
r l V A R l E S  RIGID 

c+-- A I R P L A  NE 
ZERO MASS 

- - - - - - _ -  

A A I  0 a D E S I G N  0 o< D E S I G N  a 

FIGURE 8 - PREDICTION OF AIRPLANE L \ F T -  
CURVE FROM E L A 5 T I C  MODEL D A T A  

SYM W I N D  TUNNEL D A T A  

0 R I G I D  M O D E L  

0 E L A  S T l C  M 0 DEL 

0 .s 1.0 1.5 2 .0  2 . 5  3.0 

M A C H  NUMBER 

FIGURE 9 - CORRELATION O F  THEORETICAL 
AND EXPERIMENTAL LIFT - CURVE SLOPE 
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a. Power, shock, alii Deynolds number effects negligible 
(or accounted for separately) 

b. ACc, , 'cLA/hM are independent of o( 
m -0 

3 .  The procedures indicated here can be applied at only one flight condition if, as is usually 
the case, only one rigid and one elastic model are available. For any other flight condition, the 
rigid model actually has the wrong shape. The correction procedure to be followed in that case 
is outlined below. 

4 .  Notice that the (elastic) airplane lift-curve slope is made up of two components, as indicated 
by the following equation: 

Observe the subscripts for constant V l  and . Now it is seen from Equation ( 4 5 )  that: 

so by substituting into Equation ( 4 7 ) :  

- - , which agrees with ( 4 9 )  
Equation (27 )  

This equation indicates that if the effect of mass distribution on  CL^^^=  CL^^- which is to be expected. 
can be incre sebor decreased due to the inertial effects, depending on the sign of 3CLA/3n I-, . 
The sign of depends on the relative locations of center of mass loci to the elastic 
axis. When bcLA/&,\q is positive (center of mass behind elastic axis) and larger than  CL^^^^ , 
the airplane lift curve slope has reversed. Observe that this reversal is different (but, of 
course, just as undesirable) from the reversal of the constant load factor (zero mass) lift- 
curve slope CL,+ 

5 .  
at the proper trim angle of attack on the elastic model. 

6 .  In view of the smallness of A C L ~ , , ~  , Step 2 can be eliminated. 

For arbitrary (other than cruise or design) flight conditions, the rigid model still has a 
shape corresponding to the cruise shape. Therefore, this shape no longer corresponds to that of 
the airplane if it were frozen at the new flight condition. It seems reasonable to assume that 
this change in shape does not affect 
shape change affects the camber and twist distribution but not  CL^^ 
will still give the correct lift-curve slope. The change in camber and twist distribution on the 
airplane can be estimated by computing the equilibrium shape of the airplane at the new flight 
condition. By subtracting this estimate from the known camber and twist distribution at the 
design flight condition, an incremental value is obtained. This incremental camber and twist 
distribution is responsible for an increment in lift coefficient A'CcCTw . This quantity can 
be determined from aerodynamic influence coefficient theory. The corrected rigid model (and 
therefore rigid airplane) 
vertically over h c~ CTW . The remaining procedures in predicting the full-scale airplane 
C L A - ~  

CL is negligible, then 

E 
The equation also demonstrates the fact that CL 

Observe that Equation ( 4 9 )  can account for nonlinear effects, provided  CL.(^^ is measured 

CL- - to an appreciable extent. In other words, this . Therefore, the rigid model 

CL,,, - oc curve can now be obtained by shifting the measured curve 

curve are identical to those outlined for the design flight condition. 

The question can be raised as to what should be done to correct for flexibility effects on 
the so-called rigid model. 

In general, such corrections are expected to be small. Therefore, theoretically obtained 
aeroelastic model corrections should be accurate. Such corrections can be computed as soon as 
a flexibility matrix is obtained for the model. Such a matrix can be computed as follows: 

1. 
bably not worth it) 

2.  
has also been done with elastic models to verify estimated stiffness properties) 

3 .  
check on 2 to see if that approach is sufficiently accurate). 

Directly from the known model structure (this means an enormous amount ofFwork and is pro- 

Indirectly from measurement of E1 and GJ distributions and applications of beam theory (this 

Indirectly by measuring influence coefficients at specified control points (this could be a 
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Ideally then, all model CL,,,-& data should be corrected for flexibiiity effects, after 
which the data can be used as representative of a truly rigid model in the manner described before. 

The fact that the influence coefficient method of Sections 2-4 can be used with good accuracy 
in predicting rigid as well as elastic model behavior was illustrated by many examples in Reference 
7. Figure 9 taken from Reference 7 is one such example. 

6. Conclusions and Recommendations 

6.1 Conclusions 

It has been shown how a recently developed influence coefficient method can be used to generate 
the trade-off information needed in making design decisions during the p.d. phase of large flexible 
airplanes. Several examples were given to illustrate the use of the method in determining the 
effect of aerodynamic, structural and mass configuration changes on: 

1) 
2) the lift-to-drag ratio 
3)  the stability derivatives 
4 )  the aerodynamic center 

the equilibrium and jig shape 

It was also shown that in the case of the equivalent elastic airplane the algebraic form of 
the small perturbation equations of motion is the same as the one for a rigid airplane. How- 
ever it is necessary to adhere to a special format for the elastic airplane derivatives and this 
format was derived. 

Finally it was shown that wind-tunnel data obtained from rigid and elastic models must be 
'massaged' in a special manner before they can be applied to the full scale airplane 

6 . 2  Recommendations 

To streamline the process of using the method in particular p.d. type applications it is 
desirable to mechanize the manner in which the planform changes of Figure 5 are made. 
also be necessary to develop fast methods of adjusting the structural influence coefficient 
matrix [ &] 

It will 

to corresponding planform changes. 

An investigation should be made to determine which method of generating aerodynamic influence 
coefficients is best suited to p.d. applications. 
method of Reference 1. However several other methods can be used as indicated in Reference 8. 

The current investigation employs Woodward's 
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AEROELASTIC RESPONSE TO tl”m DISTURBANCES 

bY 

J. Burnham 

Royal Aircraft Eetablislrment, Bedford, England 

summary 
The response of aircraft t o  ‘essentially 

unwanted’ disturbances such 88 gusts and 

buffeting is  br ief ly  reviewed and the importance 

of seroelastic effects i s  stressed. Idention is 2. FUBFONSE TO UINAN’l’ED DISTURBAICES 

made of the use of automatic control systems t o  

modify aeroelastic response t o  gusts and it is 

2ointed out that  similar systems can also have 

important handling quali t ies implications, thus 

suggesting the desireabili ty of an integrated 

approach to  the i r  design. 

further discussion at the present Conference, 

where other papers deal i n  greater de t a i l  with 

aspects which are mentioned briefly here. 

Typical spectral densities of n o d  

ameleration measured at three points I n  the 

fuselage of a medium sized jet transport ah- 

craft during flight through turbulence are 

given i n  Fig. 1 and give an indioation of the 

sizes of the effects due t o  the f i r s t  w i n g  and 

fuselage elastic modes. 

2 

AB w e l l  as the 

1. INTRODUCTION importance of such effects to  structural  load?, 

The study of f l ight  mechanics can be looked it should be remembered that human sensi t ivi ty  

upon as the study of the response of aircraft t o  t o  verticd acceleration i s  increased as 

two different classes of disturbance, those frequencies around 4 Hz and that  e l a s t i c  modes 

a i s i n g  from the control system inputs made by i n  this frequency range are present i n  most 

the p i lo t  or by some automatic device, and those medium and large aircraft. 

arising from essentially unwanted disturbances 

such as gusts, buffeting and ground contacts. 

I n  the last decade, great advances have 

been male i n  theoretical methods of predict iw 

The object of the present paper i s  to consider, 

i n  f a i r l y  broad terms, the l a t t e r  types of 

response. loser  frequencies are concerned, covering the 

aircraft response to  turbulence, including 

aemelastic effects. A t  least  so far as the 

A characterist ic of these unwanted dis- r igid body and first few elast ic  modes, pres’ent 
2 turbances is  tht they usually contain sufficientmethods appear 

energy a t  the frequencies of the aircraft elastic about lqk 

modes to  excite them to a significant extent. 

The theoretical treatment of the response t o  lower frequency modes. However, current 

these disturbances must therefore take account theoretical methods appear to  appreciably over- 

of these modes as well as those of the aircraf t  estimate the excitation of the higher frequency 

r igid body motion. modes (at higher frequencies than shown i n  Fig. 3. 
treatment throughout the frequency range and the Because nost structural  loading occurs at the 

difficult ies of providing it  axe discussed i n  

Ref. 1, and w i l l  no doubt be the subject of 

t o  estimate response t o  within 

Fig. 2 shows the weanen t  between 

memured and estimated spectrum shapes of the 

The need for  a unified 

lower frequencies, it can generally be estimated 2 

t o  w i t h i n  1%;. W h e r  improvenentfl i n  accurmy 
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are l ikely t o  imply considerable elaboration of 

the calculation methods, including fo r  example 

the effects of variation of gust velocity over 

the ai rcraf t  (2  dimensional gust effects) and 

it i s  not clear that such improvements are 

just i f ied for  design purposes. 

be noted that  the sccuracy of the f l i gh t  data 

which has been used i n  comparisons with theory 

does not appear to  be much greater than that of 

the theory itself. If improved theories are t o  

be developed, significantly more accurate f l i gh t  

results w i l l  be needed to  validate them, 

The theoretical techniques used i n  

It should also 

2 

predicting the e l a s t i c  response of a i rcraf t  to 

turbulence a l s o  lend themselves t o  the calcul- 

ation of aircraft response t o  the other two 

important forms of unwanted disturbance, those 

due t o  buffeting and runviay roughness. In  these 

cases, however, non-lineax effects may well be 

important. I n  the case of buffeting, Ref. 3 

gives an account of the effects of the build-up 

of structural  response during transient pene- 

trations of buffet boundaries, as m e y  OCCUT dur- 

ing encounters with large gusts. 

mentioned that the possibil i ty exists that  many 

of the aerodynamic lags which have been 

'measuredl i n  transient buffet penetrations 

have'been at least partly due t o  lws i n  the 

structural  response of the aircraft .  Mg. 3 

shows the magnitude of the alleviation of 

buffet load due t o  the l a t t e r  when three classes 

of a i rcraf t ,  i n  f l i gh t  close to  their  buffet 

boundaries, encounter t% gusts of various 

lengths. 

It is 

The behaviour of aeroelastic models i n  

wind tunnels provides a valuable meana of 

predicting buffet effects. Although problems 

and fluctuations i n  tunnel flow, reasonable 

correlations have been obtained between f l i gh t  

and tunnel i n  terms of the point of buffet 

onset, and at least  qualitatively, i n  tenus of 

the rate  of increase of buffet loads with 

incidence4. An example showing a comparison 

between buffet boundaries measured i n  f l i gh t  

and wind tunnel is  given i n  Pig. 4. 

Loads which occur during take-off, landing 

and taxying often make a significant con- 

tr ibution t o  fatigue damage and the accompanying 

accelerations m q f  adversely affect crew comfort 

and performance. Pig. 5 shows spectral  

densities of vertical and l a t e ra l  accelerations 

i n  the cockpit and ver t ical  acceleration at the 

c.g., from data measured during the take-off of 

a large transport a i rcraf t  (from unpublished 

RAFi work by H. aall), the peaks i n  the spectra 

a t  frequencies about about 2Hz being due t o  

excitation of  the e l a s t i c  modes. As mentioned 

ear l ier ,  techniques developed for  predicting 

the e l a s t i c  response of aircraft to turbulence 

also lend themselves to studies of response to 

runway roughness. Probably the greatest 

diff icul ty  arises from the adequate represen- 

ta t ion of nonlinearities i n  the undercarriage 

response. 

3. EFtTCPS OF AoTOhWIC ??LIGHT CONTROL S Y S l "  

The behaviour of conventional autopilots 

and autostabilisers can be significantly 

affected by the sensors picking up response i n  

the elast ic  modes, the result ing control 

deflections either increasing or decreasing the 

aircraft  response, depending on phase. 

conplex systems, i n  which sensors are 

specifically positioned t o  detect the e l a s t i c  

modes responses and by suitable sieyld 

&re 

1 

exist  due to  lower-than-flight 'Reynolds numbers Processing control signals are applied which 
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5 6 7 8  reduce them, have been designed and t e s t e d  ' ' '. 
The performance o f  one such system, i n  terms o f  

the improvement i n  f a t i g u e  damage rate, i s  shown 

i n  Fig. 6. These systems d i f f e r  f r o m  earlier 

gust alleviators?"' i n  t h a t  no attempt i s  m a d e  

t o  measure the gusts directly, and that they are 

aimed pr imar i ly  at control1.ing t h e  elastic mode 

response. 

Improvements i n  aircraft xigid body dynamic 

response, due t o  a u t o s t a b i l i s e r s ,  can of  course 

lead  t o  s i g n i f i c a n t  reduct ions i n  gust loads and 

improvements i n  r i d e  q u a l i t i e s  . I n  general ,  

t o  have a major e f f e c t  on normal acce lera t ions  

i n  the elastic modes, there  seems l i t t l e  doubt 

that i t  would be  valuable  t o  have a cont ro l  

vihich aldllovis t h e  direct  v a r i a t i o n  of wing lift. 

From a general  handl ing q u a l i t i e s  viewpoint, t h e  

usefulness  o f  such ' d i r e c t  lift cont ro ls '  has 

come under increas ing  scrut ipy.  

i n  vertical v e l o c i t y  response which such a 

cont ro l  o f f e r s  i s  shown i n  Fig. 7, and the 

effect, i n  terms o f  aircraft response t o  a tail 

gust encountered on t h e  landing approach i s  

i l l u s t r a t e d  i n  Fig. 8. 

11 

The improvement 

' 0  

There i s  no doubt that an in tegra ted  

approach t o  f l i g h t  cont ro l  systems, coveri.ng 

both h a n d l i Q  q u a l i t i e s  and elastic response, 

w i l l  be needed i n  future. Techniques are now 

a v a i l a b l e  which m i l l  permit significant impmve- 

ments t o  be made, even though problems such 3s 

' f a i l  s a f e t y '  remain and t h e  econonic 

j u s t i f i c a t i o n  o f  such systems on a p a r t i c u l a r  

aircraft w i l l  need careful study. It is  a l s o  

worth renarking that s t r u c t u r a l  response 

modif icat ion systems mqy also be valuable  i n  

reducing b u f f e t  loads and are -a,y l i k e l y  t o  

be  required t o  func t ion  adequately during 

penet ra t ions  beyond t h e  aircraft's buffet 

boundaries. 
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F i g . 1  Spectral  d e n s i t i e s  of  normal acce lera t ions  measured i n  f l i g h t  through 
turbulence a t  the  cockpi t ,  C of  G and t a i l  of  a medium sized 

j e t  t ranspor t  
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Fig.2 Spectral  dens i ty  o f  t a i l p l a n e  root  bending moment during f r i g h t  
through turbulent  a i r  i n  a j e t  t ranspor t  a i r c r a f t  (from r e f .  2)  
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Fig.3 Ef fec t  o f  a i r c r a f t  s i z e  and gus t  l eng th  on t r a n s i e n t  b u f f e t  
l oads  (from r e f . 3 )  
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Fig.4 Comparison o f  f l i g h t  and wind tunnel  bu f fe t  boundaries (from r e f . 4 )  
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Fig.5 Spectral  d e n s i t i e s  of acce lera t ions  measured during take o f f  of a 
l a r g e  t ranspor t  a i r c r a f t  

POSITION A B C D E F 

OF IMPROVEMENT 5 . 7 5  1.83 6 .45  3.9 2.18 5 . 9  
IN FATIGUE DAMAGE RATE 

Fig.6 Theoret ical  values of  improvements i n  fa t igue  damage r a t e  brought 
about by f i t t i n g  cont ro l  system which modifies a e r o e l a s t i c  

response (from r e f .  6 )  
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Fig.7 Effect  of  a i r c r a f t  size on v e r t i c a l  ve loc i ty  response t o  p i l o t ' s  
control  f o r  conventional e l e v a t o r s  and d i r e c t  l i f t  cont ro l  
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Fig.8 Effect  on a la rge  t ranspor t  a i r c r a f t  of  a t a i l  gust equivz-:nt 
t o  5% of ai rspeed and recovery by conventional e leva tor  and by 

d i r e c t  l i f t  cont ro l  

I 



I 

15 

par A .  MARSAN (SUD-AVIATION) 



15 

L'introduction de la souplesse de  l'avion dans l 'btude des  quali tes de  vol et l 'affichage 

au simulateur a necessite l a  creation de  nouveaux coefficients aerodynamiques qui 

tiennent compte de cette souplesse et 'conservent, pour tous l e s  problsmes  de mecanique 

de  vol,  l e s  equations habituellement uti l isees pour l'avion rigide.  

Les  calculs d'a6roelasticit6 statique ont et6 menes dans l a  mesure  du possible en ayant 

r ecour s  aux donnees experimentales plut8t qu'a l a  theorie pure.  C e  qui explique que c e s  

nouveaux coefficients sont en fait, des  t e r m e s  cor rec t i f s  des  coefficients mesures  en 

soufflerie s u r  maquettes rigides.  

I1 n 'es t  question ici  que des  coefficients permettant 1'Btude du vol symetrique et  c e s  

coefficients sont analyses en fonction des  pa ram&tres  dont ils dependent, A savoir : 

mach,  pression dynamique, poids et centrage.  
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P 

9 
S 

P 

- 

C m i  

Masse  avion 

P r e s s i o n  dynamique 

Surface' d e  r e fe rence  

Longueur de  r e fe rence  

Coefficient de  portance B incidence nulle 

Coefficient de  moment de  tangage ii incidence nulle 

Gradient de  por tance  l ie  B l ' incidence 

Gradient de  portance l i e  au braquage d e s  elevons 

Gradient de  portance l i e  B la v i tesse  d e  tangage 

Gradient de  moment de  tangage lie ii l ' incidence 

Gradient de  moment de  tangage lie au braquage d e s  Blevons 

Gradient de  moment de  tangage lie B l a  v i tesse  de  tangage 

Matrice d e s  coefficients d'influence s t ruc turaux  

Matrice d e s  coefficients d'influence aerodynamiques l iant l e s  fo rces  s u r  l e s  points 

d ' integration aux deformations angula i res  s u r  l e s  points de  contr6le 

Matrice colonne des  deformations angulaires aux points d e  contr6le j 
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Depuis l e s  debuts d e  l 'aviation, l e s  avions ne cessent  d 'augmenter l e u r s  d imens ions ,  

l eu r  allongement,  l eu r  poids e t  l eur  v i tesse  et  on s'bloigne de  plus en plus de  l 'avion 

r ig ide ,  s'il a jamais  existe.  Dans c e s  conditions, il devient impossible aujourd'hui de  

negliger l ' ae roe las t ic i t6  dans  toute etude se r i euse  d e s  quali tes de  vol principalement 

pour l e s  appare i l s  commerc iaux .  

De ce t te  akroe las t ic i t6  

ma i s  il n'en demeure  pas  moins que ce r t a ins  phBnomPnes non v ib ra to i r e s ,  t e l s  l a  

divergence et  l ' inversion d ' a i l e rons ,  ont depuis longtemps re tenu  l 'at tention d e s  cons- 

t r u c t e u r s  d 'avions.  Ces  p r o b l i m e s  ne sont cependant pas  l e s  s eu l s  g impu te r  B l a  sou- 

p lesse .  Tous  l e s  Bquilibres ou l e s  mouvements que c e  so i t  en vol symetr ique  ou en vol 

antisymetrique sont affectds p a r  l e s  deformations d e s  differentes pa r t i e s  de  .l 'avion. 

L a  seu le  connaissance de  l 'avion rigide ne suffit plus.  Et une des  p remiPres  etudes B 

en t r ep rendre  p a r c e  qu 'e l le  t r a i t e  du problbme l e  plus frequemment rencont re  en vol,  

c ' e s t  l e  comportement de  l 'avion deformable en vol symetr ique  stationnaire.  

l e  f lutter e s t  l a  pa r t i e  la plus impor tan te  e t  l a  plus etudiee j 

L'introduction d e  l ' ae roe las t ic i tb  dans  les p r o b l t m e s  aerodynamiques fut longtemps 

f re inee  p a r  l e s  difficultes numer iques  qu'elle fa i sa i t  apparaf t re .  Maintenant., l e  develop- 

pement d e s  moyens mecanographiques mis  a l a  disposition d e s  u t i l i sa teurs ,  e s t  t e l  qu ' i l  

met  pratiquement l 'a6roBlasticit6 B la por tee  de  tout l e  monde. Cependant, c ' e s t  bien 

souvent au p r ix  d'une exploitation longue e t  l abor ieuse .  

Ainsi .  il est necessa i r e ,  pour connaitre l e s  pa rambt re s  de  vol avion souple,  d e  r e soudre  

l e  problEme en avion r ig ide  auquel on superpose  un effet de  souplesse ,  et  l e  resu l ta t  

n ' e s t  obtenu qu ' ap r s s  determination de  toutes les deformations.  Ce p rocessus  p re sen te  

l 'avantage de  r edu i r e  l ' ae roe las t ic i te  aux peti tes variations autour de  l 'avion r ig ide  ; 

une tres grande  pa r t  e s t  faite aux e s s a i s  d e  soufflerie et  on ne sac r i f i e  que tres peu B 
toutes l e s  t heo r i e s  aerodynamiques u t i l i sees .  Cependant, ce t te  voie oblige B un double 

calcul et  de  c e  f a i t ,  e s t  difficilement maniable pour l 'exploration systematique du 

domaine d e  vol. D'un au t r e  c6 t6 ,  l 'adaptation d'une te l le  methode 2 un s imula teur  d e  vol 

e s t  a s s e z  mala isee .  

Ces  considerations nous ont amenes  3 c h e r c h e r ,  dans  un but d e  simplification, Q intro- 

du i r e  les effets de  souplesse  avion sous f o r m e  d e  coefficients aerodynamiques pour 

conse rve r  dans  1'6tude d e s  qua l i tes  d e  vol,  l e  m&me moule mathematique que pour 

l 'avion rigide.  

... / 
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que  l 'on  connai t  la r e l a t i o n  e n t r e  les 

d e f o r m a t i o n s  et les f o r c e s  indui tes ,  c e  qui  demande  la  de te rmina t ion  d e s  effets s t r u c t u -  

r a u x  e t  la m i s e  au point d 'une t h e o r i e  aerodynamique  loca le .  

Ef fe t s  s t r u c t u r a u x  

I1 nous a s e m b l e  p l u s  c o m m o d e  d e  r e s o u d r e  ces d i f fe ren ts  p r o b l i - m e s  a 6 r o e l a s t i q u e s  2 

l ' a i d e  d e  coeff ic ients  d ' inf luence plut8t qu '& l ' a i d e  d e  la superpos i t ion  d e  m o d e s  p r o p r e s  

ou Blementa i res .  

L e s  e f fe t s  d e  f lexibi l i te  sont  donc t r a d u i t s  p a r  une m a t r i c e  d e  coef f ic ien ts  d ' inf luence 

donnant d e s  a n g l e s  d e  deformat ion  d a n s  le l i t  du vent en d e s  poin ts  d i t s  d e  c o n t r S l e ,  

s o u s  l ' a c t i o n  d e  c h a r g e s  u n i t a i r e s  e n  d e s  poin ts  d i t s  d ' inthgrat ion.  Dans  le cas  du vol 

s y m e t r i q u e  e t  d 'un  avion 3 aile d e l t a  c o m m e  CONCORDE, on ne  p r e n d  en cons idera t ion  

q u e  les d e f o r m a t i o n s  d e  la voi lure  e t  du fuse lage .  

Ef fe t s  aerodynamiques  

L a  methode  employee  e s t  dedui te  d e  la t h e o r i e  d e s  sur f  aces p o r t a n t e s  exposee  p a r  H s u ,  

Watk ins .  R i c h a r d s o n ,  e t c  . . . et dont l 'exploi ta t ion a d e j a  fa i t  l ' ob je t  d 'une conference  

p r e s e n t e e  p a r  M r  DAROVSKY d a n s  le c a d r e  d 'une  p r e c e d e n t e  reunion  d e  1 ' A .  G.A.R.D.  

C e t t e  methode p e r m e t  d 'ob ten i r  une m a t r i c e  d e  coeff ic ients  a e r o d y n a m i q u e s  l iant  les 

v i t e s s e s  indui tes  s u r  les poin ts  d e  cont r8 le  aux  coeff ic ients  du polyn8me d e  p r e s s i o n  

chois i  : elle definit donc une c o r r e s p o n d a n c e  d i r e c t e  e n t r e  les d e f o r m a t i o n s  a n g u l a i r e s  

l o c a l e s  et les f o r c e s  aerodynamiques  q u ' e l l e s  provoquent  s u r  les poin ts  d ' in tegra t ion .  

Nous devons  s i g n a l e r  q u e  c e t t e  t h e o r i e  appl iquee & l 'avion r i g i d e  CONCORDE donne d e s  

r e s u l t a t s  t r k s  p r o c h e s  d e s  m e s u r e s  d e  souf f le r ie  pour  les g r a d i e n t s  d e  p o r t a n c e  et 

d e  moment  d e  tangage ,  a u s s i  bien d a n s  le domaine  subsonique q u e  d a n s  le domaine  

supersonique .  (P lanche  3). 

4. COEFFICIENTS AERODYNAMIQUES SOUPLES . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  

4.1 - Calcul  d e s  coeff ic ients  

C e  ca lcu l  s 'appl ique 3 un avion du type CONCORDE c 'es t -&-di re  une voi lure  s e u l e  a v e c  

fuse lage  s a n s  empennage  hor izonta l  e t  se borne  5. l ' equi l ibre  au f a c t e u r  d e  c h a r g e  uni te ,  

uniquement  pour  n e  p a s  a l o u r d i r  l 'expos6.  L 'ex t rapola t ion  pour  un avion c l a s s i q u e  ou 

pour  un Bquilibre 3 un a u t r e  f a c t e u r  d e  c h a r g e  ne  p r e s e n t e  p a s  d e  difficult6 m a j e u r e .  

L 'av ion  r i g i d e  en Bquilibre e s t  def ini  p a r  le s y s t P m e  d 'bquat ions l i n e a r i s e e s  e t  s impl i f iees :  

... / 
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Go e t G o d e s i g n a n t  la portance et  l e  moment .de tangage par  rapport  au cent re  de  

gravite,  pour une incidence nulle. 

La  composante de  la poussee e s t  negligee c a r  nous supposons que les incidences sont 

trBs faibles. 

L a  souplesse de  l 'avion place dans les m&mes  conditions (mach, altitude, 'poids, cen- 

t r a g e )  ne  modifie pas  l a  resultante des  fo rces  aerodynamiques ma i s  e n t r a h e  une 

variation des  angles d'equilibre :Ai  pour l ' incidence,A/j pour le braquage des  elevons. 

Ainsi les forces  dues B l 'aero6lasticit6 et induites pa r  : 

- la variation d'incidence A i  
- la variation de braquage 

- la deformation angulaire locale 

Ab  

forment un systPme nul qui s ' e c r i t  : 

Quant B la deformation angulaire locale AUJ elle rBsulte de l 'action de  toutes c e s  

forces,  plus de l 'action des  forces  d'bquilibre de l'avion rigide,  ceci dans l e  c a s  oil l a  

maquette de soufflerie est semblable a la forme de  construction B n = 0.  Mais cette 

fo rme  a n = 0 ne correspond B aucune configuration de  vol et  on construit generalement 

une maquette semblable B la forme de vol l a  plus probable, pa r  exemple l a  forme opti- 

misee  pour la c ro is ihre .  

Dans c e s  conditions, toutes les deformations angulaires sont calcuiees pa r  rapport  B 
cette fo rme  de croisiCre et  l e s  fo rces  avion rigide B prendre  en consideration sont les 

fo rces  d,' Bquilibre F au Mach de  calcul moins l e s  forces  {Fj permettant de pas se r  

de la fo rme  b l t i  B la forme c ro i s i i r e .  

, t -1 

I 1  
En re sume ,  la deformation angulaire s ' e c r i t  : 

L 

designant la mat r ice  de coefficients d'influence structuraux 

@ designant la mat r ice  de coefficients aerodynamiques 

bfi} reparti t ion des  forces  de  braquage unitaire des  elevons 

En supposant que nous res t ions  dans le domaine l inea i re ,  nous pouvons remplacer  la 

reparti t ion { F) par  une r6partition~(Fo]correspondant B i = 0 , une reparti t ion de  

et  une reparti t ion massique {P] de  telle so r t e  que 1'6quilibre d e  l'avion souple s e  

traduit  pa r  1'6galit6 des  forces  : 

forces  d'incidence ;?a 1 i , une reparti t ion de forces  de  braquage 0 
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/ 
l 'incidence et  l e  braquage d'bquilibre de  

l'avion souple. 

I1 apparait dans l'equation (4)  des  t e r m e s  lies a la souplesse qui ne sont en fait que 

des  t e r m e s  cor rec t i f s  des  gradients de  portance et de  c,, . Le dern ier  t e r m e  est a 
rapprocher du puids mais  peut e t r e  ass imi  16 a un gradient de.portance lie au facteur de  

charge.  

Ainsi ,  l'bquation des  forces  de  l'avion souple en Bquilibre s 'bcr i t  simplement : 

Expression dans laquelle chacun des  coefficients comprend un t e r m e  de  soufflerie plus 

une par t ie  due 5 l a  souplesse (exception faite du dern ier  qui n 'a  pas  d'equivalent en 

avion rigide). 

Ce sont c e s  nouveaux coefficients que nous designons sous le vocable de  coefficients 

aerodynamiques souples. 

Le  raisonnement fait s u r  l e s  forces  peut se conduire de la m&me manis re  s u r  l e s  

moments de tangage pour completer le jeu de  coefficients souples statiques. 

Une etude de  r e s source  Bquilibree nous a m h e r a i t  2 definir des  coefficients souples 

attaches a la vitesse de  tangage. 

Nous devons auss i  envisager pour cer ta ins  problbmes qui le necessitent ( la limitation 

de  centrage pa r  exemple),  la creation de  coefficients de  moments de  charn ibre  des  

elevons pa r  l'introduction de t e r m e s  co r rec t eu r s  de  

que l e  moment de  charn ibre  r e s t e  calculable pa r  une expression te l le  que : 

bo ,b, ,bg ,bn ,bq de  so r t e  

M, = w  (bo,+ b,,L + b,s &+ bns ns+bqs  q v s  '> V volume de  re ference  de  l'blevon. 

(Le  t e r m e  bqs n'apportant cependant pas  de g rosses  modifications s u r  l e  moment de  

charn is r  e). 

Tous l e s  problsmes  statiques ou quasi  statiques de  l'avion souple peuvent d s s  l o r s  

s e  t r a i t e r  B l 'aide des  equations classiques de la mecanique de  vol de  l'avion rigide. 

4 . 2  - Presentation des  coefficients souples 

Si cette manis re  de representer  l a  souplesse de l'avion offre de  nombreux avantages pour 

l a  resolution et l 'exploration du domaine de vol, el le conserve tout de  m@me quelques 

inconvenients, ne serait-ce q u 5  cause du nombre de  pa rams t re s  dont dependent l e s  coef- 

ficients. ... / 

i 
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L e s  etudes avion rigide ont habitue les aerodynamiciens & une interpolation en Mach ou 

en Mach et centrage : mais  en avion souple, il faut maintenant envisager des  interpola- 

t ions en Mach, press ion  dynamique , poids et  centrage. C'est  pourquoi, nous separerons  

c e s  coefficients souples en deux groupes suivant qu'ils sont fonction du Mach et de  

l a  press ion  dynamique ou qu'ils dependent des  qua t re  parambtres  precites.  

5.1 - Coefficients fonction du Mach et de  la press ion  dynamique 

I 

Pour  ce r t a ins ,  l e  t e r m e  correctif  dQ & l a  souplesse e s t  purement theorique et 

qu'en fonction de  l a  geometric de l a  voilure. Ce sont les gradients de portance et de  

moment lies B l ' incidence et  & la v i tesse  de  tangage, c'est-&-dire :Gis ,c&;s,c&s,~qs- 
Le coefficient biS 
gor ie . 
P a r  cont re ,  tous les coefficients lies au braquage des  elevons ( Gps, Cmps  , b,, ) 

sont Crees 

ne var ie  

de  moment de charn ibre  est & c la s se r  lui auss i  dans cette cat& 

pa r t i r  de  mesures  de  soufflerie. 

L'ensemble de  c e s  t e r m e s  cor rec t i f s  est representable p a r  des  courbes en tap is  oil l 'on 

r emarque  que l'evolution en press ion  dynamique a une allure plus 01 moins parabolique 

tandis que l'bvolution en Mach rappelle ce l les  des  coefficients rigides homologues. 

A noter auss i  que la correction due & la souplesse s u r  l e s  coefficients lies au braquage 

e s t  plus importante que s u r  les coefficients lies & l ' incidence du fait m@me de la r epa r -  

tition t r b s  arribre des  fo rces  entraihant les deformations. 

Des deux t e r m e s  c,,, et Cmos, c 'es t  indeniablement l e  deuxibme qui a la plus grande 

influence s u r  l e  comportement de  l'avion. L a  correction apportee s u r  l e  t e r m e  

rigfde c 
pour l e s  maxima s e  rencontrant dans l a  zone transsonique. 

, fortement influencee pa r  le Mach, Bvolue en t re  -3.10'3 et  -5.10'3, 

5.2 - Coefficients fonction du Mach, de  la press ion  dynamique, du poids et  du centrage 

11 slagit essentiellement des  t e r m e s  

Les  coefficients CZns 1 CAns 
consideres comme l inea i res  en press ion  dynamique et  en p remie re  approximation 

l inea i res  auss i  en poids, surtout si les r e s e r v o i r s  de  combustible se situent & proximite 

du cen t r e  de  gravite avion. Quant 3 1'6volution en centrage,  assez faible dans la plage 

des  cent rages  de  vol admiss ib les ,  el le semble pour CONCORDE sensible aux rempl is -  

sages  des  r e s e r v o i r s  de t ransfer t  qui s e  trouvent respectivement au niveau de  l'onglet 

avant de  la voilure et  dans l e  fuselage a r r ib re .  

CLm, C h d  b,, 
I 

b", , lies aux reparti t ions mass iques ,  peuvent e t r e  

L a  variation des  coefficients, tout en res tan t  l inea i re ,  p resente  deux pentes et la cas su re  

correspond au centrage pour lequel l e s  deux r e s e r v o i r s  sont vides. Pour  e t r e  plus p rbs  

de  la ver i te ,  il faudrait  donc scinder ces coefficients en separant l 'effet de  l a  masse  

s t ruc ture  et  l 'effet du rempl i ssage  de chacun des  r e se rvo i r s .  Cependant, c e  processus  

compliquerait de  manibre notable, l 'introduction de  c e s  t e r m e s  dans les equations de  vol. ... / 
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I 
L e  coefficient Cmnr pour ne pa r l e r  que du plus important,  joue en fait le meme r61e 

que l e  C m w  En consequence, nous avons t r a c e  s u r  une meme planche, pour donner 

une idee de  l ' o rd re  de  grandeur ,  l'evolution du cmos rigide,  du t e r m e  correctif  souple 

de  c e  Cm&t duC,,,,le long de  la montee d'une mission type. (Planche 4). 
1 

5.3 - Remarques  

5.3.1 - Les  coefficients lies au braquage des  gouvernes sont u t i l i ses  sour fo rme  

d'efficacite pour pe rme t t r e  l 'extrapolation dans la region non l inea i re  des  coefficients 

rigides.  Cette representation es t  a lo r s  preferable aux t e r m e s  cor rec t i f s  additifs qui 

entraiheraient une valeur t rop  pessimiste.  (Planche 5). 

Notons qu' i l  serait cependant possible de  ten i r  compte des  non-linearites en introddisant 

des  reparti t ions de  forces  de  braquage, fonction du braquage lui-meme, ma i s  aux pr ix  

de  calculs fasti dieux et  d'une exploitation complexe. 

L'efficaoite independante du braquage e s t  donc un palliatif tr&s acceptable. 

5 . 3 . 2  - Signalons enfin pour t e rmine r ,  que d'une manihre genera le ,  l e  t e r m e  correctif  

dd a la souplesse,  s 'oppose au t e r m e  correspondant de l'avion rigide. 

6 .  CONCLUSION 

Cette presentation n'est certainement pas  une panacee,  mais  elle nous a semble apporter 

une grande simplification dans 1'6tude de  l'avion souple. 

L'evolution et l ' importance relative des  differents coefficients n'ont trait qu'a l 'avion 

CONCORDE et il n'est pas  possible d'en ex t r a i r e  une loi  generale et  definitive. On peut 

cependant penser  que l e s  cor rec t ions  faites s u r  les gradients de  moment et en parti-  

culier s u r  le gradient lit5 au braquage des  gouvernes,  se ront  predominantes dans  tous 

l e s  problhmes de  qualit6 de  vol. L a  seule constatation indeniable, c'est l ' importance 

de  plus en plus grande de  l 'a6roelasticite. 
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EQUATIONS D ' EQUILIBRE 
P L . l  

1 - Avion r i g i d e :  

i 

2, Var ia t ions dues la  souplesse, : 

3- D;formations : 

I- 

4'- Equi l ibre avion souple:  

I 
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COEFFICIENTS AERODYNAMIQUES SOUPLES 

P L .  2 

5, Equations d '6qui l ibre  avion souple : 

: CoeFFicients d'inFluence structuraux 

m :  II I !  aerodynamiq ues 

{h) : F o r c e s  d e  braquage 

{dy : Distances d e  la r e l e r e n c e  aux points d ' in t igrat ion 

Ind ices  : s pour avion souple R pour avion r igide - - 
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SUMMARY 

An analytical procedure is presented determining unsteady 
aerodynamic effects on the longitudinal stability of flexible 
flight vehicles with tandem lifting surfaces. Circulation lag 
effects associated with rapid changes of lift and downwash 
time-delay effects, due to the front wing wake that does not 
affect the rear wing lift instantaneously, are considered. 

strongly the downwash time-delay destabilizes the first bending 
mode of the fuselage for 5ertain tandem configurations. The 
time vector concept is being used for physical interpretation. 
The classical root locus method is extended to find exact critical 
values for downwash time-delays and to determine the behavior 
of the root locus in the vicinity of a critical point. 

The root locus technique is applied to demonstrate how 

Some general results and root sensitivity investigations are 
given to show how structural and aerodynamic parameters and 
their variations influence the stability roots of the aero- 
elastic coupled system. 

SOMMAIRE 

Une mgthode analytique est prgsentge permettant la dgtermination 
des effets non-stationnaires agrodynamiques sur la stabilith 
longitudinale des agronefs flexibles d surfaces portantes en tandem. 
On y considdre des effets de circulation retardge associgs aux 
changements rapides des effets de portance et de temps mort h 
dbflexion qui sont dus au sillage de l'aile avant qui n'affecte 
pas instantanbment la portance de l'aile arridre. 

La mgthode de lieu de racines est appliquge pour dgmontrer 
l'influence fortement dgstabilisante de la dhflexion du temps 
mort sur la premidre oscillation de flexion du fuselage pour 
certaines configurations en tandem. Pour l'explication physique 
on se sert de la mgthode des vecteurs de temps. On &tend la 
mbthode classique de lieu de racines de manisre h ce qu'elle 
permet de trouver des prgcises valeurs critiques pour le temps 
mort d dgflexion et de dgterminer le comportement du lieu de 
racines au voisinage d'un point critique. 

sensibilitg des racines pour dgmontrer l'influence des paramdtres 
structuraux et agrodynamiques et leurs variations sur les racines 
de stabilitb des systhes agroblastiques accoupl&s. 

On prgsente quelques rgsultats ggngraux et des essais de 
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c i r c u l a t i o n  l a g  func t ion ,  Eq. ( 4 )  
l i f t  curve s lope  
cons t an t ;  roo t  locus  g a i n ,  Eq. (11) 

re fe rence  length  (body length)  
mass of f l i g h t  veh ic l e  
j - t h  po le  of t h e  C(s ) - func t ion ;  j - t h  p.arameter 
reduced complex frequency (Laplace v a r i a b l e )  
(= U ? id *) 

r e fe rence  su r face  ( o v e r a l l  wing su r face )  
aerodynamic t i m e  cons t an t  (= 1 / U )  

r e f e rence  v e l o c i t y  ( s teady  s t a t e  v e l o c i t y )  
l o n g i t u d i n a l  coord ina te  
e f f e c t i v e  d i s t ance  between tandem wings 
j - t h  zero  of t h e  C(s ) - func t ion  
l o c a l  e f f e c t i v e  angle  of a t t a c k ,  Eq. ( A  4 )  

damping element of t h e  aerodynamic ope ra to r  ma t r ix ,  Table 1 

interference-damping element of t h e  aerodynamic ope ra to r  ma t r ix ,  Table 1 

downwash f a c t o r  a t  t h e  r e a r  wing 
damping r a t i o  (v iscous  equ iva len t )  of t h e  i - t h  mode (without  aerodynamics) 
damping r a t i o  of t h e  f i r s t  bending mode (without  i n t e r f e r e n c e  
aerodynamics) 
s t i f f n e s s  element of t h e  aerodynamic ope ra to r  ma t r ix ,  Table 1 

i n t e r f e r e n c e - s t i f f n e s s  element of t h e  aerodynamic ope ra to r  ma t r ix ,  Table 1 

f l i g h t  veh ic l e  r e l a t i v e  d e n s i t y  (= 2m/pS1) 
genera l ized  mass of t h e  i - t h  mode (= & o ; ( x ) d x )  

(1) 
nondimensional gene ra l i zed  coord ina te  of t h e  i - t h  and k-th mode r e spec t ive ly  
( r e l a t i v e  t o  t h e  re ference  l eng th  1) 
reduced t i m e  cons t an t  of aerodynamic i n t e r f e r e n c e ,  Eq. (10) 3 
reduced f i r s t  o rder  Pad6 t i m e  cons tan t  (= A T / 2 )  *) 

reduced aerodynamic t ime-delay (= A t / t *  = Ax/l) ") 

c r i t i c a l  reduced t ime-delay, Eq. (A  1 2 )  *) 

normalized mode d e f l e c t i o n  of t h e  i - t h  and k-th mode r e s p e c t i v e l y  
normalized mode s lope  of t h e  i - t h  and k-th mode r e spec t ive ly  ($ '=ld$/dx) 
reduced undamped h a t u r a l  frequency of t h e  i - t h  mode (without  aerodynamics) *) 

reduced undamped n a t u r a l  frequency of t h e  f i r s t  bending mode (without  
i n t e r f e r e n c e  aerodynamics) *) 

c r i t i c a l  frequency, Eq. (A 11) *) 

forward wing s t a t i o n  

r e a r  wing s t a t i o n  
f i r s t  bending mode (i = 3)  

*) S t a b i l i t y  r o o t s ,  f requencies  and t i m e s  a r e  expressed nondimensionally wi th  t h e  
aerodynamic t i m e  cons tan t  t *. 
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The linearized equations 
by a matrix of coefficients 

(si 

The matrix of coefficients 

COMBINED EFFECTS OF AEROELASTIC COUPLING AND AERODYNAMIC 
INTERFERENCE BETWEEN TWO LIFTING SURFACES 

(WING-TAIL, TANDEM WINGS) ON THE 
LONGITUDINAL STABILITY 

Peter G. Hamel 

1. INTRODUCTION 

It is well known that the stability and control analysis of large and slender 
flexible flight vehicles has to consider the rigid body degrees of freedom and 
flexible degrees of freedom. Overall surveys on this subject have been given for 
example in the United States by J.B. Rea (1) and in the United Kingdom by A.R. Collar 
(2) and A.S. Taylor ( 3 ) .  

In the common literature quasi-steady aerodynamics are retained since unsteady 
aerodynamics due to circulation lag and interference effects are usually omitted as 
secondary effects. Moreover, there do not exist simple relations between the classic 
quasi-steady stability derivatives of the general motion of the rigid body and the 
unsteady flutter derivatives of the harmonic elastic oscillations of the flexible 
flight vehicle. In the case of quasi-steady aerodynamics, the local aerodynamic lift 
force occurs in direct proportion to the local normal airstream velocity and is 
independent of other local events, for instance upstream events. 

It is the purpose of this paper to present a simple analytical procedure for 
determining important unsteady aerodynamic effects on the longitudinal stability of 
flexible flight vehicles with tandem lifting surfaces. In the development of 
expressions for the unsteady aerodynamic effects, the growth of the forward wing lift 
and wake, the time-delay until the rear wing is immersed in the wake created by the 
forward wing and the lift build-up of the rear wing have to be considered. This aero- 
dynamic problem has firstly been treated by R.T. Jones and L.F. Fehlner ( 4 )  for the 
subsonic case and by M. Tobak (5) for the supersonic case using the concept of indicia1 
aerodynamic functions. B. Laschka (6) uses a different approach to the problem. His 
calculations are based on the classic Kussner integral equation reflecting the relation 
between the pressure distribution of a lifting surface and the induced upwash. He 
comes up with unsteady aerodynamic flutter derivatives for the isolated wings and 
additional cross derivatives which represent the main interference effect. 

2 .  EQUATIONS OF MOTION IN GENERAL 

of motion of the aeroelastic coupled system are represented 
multiplying a column vector of normal coordinates si 

s seperated into a structural oDerator matrix with the 
diagonal elements Si(s) and an aerodynamic operator matrix with the elements Aik(s). 
Appendix 1 discusses the derivation of Eq. (1) and shows that the structural operator 
matrix is representing the structure dynamically in its normal modes (inclusively 
rigid body vertical translation and pitch) 

s .  1 (SI = Ui(S2 + 2CiUniS + Wni2). ( 2 )  

The aerodynamic operator matrix representing the essential nature of the unsteady 
airloads and providing aerodynamic coupling among the normal coordinates may be written 
as 
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The s i n g l e  elements of Eq. (3)  a r e  summarized i n  Table 1. The unsteady aerodynamic 
e f f e c t s  due t o  c i r c u l a t i o n  l a g  a r e  taken i n t o  account through aerodynamic t r a n s f e r  
func t ions  having t h e  gene ra l  form 

m 
n ( s + z . )  

n ( s + p . )  

3 C ( s )  = K J n  '=1 

j = l  3 

( 4 )  

which can be obta ined  from t h e  l i n e a r  Wagner func t ion  by using t h e  superpos i t ion  
i n t e g r a l .  Compress ib i l i ty  and f i n i t e  span e f f e c t s  a r e  accounted f o r  by modified 
forms of t h e  Wagner func t ion  o r ,  i f  unsteady complex f l u t t e r  d e r i v a t i v e s  a r e  i n  
hand, by curve f i t t i n g  procedures i n  t h e  frequency domain. 

The t ime-delay e f f e c t  of t h e  forward wing wake i s  accomplished by t h e  exponent ia l  
func t ion  exp(-sAT) which i s  formed wi th  an e f f e c t i v e  d i s t a n c e  A T  = M / l  between t h e  
tandem wings. This  exponent ia l  func t ion  needs a simple and s u i t a b l e  series approxi- 
mation so t h a t  t h e  corresponding t ranscendenta l  mat r ix  of c o e f f i c i e n t s  can be t r ans -  
formed i n t o  a n-th order  mat r ix  polynomial, whose determinant  y i e l d s  t h e  s t a b i l i t y  
roo t s .  The MacLaurin series expansion of t h e  exponent ia l  func t ion  does n o t  converge 
r a p i d l y  f o r  l a r g e  A T S  and both amplitude r a t i o  and phase c h a r a c t e r i s t i c s  do no t  
conform t o  t h a t  requi red  of an i d e a l  time-delay f o r  a l a r g e  frequency. Super ior  
r e s u l t s  a r e  obta ined  using t h e  l i n e a r  non-minimum phase t r a n s f e r  func t ion  (Padb- 
approximation) 

having t h e  same o rde r  numerator and denominator 

I n  o rde r  t o  v i s u a l i z e  t h e  e f f e c t  of unsteady i n t e r f e r e n c e  between two l i f t i n g  
su r faces ,  system a n a l y s i s  techniques have been app l i ed  t o  t h e  dynamics of t h e  f i r s t  
(uncoupled) bending mode of a hypo the t i ca l  f l e x i b l e  f l i g h t  veh ic l e  ( 7 )  I assuming 
t h a t  t h e  r i g i d  body modes a r e  no t  d i s tu rbed .  This  can be accomplished by a s t a b i l i t y  
augmentation system prevent ing r i g i d  body v e r t i c a l  t r a n s l a t i o n  and p i t ch ing  and 
being i n s e n s i t i v e  t o  e l a s t i c  o s c i l l a t i o n s  by cons t r a in ing  t h e  a l t i t u d e  and r a t e  
sensors  from picking up t h e  bending motions ( 8 ) .  

Within t h e  fol lowing n o t a t i o n s ,  t h e  index " 3 "  s tands  f o r  t h e  f i r s t  bending mode, 
i n d i c a t i n g  t h a t  t h e  i n d i c e s  "1" and " 2 "  have been r e t a i n e d  f o r  r i g i d  body t r a n s l a t i o n  
and p i t c h .  The Laplace v a r i a b l e  s ,  time-delay A T  and t h e  s t a b i l i t y  r o o t s  a r e  expressed 
nondimensionally wi th  t h e  body l eng th  1 and t h e  free-s t ream v e l o c i t y  V .  

3. SYSTEM ANALYSIS VIEWS OF UNSTEADY INTERFERENCE EFFECTS ON THE 
FIRST BENDING MODE 

3.1 Root Locus Method 

The manupulations i n  t h i s  s e c t i o n  a r e  based on t h e  f a c t  t h a t  t h e  e f f e c t  of i n t e r -  
fe rence  can be represented  by a system wi th  feedback. Thus, using Eq. (11, ( 2 )  and 
(3) and Table 1, t h e  equat ion of motion of t h e  f i r s t  (uncoupled) bending mode 
(i = k = 3 )  can be r e w r i t t e n  i n  t h e  r o o t  locus  form ( l i f t  l a g  e f f e c t s  neglec ted)  

S + l / T B  
1 + K eXp(-SAT) = 0. 

s2+25BWnBS+WnB2 
( 7 )  
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The complex pole  ( C B I  unB) embodies t h e  f i r s t  bending mode without  i n t e r f e r e n c e  
e f f e c t s  ( i . e .  only t h e  aerodynamics of t h e  i s o l a t e d  wings a r e  considered)  where 

and 

The r e a l  zero  

t a k e s  t h e  e f fec t  of s teady  i n t e r f e r e n c e  i n t o  account and i s  def ined  by t h e  mode shape 
c h a r a c t e r i s t i c s  a t  t h e  f r o n t  wing s t a t i o n .  The aerodynamic t ime-delay e f f e c t ,  which 
is  mainly r e spons ib l e  f o r  t h e  unsteady i n t e r f e r e n c e ,  i s  represented  by t h e  exponent ia l  
func t ion  exp(-sAT). The roo t  locus  ga in  

is  p ropor t iona l  t o  t h e  quasi-s teady downwash f a c t o r  a E  /aa a t  t h e  r e a r  wing. 

The r o o t  l o c i  of Figure 1 correspond t o  t h e  hypo the t i ca l  f l e x i b l e  f l i g h t  veh ic l e  
(7) having a symmetrical  mode shape 4 3 ( x ) ,  an e f f e c t i v e  t ime-delay A T  = Ax/l = O,6, 
i d e n t i c a l  lift curve s lopes  of t h e  forward and r e a r  wing and a reduced n a t u r a l  
frequency w n g  = 1. The corresponding r o o t  locus  i n  t h e  case of s teady  i n t e r f e r e n c e  
(exp(-sA-r) = 1) i s  shown f o r  v a r i a b l e  ga in  by t h e  dashed l i n e s .  I t  should be noted 
t h a t  t h e  r o o t  locus  branch s t a r t s  a t  t h e  complex pole  (c,, unB) f o r  K = 0 (ze ro  
downwash i n t e n s i t y )  and t e rmina te s  a t  t h e  real  zero  ( l / ~  ) and a t  i n f i n i t e  f o r  K = - 
( i n f i n i t e  downwash i n t e n s i t y ) .  In  t h e  case  of unsteady i n t e r f e r e n c e  t h e  exponent ia l  
func t ion  is  represented  by t h e  f i r s t  o rde r  Pad&-approximation 

R 

B 

s - l / T p  

s + l / T p  
exp(-sA-r) = - (12) 

where 

y i e ld ing  an a d d i t i o n a l  non-minimum phase pole/zero combination which gene ra t e s  a 
s t rong  d e s t a b i l i z i n g  phase s h i f t  of t h e  complex r o o t  locus  branch ( s o l i d  l i n e ) .  
The r e a l  r o o t  locus  branch is  due t o  t h e  Pad&-approximation and g i v e s  no phys ica l  
meaning. 

I n  Figure 2 t h e  in f luence  of d i f f e r e n t  forward wing p o s i t i o n s  on t h e  s t a b i l i t y  
of t h e  f i r s t  bending mode is  i l l u s t r a t e d .  I n  o rde r  t o  approach t h e  problem i n  a 
reasonable  manner, t h e  s impl i fy ing  assumption of a f rozen  mode shape was made. I t  
i s  c l e a r l y  ev iden t  t h a t  an inc rease  of t h e  e f f e c t i v e  d i s t a n c e  between t h e  tandem 
wings, cha rac t e r i zed  by inc reas ing  A T  , aggravates  t h e  d e s t a b i l i z i n g  e f f e c t  of 
unsteady i n t e r f e r e n c e .  
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3.2 T i m e  Vector Method 

A second at tempt  t o  v i s u a l i z e  t h e  unsteady i n t e r f e r e n c e  mechanism i s  shown i n  
Figure 3 ,  where t h e  t i m e  vec to r  concept of K.H.  Doetsch ( 9 )  has  been appl ied .  S t a r t i n g  
again from t h e  po in t  where no i n t e r f e r e n c e  e f f e c t s  a r e  considered (po in t  ( O ) ) ,  w e  
ob ta in  an i s o s c e l e s  t r i a n g l e  represent ing  t h e  one-degree-of-freedom o s c i l l a t o r y  
body bending mode. The t r i a n g l e  i s  cha rac t e r i zed  by t h e  genera l ized  mass term p 3 ,  

damping term 9 3  and s t i f f n e s s  term K ~ ,  where t h e  two l a t t e r  terms have s t r u c t u r a l  
and aerodynamic components, t hus ,  

l and 

' The s t r u c t u r a l  components can be seen i n  d i r e c t  r e l a t i o n  t o  Eq. (8)  and ( 9 )  : 

and 

For s i m p l i c i t y  t h e  normal coord ina te  of t h e  f i r s t  bending mode c 3  was taken t o  be 
un i ty .  

Avoiding unnecessary d e t a i l s ,  w e  merely observe from Figure 3 t h a t  i n  t h e  case  
of s teady  i n t e r f e r e n c e  (po in t  (1)) t h e  a d d i t i o n a l  i n t e r f e r e n c e  components 
K 3  (A)1 and 6 3  ( A ) 1  i nc rease  t h e  v i r t u a l  s t i f f n e s s  and damping of t h e  i s o s c e l e s  t r i a n g l e .  
Considering now t h e  case  of unsteady i n t e r f e r e n c e  (po in t  ( 2 ) ) ,  it i s  apparent  t h a t  
t h e  t ime-delay e f f e c t  y i e l d s  a phase l ag  of t h e  two i n t e r f e r e n c e  components c r e a t i n g  
a s t rong  reduct ion  of t h e  v i r t u a l  damping term through t h e  K 3  ( A )  '-component , t hus  
d e s t a b i l i z i n g  t h e  bending mode. 

3 . 3  Extended Root Locus Method 

This  s ec t ion  g ives  a b r i e f  o u t l i n e  of an extended r o o t  locus  method t o  f i n d  no t  
o i l y  exac t  va lues  f o r  c r i t i c a l  t ime-delays,  bu t  a l s o  t o  determine t h e  behavior  of 
h e  r o o t  locus  i n  a neighborhood of a c r i t i ca l  p o i n t  ( 7 ) .  

A t y p i c a l  behavior of t h e  roo t  locus  on t h e  imaginary axis is  sketched i n  Figure 4.  
I n  con t r a ry  t o  d i f f e r e n t i a l - d i f f e r e n c e  equat ions  wi th  cons tan t  c o e f f i c i e n t s ,  l i k e  w e  
know them from c o n t r o l  systems wi th  t ime-delay, t h e  c o e f f i c i e n t s  i n  ou r  problem 
depend on t h e  forward wing p o s i t i o n  and t h u s  on t h e  a c t u a l  t ime-delay between t h e  
tandem wings. I t  is  apparent  from t h e  foregoing ( Eq. ( 7 )  ) t h a t  t h e  t r anscenden ta l  
c h a r a c t e r i s t i c  equat ion  has  t h e  form 

and 

G , ( A T , s )  = s 2  + 25,wnB s + wnB2.  ( 2 0 )  

The c r i t i c a l  va lue  of A T  i s  t h e  va lue  f o r  which t h e  c h a r a c t e r i s t i c  equat ion  has 
a t  l e a s t  one p a i r  of pure imaginary r o o t s .  Denoting t h e  c r i t i c a l  va lue  of AT and 
t h e  pure imaginary r o o t  a s  AT* and s = i w *  r e spec t ive ly  w e  ob ta in  from Eq. (18) 
t h e  magnitude cond i t ion  
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( 2 1 )  

and the modified angle condition 

The magnitude condition yields in combination with Eq. ( 1 9 )  and ( 2 0 )  the critical 
frequency W* as a function of AT. From the modified angle condition in combination 
with Eq. (19) and ( 2 0 )  and the result of the magnitude condition, we obtain a 
critical time-delay AT' as a function of the actual time-delay AT. The complete 
derivation is summarized in Appendix 2.  

The relief map (Figure 5) shows how in the case of the hypothetical flexible flight 
vehicle (un3 = 0,5)  the computed critical time-delay depends on the actual time-delay, 
if the downwash intensity aER/aa is varied. It is evident that the computed critical 
time-delay 1s Only existent, if it equals the actual time-delay. This constraint is 
satisfied on the line of intersection of the AT=surface and the AT-plane. It is readi- 
ly seen from the present example that the system is unstable, if the actual time-delay 
is greater than the computed critical value. 

characteristic root, s = U + iw, cannot be expressed explicitly in an analytical 
form, it is necessary to find not only critical values AT' of the parameter, but 
also how a root locus intersects the imaginary axis, at a critical point, with a 
variation of the parameter. Thus, we need some information about the.variation of 
the damping o and the frequency w at a critical point. The derivatives of U and w 
with respect to AT can be determined by differentiating the real and imaginary part 
of the aforeshown transcendental characteristic equation G ( s )  with respect to AT. 

I 

In order to determine the stability of a system with a parameter AT, where the 

For small time-delay variations AAT we obtain the damping and frequency variations 
at a critical point from 

and 

I do Bo = (G) AAT 

dw Aw* = AAT 

( 2 3  

( 2 4  

where (du/dAT)* and (du/dAT)' are the first order damping and frequency derivatives 
at a critical point. Figure 4 shows schematically how the root locus behavior can 
be determined at a critical point using Eq. ( 2 3 )  and ( 2 4 )  . A more detailed des- 
cription of this procedure is given in Reference (7). 

The final results have been plotted for the present example in Figure 6 as resul- 
tant vectors for a time-delay increment of AAT = 0.05. Simultaneously, Figure 6 
shows a set of curves which has been computed using the first order Pad&-approximation 
for the exponential time-delay function. It is apparent that in the critical points 
frequency and slope of the root loci are in very good agreement. In addition, the 
time-delay sensitivities given by the lenqth of the resultant vectors go conform 
with the sensitivities on the set of curves. 

4 .  NUMERICAL RESULTS IN GENERAL 

Thus far, we have discussed the time-delay effect on the uncoupled first bending 
mode. In the next figure (Figure 71, the effect of aeroelastic coupling between the 
rigid body mode and the first bending mode considering the unsteady interference 
effects is demonstrated. The quasi-steady downwash factor was assumed to be 0.3. 
Again, the forward wing position, thus AT, was varied along the root loci. The effect 
of reducing the stiffness or frequency wng on the stability roots is clearly evident, 
as the two modes'approach each other. As a consequence of aeroelastic coupling, the 
first bending mode is throughout stabilized, where, on the contrary, the rigid body 
mode (short period mode) is throughout destabilized. Critical areas of the rigid body 
mode are apparent for medium and large tandem wing distances with the possibility 
of oscillatory and aperiodic instabilities, the latter being a result of reduced 
static stability. 
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Figure 8 gives an idea of the influence of the downwash intensity on the stability 
roots. The destabilizing effect of increasing tandem wing distances on the bending 
mode gives a verification of the results obtained with the system analysis methods. 
The rigid body mode shows a broad area of oscillatory instability. 

The importance of lift lag effects is studied in Figure 9. The lift lag functions 
of the forward and rear wing are based on data of R.T. Jones (10) assuming incompres- 
sible aerodynamics. It is readily seen that the unsteady aerodynamics have only a 
small destabilizing.inf1uence on the low-frequency rigid body mode. Looking now at 
the first bending mode, we can notice a somewhat greater effect of lift lag. 
Alternatively, if finite span effects are considered, the significance of unsteady 
lift is attenuated. It is not the purpose of the present results to draw general 
conclusions about the effect of unsteady lift on the stability roots. It is merely 
suggested to include lift lag effects in a complete treatment of dynamic stability 
analysis, if frequencies of the rigid body mode and the lowest-frequency elastic 
modes are- reasonable close. 

5. ROOT SENSITIVITY TO PARAMETER VARIATIONS 

In aeroelastic coupled systems, the effects of single system parameters on the 
stability roots are often obscure. Improvements in system characteristics obtained 
by modifying these parameters are therefore difficult to assess. With particular 
reference to the numerical results of the previous section there is the uncertainty 
how the variations of single aerodynamic or structural parameter affect the stability 
roots of the rigid body and first bending mode. Such parameter variations are of 
importance, for instance, if the steady reference flight condition is changed. 

The characteristic equation of the aeroelastic coupled system can be written as 

where p is a vector with components p Each such component is a variable parameter 
of the-system. As can be seen from Eq. (25) the parameter vector p is composed of 
structural and aerodynamic parts p(‘) and p(A) respectively. If si is a first order 
root of Eq. (25) the total derivative of-G will be 

j* 
- 

aG 
asi dG = - 

Solving Eq. (26) for dsi we obtain the differential increment in the i-th system 
root to the differential changes of the system parameters 

dsi = C Si dpj 
j 

where 

(27) 

is defining the parameter sensitivity of the i-th system root to the j-th system 
parameter. In’ (7) the parameter sensitivities to the aerodynamic parameter vector 

and to the structural parameter vector 
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are evaluated by employing parameter influence coefficients. These coefficients 
are represented by the partial derivatives of the elements standing in the system 
determinant (Eq. (25)) with respect to the parameters. 

In the final four figures the root variations of the present hypothetical flexible 
flight vehicle (wnj = 0.5, 3 ~ ~ / 3 c x  = 0.3) to relative parameter variations Ap /p 
are plotted vectorially. Figure 10 and Figure 11 demonstrate the effect of aerodynamic 
parameter variations on the rigid body and first bending mode, whereas the effect 
of structural parameter variation is evident from Figure 12 and Figure 13. It is 
readily seen from the two latter figures that only small variations from the assumed 
mode shape of the first bending mode may influence the stability roots of the aero- 
elastic coupled system quite considerably. 

j j  

6. CONCLUSIONS 

It was the purpose of this paper to give the analyst-designer, in the preliminary 
design stage, some feel and an.analytica1 procedure for determining combined effects 
of aeroelastic coupling and unsteady aerodynamics on the longitudinal stability of 
flexible flight vehicles with tandem lifting surfaces. Some of the main conclusions 
which emerge from this review are as follows: 

(a) Unsteady interference effects between tandem lifting surfaces must 
not be overlooked as secondary aerodynamic effects. 

(b) System analysis methods can be used to study such aerodynamic 
interference effects. 

(c) An increases of the effective distance between tandem wings has 
a strong destabilizing effect on the first bending mode. 

(d) An increase of the downwash intensity aggravates the effect of 

(e) As a consequence of aeroelastic coupling, the first bending mode 
point (c). 

is throughout stabilized, where on the contrary, the rigid body 
mode (short period mode) is throughout destabilized. 

(f) Lift lag effects can be easily included in the dynamic stibility 
analysis by introducing linear aerodynamic transfer functions. 

(9) Root sensitivity investigations are attractive for inspecting 
the effect of structural and aerodynamic paraueter variations 
on the stability roots. 
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Matrix Elements of the Aerodynamic Operator Matrix Aik(s) 

I I 

Mode deflection effect 

Mode slope effect 

Mode deflection effect 

Mode slope effect 

c(x,,s) = C(x,,s) = 1 : L i f t  lag effects neglected 
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Fig .  2 Downwash e f f e c t  on t h e  f i r s t  bending mode 
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Point (0): Point ( 1  ): Point ( 2  1: 
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Fig.  3 T i m e  vec to r  diagrams of t h e  f i r s t  bending 
mode 

* Ace, 

Im  

Critical point: 
AT = A T *  - * s - i w  
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Fig. 4 R o o t  locus behavior i n  t h e  v i c i n i t y  of a 
c r i t i c a l  po in t  
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0.9-1.0 un 3= 0.5 

Fig. 5 'Determination of critical time-delays 
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APPENDIX 1 

Derivat ion of Equations of Motion 

The equat ions  def in ing  t h e  long i tud ina l  motion of a f l e x i b l e  f l i g h t  veh ic l e  a r e  
der ived  from t h e  motions of t h e  e l a s t i c  a i r f rame taken a s  t h e  summation of i t s  r i g i d  
body motions and i t s  motions i n  t h e  n a t u r a l  modes of t h e  f r e e  v i b r a t i o n  of t h e  
s t r u c t u r e :  

( S i ( s ) ]  { S i ( s )  1 = {Fi (s )  I (A  1 )  

where S i ( s )  r ep resen t s  t h e  S t r u c t u r a l  ope ra to r  of t h e  i - t h  normal mode, t h u s ,  

S i (S)  = ll. 1 (s*+25iwnis+w n i  2 ) .  

Neglecting spanwise e l a s t i c  e f f e c t s  t h e  genera l ized  l i f t  fo rce  

i s  determined by t h e  running a i r l o a d  

(A 3 )  1 dCL ( s )  /dx = d/dx (CLa (x)  C ( x , s )  a ( x , s )  

which provides  aerodynamic coupling among t h e  normal coord ina tes  si a s  t h e  l o c a l  
e f f e c t i v e  angle  of a t t a c k  

n n 

inc ludes  con t r ibu t ions  from a l l  t h e  degrees  of freedom. The C(x , s ) - func t ion  i n  Eq.(A3) 
t akes  l i f t  l ag  e f f e c t s  i n t o  account and has  t h e  cha rac t e r  of a l i n e a r  aerodynamic 
t r a n s f e r  func t ion .  

I n  t h e  case  of tandem l i f t i n g  su r faces  a two-poin t - l i f t  assumption i s  e s t a b l i s h e d  
f o r  convenience and s i m p l i c i t y .  Thus, t h e  po r t ion  of unsteady l i f t  a t  t h e  forward 
wing is  

whereas t h e  po r t ion  of unsteady lift a t  t h e  r e a r  wing i s  a f f e c t e d  by t h e  unsteady 
i n t e r f e r e n c e  component of t h e  forward wing 

The l o c a l  e f f e c t i v e  angles  of a t t a c k  a ( x F , s )  and a ( x R , s )  are obta ined  from Eq.(A 4 )  

where i n  t h e  subsonic  case  t h e  normalized mode d e f l e c t i o n s  $lk have t o  be taken a t  
t h e  3/4 chord s t a t i o n  i n  accordance wi th  t h e  t h e o r e t i c a l  aerodynamics (Theorem of 
P i s t o l e s i )  . 

The genera l ized  l i f t  fo rce  i s  w r i t t e n  i n  accordance t o  Eq .  (A 2 )  a s  

where t h e  normalized mode d e f l e c t i o n s  (I. have t o  be taken a t  t h e  1 / 4  chord (subsonic  
case )  o r  a t  t h e  1 / 2  chord s t a t i o n  ( s u p e h o n i c  c a s e ) .  

With t h e  forgoing manipulat ions Eq. (A 1) can b e ' r e w r i t t e n  i n  t h e  form 

S i ( s )  + A i k ( s )  {Ei) = 0 (A 5) i 1 
where A i k ( s )  r ep resen t s  t h e  aerodynamic ope ra to r  

The s i n g l e  terms of t h e  aerodynamic ope ra to r  a r e  c o l l e c t e d  and 

( A  6) 

def ined  i n  Table 1. 

I 
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APPENDIX 2 

Determination of Critical Time-Delays 

The transcendental characteristic equation of the first bending mode taking unsteady 
interference effects into account has the form 

G(ATrS) = G, (Ar,S)-G,(Ar,S)eXp(-sAT) = 0 (A 7) 

where 

G,   AT,^) = s 2 + 2 5 B ~ n ~ ~ + ~ n B 2  

represents the first bending mode without interference 

G, (ATrS) = -K(s+l/~~) 

describes the character of steady interference between 

(A 8) 

effects and 

(A  9) 

the tandem wings. 

A critical point corresponds to the location of a pure imaginary root s = iw* 
of the characteristic equation (A 7). Denoting the critical value of the time-delay 
as AT* the following equation holds if G, (AT,iw*) # 0: 

Hence, AT* and w f  satisfy the two equations 

G, (ATriw') 
(magnitude condition) 

and 

= -w*AT*. (angle condition) 
G, (A.c,iw*) 

Arg ( G ,  (ATriwt) 

From Eq. (A 8) and (A  9) we find the complex relation 

The four coefficients wnB, 
the forward wing station xF and thus on the actual effective time-delay AT =(xF - xR)/1 
of the tandem wing system. Hence, the critical frequency U *  which is determined from 
the magnitude condition of Eq. (A 10) is a function of the actual time-delay AT: 

cB, T~ and K depend on the mode shape characteristics at 

where 

describes the critical frequency for the limiting case, that the root locus does not 
intersect with the imaginary axis, but has its tangent in common with the imaginary 
axis at a critical point. For K = 0 (e.g. asR/aa = 0) the critical frequency U' and 

the critical frequency of the limiting case U," reduce to the frequency of the first 
bending mode without interference effects. 

The angle condition of Eq. (A 10) yields the critical time-delay AT* as a function 
of the actual time-delay AT: 

where w c  is given by Eq. (A 11). The computed critical time-delay AT* is only existant, 
if it equals the actual time-delay AT. 



I 
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Summary 

An analytic solution ' Is given for the calculation of aeroelastic effects on the 
elastic wing-system. The physical problem is described by matrix-equations, using 
generalised coordinates. 

Whilst the elastic effects are handled by a development according to Ritz, the aero- 
dynamic forces are introduced into the calculation by using Weissinger's lifting 
1 ine theory . 
The analysis results in the determination of the following effects: 
Deformations, changes of the angle of attack, positions of the centre o f  pressure, 
and distribution of the aerodynamic forces over the wing-span, allowing values 
and corrections of the total derivatives to be calculated. 

Using as an example the A-300 Airbus, a big passenger aircraft just being developed, 
some applications of the aforementioned method are discussed, as there are: 
Calculation of the aeroe1asti.c displacement of the wing aerodynamic centre, deter- 
mination of aeroelastic reductions of the wing lift gradient, and investigations 
pertaining to loss or reversal of control surface effectiveness - all aeroelastic 
influences being considered as a function of  airspeed, Mach number and altitude. 

Sommai re 
L'auteur presentera une solution analytique au calcul des effets akroklastiques sur 
un systbme d'aile klastique. I1 dkcrira le probl8me physique a l'aide d'kquations 
matricielles, baskes sur des coordonnkes gknkraliskes. 

Alors que 1es.effets klastiques sont traitks FI l'aide d'un dkveloppement de Ritz, 
les forces akrodynamiques sont introduites dans le calcul l'aide de la thkorie 
de la ligne portante de Weissinger. 

L'analyse permet de dkterminer les effets suivants: 
- dkformations, modifications.de l'angle d'attaque, positions du centze de pousske, 
et repartition des forces akrodynamiques le long de l'envergure de l'aile, permettant 
de calculer les valeurs et les corrections des dkrivkes totales. 

En prenant pour exemple l'birbus A-300, un grand avion de transport de passagers 
actuellement en cours de rkalisation, l'auteur examinera certaines applications 
de la mkthode mentionnke plus haut: 
Calcul du dkplacement akroklastique de la position du foyer de l'aile, determination 
des reductions akroklastiques du gradient de portance de l'aile, recherches portant 
sur la perte ou l'inversion de l'efficacitk des gouvernes, tous ces effets akroklas- 
tiques etant considkrks come fonction de la vitesse vraie, du nombre de Mach et de 
1 ' a1 ti tude. 
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List of symbols 

1 

I3 
c1.1 

d =2b 

total airload acting at the airplane 
airload acting at the wing 
aerodynamic center 
angle of attack of the airplane's x,y-plane 
section angle of attack 
twist angle of the wing elastic axis 
span 
angle of elevator deflection 
local deflection 
matrix of the influence coefficients of deformation 
flexural stiffness of the wing structure 
wing area 
factor considering the wing lift relative to the total lift 
compressibility factor 
airplane gross weight 
torsional stiffness of the wing structure 
acceleration due to gravity 
dimensionless airload acting at a wing segment 
a1 ti tude 
factor 
wing chord length 
mean aerodynamic chord of the wing 
moment, Mach number 
mass of a wing segment 
load factor 
concentrated external load acting at a wing segment 
generalised stiffness coefficient 
dynamic pressure 
amplitude factor attached to the basic modes = generalised coordinate 
stiffness matrix 
moment of inertia 
true air speed 
system of body axes fixed to the airplane 
axis normal to y' 
swept elastic axis of the wing 
aileron deflection 
dimensionless y-coordinate 

Aerodynamic coefficients 
Cl local lift coefficient 

total lift coefficient 
local moment coefficient 

CL 
cm 
w angular velocity 
f.i angular acceleration 
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Indices 
e< 
B 
D 

i 

j 

1 
m 
n 
0 

R 
r 
res 
T 
V 

W 
1 

f 

due to an angle of attack 
Bending 
damping in roll 
index of the selected basic mode (generalised coordinate) and the 

corresponding quantities 
index of spanwise station, indes of the wing segment and the corres- 
ponding quantities 

due to airloads 
due to masses 
number of basic modes 
due to an angle of attack o(= 0 

due to fuselage and tail 
index of rigid condition 
resultant quantity 
torsion, refels to tailplane 
due to aeroelastic deflection 
refers to wing 
refers to a unity condition 
refers to the basic modes associ.aterl wi.th antisymmetric conditions 
(only Chapter 2.2.e) 

Matrix symbols 
rectangular matrix 
vector, column matrix 

[ I  
El 

I 7  
r I" 
N 

rm 
w r o w  matrix 

transposed matrix 
inversed matrix 
diagonal matrix 
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1. Introduction 

The method to be shown here gives an analytical approximative solution to calculate 
the aeroelastic twist of swept wings, and the corresponding lift distribution about 
span. 

It is possible to investigate arbitrary stationary flight load cases, namely symmetric 
and asymmetric cases. Furthermore the control effectiveness and the speed of control 
reversal as well as aerodynamic coefficients for the flexible aircraft can be 
determined. 

The reason to develop this analytical method was the necessity to get quantitative 
answers about aeroelastic effects for wings with considerable sweep. A t  the beginning 
there was only the tendency to calculate correct lift distributions about span. It 
is evident that with these lift distributions and the respective deflections further 
important results can be obtained by this method: 

S o ,  it is possible to calculate the control effectiveness, the speed of control 
reversal and divergence, and certaip aerodynamic coefficients with consideration of 
aeroelastic effects, as the lift curve slope and the position of the wing aerodynamic 
center, which influence to a great extent stability and manoeuvrability. 

2. Description of the method 

2.1.1 Elastic model 
In order to represent the elastomechanical properties of a wing a simplified elastic 
model is adopted for the load-carrying wing structure, which is represented in Fig. 1 
by the spars. Instead of the swept-back spars a straight flexural torsional beam is 
assumed in extension of one spar, running through the whole span, (hatched in Fig. 1). 
This beam symbolised by its elastic axis is supported statically determined on two 
supports for bending loads (acting as bending moment M x ' ) .  These, supports represent 
the wing-fuselage joint, transmitting to the fusela e structure the loads acting on 
the wing. For torsional loads (acting as moment My'y the spar is fixed either in the 
wing-fuselage attachment or in the plane of symmetry. 

Because of these conditions there is no elastic coupling between flexion and torsion. 
A s  it is furthermore possible, to split up all loading cases obcuring on a wing into 
a symmetric and an antisymmetric part, the problem can be reduced to the investigation 
of one half of the wing. 

The most important requirement to be met by the model is: 

The deflections outside the fuselage (i. e. the supports) shall represent as correctly 
as possible the true deformations. 

A t  a glance, this simplified elastic model seems to be justified only for unswept wings. 
A swept wing, however, represented by its elastic axis, can be replaced as well by 
this model, provided the boundary conditions in the plane of symmetry can be satisfied. 
This premise guarantees the deflections of a straight beam about span, as assumed 
with our model, to be equal to those of a beam mirrored in the plane of symmetry. 

These conditions can be met for the swept wing shown in Fig. 1 with the following 
assumptions, considering the basic load components separately: 
1. in the case of "symmetric bending" a remaining moment My is balanced in the plane 

2. in the case of "antisymmetric bending" the system is balanced without additional 
of symmetry, 

forces, 
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3. in the case of "symmetric torsion" the external moments are balanced by the 

4 .  in the case of "antisymmetric torsion" a remaining moment Mx is balanced in the 
supports; this means that there are no torsional deflections between the supports, 

plane of symmetry. 

Cases 2 and 3 contain no special conditions, and an explanation is to be given for 
cases 1 and 4: 

Strictly speaking, these conditions are not formally satisfied in the above required 
form, since actually there does not exist a one-dimensional beam, and therefore the 
remaining forces are reacted in the central portion of the two spars o r  in the 
wing-fuselage attachment. It can be expected that this error affects the deflections 
very little and by correcting the flexural and torsional stiffnesses in the area of 
the central wing part.and the wing-fuselage attachments the real deformations can 
be approximated still better. 

The conditions,which characterise the usual design of an unswept central wing part, 
can be realised with sufficient exactness using the same means. 

2.1.2 Aerodynamic model 
The aerodynamic model of the wing, used to calculate the lift distributions about 
span, is based on Weissinger's lifting line theory. Wings of arbitrary planform and 
section design can be calculated with the Weissinger method. The dihedral of the 
wing is neglected. 

2.1.3 Special arrangements for the mathematical treatment 
The mathematical properties of the method require the lift and the mass distributions 
about the wing span to be spl'it up into single forces and single masses, and require 
these lift forces and the mass loads corresponding to the concentrated masses to 
act at the same spanwise stations respectively. For this purpose the wing is divided 
into segments. The airload distribution acting on each segment is concentrated into 
a single force (Pig. 2a and b) which is applied to the centre of pressure of the 
respective wing section. The airload couple due to section camber is allowed for by 
removing the point of the airload application from the section a. c. by a quantity 
of (C,/C,)~ in units of chord leng+hinto the centre of pressure. In order to represent 
the mass distribution the mass of each wing segment is concentrated into the centre 
of gravity (Fig. 2c), and at this point the corresponding mass loads are applied. 
The air and mass loads acting at the fuselage and the tail appear as supporting loads 
and do not affect the considerations. 

In addition the following restrictions are involved in the method of calculation: 
From all loads acting at the system only the z-components are considered, loads 
acting in the z-or y-direction are neglected. 

2.2.1 Description of the problem 
Let us use for the following considerations an arbitrary stationary flight case of 
an airplane with given geometric and elastic properties. The flight condition is 
determinded by the appropriate parameters of air speed, Mach number, gross weight, 
corresponding mass distribution, and load factor. It is attached to a balanced 
condition that is shown for the chosen model in Fig. 3.  

For reasons of clearness in the graphical illustrations only the load conditions of 
pure bending are shown. The torsional load cases prove only slightly different from 
these. 

For this balanced condition the airload distributions about span as well as the 
deflections of the wing have to be determined. 

2.2.2 Description of the development according to Ritz 
With the symbols d for elastic deflection and p for external force applied at the 
spanwise stations mentioned above the law of elasticity gives the following relations 
between the deformations and the forces, representing the basis of the method: 
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with Eqs. (la) and (lb) to be readas matrix equations. 

I 

I 

The above symbols mean: 

{ J ]  = vector of deflections 

{p] = 

[ E ]  = matrix of influence coefficients of deformation 

[Si = [E]-' = matrix of stiffnesses. 

vector of external forces 

For the solution of the problem a development according to Rite is carried out 
based on the following assumptions: 

It is assumed that the elastic deformations f6]of the system can be approximately 
represented by a linear superposition of a finite number of basic modes {Ji] of 
deflection, the choice of these modes being arbitrary. The only restriction is that 
the modes have to be linearly independent. 

This can be written in matrix equations: 

The symbols introduced mean: 

n = number of the selected basic modes 

[ai) = vector of the i" basic mode 

r b j , i ]  = matrix of the basic modes 

qi = amplitude factor (weight factor) of the i* mode 

{si) = vector of the generalised coordinates giving the participation of the 
respective basic modes and the corresponding derived modes 

Another fundamental condition for the mathematical treatment is the introduction of 
the amplitude resp. weight factors qi 
coordinates. 

of the above mentioned basic modes as generalised 

t Since according to the premises there is no coupling between flexural and torsional 
deformations, the deflections can be split into a portion resulting from the bending 
of the elastic axis and a portion resulting from the twist of the elastic axis. For 
this reason it is possible to make independent arrangements for the basic modes of 
bending and torsion respectively. 

These basic modes are selected in such a way, that the true deformations of the wing 
can be approximated by a small number of modes. Some of  the involved parameters 
(e.g. the stiffness coefficients) being rather uncertain in most cases, it is not 
useful, to assume too big a number of modes on the one hand and of spanwise segments 
on the other hand. It is, however, of greater importance to choose the modes such that 
the expected boundary conditions are satisfied as much as possible. 

For our computer program we selected 6 modes{b;]for both flexural and torsional 
deflections in such a way as to approximate by polygonal curves both the run of the 
curvature d'z/dP and the gradient of the twist angle dc+/dy along span. 

For this purpose the basic modes are introduced, as triangular functions as outlined 
in Fig. 4. A s  it can be seen, these are chosen such that by superposition of these 
triangular functions, having varying amplitudes, a polygonal curve for each set of 
modes is obtained. The run of the bending line gradient dz/dy and the run of the 
twist angle OCT is obtained from these functions by integration. These functions 
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represent, save a constant factor, the distribution of the section angle of attack 
about span, which is used directly for the computation of the lift distributions 
according to Weissinger's method. This will be treated later in greater detail. 
Another integration of the bending line gradient finally leads to the deflections 
z(y) o f  the wing elastic axis. This sort of approximation seemed to us to be 
sufficiently exact, since the deflections themselves are obtained by integration 
of the above functions, producing an improvement of the approximation. 

The basic modes are, among others, submitted to the following boundary conditions, 
which can be recognized in Fig. 4. 

For the flexural modes: 

1. The curvature of the bending line is zero at the wing tip. 

2. The curvature between the supports in the fuselage is constant so far as symmetric 
cases are concerned. 

3.  The curvature between the supports proceeds linear at zero value in the plane of 
symmetry so far as antisymmetric cases are concerned. 

For the torsional modes: 

1. The twist angle d~ equals zero between the supports in all symmetric cases, 

2. The gradient of the twist angle dq/dy ' is constant between the supports in the 
antisymmetric cases. 

2.2.3 Introduction of the air and mass loads 
The basic modes of the system, just described, represent a deflection of the wing 
(Eq. 2c). These deflections result in an angle of attack of the wing sections varying 
about span, which is composed of the respective basic modes of the section angle of 
attack 

The spanwise lift distributions can be calculated for these distributions of section 
angle of attack according to Weissinger's lifting line theory. They are transformed 
into concentrated single forces pvj at the spanwise stations j. From the point of 
view of programming technique it was considered convenient to adopt the segmentation 
required by Weissinger's method for the forces and masses as well. Because of the 
linear relation between the aerodynamic loads and the angle of attack the airload 
distribution produced by wing deformation can be composed by matrix operation as 
follows: 

This means consequently that each basic mode is connected with a corresponding lift 
distribution about span, the mode and the lift distribution being linearly dependent. 

By introducing the usual dimensionless aerodynamic expressions Eq. (3a) is transformed 
into 

{ d p ]  = 

{pv] = 

vector of the total section angles of attack due to aeroelastic deformation 

vector of the total airloads produced by the aeroelastic deformations 

vector of the section angles of attack associated with the basic mode (dPiJ = 

{ pi] = vector of the airloads associated with the ith mode 

- section angle of attack at the j t h  spanwise station associated with the ith 
mode 

airload at the jth spanwise station associated with the ith mode 

+;,i - 

p,,i = 
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Q = dynamic pressure 

b = span 

b"i,i = d' imensionless airload at the j@ spanwise station associated with the iu, 
mode with 

After introducing the airloads produced by the wing deformations the airloads associated 
with the non-deformed airplane have to be derived. For the flexible airplane a load 
case can be expressed as a superposition of a basic condition "rigid airplane" with 
an additional condition "additional aeroelastic effects". 

It has to be noted here, that the aeroelastic properties have reactions on the 
condition "rigid airplane". S o ,  the angle of attack and the air loads occurring with 
the airplane assumed rigid in a flight case with identical parameters, except the 
above mentioned, do not equal the corresponding values of the basic condition "rigid 
airplane" of the airplane assumed flexible. 

The basic condition "rigid airplane" is represented by its airload and massload 
distributions about the wing span (pi,) and {pmf respectively, and can be expressed 
by matrix operation: 

the airload portion can be divided into 2 parts 

First the airloads shall be considered: 

The airload distribution for an airplane assumed rigid resulting from zero angle of 
attack of the x,y-plane - i.e. dwr = 0 - is designated the airload distribution 
resulting from an angle of attackdMf=d is designated . According to Eq. (3b) we 
can write: 

The dimensionless airload distribution [#o] thus results from the incidence of the 
wing relative to the x,y-plane on the one hand and from the design geometric and 
aerodynamic twist of the wing sections about span on the other hand. 

The airload distribution for anangle of attack d =oCwEconstant about span can be 
written 

At last the mass forces have to be considered. They can be written without difficulties: 

nj is the local load factor at the spanwise stations j. It is constant about span for 
all symmetric load cases and linearly variable about span for all asymmetric load cases. 

2.'2.4 Establishing of the system of equations 
Having introduced all existing external loads these can be collected as follows: 
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The right hand side substituded by Eqs. ( 6 ) ,  (7), (8) and (3b) Eq. (1b) can be 
changed into 

The vector {6j represents, as explained earlier, the wanted total deformations of the 
system, which have been approximated by superposition of the basic modes (S. Eq. 2c). 

With this Eq. (10) can be transformed: 

(11) Q ' bZ. ( ~ ~ o ~ + ~ ~ , , ~ , ~ + l ~ j , i ~ . ~ ~ ; ~ )  + {n.g.m) = [s]C6jri]*fii] 

The system of equations written in the form of the matrix equation 
beside the wanted vector {qi] one more wanted parameter, namely the angle of attack 

of the whole airplane. In order to include d in the ceqnations ( 1) a complete 
reorganization of the equations would have been necessary including an additional 
physical condition ford. This showed to be unfavorable and for this reason an other 
way was chosen to eliminated : 

The system of equations (11) was split up into two systems, the one containing the 
portions independent of the angle of attack 

11) contains 

, 

the other dealing with thed-dependent portions: 

(lla) can.be transformed into 

In the same manner (llb) into 

2.2.5 Description of the stiffness coefficients 
.At this point it is necessary to consider more closely the representation o f  the 
elastic properties of the system by the stiffness matrix [Si. 

The computation of this matrix is a complicated and tedious work with the possibility 
of mistakes and errors and accuracy problems. These disadvantages can be avoided 
by transforming the stiffness matrix is] into the matrix of generalised stiffnesses 
[fik] corresponding to the introduced generalised coordinates. This matrix is obtained 
by the following operation 

- 
the quantity [dj,i] representing the transposed matrix [bj,i] 

The coefficients $& of this matrix can be expressed by the following integrals: 

For  the flexural modes: 

with Msi = ($)i .E * I we obtain from Eq. (14a) 
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Analogous for the torsional modes: 

d i  dcr r 
With the quantities =,and &.respectively representing the basic modes 
integrals can be determined easlly, provided the flexural and the torsional stiffness 
about span is known. 

Since the modes appearing in the integral expressions exist only about a limited 
spanwise segment, the matrix [";$ is not fully occupied. It contains values different 
from 0 only in the diagonal r o w  and their neighbouring rows. 

With the coefficients themselves resulting from integration no accuracy problems 
are to be expected. With this preparation we are able to continue in the derivation 
of the equation systems. 

these 

2.2.6 General solution of the system of equations 
By mu1 tiplyin 
deflections flq:,e gets- 

(12a) und (12b) from the left with the transposed matrix o f  

According to Eq. (13) the term can be replaced by the generalised 
stiffness matrix of the 

Now (16a) und (16b) can be solved for (pi] 

2.2.7 Solution for a given balanced condition 

Eqs. (17a) and (17b) are coupled by the airplane angle of attack d to represent the 
investigated flight case: 

The balanced condition of the symmetrical case is represented by 

(18a) A = n .  G and 

(lab) AM = f,,. n * G 

where A = total lift 

A" = wing lift 

n = total load factor 

G = airplane weight 

fA = correction factor allowing for 
the lift acting on fuselage and 
tail. 
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Aw can be written, using the expressions for the external loads derived in Eq. 21a - c: 

Hence the angle o f  attack o( can be .determined: 

fA. n .  G - A V  ( q o )  - AO 
(20) d = 

b . 4  + AV ( ~ - 4 )  

In Eqs. (19) and (20) the symbols have the following meaning: 

A,., = airload of the rigid wing resulting from . d  = 1 rrag 

A 0  = airload resulting from the design geometric and aerodynamic twist 
of the rigid wing 

Av(~)= airload produced by the aeroelastic twist, composed of the given basic 
modes with corresponding amplitude vector f q 3  

After evaluating.the airplane angle of attack d finally the resulting aeroelastic 
effects can be calculated with the introduced basic modes and the corresponding 
quanti ti e s : 

likewise the airloads due to twist 

2.2.8 Special derivation for antisymmetric conditions 
With antisymmetric load cases the application of the method is similar to the 
treatment of symmetric cases. 

Analogous to Eq. (17) the twist deformations and loads result from the basic modes - being modified in the region between the supports in the fuselage for antisymmetric 
cases - and the vectorial solution with the given airload distribution {fl]. 

In this equation {fi] represents an airload distribution corresponding to an aileron 
deflection F =  1 or a damping in roll with (JX.b/2v = 1. 

The effects caused by the antisymmetric mass forces associated with a rolling 
accleration hX = 1 result in 
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The diagonal matrix ry,3 containing the distances of the mass elements mj from 
the roll axis. 

With this we obtain the following airload portions: 

due to aileron deflection 

due to mass loads: 

The rolling moments produced by the above loads are obtained by multiplying from the 
left hand side E q s .  (30, 31,  32) by the row vector , consisting of the distances 
of the segment reference points j from the roll axis. 

The total rolling moment produced by airloads results in 

This moment is balanced by the moment of the mass forces caused by rolling acceleration 

(34) M, - L;lr. ex = o 

Now Eq. ( 3 3 )  is introduced into Eq. ( 3 4 ) ,  hence 

From this equation it is to be recognized that from the three quantities p ,  W x  , 
rj,, two have to be determined, in order to obtain the third one. 

The method permits 
the aerodynamic load distributions of the wing. 

Herein the wing geometry transformed for the respective Mach number according to the 
Prandtl-Glauert-Ackeret rule has to be introduced into the Weissinger-calculations. 
Furthermore the distributions of angle of attack as well as the values of section 
cm,, and section a. C. position have to be corrected for the considered Mach number. 

to introduce in a simple way the effects of Mach number upon 
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3 .  Numerical calculations 

The following considerations show some applications of the method just described. 
Using as an example a big passenger aircraft now under development, the A-300, the 
performance and results of numerical investigations are described. The configuration 
of this aircraft as used in the calculations, is shown in Fig. 5 .  By these investi- 
gations which were carried out on a computer, the aeroelastic influence on a number 
of stability- and controllability derivatives are determined. 

Consideration is given to the wing as well as to the horizontal tailplane. Since the 
method is applicable in the same manner for large and small aspect ratios, it can be 
used as it is for the calculation of airload distributions on the tailplane. Certain 
difficulties for the calculations arise indeed from the wing-fuselage- and tailplane- 
fuselage interference respectively. A considerable influence of the fuselage on the 
amount of the derivatives exists especially at the horizontal tailplane, where at 
stations near the fuselage the real lift is essentially smaller than the theoretical. 
These difficulties can be met approximately by changing the chord lengths of the 
tailplane along span in an appropriate manner. However for the given problem this is 
a matter of secondary importance, since the elastic deformations of the wing- o r  
tailplane structure within the fuselage region are very small compared with those 
at stations more outwards. Furthermore the loads acting inboard do not affect very 
much the deformations at all. This will mean, that in cases, where only changes of 
aerodynamic coefficients due to structural flexibility are considered, it is permissible 
to handle the fuselage-wing interference in the way just mentioned. In all numerical 
investigations., which follow, not the absolut amount of the derivatives is the principal 
matter to demonstrate but rather its differences between rigid and flexible structure. 
With the results of such calculations the outcomes of windtunnel tests can be 
corrected for aeroelastic effects. 

First of all the influence of dynamic pressure and Mach number on the aerodynamic 
center position of a flexible wing shall be discussed qualitatively. It is known, 
that the aerodynamic center position of a swept rigid wing is independent of the 
dynamic pressure and changes only little with Mach number. In order to include the 
effects of structural flexibility of the wing into the determination of the a. c .  
position, the question must first be raised, whether an aerodynamic center for the 
flexible wing can be defined at all. Obviously this can be affirmed because of the 
linear relation betweec the aerodynamic loads on the wing, which are proportional to 
the angle of attack, and the aeroelastic twist of the wing due to the loads. In other 
words this means that not only for the rigid wing but also for the flexible wing the 
shape of the lift distribution, produced by a change in angle of attack is invariable 
with the amount of A d  

In opposition to the rigid wing however, the shape of the spanwise lift distribution 
of a flexible wing changes essentially with dynamic pressure and Mach number. Hence 
the a. C. position, being identical with the position of the center of the lift 
distribution also varies with dynamic pressure and Mach number. 

In the case of a conventional swept back wing configuration it will be seen that 
the aerodynamic center of the wing assumed to be flexible is located more forward 
than for the one assumed to be rigid. This follows from the fact, that by the wing 
bending due to the airloads, changes in angle of attack are produced. As a result 
considerable lift reductions are obtained especially at the outer wing stations. 
These effects are illustrated in Fig. 6 .  

For this demonstration an airspeed of 570 knots at M = 0 , g  has been assumed. A s  a 
result of the modification of the lift distribution the resultant lift force moves 
inwards along the swept wing and thus gives a forward shift of a. c. These aeroelastic 
effects are particularly large at high speeds and high Mach numbers. At low speeds 
they are almost negligible and disappear completely at Mach number zero. 

In order to evaluate with the described method the aeroelastic influence on the 
aerodynamic center position of the wing, separated from other effects, the following 
way will be used. 
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Assuming the a. C. positions of the local sections in parts of the chord and the 
local section lift gradients as function of'Mach number are known, first the lift 
distributions are' determined under the assumption that the wing is absolutely rigid. 
These calculations are done for different Mach numbers. They give a theoretical a. c. 
position of the wing as function of Mach number. 

These calculations are repeated, using the same aerodynamic parameters, but now 
introducing the real wing stiffnesses in bending and torsion. In these series of 
calculations not only the Mach number but also the dynamic pressure is variable. 
The investigations for the flexible wing must be performed assuming the mass parameters 
o f  the wing to be zerp,6n order to achieve that their influence on the wing deformations 
and hence on the lift distribution is eliminated. From the two series of calculations 
"wing rigid" and "wing flexible" the shift of the aerodynamic center due to the 
aeroelastic effects will be found easily by integration of the corresponding lift 
distributions. 

The results of such.an investigation, carried out for the A-300-wing, are shown in 
Fig. 8. In this illustration, the shifts of a. c. position are plotted against Mach 
number for different altitudes. In order to demonstrate the dependence of the aero- 
elastic shift of a. C. position on the dynamic pressure, additional lines are plotted 
representing P/2.V2 = constant. From the figure it can be seen that the shifts grow 
largely with increasing Mach number and dynamic pressure. 

The most important assumptions of the investigations, leading to the quoted results 
are as follows: 

The local a. C. position is at 25 per cent of the local chord length. 

The factor, to correct the circulation quantities according to Weisiinger 
for compressibility effects at every station of the span is shown in Fig. 7 .  

The straight elastic axis is assumed in 30 per cent of the chord. 

As already mentioned and picturediin Fig. 6 the tobal lift A obtained for a flexible 
swept back wing at a given angle of attack is smaller than the lift for a rigid wing 
at the same angle of attack. To say it once again this comes from the fact, that if 
the wing bends up due to the lift, an(:additional distribution of angles of attack 
which increase along span, are produced whereby a downward acting airload is deveioped 
diminishing the primary airload. Of course, this is valid only for wings with swept 
back geometry. If the wing is swept forward, the effect is in revers. In that case the 
original lift would be amplified. Since airloads and deformations are proportional to 
the change of the geometric angle o f  attack, as follows from the qquations, the 
gradient of lift coefficient can be defined in the usual manner: 

Whilst this quantity for a.rigid wing depends only on the Mach number, for a flexible 
wing it is dependent on dynamic pressure and additionally on the Mach number. 

The method shown here allows to determine directly the relation between the lift A 
and the geometric angle of attackd required to produce this lift. So it is very 
easy to calculate the derivative 

For the wing actually under consideration these derivatives are obtained from the 
same calculations, as used for the determination of the aeroelastic shifts of a. C. 
position. They are plotted against Mach number for different altitudes in Fig. 9.  
The Corresponding values of the rigid wing are also plotted. 

A similar investigation was carried out for the horizontal tailplane of the A-JOO 
aircraft, the geometry of which is to be seen from Fig. 5. 

dc,, 
J 6  

In addition to the flexibilities of the tailplane itself further flexibilities herein 
appear which affect the aerodynamic derivatives. Due to the loads acting at the 
tailplane, the rear fuselage will bend. Furthermore the attachments in the rear 
fuselage, provided to support the loads and moments of loads acting on the tailplane, 
will show local deformations, which are expected to be considerable. These additional 
effects bring about a change in angle of attack at the tailplane as a whole, whereby 
the gradient of lift coefficient will be additionally decreased. By reasons of 
structural layout, it can be of great interest, to seperate the two influences, 
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flexibility of the tailplane itself on the one hand, and change of angle of attack 
due to fuselage bending and local deformation of the attachment members on the 
other hand. 

This can be realized with the given method by applying two different ways of examination, 
and comparing the results obtained. 

1. Only the flexibility of the tailplane is considered, fuselage and attachment 
are assumed to be rigid. 

2. The whole structure, tailplane, attachment and fuselage is flexible. 

The first manner of examina'tion is identical with that one, used in determining the 
wing lift gradient. Therefore the tailplane lift coefficient in this case will be 
obtained in the way, already described. 

For the determination of the derivatives in case 2, in which the whole structure 
is assumed flexible, a few additional relations are to be established since the 
elastic model, on whichsthe method is based does not include degrees of freedom of 
the wing-fuselage attachment. These relations may be shortly explained. 

We imagine the loads, acting on the horizontal tailplane, to be separated into a 
free moment and a pure load, which acts at the theoretical supporting point explained 
in Fig. 1. By modifying the tailplane's bending and torsional stiffnesses between 
the supporting point and the fuselage center line, the deformation of the attachment 
including fuselage bemddmg.. due to the free moment on the tailplane can be simulated. 
The derivation of the quatiohs, necessary for these modifications may be omitted 
here. 

The second portion of the attachment deformation, which is due to the load, acting 
at the supporting point and producing fuselage bending can be considered by correction 
of the results, obtained from the lift distribution calculations in a manner to be 
explained below. Let&* be the change of the angle of attack at the tailplane due 
to the load at the supporting point, having the amount A+.  From the calculations 
by the given method, which not yet include the influence ofdor, the total lift A; 
at an angle of attack d; may be obtained, whereby a lift gradient(a~~~/~~~T)*~omes 
about. 

We then have the expression 

If we define 

it follows by taking advantage of the linear relation 

'the equation 

By transforming this equation, the effective gradient of the lift coefficient is 
given by: 
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All calculations on the A-JOO being described here are based on lift coefficient 
gradients for rigid structure. These quantities are for the tailplane essentially 
smaller than the theoretical ones because of the loss of lift in the fuselage region. 
In order to attain these values actually by the theoretical analysis, the tailplane 
geometry, given in Fig. 5 must be modified suitably in the inner region. 

Considering all the corrections, just described, the derivatives (e,) of the horizoncal 
tailplane as shown in the Fig. 11 and 12 are obtained. They are plotted against Mach 
number for different altitudes. For the purpose of comparison the corresponding values 
of the rigid structure are also plotted in the figures. The graphs demonstrate tbst 
the reduction of the lift coefficients due to the aeroelastic influence at high 
speeds is considerable. Comparing the results of the two ways of examination it 
follows that the'portion which is due to the deformation of the attachments and the 
fuselage is the main portion, this being an interesting and remarkable result. 

In order to apply the given method for the determination of the loading conditions 
at the horizontal. tailplane, when the elevator is deflected, the following considerations 
are to be made. The method does not deal directly with the elevator deflection, which 
is assumed to stretch over the whole span of the tailplane. However, it is ppssible' 
to introduce this parameter in the way now to describe. 

We replace the angle of elevator deflection B by an equivalent angle of attack 

Herein is @'the flap effectiveness to obtain by section aerodynamics. The local lifts, 
induced by this angle of a:tack are assumed to act at the local aerodynamic centers. 
The additional moment due to B ,  in respect to the local a. C. is considered by 
introduction of a moment coefficient cmb, which is proportional to B. So we have 
transfered the lifting surface with the flap being deflected into another with 
cambered sections, the camber being proportional to the angle of attack. 

In order to evaluate the total effective airload and the derivative which can 
be derived from it due to the elevator deflection we proceede as follows. 

By a f h t  sequence of calculations the angles of attack necessary to produce a given 
total lift A at the tailplane are figured out, assuming cmfito be zero. These angles 
of attack, which may be called &;'are determined as function of dynamic pressure 
and Mach number. The calculations performed here are identical with those, carried 
out to find the derivatives % . Therefore we obtain by them these derivatives 
according towhther the flexlbllity of attachments and fuselage is considered or 
not in the manner above explained. 

A second sequence of calculations is performed subsequently, considering an arbitrary 
moment coefficient cmn. The same total lift A as in the first sequence herein is 
required. By the choice of cmfi, the elevator deflection, related tc cmR by 

-% 

b 

and consequently the angle of attack dfi so  is established. The term acm,/aB will be 
taken from section aerodynamics. The results obtained with this investigation are 
the angles of attack, necessary to produce the lift A as a function of Mach number 
and dynamic pressure. These angles of attack might be called dp'. 

The total lift, due to the elevator deflection will be obtained by subtracting from 
A the lift which is due to a change in angle of attack given by the relation 
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Developing all equations, representing these matters and doing some conversions with 
them the following relation, giving the lift coefficient due to a change of elevator 
deflection finally comes about: 

The lift generated by a change of I3 becomes zero, (that means the derivative 
disappears) if the terms in the brackets become zero. The speed at which this condition 
is satisfied is known as "speed of elevator reversal", because at higher speeds 
the produced lift would be negative. 

Fig. 10 shows the results of a corresponding investigation foi the A-3OO horizontal 
tailplane, in which all flexibilities, that o f  the tailplane itself and those of the 
attachments and fuselage have been taken into account. In the graph the lifting 
coefficient due to a change of elevator deflection I3 is plotted against Mach number 
at different altitudes, According to this graph elevator reversal occurs at M 
at sea level, this speed being sufficiently above VD. 

= 0,86 

4. Conclusions 

With this method the aircraft engineer is given the capability to determine with 
any desired exactness the aeroelastic deformations and their effects occurring on 
swept-back lifting surfaces, provided the elastic properties of the wing struc- 
ture are available. 

The advantages of this method relative to iterative methods are, in our opinion, 
the cl-earness and the possibility to overlook the participation of the individual 
load components. 

The numerical examples presented demonstrate the essential tendencies of the 
aeroelastic effects. 

1 
I 

The results of these calculations can be used to correct the stability and 
manoeuvrability derivatives obtained from wind tunnel tests or rigid calculations. 
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WIND-TUNNEL TECHNIQUES FOR THE STUDY OF AEROELASTIC EFFECTS 

ON AIRCRAFT STABILITY, CONTROL, AND LOADS 

By A.  G e r a l d  Rainey*and I r v i n g  Abel** 
NASA Lang ley  Resea rch  C e n t e r  

SUMMARY 

Techn iques  f o r  w i n d - t u n n e l  s t u d i e s  of a v a r i e t y  of s t a b i l i t y ,  c o n t r o l ,  and  
r e s p o n s e  c h a r a c t e r i s t i c s  of e l a s t i c  aircraft  which are i n  u s e  at  t h e  NASA Lang ley  
t r a n s o n i c  dynamics  t u n n e l  have  been  d e s c r i b e d .  A l l  of t h e s e  methods employ a 
dynamic ,  a e r o e l a s t i c a l l y  scaled model s u p p o r t e d  on a simple two-cable mount s y s t e m  
which p r o v i d e s  c lose s imula t ' ion  of f r e e - f l i g h t  c o n d i t i o n s .  The mount sys t em h a s  
p roven  t o  be v e r y  v e r s a t i l e  a n d ,  w i t h  v a r i a t i o n s ,  h a s  been  s u c c e s s f u l l y  a p p l i e d  t o  
s e v e r a l  d i f f e r e n t  problems. Both s t a t i c  and dynamic c o n t r o l  e f f e c t i v e n e s s  and  
s t a b i l i t y  d e r i v a t i v e s  have  b e e n  s t u d i e d  u s i n g  t h e  basic a p p r o a c h  f o l l o w e d  i n  f l i g h t  
t e s t i n g ;  namely ,  measu r ing  t h e  r e s p o n s e  of t h e  model t o  known c o n t r o l  i n p u t s .  
Response  t o  s i n u s o i d a l  g u s t s  have  b e e n  i n v e s t i g a t e d  u s i n g  t h e  basic model-mount 
s y s t e m  i n  c o n j u n c t i o n  w i t h  a d e v i c e  t o  i m p a r t  s i n u s o i d a l  g u s t s  t o  t h e  w i n d - t u n n e l  
airstream. And, f i n a l l y ,  p rob lems  a s s o c i a t e d  w i t h  h i g h  l i f t  such  as b u f f e t i n g  have  
been  s t u d i e d  b y  a d d i n g  a d e v i c e  t o  t h e  basic a r r angemen t  w h i c h  compensa te s  f o r  t h e '  
l i f t  i n  excess of t h e  model w e i g h t  w i t h o u t  sacr i f ice  of model f r eedom of movement. 

INTRODUCTION 

The L a n g l e y  t r a n s o n i c  dynamics  t u n n e l  began  o p e r a t i o n s  i n  1959 w i t h  t h e  p r i m a r y  
f u n c t i o n  o f  p r o v i d i n g  t h e  U n i t e d  States w i t h  a s u i t a b l e  f a c i l i t y  f o r  r e s e a r c h  and  
development  of dynamics  aspects of new aircraft i n  t h e  i m p o r t a n t  t r a n s o n i c  speed 
r a n g e .  I n  t h e  t i m e  s i n c e  1959, t h e  staff of t h i s  f a c i l i t y  h a s  s p e n t  a l a r g e  p o r t i o n  
o f  i t s  effor ts  i n  d e v e l o p i n g  new o r  improved  t e c h n i q u e s  f o r  e x p e r i m e n t a l l y  s t u d y i n g  
aeroelastic and dynamics  problems i n  wind t u n n e l s .  One of t h e  earliest t e c h n i q u e  
development  t a s k s  u n d e r t a k e n  w a s  t h a t  of p r o v i d i n g  a s u i t a b l e  mount s y s t e m  f o r  
c o m p l e t e  models  w i t h  good s i m u l a t i o n  of f r e e - f l i g h t  dynamics .  Many t y p e s  of mount 
s y s t e m s  w e r e  c o n s i d e r e d  and  s e v e r a l  w e r e  a c t u a l l y  t r i e d  i n  t h e  wind  t u n n e l  ( w i t h o u t  
n o t e w o r t h y  s u c c e s s ) .  E v e n t u a l l y ,  W i l m e r  H .  Reed I11 c o n c e i v e d  t h e  mount sys t em 
t h a t  i s  now called,  s i m p l y ,  t h e  two-cable mount s y s t e m .  Al though d e v e l o p e d  and  
u s e d  p r i m a r i l y  f o r  f l u t t e r  s t u d i e s  ( a b o u t  50 p e r c e n t  of t h e  work done i n  t h e  t u n n e l  
i s  i n  f l u t t e r ) ,  t h e  two-cable mount, w i t h  v a r i a t i o n s ,  h a s  p roven  t o  be v e r y  v e r s a t i l e  

T h i s  p a p e r  i s  i n t e n d e d  t o  p r o v i d e  a brief d e s c r i p t i o n  of t h e  two-cab le  mount 
s y s t e m  a n d  s e v e r a l  o f  t h e  a p p l i c a t i o n s  t h a t  have  been  made u s i n g  t h i s  sys t em i n  
s t u d y i n g  f l i g h t  mechan ics  p rob lems  o t h e r  t h a n  f l u t t e r .  A more c o m p l e t e  r e v i e w  of 
t h e  s u b j e c t  men t ioned  i n  t h e  t i t l e  of t h i s  paper would i n c l u d e  a d e s c r i p t i o n  o f  
t h e  Model F l y  program s p o n s o r e d  b y  t h e  U . S .  A i r  F o r c e  F l i g h t  Dynamics L a b o r a t o r y ,  
o r  p e r h a p s  some o f  t h e  dynamic s t a b i l i t y  d e r i v a t i v e  measurement t e c h n i q u e s  d e v e l o p e d  
b y  s e v e r a l  aerodynamic  r e s e a r c h  o r g a n i z a t i o n s .  However, f o r  b r e v i t y ,  t h e  paper w i l l  
be c o n f i n e d  t o  t h e  familiar programs c o n d u c t e d  w i t h i n  t h e  a u t h o r s '  own o r g a n i z a t i o n .  

SYMBOLS 

a 

b 

c% 

h o r i z o n t a l  d i s t a n c e  be tween  model c e n t e r  of g r a v i t y  and  o u t e r  cable- 
t a n g e n c y p o i n t  on rear p u l l e y s  

wing span  
acl 

r o l l  damping, - 
a(%)  

a i l e r o n  e f f e c t i v e n e s s ,  - ac2 
a 6a 

"Head, A e r o e l a s t i c i t y  Branch ,  Dynamic Loads  D i v i s i o n ,  NASA Lang ley  Resea rch  
C e n t e r ,  Lang ley  S t a t i o n ,  Hampton, V i r g i n i a  USA 

**Aero-Space T e c h n o l o g i s t ,  A i r c r a f t  A e r o e l a s t i c i t y  S e c t i o n ,  A e r o e l a s t i c i t y  
Branch ,  Dynamic Loads  D i v i s i o n ,  NASA Lang ley  Resea rch  C e n t e r ,  Lang ley  S t a t i o n ,  
Hampton, V i r g i n i a  USA 
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c o e f f i c i e n t  o f  f r i c t i o n  f o r  r o t a t i n g  p u l l e y  

s impl i f ied  damping c o e f f i c i e n t  of mount sys t em i n  v e r t i c a l  t r a n s l a t i o n  
and  p i t c h ,  r e s p e c t i v e l y  

t a n g e n c y  p o i n t  on rear p u l l e y s  
h o r i z o n t a l  d i s t a n c e  be tween  model p l a n e  of symmetry and  o u t e r  cable- 

h o r i z o n t a l  d i s t a n c e  be tween model c e n t e r  of' g r a v i t y  and  o u t e r  cable- 
t a n g e n c y  p o i n t  on f r o n t  p u l l e y s  

a c c e l e r a t i o n  due  t o  g r a v i t y  

ver t ica l  d i s t a n c e  be tween model c e n t e r  of g r a v i t y  and  o u t e r  cable- 
t a n g e n c y  p o i n t  on f r o n t  p u l l e y s  

r o l l ,  p i t ch ,  and  yaw moment of i n e r t i a  a b o u t  x , y , z  axes, r e s p e c t i v e l y  

p r o d u c t  of i n e r t i a  

s p r i n g  c o n s t a n t  of mount s u p p o r t  r e l a t i n g  a f o r c e  o r  moment i n  mode 
i ( x y y , z y 9 , $ , + )  t o  a d i s p l a c e m e n t  i n  mode j ( x , ~ , z , 9 ~ $ , $ )  

r o l l ,  p i t c h ,  and  yaw moments a b o u t  x , y ,  and  z axes, r e s p e c t i v e l y  

r o l l ,  p i t c h ,  and  yaw aerodynamic  moments 

r o l l ,  p i t c h ,  and yaw cable mount moments 

l e n g t h  of rear and forward cables, r e s p e c t i v e l y ,  f r o m  w a l l  a t t a c h m e n t  
p o i n t  t o  o u t e r  c a b l e - t a n g e n c y  p o i n t  on p u l l e y s  

a c h a r a c t e r i s t i c  l e n g t h  

m a s s  of model i n c l u d i n g  p u l l e y s  

cable-mount  p i t c h i n g  moment at  9 = €It , 

p u l l e y  moment due  t o  f r i c t i o n  

r e s u l t a n t  p u l l e y  f o r c e ,  a c t i n g  t h r o u g h  p u l l e y  b e a r i n g s ,  due  t o  TF 

r o l l  rate, 4 
dynamic p r e s s u r e ,  1/2 pV2 

p u l l e y  r a d i u s  

wing area 

s u p p o r t  cable t e n s i o n  i n  rear and f r o n t  cables, r e s p e c t i v e l y  

change  i n  cable t e n s i o n  due  t o  model d i s p l a c e m e n t  and  r o t a t i o n  

f l o w  v e l o c i t y  

d i s p l a c e m e n t  c o o r d i n a t e s  of model c e n t e r  of g r a v i t y  

e x t e r n a l  forces on model i n  x , y , z  c o o r d i n a t e  d i r e c t i o n s ,  r e s p e c t i v e l y  

side and  ver t ica l  t r a n s l a t i o n  aerodynamic  forces, r e s p e c t i v e l y  

side and  v e r t i c a l  t r a n s l a t i o n  cable f o r c e s ,  r e s p e c t i v e l y  

cable-mount  v e r t i c a l  f o r c e  at  8 = et , KzeOt 

d i s p l a c e m e n t  of rear cable a t t a c h m e n t  p o i n t s  on r o l l  c o n t r o l  device 

phase a n g l e  be tween a i l e r o n  d i s p l a c e m e n t  and  r o l l  

a n g l e  i n  ver t ical  p l a n e  be tween x axis a n d  forward cables 

a n g l e  i n  h o r i z o n t a l  p l a n e  be tween x axis and  rear cables 
i u t  a i l e r o n  a n g l e ,  €ja(t) = tjOe 

I 
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p i t c h  a n g l e  p e r t u r b a t i o n  about  t r i m  

p i t c h  a n g l e  f o r  trimmed f l i g h t  

d i m e n s i o n l e s s  m a s s  r a t i o  

m a s s  d e n s i t y  of wind-tunnel  test medium, 

r o l l  a n g l e  

yaw a n g l e  

c i r c u l a r  f r e q u e n c y  

THE 'ItJO-CABLE MOUNT SYSTEM 

General  Requirements and D e s c r i p t i o n  

A s  mentioned p r e v i o u s l y ,  an e a r l y  t a s k  f o r  t h e  staff of t h e  new t r a n s o n i c  
dynamics t u n n e l  w a s  t h e  development of a s u i t a b l e  mount system f o r  s t u d y i n g  dynamics 
problems on l a r g e  complete  v e h i c l e  models. The view w a s  adopted t h a t  a g o a l  of 
p e r f e c t  f ree-f l i g h t  s i m u l a t i o n  would be sought  as opposed t o  o t h e r  approaches which 
might have been c o n s i d e r e d  which would r e q u i r e  a p p l i c a t i o n  of c o r r e c t i o n  f a c t o r s  f o r  
t h e  i n f l u e n c e  of t h e  mount. With t h i s  view i n  mind, t h e  i d e a l  system i s  one having 
no r e s t r a i n t  o r ,  i n  effect ,  a f r e e - f l i g h t  system. The p r a c t i c a l  system s e e k s  t o  
approach t h i s  i d e a l  i n  at least  t h o s e  a s p e c t s  most impor tan t  t o  t h e  test  a t  hand. 
Some d e s i r a b l e  f e a t u r e s  which such a mount system might have are: 

1. A s o f t  suppor t  such t h a t  t h e  n a t u r a l  f r e q u e n c i e s  a s s o c i a t e d  w i t h  t h e  
mount are w e l l  below t h o s e  of t h e  f r e e - f l i g h t  and e las t ic  modes. 

2. Allow freedom of movement of s u f f i c i e n t  ampli tude f o r  normal model 
motion due t o  t u r b u l e n c e ,  t r i m  changes,  and t h e  l i k e .  

3. Moving masses a s s o c i a t e d  w i t h  t h e  mount should  b e  n e g l i g i b l e  r e l a t i v e  
t o  t h e  impor tan t  g e n e r a l i z e d  masses of t h e  model. 

4.  Aerodynamic i n t e r f e r e n c e  should  be low. 

5. Convenient t r i m  ad jus tments  and s a f e t y  d e v i c e s .  

6. P r e d i c t a b l e  s ta t ic  and dynamic s t a b i l i t y  under a l l  o p e r a t i n g  c o n d i t i o n s .  

7. S i m p l i c i t y .  
J 

The two-cable-mount system, d e s c r i b e d  i n  some d e t a i l  by Reed and Abbott  (1) has  
been developed and used e x t e n s i v e l y  i n  t h e  Langley t r a n s o n i c  dynamics t u n n e l .  
system i n c o r p o r a t e s  most of t h e  d e s i r a b l e  f e a t u r e s  l i s t e d  above. 

This  

B a s i c a l l y  i t  i s  a v e r y  s imple  arrangement as i l l u s t r a t e d  i n  f i g u r e  1. Two loops  
of s m a l l  diameter s t r a n d e d  steel  w i r e  c a b l e  ex tend  i n  mutua l ly  p e r p e n d i c u l a r  p l a n e s  
f rom t h e  model t o  t h e  t u n n e l  w a l l s ,  one loop  upstream and t h e  o t h e r  downstream. The 
cables p a s s . t h r o u g h  p u l l e y s  l o c a t e d  w i t h i n  t h e  f u s e l a g e  c o n t o u r  and t e n s i o n  i s  
a p p l i e d  b y  s t r e t c h i n g  a s o f t  s p r i n g  i n  t h e  rear c a b l e  loop .  The small-diameter c a b l e  
c a u s e s  l i t t l e  aerodynamic i n t e r f e r e n c e  and t h e  moving p a r t s  of t h e  mount system 
(cable, p u l l e y s ,  e t c . )  have s m a l l  m a s s  compared w i t h  t h e  impor tan t  g e n e r a l i z e d  masses 
of t h e  average  model. S t a b i l i t y  and n a t u r a l  f r e q u e n c i e s  of t h e  cable-suppor ted  model 
are c o n t r o l l e d  b y  t h e  p r e l o a d  t e n s i o n  of t h e  s o f t  s p r i n g  i n  t h e  cable loop .  Low 
s p r i n g  s t i f f n e s s e s  are a s s o c i a t e d  w i t h  t h i s  system which r e s u l t  i n  low n a t u r a l  mount 
related f r e q u e n c i e s  whi le  p e r m i t t i n g  l a r g e  t r a n s l a t i o n a l  and r o t a t i o n a l  motions.  

Remotely o p e r a b l e  aerodynamic t r i m  c o n t r o l  i s  provided  i n  t h e  model t o  keep i t  
c e n t e r e d  i n  t h e  t u n n e l  th roughout  t h e  t es t  range.  Usual ly  o n l y  p i t c h  and r o l l  t r i m  
c o n t r o l  are r e q u i r e d .  
o r  " p i l o t "  u s i n g  a m i n i a t u r e  a i r p l a n e - t y p e  c o n t r o l  s t i c k  which a c t u a t e s  on-off t r i m  
s w i t c h e s .  

Normally, models can be e a s i l y  trimmed by a s i n g l e  o p e r a t o r  

Although t h e  mount system i s  b a s i c a l l y  s imple ,  i t s  dynamic and s t a t i c  s t a b i l i t y  
cannot  b e  determined i n t u i t i v e l y .  The s t a b i l i t y  problem f o r  a model on t h e  mount 
system i s  somewhat more complex than  t h a t  of t h e  f r e e - f l y i n g  a i r p l a n e  i n  t h a t  t h e  
mount system p r o v i d e s  a d d i t i o n a l  modes which may become u n s t a b l e .  The s t a b i l i t y  
a n a l y s i s  d e s c r i b e d  below has  proven t o  be reasonably  a c c u r a t e .  This  a n a l y s i s  i s  
used i n  t h e  des ign  of t h e  system f o r  each new model. 
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S t a b i l i t y  A n a l y s i s  

Consider  t h e  cable c o n f i g u r a t i o n  shown s c h e m a t i c a l l y  i n  f i g u r e  2. The x ,  y ,  
and z axes form a r i g h t - h a n d  set of s p a c e - f i x e d  or thogonal  c o o r d i n a t e s  wi th  t h e  
o r i g i n  at t h e  c e n t e r  of g r a v i t y  of t h e  model i n  trimmed f l i g h t .  The model i s  
assumed t o  be r i g i d  s o  t h a t  i t s  motion i n  t h e  t u n n e l  i s  comple te ly  d e s c r i b e d  by 
f i v e  degrees  of freedom; namely, y and z t r a n s l a t i o n  of t h e  c e n t e r  of g r a v i t y  
( f o r e  and a f t  motion d e l e t e d ) ” ,  and 4 ,  8, and JI r o t a t i o n s  about  t h e  x ,  y ,  and z 
axes, r e s p e c t i v e l y .  

The l i n e a r i z e d  s m a l l  p e r t u r b a t i o n  e q u a t i o n s  of motion f o r  t h e  system can be 
w r i t t e n  as f o l l o w s :  

V e r t i c a l  t r a n s l a t i o n  : 
.. 

Z + Z  + m g = m z  A C  

P i t c h :  

MA + MC = I yg 
S i d e  t r a n s l a t i o n :  

YA + YC = mj; 

R o l l  : 
.. 

LA + Lc = Ix+ - IXYY 

Yaw: 
.. 

NA + NC = Izy - Ixz+ 

The C and A s u b s c r i p t s  denote  cable and aerodynamic t e r m s ,  r e s p e c t i v e l y .  

Once i n t e r i o r  p r o p e r t i e s  of the  model are f i x e d ,  t h e  a b i l i t y  t o  change t h e  
characteristics of t h e  mount system l i e s  mainly w i t h  the mount r e s t r a i n t  f o r c e  
components. The l o n g i t u d i n a l  and lateral  mount r e s t r a i n t  f o r c e s  and moments can 
be expressed  as f o l l o w s :  

L o n g i t u d i n a l  : 

zc - - zco - K z e e  - KZZz + Z(i,6) 

M~ = - K ~ , Z  - ~~~e + M ( & , B )  

L a t e r a l :  

The l i n e a r i z e d  s t i f f n e s s  i n f l u e n c e  c o e f f i c i e n t s  (Ki  ) are o b t a i n e d  by de termin-  
i n g  t h e  t o t a l  f o r c e s  and moments about  t h e  c e n t e r  of g r a i i t y  from each of t h e  cables 
due t o  a s m a l l  p e r t u r b a t i o n  from t r i m .  Equat ions d e f i n i n g  the  s t i f f n e s s  i n f l u e n c e  
c o e f f i c i e n t s  have been d e r i v e d  (1) as a f u n c t i o n  of mount system geometry and cable 
t e n s i o n s .  For  t h e  p a r t i c u l a r  example p r e s e n t e d  i n  f i g u r e  2 ( v e r t i c a l  cables forward ,  
h o r i z o n t a l  c a b l e s  a f t )  t h e  l o n g i t u d i n a l  s t i f f n e s s  i n f l u e n c e  c o e f f i c i e n t s  are as 
f 01 lows : 

r 

* W i t h  a s p r i n g  i n  o n l y  one of t h e  two c a b l e s ,  t h e  f o r e  and a f t  motion of t h e  
model i n  t h e  x d i r e c t i o n  i s  e f f e c t i v e l y  locked  o u t .  I n  p r i n c i p l e ,  t h i s  motion 
c o u l d  be provided  b y  p l a c i n g  a n o t h e r  s o f t ,  s p r i n g  i n  t h e  forward  cable, however, 
t h i s  arrangement has n o t  been e x p l o r e d  e x p e r i m e n t a l l y .  
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r 1 

' J  - 1  LR % LF 
TR TF TF 

Kze  - 2 a - - - h cosPFsinPF - ,e c o s  PF 

The s t e a d y - s t a t e  terms Zco and McO r e s u l t i n g  from 

The method of t r e a t i n g  t h e  damping terms Z(k,e) 

1 
1 + - ( e c o s P F  + h s i n P F )  

LF 

t r i m  changes are 

and Mlk.6) has  been found 
\ I  

t o  be impor tan t  i n  improving t h e  accuracy  of t h e  a n a l y s i s .  I n i i i a l l y  (1) t h e  
damping w a s  c o n s i d e r e d  t o  b e  c o n c e n t r a t e d  at  t h e  c e n t e r  of g r a v i t y .  However, 
i n s t a b i l i t i e s  w e r e  encountered  which were n o t  p r o p e r l y  e x p l a i n e d  u n t i l  a more 
realist ic t r e a t m e n t  of t h e  damping terms w a s  developed which p l a c e d  t h e  damping 
f o r c e s  a t  t h e  a c t u a l  p o i n t  of a c t i o n  on t h e  model. These two methods of t r e a t i n g  
t h e  damping are i l l u s t r a t e d  i n  f i g .  3 .  With t h e  damping f o r c e s  a c t i n g  at t h e  
p u l l e y s ,  a d d i t i o n a l  coupl ing  t e r m s  are i n c l u d e d  i n  t h e  a n a l y s i s  which can be e i t h e r  
s t a b i l i z i n g  o r  d e s t a b i l i z i n g .  

Equat ions  d e f i n i n g  t h e  aerodynamic t e r m s  appear ing  i n  t h e  e q u a t i o n s  of motion 
are d i s c u s s e d  i n  (1). Aerodynamic d e r i v a t i v e s  used i n  t h e  e q u a t i o n s  are normally 
estimated from t h e  best  a v a i l a b l e  informat ion  on t h e  aircraft b e i n g  tes ted.  
( S u i t a b l y  a d j u s t e d  t o  model c o n d i t i o n s . )  

A computer program i s  a v a i l a b l e  by which t h e  s t a b i l i t y  boundar ies  may be 
s t u d i e d  f o r  any g iven  model and a reasonably  safe c h o i c e  of des ign  parameters  
s e l e c t e d .  Some u n c e r t a i n t y  may s t i l l  ex is t ,  however, due t o  i n a c c u r a c i e s  i n  t h e  
i n f o r m a t i o n  used i n  t h e  a n a l y s i s  (aerodynamic d e r i v a t i v e s ,  f o r  example) .  

Some P r a c t i c a l  Consider  at  i o n s  

A s  a s a f e t y  p r e c a u t i o n  i n  c a s e  of model i n s t a b i l i t y  o r  f a i l u r e ,  t h e  model i s  
a t t a c h e d  t o  a q u i c k  a c t i n g  snubbing c a b l e  system, normally s l a c k ,  which when 
a c t u a t e d  w i l l  a p p l y  damping t o  any r i g i d  body modes and s u f f i c i e n t  f o r c e  t o  b r i n g  
t h e  model t o  t h e  t u n n e l  c e n t e r .  It h a s  been found impor tan t  t o  a n a l y z e  t h e  model 
f o r  t h i s  snubbed c o n d i t i o n  (one model w a s  l o s t  when t h e  3 a f e t y T 7  d e v i c e  w a s  
a c t u a t e d ) .  

s t u d y  a "dummy" model p r i o r  t o  r i s k i n g  t h e  expens ive  a e r o e l a s t i c a l l y  s c a l e d  model. 
The dummy model i s  b u i l t  t o  match t h e  geometry,  mass, and i n e r t i a ,  b u t  n o t  t h e  
e las t ic  p r o p e r t i e s  of t h e  a e r o e l a s t i c a l l y  s c a l e d  model. Such a model s e r v e s  many 
u s e f u l  purposes ,  n o t  t h e  least  of which i s  t r a i n i n g  of t h e  t e s t  crew immediately 
p r i o r  t o  t h e  tests of t h e  expens ive  model. Complete a e r o e l a s t i c a l l y  s c a l e d  models 
f o r  t h e  t r a n s o n i c  dynamics t u n n e l  may c o s t  on t h e  o r d e r  of $50,000 t o  $500,000 t o  
d e s i g n  and b u i l d ,  w h i l e  a dummy model may c o s t  as l i t t l e  as $5,000 t o  $10,000. 

I t  i s  c o n s i d e r e d  good p r a c t i c e  at  t h e  Langley t r a n s o n i c  dynamics t u n n e l  t o  

The basic mount system d e s c r i b e d  above h a s  proven t o  be v e r y  v e r s a t i l e .  
V a r i a t i o n s  on t h e  basic arrangement have been developed t o  p r o v i d e  p a r t i c u l a r  
capabi l i t ies  r e q u i r e d  by v a r i o u s  s tudy  o b j e c t i v e s .  Some of t h e s e  v a r i a t i o n s  on 
t h e  basic arrangement are d e s c r i b e d  i n  subsequent  s e c t i o n s .  

THE AIRSTREAM OSCILLATOR 

Some y e a r s  ago a need f o r  a wind-tunnel  technique  f o r  measuring f requency-  
response  f u n c t i o n s  f o r  g u s t  response  r e s e a r c h  w a s  recognized .  A system f o r  
g e n e r a t i n g  c o n t r o l l e d  s i n u s o i d a l  g u s t s  i n  a wind t u n n e l  w a s  developed ( 2 )  and 
i n s t a l l e d  i n  t h e  t r a n s o n i c  dynamics t u n n e l  ( 3 ) .  A b r i e f  d e s c r i p t i o n  of t h e  system 
and some p r e l i m i n a r y  r e s u l t s  o b t a i n e d  u s i n g  t h e  airstream o s c i l l a t o r  f o l l o w s .  
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F i g u r e  4 i s  a s k e t c h  o f  t h e  i n t e r i o r  o f  t h e  t u n n e l ,  v iewed f r o m  t h e  e n t r a n c e  
s e c t i o n  downstream toward  t h e  test s e c t i o n ,  showing s c h e m a t i c a l l y  some of t h e  main 
f e a t u r e s  of t h e  sys t em.  Two sets of v a n e s ,  i n  a b i p l a n e  a r r a n g e m e n t ,  are l o c a t e d  
on t h e  s ide  w a l l s  o f  t h e  t u n n e l  e n t r a n c e  s e c t i o n .  The v a n e s  on e a c h  of t h e  two 
s i d e s  are d r i v e n  b y  a h y d r a u l i c  motor and  f l y w h e e l  t h r o u g h  l i n k a g e s  which p r o d u c e  
n e a r l y  s i n u s o i d a l  vane  o s c i l l a t i o n s  a b o u t  t h e  z e r o  a n g l e - o f - a t t a c k  p o s i t i o n .  
Because  of t h e s e  heavy  f l y w h e e l s ,  t h e  e x i s t i n g  o s c i l l a t o r  h a s  o n l y  s i n u s o i d a l  
c a p a b i l i t y .  
a d j u s t a b l e  from 0 t o  2 0  Hz by means of an  e lec t r ica l  c o n t r o l  s y s t e m .  S y n c h r o n i z a -  
t i o n  of t h e  t w o  s i d e s  i s  m a i n t a i n e d  b y  t h e  e lec t r ica l  c o n t r o l  sys t em,  and  t h e  
p h a s i n g  of t h e  two sides may be v a r i e d  f r o m  I t in  sync t1  t o  180° o u t  of s y n c h r o n i z a t i o n .  

The aerodynamic  effect  of t h e  o s c i l l a t i n g  v a n e s  on t h e  t es t  s e c t i o n  f l o w  r e s u l t s  

Vane a n g u l a r  r a n g e  i s  a d j u s t a b l e  f r o m  Oo t o  12O. F requency  i s  

f r o m  c r o s s - s t r e a m  f l o w  components i n d u c e d  b y  t h e  t r a i l i n g  v o r t i c e s  f rom t h e  vane  
t i p s .  These  v o r t i c e s  ext'end downstream th rough  t h e  t es t  s e c t i o n  ( n e a r  t h e  s ide w a l l s )  
as rather discrete v o r t e x  c o r e s .  These  v o r t i c e s  a l t e r n a t e  i n  s i g n  as t h e  v a n e s  
o sc i l l a t e ,  and t h e  sys t em p a s s e s  downstream t h r o u g h  t h e  test  s e c t i o n  w i t h  a s p a c i n g  
(wave l e n g t h )  depend ing  upon t h e  f r e q u e n c y  and t h e  stream v e l o c i t y .  When t h e  v a n e s  
are " i n  s y n c , "  t h e  p r i n c i p a l  o s c i l l a t i n g  component o v e r  t h e  middle p o r t i o n  of t h e  
airstream i s  d i r e c t e d  v e r t i c a l l y .  If t h e  v a n e s  are llout of s y n c t t  b o t h  la teral  and  
v e r t i c a l  components p r o d u c e  a k i n d  of r o l l i n g  g u s t  a b o u t  t h e  t u n n e l  c e n t e r l i n e .  

A t  p r e s e n t  an  e v a l u a t i o n  program i s  underway t o  s t u d y  t h e  s y s t e m ' s  u s e f u l n e s s  
as a t o o l  i n  t h e  s t u d y  of aircraft  g u s t  r e s p o n s e .  I t  w a s  f e l t  some t i m e  a g o  t h a t  
r e s u l t s  of p r e l i m i n a r y  t e s t s  w i t h  simple models ( 3 )  were s u f f i c i e n t l y  e n c o u r a g i n g  
t o  j u s t i f y  an  expanded program w i t h  a real is t ic  model. The a i r p l a n e  s e l e c t e d  f o r  
t h i s  expanded program i s  a l a r g e  s u b s o n i c  j e t  bomber f o r  which e x t e n s i v e  f l i g h t  
data are a v a i l a b l e  f o r  compar ison  w i t h  model r e s u l t s .  

I n  order t o  o b t a i n  v a l i d  f r e q u e n c y - r e s p o n s e  measurements ,  t h e  model must be 
s u p p o r t e d  i n  t h e  wind t u n n e l  w i t h  s u f f i c i e n t  f r eedom t o  s i m u l a t e  f r e e - f l i g h t  r i g i d -  
body mot ions .  An i n i t i a l  d e s i g n  a n a l y s i s  o f  a basic two-cable mount s y s t e m  i n d i c a t e d  
that  t h e  mount s y s t e m  p roduced  u n a c c e p t a b l y  l a r g e  d e v i a t i o n s  of t h e  r i g i d  body 
f r e q u e n c i e s .  A v a r i a t l o n  of t h e  basic a r r angemen t  w a s  d e v e l o p e d  which ,  a c c o r d i n g  
t o  t h e  a n a l y s i s ,  c a u s e s  less t h a n  5 p e r c e n t  d e v i a t i o n  of b o t h  t h e  f r e q u e n c y  and  
damping of t h e  s h o r t  period and Dutch r o l l  modes. T h i s  v a r i a t i o n  of t h e  mount,  
a g a i n ,  c o n s i s t s  of two cable l o o p s ,  one  of w h i c h  i s  f r ee  t o  r u n  t h r o u g h  p u l l e y s  
on t h e  t u n n e l  f l o o r  and  c e i l i n g  u p s t r e a m  of t h e  model; t h e  o t h e r  i s  l e d  a f t  f rom 
t h e  model t o  p u l l e y s  on t h e  t u n n e l  s ide w a l l  ( f i g .  5 ) .  The e n d s  of t h e  cable l o o p s  
are p i n n e d  t o  t h e  model at  a p o i n t  n e a r  t h e  c e n t e r  of g r a v i t y .  T h i s  a r r angemen t  
p r o d u c e s  v e r y  l o w  r o t a t i o n a l  s t i f f n e s s  a b o u t  t h e  c e n t e r  of g r a v i t y .  

S t u d i e s  have  b e e n  comple t ed  of a "dummyll model t o  v e r i f y  t h e  pe r fo rmance  of 
t h e  mount sys t em a n d  some t y p i c a l  r e s u l t s  are shown i n  f i g .  6 .  The compar ison  of 
measured  c e n t e r - o f - g r a v i t y  r e s p o n s e  t o  c a l c u l a t e d  r e s p o n s e  i n d i c a t e s  s a t i s f a c t o r y  
ag reemen t  at  least i n  t h e  r a n g e  of f r e q u e n c y  n e a r  t h e  s h o r t  p e r i o d  f r e q u e n c y .  The 
s h a r p  peak  i n  t h e  c a l c u l a t e d  r e s p o n s e  at  v e r y  l o w  f r e q u e n c i e s  i s  a s s o c i a t e d  w i t h  
t h e  v e r t i c a l  t r a n s l a t i o n  mode of t h e  model on t h e  mount sys t em ( a  r e s o n a n t  mode 
which d o e s  n o t  exist  f o r  t h e  a i r p l a n e ) .  

CONTROL EFFECTIVENESS AND DERIVATIVE MEASUREMENTS 

A l l  modern h i g h - s p e e d  a i rc raf t  are s u b j e c t  t o  s i g n i f i c a n t  aeroelastic effects  
on t h e i r  s t a b i l i t y  a n d  c o n t r o l  c h a r a c t e r i s t i c s .  A i l e r o n  r e v e r s a l  i s ,  p e r h a p s ,  t h e  
most p rominen t  example. Techn iques  f o r  h a n d l i n g  t h e s e  p rob lems  i n  d e s i g n  have  
e v o l v e d  ove r  t h e  y e a r s  a n d  are g e n e r a l l y  c o n s i d e r e d  t o  be a d e q u a t e .  N e v e r t h e l e s s ,  
w ind- tunne l  t e c h n i q u e s  f o r  r e s e a r c h  on t h e s e  p rob lems  as w e l l  as f o r  p o t e n t i a l  
a p p l i c a t i o n  i n  t h e  d e s i g n  process w i l l  be u s e f u l .  The t e c h n i q u e  t o  be described 
be low a g a i n  employs  a dynamic ,  a e r o e l a s t i c a l l y  scaled model s u p p o r t e d  on t h e  t w o -  
cable mount sys t em.  

The basic approach  u s e d  i s ,  i n  p r i n c i p l e ,  i d e n t i c a l  t o  t h e  approach  u s e d  i n  
f l i g h t  tests;  namely ,  measurements  are made of t h e  r e s p o n s e  of t h e  model t o  known 
c o n t r o l  i n p u t s  ( e i t h e r  s t a t i c  o r  dynamic)  and  t h e  e q u a t i o n s  of mot ion  are s o l v e d  
f o r  t h e  unknown aerodynamic  c o e f f i c i e n t s .  T h i s  approach  h a s  been  a p p l i e d  i n  two 
cases i n  t h e  Lang ley  t r a n s o n i c . d y n a m i c s  t u n n e l ;  (1) measurement o f  s t a t i c  s l o p e  of 
t h e  lift c u r v e  t h r o u g h  d e f l e c t i o n  of t h e  e l e v a t o r ,  and  ( 2 )  measurement of dynamic 
a i l e r o n  r o l l  e f f e c t i v e n e s s  i n c l u d i n g  t h e  r e v e r s a l  c o n d i t i o n .  The f i r s t  case w a s  
q u i t e  s i m p l e  and  w a s  accompl i shed  s u c c e s s f u l l y .  The s e c o n d  case i s  c o n s i d e r a b l y  
more i n v o l v e d  and p e r h a p s  of g r e a t e r  i n t e r e s t ,  and  i s ,  t h e r e f o r e ,  described f u r t h e r .  

The e q u a t i o n s  of mot ion  u s e d  are i d e n t i c a l  t o  t h o s e  f o r  a r i g i d  a i r p l a n e .  
However, t h e  aerodynamic  d e r i v a t i v e s  u s e d  i n  t h i s  manner r e p r e s e n t  t h e  q u a s i - s t a t i c  
e las t ic  d e r i v a t i v e s  o r  t h e  e q u i v a l e n t  r i g i d  body d e r i v a t i v e s .  F u r t h e r m o r e ,  t h e  
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deformat ion  effects a s s o c i a t e d  with g r a v i t y  f o r c e s  are n e g l e c t e d .  (Some of t h e  
d i f f i c u l t i e s  a s s o c i a t e d  wi th  t h i s  a s p e c t  are d i s c u s s e d  subsequent ly  i n  t h e  s e c t i o n  
on High L i f t  Problems.)  

Etk in  ( 4 )  h a s  shown t h a t ,  f o r  many c o n v e n t i o n a l  a i r p l a n e  c o n f i g u r a t i o n s ,  t h e  
r o l l  e q u a t i o n  i n  free f l i g h t  can b e  s i m p l i f i e d  and t r e a t e d  as a s i n g l e  degree  of 
freedom. I t  w a s  a l s o  shown by A b e l  (5)  t h a t  b y  p r o p e r l y  d e s i g n i n g  t h e  two-cable 
mount system a model f lown i n  t h e  wind t u n n e l  can a l s o  be f o r c e d  t o  behave v e r y  
n e a r l y  as a s i n g l e  d e g r e e  of freedom i n  r o l l .  

The problem i s  now g r e a t l y  reduced t o  measuring only  t h e  dynamic response  of 
t h e  model i n  r o l l  as shown s c h e m a t i c a l l y  i n  f i g u r e  7 .  The s ingle-degree-of-freedom 
r o l l  e q u a t i o n  can b e  w r i t t e n  i n  t h e  form 

where K , + , + + ( t )  i s  t h e  only  term a s s o c i a t e d  with t h e  mount system. For  s i n u s o i d a l  
motion, t h e  a i l e r o n  d e f l e c t i o n  i s  

The s t e a d y - s t a t e  r o l l  response  becomes 

i ( w t + a )  
,+(t)  = $,e 

i ( w t + a )  i(t) = i w + o e  

.. 2 i ( w t + a )  
$ ( t )  = - $oe ' . 

where a i s  t h e  phase a n g l e  between a i l e r o n  d isp lacement  and r o l l  a n g l e .  Hence, 
the r o l l  e q u a t i o n  can be w r i t t e n  as, 

kT2 $.eij  + C z 6  [qSb60] = ( - I x w  2 + K $ , + ) 4 ~ ~ e  i a  

The dynamic r o l l  a n g l e  9, and t h e  phase a n g l e  a are measured over  a range  
of d i s c r e t e  a i l e r o n  f r e q u e n c i e s  w . A set  of redundant  a l g e b r a i c  e q u a t i o n s  i s  then  
g e n e r a t e d  from e q u a t i o n  (1) which i n  t u r n  can be s o l v e d  f o r  t h e  aerodynamic d e r i v a -  
t i v e s  C z p  and C z 6  . ( A l l  o t h e r  t e r m s  appear ing  i n  e q u a t i o n  (1) are known v a l u e s  
f o r  t h e  p a r t i c u l a r  model and t e s t  c o n d i t i o n . )  

I n  free f l i g h t  t h e  s i m p l i f i e d  r o l l  e q u a t i o n  i s  

Ixy - % Sb2 Cz  6 =,qSbCz 6 

For  s t e a d y - s t a t e  r o l l  ,+ = 0; hence 

P b a  

.. 

F r e e - f l i g h t  c o n t r o l ' e f f e c t i v e n e s q  i s  normally expressed  i n  terms of t h e  wing t i p  
h e l i x  a n g l e  Pb/2V , where P = ,+ . Therefore ,  e q u a t i o n  (2) can b e  w r i t t e n  

C. 

The f r e e - f l i g h t  c o n t r o l  e f f e c t i v e n e s s  i s  determined from t h e  
of Czp  and C z 6 .  at  t h e  p r o p e r l y  s c a l e d  f l i g h t  c o n d i t i o n .  

measured model 
That i s ,  

as 

v a l u e s  
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I 

V6a (7) A i r p l a n e  
Pb - _ -  “6 

( E )  Airp  1 an e ’( C T )  Model 

A comparison of f l i g h t  measured and model p r e d i c t e d  f u l l - s c a l e  a i l e r o n  effec- 
t i v e n e s s  i s  g iven  i n  f i g u r e  8. The data are p r e s e n t e d  i n  t e r m s  of h e l i x  a n g l e  
(Pb/2V) v e r s u s  f u l l - s c a l e  dynamic p r e s s u r e  at a Mach number of 0.75. The model 
r e v e r s a l  p o i n t  (Pb/2V = 0) shown i n  f i g .  8 w a s  e x p e r i m e n t a l l y  determined i n  a 
somewhat d i f f e r e n t  manner. The static r o l l  a n g l e  i s  measured f o r  a given s t a t i c  
d e f l e c t i o n  of t h e  a i l e r o n s  f o r  a s ta t ic  measurement of C L 6  . A t  t h e  r e v e r s a l  

w i l l  b e  zero .  The comparison between p r e d i c t e d  and measured f l i g h t  
point =L6 
c o n t r o l  e f f e c t i v e n e s s  shown i n  f i g u r e  8 i s  c o n s i d e r e d  t o  be s a t i s f a c t o r y .  

e s t a b l i s h e d ,  b u t  a l s o  t h e  a i l e r o n  e f f e c t i v e n e s s  of t h e  a i r p l a n e  as a f u n c t i o n  of 
Mach number and dynamic p r e s s u r e  may be determined.  

By us ing  t h i s  t y p e  of t e s t i n g  technique  n o t  on ly  i s  t h e  r e v e r s a l  boundary 

The measurements d e s c r i b e d  above were made employing a n o t h e r  v a r i a t i o n  of t h e  
two-cable mount system. The only  c o n t r o l  a v a i l a b l e  on t h e  model f o r  t r i m  i n  r o l l  
w e r e  t h e  a i l e r o n s .  S i n c e  r e v e r s a l  c o n d i t i o n s  were t o  be s t u d i e d  and because  of 
d i f f i c u l t y  i n  us ing  t h e  a i l e r o n s  f o r  t r i m  w h i l e  t h e y  w e r e  o s c i l l a t i n g ,  an a u x i l i a r y  
r o l l  c o n t r o l  d e v i c e  w a s  developed.  T h i s  d e v i c e  f o r  impar t ing  a mechanical r o l l i n g  
moment t o  t h e  model i s  shown i n  f i g .  9. 

The r e q u i r e d  r o l l  c o n t r o l  w a s  accomplished by t r a v e r s i n g  t h e  downstream a t t a c h -  
ment p o i n t s  of t h e  rear cable i n  o p p o s i t e  d i r e c t i o n s  a long  t h e  t u n n e l  w a l l s .  A 
d i f f e r e n t i a l  d e f l e c t i o n  of t h e  rear c a b l e  produces a d i r e c t  r o l l i n g  moment a p p l i e d  
t o  t h e  model th rough t h e  mount system. The rear cable i s  d e f l e c t e d  by p a s s i n g  each 
branch through a s e p a r a t e  p u l l e y  assembly which t r a v e r s e s  on a s h a f t  mounted t o  
t h e  t u n n e l  w a l l .  The p u l l e y  assembl ies  are d i s p l a c e d  by a remotely o p e r a t e d  d r i v e  
system a c t u a t e d  by t h e  model t t p i l o t  . I t  

H I B I  LIFT PROBLEMS 

There are s e v e r a l  problems a s s o c i a t e d  w i t h  h igh  l i f t  c o e f f i c i e n t s  where a e r o -  
elastic effects are i m p o r t a n t .  These i n c l u d e  b u f f e t i n g  and s t a b i l i t v  and c o n t r o l  
c h a r a c t e r i s t i c s .  Complete dynamic, e las t ic  models have n o t  been used o f t e n  i n  
s t u d y i n g  t h e s e  problems. Some of t h e  r e a s o n s  f o r  t h i s  and a new technique  f o r  
r e s e a r c h  i n  t h i s  area are o u t l i n e d  below. 

Nature  of t h e  Experimental  D i f f i c u l t y  

Models tes ted on t h e  two-cable mount system o r d i n a r i l y  are trimmed t o  b e  i n  
e q u i l i b r i u m  a t  t h e  c e n t e r l i n e  of t h e  t u n n e l .  I n  t h i s  p o s i t i o n ,  t h e  v e r t i c a l  f o r c e s  
due t o  t h e  mount system are z e r o  and t h e  l i f t  on t h e  model i s  j u s t  s u f f i c i e n t  t o  
suppor t  t h e  weight of t h e  model. T h i s  t t l g l l  c o n d i t i o n  f o r  t h e  model w i l l  n o t ,  i n  
g e n e r a l ,  p r o p e r l y  r e p r e s e n t  l g  f l i g h t  f o r  t h e  s i m u l a t e d  a i r p l a n e .  T h i s  i s  
because t h e  b a l a n c e  of g r a v i t a t i o n a l  f o r c e s  with aerodynamic f o r c e s ,  expressed  as 
t h e  d imens ionless  Froude number, i s  u s u a l l y  n o t  s c a l e d  i n  a dynamic, a e r o e l a s t i c a l l y -  
scaled, t r u e  Mach number model. 

The Froude number can b e  w r i t t e n  as: 

where p i s  t h e  d imens ionless  mass r a t i o  parameter  which must be s c a l e d  f o r  dynamic 
s i m i l a r i t y .  Recognizing t h e  r e l a t i v e  i n v a r i a b i l i t y  of t h e  g r a v i t y  c o n s t a n t  g , 
t h e  remaining t e r m s  i n  t h e  Froude number i n d i c a t e  t h a t  g r a v i t y  f o r c e s  w i l l  b e  
p r o p e r l y  s c a l e d  only  when t h e  v e l o c i t y  scale f a c t o r  i s  equal  t o  t h e  s q u a r e  r o o t  of 
t h e  l e n g t h  scale f a c t o r .  However, t h e  requirement  f o r  equal  Mach number f i x e s  t h e  
r e q u i r e d  v e l o c i t y  scale f a c t o r  as t h e  r a t i o  of t h e  t es t  speed of sound t o  t h e  f l i g h t  
speed of sound. For  most wind t u n n e l s  u s i n g  a i r  as a test medium, t h i s  r a t i o  w i l l  
n o t  differ much f rom 1.0. In t h e  Langley t r a n s o n i c  dynamics t u n n e l  where Freon-12 
i s  used as a tes t  medium,the speed of sound r a t i o  i s  about  1/2 l e a d i n g  t o  a l e n g t h  
scale f a c t o r  of about  1/4 r e q u i r e d  f o r  s i m u l a t i o n  of g r a v i t y  f o r c e s .  However, t h e  
s i z e  of t h e  t u n n e l  dictates l e n g t h  scale f a c t o r s  of about  1/8 f o r  f i g h t e r s  and about  
1/20 f o r  l a r g e  t r a n s p o r t s .  Thus, t h e  models tested on the  mount system l i f t i n g  
t h e i r  weight  o p e r a t e  a t  l i f t  c o e f f i c i e n t s  much lower than  t h o s e  f o r  t h e  aircraft .  
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F o r  F r e o n  t e s t i n g ,  t h e  r e l a t i o n s h i p  be tween l i f t  c o e f f i c i e n t  and l e n g t h  scale 
f a c t o r  i s  

The L i f t - B a l a n c i n g  Device  

One means of a t t a c k i n g  t h i s  p rob lem i n  a approx ima te  manner,  f o r  s t u d i e s  where 
s i m u l a t i o n  o f  t h e  f l i g h t  l i f t  c o e f f i c i e n t s  i s  i m p o r t a n t ,  i s  t o  p r o v i d e  an e x t e r n a l  
f o r c e  i n  a d d i t i o n  t o  t h e  model w e i g h t .  Aga in ,  t h i s  f o r c e  must be a p p l i e d  w i t h o u t  
s i g n i f i c a n t l y  a l t e r i n g  t h e  dynamics  of t h e  s y s t e m ,  i . e . ,  i t  must have  small mass 
and  s t i f f n e s s .  Such a d e v i c e  h a s  been  d e v e l o p e d  and  i n s t a l l e d  i n  t h e  t r a n s o n i c  
dynamics  t u n n e l .  

The device u s e d  can  be d e s c r i b e d  as a v e r y  s o f t  pneumat i c  s p r i n g  and i t  i s  
shown s c h e m a t i c a l l y  i n  f i g u r e  10. E s s e n t i a l l y  t h e  d e v i c e  c o n s i s t s  of a c y l i n d e r  
h o u s i n g  a l i g h t - w e i g h t  p i s t o n ,  t h e  r o d  o f  which i s  a t t a c h e d  t o  t h e  model t h rough  
a f l e x i b l e  cable. The volume o f  a i r  on e i t h e r  s ide o f  t h e  p i s t o n  p r o v i d e s  a low 
s p r i n g  rate,  a n d ,  t h e r e f o r e ,  a minimum of  r e s t r a i n t .  Exhaus t  and i n l e t  v a l v e s  
are o p e r a t e d  t o  m a i n t a i n  an air p r e s s u r e  on t h e  p i s t o n  s o  t h a t  t h e  f o r c e  j u s t  
e q u a l s  t he  aerodynamic  l i f t  g e n e r a t e d  by t h e  model i n  excess of t h e  model w e i g h t .  
Angle  of a t t a c k  i s  changed  b y  a l t e r i n g  t h e  t a i l  i n c i d e n c e  a n g l e  and  t h e n  b a l a n c i n g  
t h e  a d d i t i o n a l  l i f t  p roduced  b y  t h e  model w i t h  t h e  b a l a n c i n g  d e v i c e .  

' An e s s e n t i a l  f e a t u r e  o f  t h e  d e v i c e  i s  a I1blow-by" p i s t o n ,  i . e . ,  a p i s t o n  t h a t  
d o e s  n o t  seal one  s ide of t h e  p i s t o n  f r o m  t h e  o t h e r .  Thus ,  i f  a s m a l l  i n c r e m e n t a l  
f o r c e  g e n e r a t e d  b y  t h e  model ( i n  a d d i t i o n  t o  t h e  s t a t i c  f o r c e  t h e  p i s t o n  i n  
c o u n t e r b a l a n c i n g )  c a u s e s  t h e  sys t em t o  be d i s p l a c e d  r a p i d l y ,  t h e  a i r  t e n d s  t o  e s c a p e  
a r o u n d  t h e  p i s t o n  r a t h e r  t h a n  b e i n g  compressed .  T h i s  r e d u c e s  any  change  i n  p i s t o n  
f o r c e  due  t o  movement o f  t h e  p i s t o n ,  and ,  t h e r e f o r e ,  s i g n i f i c a n t l y  r e d u c e s  t h e  
s t i f f n e s s  of t h e  s y s t e m .  The r e l a t i v e l y  l o o s e  f i t  of t h e  p i s t o n  a l s o  min imizes  
f r i c t i o n  i n  t h e  d e v i c e .  

The a d v a n t a g e s  of t h i s  d e v i c e  i n  combina t ion  w i t h  t h e  two-cab le  mount are as 
f o l l o w s  : 

1. The s y s t e m  i s  b o t h  s i m p l e  t o  fabr icate  and  o p e r a t e .  

2. L a r g e  l i f t  c o u n t e r b a l a n c i n g  forces can  be g e n e r a t e d .  

3 .  The s y s t e m  h a s  low mass, s t i f f n e s s ,  and  f r i c t i o n .  

4.  The i n h e r e n t  r e s t r i c t i o n  f o u n d  i n  t h e  two-cab le  mount w h i c h  re l ies  
on t h e  model j u s t  l i f t i n g  i t s  own we igh t  i s  r e l a x e d ,  a l l o w i n g  approx ima te  
s i m u l a t i o n  o f  h i g h  l i f t .  

The s i m u l a t i o n  i s  o n l y  a p p r o x i m a t e  b e c a u s e  t h e  p a r t  o f  t h e  t o t a l  l i f t  w h i c h  i s  
r e a c t e d  by  t h e  l i f t - b a l a n c i n g  d e v i c e  i s  c o n c e n t r a t e d  at or n e a r  t h e  model c e n t e r  of 
g r a v i t y .  Thus ,  t h e  s t r u c t u r a l  d e f o r m a t i o n s  a s s o c i a t e d  w i t h  t h i s  s i m u l a t e d  g r a v i t y  
force are n o t  t r u l y  scaled b e c a u s e  t h i s  f o r c e  d o e s  n o t  have  t h e  p r o p e r  d i s t r i b u t i o n .  
The proper d i s t r i b u t i o n  o f  g r a v i t y  f o r c e s  on t h e  model i s  a f o r m i d a b l e  e x p e r i m e n t a l  
p roblem.  The p r e s e n t  t e c h n i q u e  d o e s  c a u s e  t h e  model t o  p r o d u c e  t h e  c o r r e c t  t o t a l  
l i f t ,  however ,  t h e  d i s t r i b u t i o n  o f  l i f t  w i l l  be i n  e r r o r .  

A p p l i c a t i o n s  

I n  p r e p a r a t i o n  f o r  a s t u d y  of b u f f e t  l o a d s  and  r e s p o n s e ,  two d i f f e r e n t  "dummy" 
models  (described p r e v i o u s l y )  have  b e e n  i n v e s t i g a t e d  e x p l o r i n g  t h e  p e r f o r m a n c e  of 
t h e  l i f t - b a l a n c i n g  d e v i c e .  The d e v i c e  worked v e r y  w e l l  and d i d  n o t  c a u s e  any  
a d d i t i o n a l  s t a b i l i t y  problems at  modest l i f t  c o e f f i c i e n t s .  Two d i f f e r e n t  l i m i t a t i o n s  
i n  maximum o b t a i n a b l e  l i f t  c o e f f i c i e n t  w e r e  f o u n d .  I n  t h e  f i r s t  case, a t  c e r t a i n  
c o n d i t i o n s  i n v o l v i n g  e x t e n s i v e  r e g i o n s  o f  s e p a r a t e d  f l o w ,  t h e  model became d y n a m i c a l l y  
u n s t a b l e ,  n o t  u n l i k e  t h e  a i r p l a n e .  The u s e f u l n e s s  of t h e  t e c h n i q u e  f o r  s t u d y i n g  
s t a b i l i t y  c h a r a c t e r i s t i c s  at  h i g h  l i f t  h a s  n o t  been  e x p l o r e d  b u t  shows p r o m i s e .  , 

I n  t h e  s e c o n d  case, t h e  aerodynamic  c o n t r o l  power w a s  r e s i s t e d  b y  t h e  r e s t o r i n g  
moments of t h e  mount sys t em at a n g l e s  of a t t a c k  below t h e  desired a t t i t u d e .  T h e r e  
are s e v e r a l  a p p r o a c h e s  a v a i l a b l e  t o  overcome t h i s  la t ter  l i m i t a t i o n  and  one  approach  
h a s  b e e n  s u c c e s s f u l l y  d e m o n s t r a t e d .  The model of a l a r g e  s u b s o n i c  bomber d e s c r i b e d  
p r e v i o u s l y  i n  c o n n e c t i o n  w i t h  g u s t  f r e q u e n c y  r e s p o n s e  f u n c t i o n  measurements  w a s  
s u c c e s s f u l l y  tested up  t o  i t s  maximum l i f t  c o e f f i c i e n t  where i n s t a b i l i t y  o c c u r r e d .  
I t  w i l l  be recalled t h a t  t h i s  model w a s  s u p p o r t e d  on a v a r i a t i o n  of t h e  t w o - c a b l e  
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mount system which h a s  v e r y  low r e s t o r i n g  moments. Thus, t h e  aerodynamic c o n t r o l  
power w a s  adequate  t o  force t h e  model t o  d e s i r e d  a t t i t u d e s .  

CONCLUDING REMARKS 

Techniques f o r  wind-tunnel  s t u d i e s  of a v a r i e t y  of s t a b i l i t y ,  c o n t r o l ,  and 
response  c h a r a c t e r i s t i c s  of elastic a i r c r a f t  which are i n  u s e  at  t h e  NASA Langley 
t r a n s o n i c  dynamics t u n n e l  have been d e s c r i b e d .  A l l  of t h e s e  methods employ a 
dynamic, a e r o e l a s t i c a l l y  s c a l e d  model suppor ted  on a s imple two-cable mount system 
which p r p v i d e s  c l o s e  s i m u l a t i o n  of f ree-f l i g h t  c o n d i t i o n s .  The mount system has 
proven t o  be v e r y  v e r s a t i l e  and,  w i t h  v a r i a t i o n s ,  h a s  been s u c c e s s f u l l y  a p p l i e d  
t o  s e v e r a l  d i f f e r e n t  problems. Both s ta t ic  and dynamic c o n t r o l  e f f e c t i v e n e s s  and 
s t a b i l i t y  d e r i v a t i v e s  have been s t u d i e d  us ing  t h e  b a s i c  approach fo l lowed i n  f l i g h t  
f e s t i n g ;  namely, measuring t h e  response of t h e  model t o  known c o n t r o l  i n p u t s .  
Response t o  s i n u s o i d a l  g u s t s  have been i n v e s t i g a t e d  u s i n g  t h e  b a s i c  model-mount 
system i n  conjunct ion  wi th  a d e v i c e  t o  impar t  s i n u s o i d a l  g u s t s  t o  t h e  wind-tunnel  
airstream. And, f i n a l l y ,  problems a s s o c i a t e d  w i t h  h igh  l i f t  such as b u f f e t i n g  have 
been s t u d i e d  b y  adding a d e v i c e  t o  t h e  b a s i c  arrangement which compensates f o r  t h e  
l i f t  i n  excess of t h e  model weight  wi thout  sacrifice of model freedom of movement. 
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Tz-iz CABLE 

Figure 1. Two-cable-mount system. 

2 

Figure 2. Two-cable-mount configuration. 
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OLD METHOD NEW METHOD A Tr AT 
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DAMPING LUMPED AT c.g. P 

DAMPING ACTING AT PULLEY 

F i g u r e  3 .  Mount damping. 

F i g u r e  4.. Lang ley  t r a n s o n i c  dynamics  t u n n e l  airstream o s c i l l a t o r  
V i e w  l o o k i n g  downstream toward  model w i t h  cu taway  showing 
s c h e m a t i c  of mechanism. 
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Figure 5 .  Modified two-cable-mount system. 
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Figure 6 .  Calculated and measured "Rigid" model response 
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Figure 7. Aileron effectiveness measurements. 

Figure 8. Comparison of flight measurement and model 
predicted aileron effectiveness. 
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F i g u r e  9. Two-cable-mount w i t h  r o l l  c o n t r o l  d e v i c e .  

LIFT-BALANCING 

EQUAL TO LIFT GENERATED BY MODEL 

F i g u r e  10. L i f t - b a l a n c i n g  d e v i c e  for t e s t i n g  models at  h igh-  
l i f t  c o e f f i c i e n t  . 
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The paper discusses the  lceds which should be measured i n  s t ruc tura l  in tegr i ty  t e s t s  
and reviews the  teolmiques available f o r  the interpretation of strain meesurements for 
such purposes. 
f o r  the  study of many loading actions but a howledge of the  local  in te rna l  l c d s  i s  required 
when the  environment of flight provides the loading actions. 
turbulent air and t-g Over a rough run we^. 
s t r a i n  gauges and adhesives are not discussed. 

There i s  a needoto measure the  overall  l c d s  acting on the  major components 

These occur i n  f l i g h t  through 
Instrumentation problems: recording equipment, 

Le present a r t i c l e  e s t  consacre' 1'6tude des charges qui dcivent '8tre m e s h e s  au COWS 
des essais d'int6grit6 structurale e t  A l'examen des techniques disponibles pour in te rpr6 ter  
les mesures obtenues A ce t  e f f e t  avec les  jauges de cont rah te .  Pour 1'6tude de nonbrew 
cas de chargement, il y a l i e u  de msurer llensenble des charges agisaant sur l e s  616ments 
principaux m a i s ,  lorsque les  chargements sont dus aux conditions anbiantes du v01, il e s t  
nhcessaire de connaitre les charges internes locales. 
le cas de vol  en air turbulent e t  de roulement au s o l  sur nauvaise pisten. 
les problbnes d'instrunente.tion, 
oontrainte e t  les  adh6sifs. 

De t e l s  chargements se manifestent dans 
On ne traite pas 

savoir l e s  materiels d'enregistrement, les jawes de 
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1. INTRODUCTION 

The trend i n  airworthiness requirements has been t o  discard the  unrea l i s t ic  c r i t e r i a  
which once formed the  bas i s  of the strength and s t i f fnes s  requirements and t o  replaoe them by 
more ra t iona l  loading actions in which the  appropriate inputs a re  applied t o  the f l ex ib l e  
aircraft. 
allows the  investigations t o  ca te r  f o r  the  influences of s t ruc tura l  f l e x i b i l i t y  and mass 
dis t r ibu t ion  as well as f o r  the effect  of the time element in the disturbance. 
limitations in such comprehensive calculations and experimental ver i f ica t ion  of the theore t ice l  
conclusions by suitable f l i g h t  measurements i s  most desirable. 
separated i n t o  two regimes of interest .  
lo&, i.e. the algebraic sum of the a e r o d y n d c  and inertia loads, acting on a major compollent 
when the loading action i s  M t i a t e d  by the  p i lo t  and when the  s t ruc tura l  response i s  of 
l i t t l e  consequence. 
environment provides the loading action. 
ta;pying over a rough runway. 
distributions and the investigations would then establish the  magnitudes and frequencies ,of 
oocurrence of the in t e rna l  loads and t h e i r  correlations with the  sever i t ies  of the environments 
expected during the operational xf6 of the  aircraft. 
gauges attached t o  selected structural members. 
distributions and accelerations mould seem t o  be precluded because the in te rna l  lo& would be 
obtainable only through stressing analyses of the  measured overall  loads. 
formidable task  involving the  investigation of a multiplicity of f l i g h t  conditions, eaoh of 
which may be significant at a par t icu lar  point i n  the  structure. 

i n  1957 (I). 
regarding the  techniques required t o  meet changes i n  aircraft design and i n  design philosophy. 
The bulk of the investigations he.ve been made i n  America; this br ie f  survey draws on this 
experience, and a l so  on t ha t  obtdned i n  Br i t i sh  experiments made during the past few years. 
Instrumentation problems, recording equipment, s t r a in  gauges, and adhesives, a re  not discussea 
and the paper i s  concerned only with the interpretation and use of the  measured strains. 

These refinements have been encouraged by the  ava i lab i l i ty  of the  computer which 

There must be 

The investigations oan be 
Fi rs t ly ,  there i s  the  measurement of t he  net overall  

Secddly, there i s  the  measurement of the  loca l  structural loads when the  
Typical cases are f l i g h t  through turbulent air and 

I n  these cases the structural response may dominate the,load 

This t ask  can best  be done with strain 
The alternative of measuring pressure 

T h i s  would be a 

The technique t o  measure overall  loads w a s  last discussed by the  Fluid Mechanics Panel 
Since then there have been many f l i g h t  load investigations but l i t t l e  i n f o m t i o n  

2. IITERFRETATION OF FLIGHT h W l J R E D  ST'FLAIKS 

2.1 Overall Loads 

Sarly attempts t o  exploit s t r a in  measurements in f l i g h t  investigations used essent ia l ly  
equilibrium methods f o r  t h e i r  interpretation and, in general, mere found t o  be unsatisfactory. 
The deficiencies were not i n  the  p e r f o r m c e  of t he  s t r a i n  gauge, nor i n  the  conversion of 
the response in to  a s t r e s s  but arose from the  inaccuracies i n  comparing the  measured s t resses  
x i th  those e i the r  cdcu la t ed  i n  the  stressing or meawed at  similar positions on the  strength 
t e s t  specimen. 
and, as a lso  in the case of the s t resses  measured on a t e s t  specimen, they were known only f o r  
a limited number of design cases which d id  not necessarily match the  f l i g h t  conditions. 
derivation of the overell load parameters, bending moment Id, torque T and shear V a t  the  
partioulsr section introduced further e r rors  from the uncertainties i n  the  effective areas and 
moment arms t o  be associated with the  measured stresses.  The philosophy adopted in Br i t i sh  
f l i g h t  programmes was t o  use s t r a in  gauges as transducers f o r  loEd determination and not f o r  
the investigation of s t r e s s  distributions i n  the structure. 
did not produce good agreement with the lmown loads applied i n  major strength t e s t s  i n  nhich 
veSy extensive gauge ins ta l la t ions  could be used i n  t h e i r  d e t e d n a t i o n .  
report (2) emphasised the importance of calibrating the more limited f l i g h t  ins ta l la t ions  i n  
order t o  assess the accuracy of t he  measuring system. 

The calculated stresses were usually subject t o  meny simpliQ6ng assumptions 

The 

A knowledge of such distributions 

The ea r l i e s t  Br i t i sh  

The d i f f i c u l t i e s  of the equilibrium methoc? were overcome by a s t a t i s t i c a l  technique 
which was developed by the NACd (3) and, stimul&ed by the mandatory requirement t o  measure 
f l i gh t  loads on Americen military a i rc raf t ,  has been used extensively since the  early 1959's. 
I n  general, a s t r a in  gauge ins ta l led  i n  the  structure m i l l  respond t o  tno or more of the  
parameters bi, T and V. 
successive application of an individual load at a number of s ta t ions  on the structure. 
gauges are usually ins ta l led  across a section of the  structure t o  measure the loca l  shear and 
bending s t ra ins  in the main s t ruc tura l  elements and these quantit ies are dependent on the  
position of the cnlibrstion lozd i n  a siople or complex manner according t o  the d e t a i l  design 
of the structure. 
can be combined such tha t ,  f o r  example 

The NhCA method uses a sample of gauge responses obtained from the  
The 

It i s  then asswed tha t  the responses J+, b.... of the gauges G G 
1 2"" 

where bi i s  the  overall  ben,ding moment at the chosen section and p 1 1 9  P12, PI3 etc.  are 
ooefficients obtained from the calibration data by regression analysis. 
a re  obtained f o r  the shear and torque. 

Similar equztions 
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There a re  two possible arguments f o r  the application of these regressions f o r  the  estimation 
of a f l i g h t  loading: 

(a )  A s ta t i s t ica l .  argument tha t  the individual load sample i s  representative of the 
whole population of loadings and thab any f l i g h t  loading must be a member of t ha t  
population. 

An argument tha t  the f l i g h t  loading i s  the summation of proportions of the  individual 
loads. 
can t h e i r  sum be estimated. 

(b) 
Each of these can be estimated by the  regressions and consequently so also 

It i s  extremely d i f f i c u l t  t o  establish the  va l id i ty  of (a )  and thus the  use of t he  
s t a t i s t i c a l  standard. e r ro r  of the estimate of a distributed loading from the variances and 
covariances of the regression analysis would be dubious. 

The ju s t i f i ca t ion  f o r  (b) requires the s t ruc ture  t o  conform with the principle of 
superposition and the mesh s ize  of the Calibration must provide sa t i s fac tory  representations 
of the continuously distributed loadings encountered i n  f l i gh t  and of the a s swia t ed  gauge 
responses. Theoretically the regressions can be used over a l imi t less  range of centres of 
pressure but, i n  practice, the accuracies of the estimation of any dis t r ibu ted  loading w i l l  
vary with the centre of pressure. 
t o  measure d is t r ibu ted  lowiings on medium t o  high aspect r a t i o  structures. 

Accuracies within 236 axe usually claimed f o r  applications 

An application of the technique t o  measure Lightning fin loads (4) i l l u s t r a t e  the 
d i f f i c u l t i e s  of applying it t o  multi-spar constructions of low aspect ra t io .  
the gauge in s t a l l a t ions  and loading pad positions f o r  the measurement of Y, T and V at a 
section 0.6% from the root. 
the shear and bending moment gauges on spar 5 with the position of the ca l ibra t ion  load. 
s ens i t i v i ty  with the location of the load demonstrates t ha t  distance i s  required f o r  reasonable 
diffusion of the loads i n t o  the  structure and this i s  not available f o r  loads inboard of Bib 3. 
The d i f f icu l ty ,  common t o  all low aspect r a t i o  structures, i s  reflected in la rge  standard 
e r rors  of the regressions. 
sample comprised of the original individual load calibrations and various d is t r ibu ted  loadings 
appropriate t o  the f l i g h t  conditions under investigation. 
were obtained by suitable weighting of the individual load data. 
the  d is t r ibu ted  loadings are shown i n  Figure 4. The accuracies of the two se t s  of regressions, 
one based on the original sample and the other based on the mixed load sample, can be oompared 
i n  Figures 5 and 6. 
reasonable matching of the  f l i g h t  responses, suitably scaled, with the appropriate members of 
the sample as i l l u s t r a t ed  i n  Figure 7. 
loadings can be important fac tors  i n  obtaining the agreement. 

Figure 1 sharps 

Figures 2 and 3 i l l u s t r a t e  the variations in the responses of 
The 

The basic NACA method was modified by changing t o  a mixed load 

The response da ta  f o r  the  l a t t e r  
The centres of pressure of 

The acceptance of similar accuraoies f o r  a f l i g h t  10- demands a 

Mesh s ize  and the  composition of the sample d is t r ibu ted  

The Lightning f i n  investigation aid not introduce problems from the  supports because 

These 
the ca l ibra t ion  loads were reacted at  the main undercarriages. 
$0 obtain ca l ibra t ion  data fo r  loading positions inboard of the measuring section. 
data with an associated zero load input were included i n  the  individual load sample and were 
also taken i n t o  account i n  the  superposed loadings. 
affected d i rec t ly  by the  reactions of the supports it is  necessary t o  extend the calibrations 
over the whole of t he  a i r c ra f t .  
based on this data and, because the system i s  in equilibrium, the e f fec ts  of the  supports 
would disappear. 
calibrations can a l so  be used for the estimation of f l i g h t  loadings. 

Nevertheless it was necessary 

In cases where the  gauge responses are 

The gauge responses f o r  d i s t r ibu ted  loadings would then be 

For similar reasons a regression based on the  comprehensive individual load 

I n  the Lightning investigations the gauge responses were combined mathematically a f te r  
recording. 
the  regressions pr ior  t o  recording. 
but increased the number of gauge in s t a l l a t ions  because usually the gauge s t a t ions  were 
required f o r  more than one load parameter. 
the efficiency of the  e l e c t r i c a l  combinations. 

In e a r l i e r  applications the gauges were often combined e lec t r ioa l ly  acoording t o  
T h i s  technique reduced the  demands on recording channels 

An additional calibration was necessary t o  check 

An a l te rna t ive  method assumes tha t  the response of each gauge i s  a l i nea r  function of 
M, T and V. 
equations f o r  three selected gauges can be used t o  determine the overall load parameters 
from the appropriate f l i g h t  responses. 
but the assessment of i t s  accuracy presents some d i f f i cu l t i e s .  

The coefficients can be obtained from the ca l ibra t ion  data and the  simultaneous 

The method has been used i n  Br i t i sh  investigations 

2.2 L o c a l  Structural  Loads 

A most significant design trend during the past decade has been an increasing in t e re s t  
i n  dynamic loading actions rather than i n  the quasi-steady f l i gh t  conditions implicit  i n ' t h e  
e a r l i e r  design requirements. This i n t e re s t  has been possible because of the  ava i l ab i l i t y  of 
large capacity computers t o  do the necessary calculations which take i n t o  account the static 
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dynamic influences of s t ruc tura l  f l e x i b i l i t y  and mass distribution. The introduction of 

This i s  particularly so 
the time element i n to  the  response calculations leads t o  phase differences i n  the m a x i m u m  
loads i n  the  various s t ruc tu ra l  elements during the loading action. 
fo r  f l i gh t  through turbulence and the complexities introduced in the design procedures have 
been discussed i n  recent American reports (5) and (6). 
cona t ions  present similzr d i f f icu l t ies .  
fatigue l i f e  assessment which depends on the  ident i f ica t ion  of these regions where loca l  damage 
may occur and i n i t i a t e  a major s t ruc tura l  fa i lure .  
of the loca l  loads and t h e i r  frequencies of occurrence during the operational l i f e  of t he  
aircraft and the d e t a i l  design of the  structure may be an important factor. 
the emphasis changes from the overall  load parameters t o  the loca l  loads. 
even if fortuitous,  t ha t  there has been a general adoption of f i n i t e  element methods i n  the  
stressing procedures. Those methods, essent ia l  f o r  designing low aspect r a t i o  structures,  use 
computer programmes t o  calculate the s t resses ,  o r  loads, i n  the s t ruc tura l  elements of the 
mathematical model of the structure. 
in a simple manner t o  the bending moment, torque and shear a t  a selected section. 

Flight load investigations under such 
There has a l so  been a greater concern regarding 

A successful assessment requires knowledge 

For these reasons 
It i s  convenient, 

These s t r e s s  d i s t r ibu t ions  w i l l  not necessarily be re la ted  

Thus i n  order t o  assist the  designer it i s  necessary t o  in te rpre t  the  f l i g h t  strain 
measurements as loca l  s t ruc tu ra l  loads - a proposition which was abandoned i n  the 1940s. An 
immediate consequence of the  design trends i s  an increase i n  the  gauge ins ta l la t ions .  
guidance, based on technical appraisal  or prac t ica l  experience, i s  required on the points of 
measurements and whether t he  loca l  spanwise or chordwise loads a t t r ibu tab le  t o  shear or bending 
moment, o r  both, should be measured. 

Some 

It would be unprofitable, i f  not impossible, t o  measure the  s t resses  at a loca l  s t r e s s  
concentration, e i the r  f o r  a d i r ec t  fa t igue  l i f e  assessment or f o r  an extrapolation t o  ultimate 
or limit load conditions, 
at points where the s t r e s s  i s  reasonably uniform and measure the uni-directional s t resses  
in the spar and r i b  flanges and shear s t resses  i n  webs and surfaces rather than the s t r a ins  
induced by the  b iax ia l  s t r e s ses  i n  the  surfaces of the component. 
use of multi-gauge in s t a l l a t ions  which w i l l  maximise the bridge outputs and a l so  improve 
temperature compensation. 
the design clearance calculations and Figure 8 i l l u s t r a t e s  three methods of obtaining the  
necessaq  "calibrations" of the  gauges, i n  order t ha t  gauge interpretations a re  compatible 
with the stressing. 
substantiation trials, 
manoeuvre was used t o  in te rpre t  the  responses obtained from each gauge during f l i g h t  through 
turbulence. This allowed the comparison of the "equivalent c.g. accelerations" a t  each 
s t a t ion  with the  accelerations at the  centre of gravity t o  be made e i the r  by leve l  exeedences 
o r  by root-mean squares (m). 
ar i s ing  from the  dynamic response of the  a i rc raf t .  
manoeuvre were estimated by normal stressing methods and the gauge responses mere thus converted 
i n t o  l o c a l  loads. 
with the responses of similarly positioned gauges in the  fatigue t e s t  specimen. 
eliminated the need t o  know the load dis t r ibu t ion  of the steady menoeuvre and t o  estimate the 
in te rna l  loads fo r  both tha t  d i s t r ibu t ion  and the  particular loading applied t o  the t e s t  
specimen. 
and of possible variations in the  dimensions of t he  f l i g h t  and t e s t  specimens. 
in te rpre ta t ions  did not require a load ca l ibra t ion  of the  t e s t  a i rc raf t .  
done, as in the  case of a Lightning f i n  investigation, the f l i g h t  gauge responses can be 
compared with those fo r  fa t igue  t e s t  conditions by the superposition of the ca l ibra t ion  data. 
The expected operational experiences f o r  these par t icu lar  aircraft were established from 
counting accelerometer readings and consequently it w a s  considered suf f ic ien t  t o  es tab l i sh  the  
correlations between the  in te rna l  loads and c.g. accelerations measured by accelerometer of 
similar charac te r i s t ics  . 

A t  t h i s  stage i n  the  art it appears preferable t o  install the gauges 

T h i s  r e s t r i c t ion  allows the 

It i s  important t ha t  the  f l i g h t  measurements can be incorporated i n  

Each of these methods have been used i n  recent Br i t i sh  fa t igue  l i f e  
I n  two experiments the response obtained from a steady symmetric 

These comparisons indicated the degree of "amplificatio" 
The in te rna l  loads induced by the  steady 

I n  another investigation the f l i g h t  measurements were used i n  association 
T h i s  method 

It did however introduce some uncertainties of "identical" gauge in s t a l l a t ions  
Such 

When this has been 

If the  gust input had been measured d i r ec t ly  it would have been possible t o  obtain t r ans fe r  
functions at each gauge s t a t ion  from spec t ra l  analyses of the  gust input and the gauge responses. 
These t ransfer  functions could then be compared with theore t ica l  calculations and used with 
a "standard" turbulence spectrum t o  provide estimates of No. (number of crossings of the 
mean value per unit  time) and A (nus stress o r  load/rms gust) f o r  analytical  studies of fatigue 
l i f e  and l i m i t  design conditions. M a n y  s t ruc tu ra l  components a re  designed by the interaction 
of d i rec t  and shear loads and consequently it  would be necessary t o  obtain the cross spectrum 
and coherency function t o  determine whether the two loads are correlated. 
f l i g h t  measurements are a d i r ec t  source of data f o r  these l a t t e r  analyses. 
such experiments and the use of spec t ra l  techniques are discussed i n  reference 7. 

Incidentally, 
The design of 

' 

3. INTERPRFTATION OF GROUND W U R E D  STRAINS 

The gauge in s t a l l a t ions  outlined above could be used f o r  general s t ruc tura l  load 
measurements under landing and ground manoeuvring conditions. There s t i l l  remains, however, 
the need t o  establish the s t ruc tu ra l  i n t eg r i ty  of the undercarriage. The landing cases have 
a l w a y s  been d i f f i cu l t  to ' inves t iga te  experimentally - par t ly  because p i lo t s  a re  reluctant t o  
land at ve r t i ca l  ve loc i t ies  near the specified value and partly because of the  problems of 
measurement. 
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Despite t h e  apparent s impl ic i ty  of t h e  average undercarriage s t r u c t u r e  t h e  measurement of 
t h e  t h r e e  load  parameters - v e r t i c a l  load 7, drag load 3 and s i d e  load S - presents  many 
formidable problems, espec ia l ly  f o r  tile landing conditions. 
a common point :  
contact  and t h e  drag load through t h e  hub o r  t h e  point of t y r e  contact  according t o  whether t h e  
load i s  from spin-up o r  from an appl ica t ion  of t h e  brakes. 
and drag loads a r e  deduced from bending s t r a i n  measurements and thus t h e  geometry of t h e  under- 
carr iage,  which changes under t h e  ac t ion  of t h e  var ious loads, and t h e  a t t i t u d e  of t h e  a i r c r a f t  
r e l a t i v e  t o  t h e  ground must be  known before a r e l i a b l e  es t imate  c m  be made of t h e  ground loads. 
The system behaves i n  a non-linear fashion because of damping and general ly  a t  l e e s t  two of t h e  
load parameters use t h e  same load path, The time h is tory  of t h e  drag load i s  dependent on the  
hor izonta l  speed and t h e  l o c a l  condi t ions of f r i c t i o n  whereas t h a t  of t h e  v e r t i c a l  losd  depends 
on t h e  r a t e  of v e r t i c a l  descent and t h e  c h a r a c t e r i s t i c s  of t h e  shock absorber system. Thus t h e  
two loads w i l l  not  usual ly  maximise a t  t h e  same o r  r e l a t e d  times a f t e r  touch-down, and t h e  
processing of any p r a c t i c a l  measurements can be most complicated. 
s a t i s f a c t o r y  t o  achieve reasonable accuracy only at t h e  maximum load condi t ions and the  
appropriate  geometries would then be needed f o r  a very l imi ted  number of conditions. 

The t h r e e  loads do not a c t  through 
t h e  v e r t i c a l  load a c t s  t h r o w h  t h e  hub, t h e  s i d e  load through t h e  point  of t y r e  

I n  many p r a c t i c a l  cases  t h e  s ide  

' 

However, it should be 

The procedure adopted i n  previous inves t iga t ions  has been t o  s e l e c t  t h e  more promising 
posi t ions for t h e  s t r a i n  gauges and then t o  c a l i b r a t e  t h e  system for various geometries by t h e  
separate appl ica t ion  of s t a t i c  loads V, D and S at t h e i r  appropriate  posi t ions.  If reference 
axes i n  t h e  undercarriage a r e  adopted t h e  c a l i b r a t i o n s  must include moments about t h e  chosen 
axes as wel l  as loads along then. 
t o  cater for t h e  moment deternunat ion but some advantage accrues because t h e  need t o  measure t h e  
a t t i t u d e  of t h e  a i r c r s r t  vanishes. 
ground loads a r e  t o  be  establ ished.  I n  soue experiments t h e  undercarriage conponents have been 
ind iv idua l ly  c a l i b r a t e d  and t h e  re la t ionships  between t h e  var ious parameters and t h e  gauge 
responses a r e  based on t h e  geometry of the  assembly. 
components can of ten  mask s i g n i f i c a n t  i n t e r a c t i o n  e f f e c t s :  
load from a bending s t r a i n  may be inaccurate  because of the  addi t iona l  bending moment induced by 
a v e r t i c a l  load a c t i n g  on a s t r u c t u r e  def lected by the  drag load. For such reasons and t o  a1l.v 
doubts t h a t  t h e  s t a t i c  c a l i b r a t i o n  procedure can c a t e r  adequately f o r  dynamic condi t ions i t  i s  
recommended t h a t  t h e  accuracies  of es t imat ion should be checked with gauge response d a t a  obtained 
from drop tes ts  of t h e  undercarriage on a c a l i b r a t e d  platform which provides independent 
measurements of V, i) and S. 

There i s  a consequential need f o r  addi t iona l  gauge s t a t i o n s  

However, t h i s  l a t t e r  measurement i s  s t i l l  required i f  t h e  

The use of separate  loads o r  c a l i b r a t e d  
for example t h e  est imate  of a drag 

It i s  evident  from t h e  preceding discussions t h a t  t h e  processing of t h e  d a t a  could be most 
time consuming, and as an a l t e r n a t i v e  i t  might be expedient t o  introduce s t a t i s t i c a l  methods and 
t o  e s t a b l i s h  re la t ionships  between t h e  load p r a m e t e r s  and t h e  gauge responses by regression 
analysis .  The sample d a t a  could be obtained i n  one of t h e  following ways; 

(a) from a s e r i e s  of drop t e s t s  on a c a l i b r a t e d  platform i n  which drag and s i d e  
load condi t ions would be  simulated by pre-rotat ion and moving platform techniques 
( t h e  wedge technique would be unsa t i s fac tory  because i t  produces drag or s i d e  
loads  which a r e  d i r e c t l y  cor re la ted  with the  v e r t i c a l  load throughout t h e  impact 
cyc le)  ; 

from a number of s t a t i c  c a l i b r a t i o n s  i n  which var ious combinations of V, D and S 
a r e  appl ied t o  an undercarriage; 

from t h e  superposi t ion of response d a t a  obtained from component c a l i b r a t i o n s  and 
a howledge of t h e  geometries of t h e  undarcarriage. 

(b) 

(c )  

It would b e  most convenient i f  t h e  regressions could be used universal ly  but  i t  i s  more 
l i k e l y  t h a t  acceptable  accuracies  w i l l  be obtained only f o r  a l imi ted  range of geometry. 
samples t o  match particular ranges would be required. 

Thus 

The preceding discussion has been wr i t ten  with t h e  single-wheel or twin-wheel undercarriage 
i n  mind. For these  t h e  s e l e c t i o n  of the  c r i t i c a l  condi t ions from t h e  time h i s t o r i e s  of  t h e  
load parameters should not be  unduly 'd i f f icu l t .  
t h e  f r o n t  o r  r e a r  wheels contact  t h e  ground i n i t i a l l y  and t h e  bogie beam r o t a t i o n  i s  cont ro l led  
by a shock absorber u n t i l  eventual ly  t h e  o ther  wheels impact with t h e  ground. 
t h e  c r i t i ca l  ground loads w i l l  be  deduced from t h e  time h i s t o r i e s  of t h r e e  loads  and t h r e e  
moments a t  each end of t h e  beam and from t h e  shock absorber load. 
a r i s e  from t h e  f a i r l y  l a r g e  changes i n  geometry. The loads from ground manoeuvring should be 
easier t o  determine because t h e  r a t e s  of change of t h e  loads and of  t h e  geometries w i l l  not  be  
so  high. 

I n  t h e  case of bogie undercarriages, e i t h e r  

Thus, in general, 

A f u r t h e r  complication w i l l  

With u n c e r t a i n t i e s  regarding t h e  points  of l i k e l y  fa t igue  f a i l u r e  and t h e  na ture  of t h e  
V, D and S loadings it would seem more r a t i o n a l  t o  assemble load spec t ra  for t h e  var ious 
components, such as drag s t r u t ,  shock absorber, brake rods, torque l i n k s  etc .  by d i r e c t  
measurement under t y p i c a l  operat ing condi t ions r a t h e r  than by t h e  inspect ion of t h e  o v e r a l l  loads. 
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4. DATUM LEVELS 

The relevant  f l i g h t s  parameters - speed, a l t i t u d e ,  accelerat ions,  pi tch,  r o l l  and yaw 
a t t i t u d e s  and rates, c o n t r o l  sur face  pos i t ions  etc .  - must a l s o  be  measured t o  i d e n t i f y  t h e  
p a r t i c u l a r  f l i g h t  condition. 
number of f l i g h t  condi t ions matching t h e  c r i t i c a l  modes of major s t r u c t u r a l  f a i l u r e  and i d e a l l y  
f o r  structural i n t e g r i t y  t e s t s  i t  would be  des i rab le  t o  compare d i r e c t l y  t h e  f l i g h t s  loads  with 
t h e  unfactored loads  of t h e  design conditions. 
t h e  measured f l i g h t  loads would then be  used t o  e s t a b l i s h  confidence i n  t h e  loading a c t i o n  
calculat ions.  
impossible t o  match f l i g h t  and design condi t ions o r  i t  may be  t o o  hazardous t o  simulate an 
emergency condi t ion spec i f ied  f o r  t h e  aircraft. 
choice of datum l e v e l s  from which t h e  gauge readings w i l l  be in te rpre ted .  
ground s t a t i c  condi t ions do not always correspond t o  zero load l e v e l s  i n  t h e  component and t h e  
est imat ion of t h e  re levant  ground loads introduces some uncertainty. 
gauge inves t iga t ions  t h e  use of ground zero readings was dubious because of d r i f t s  of t h e  gauges 
and recmiing equipment. 
as ha l f  o r  whole br idge i n s t a l l a t i o n s  and f u r t h e r  ga ins  accrue from t h e  use of "selective-meltn 
gauges whose temperature c h a r a c t e r i s t i c s  are matched with those of t h e  s t r u c t u r a l  material. 
An h e r i c a n  technique e s t a b l i s h e s  datum l e v e l s  of zero stress i n  f l i g h t ,  but  it involves  the  
assumptions t h a t  "zero-g and zero-ql' condi t ions produce zero stress throughout t h e  s t r u c t u r e  
and t h a t  t h e  corresponding gauge responses can be extrapolated with confidence from measurements 
taken during ro l le r -coas te r  manoeuvres at  var ious speeds. 

In genera l  it should be  necessary t o  invest 'igate a l i m i t e d  

However t h i s  may not always be possible  and 

The shortcomings a r i s e  from two sources. F i r s t l y ,  it may be p b s i c s l l y  

Secondly, there  a r e  d i f f i c u l t i e s  * i n  t h e  
. Recordings taken a t  

I n  t h e  e a r l i e s t  s t r a i n  

Some improvement i s  ef fec ted  by temperature compensated systems such 

I n  many of t h e  B r i t i s h  inves t iga t ions  only t h e  incremental gauge responses from t h e  l g  
l e v e l  f l i g h t  condi t ions have been i n t e r p r e t e d  as loads, i t  being assumed t h a t  t h e  loading at l g  
f l i g h t  condi t ion i s  known t o  reasonable accuracy. 
s t a t i c  l e v e l s  when t h e r e  i s  evidence of the  s t a b i l i t y  of t h e  instrumentat ion b u t  t h e  increments 
from these l e v e l s  may then include thermal loads as wel l  as t h e  usual  i n t e r n a l  loads. 
envisaged t h a t  t h e  gauge i n s t a l l a t i o n s  w i l l  be i n t e r n a l  and thus protected from any rap id  changes 
i n  teinperature but  doubt less  t h e  gauges would respond t o  any se l f -equi l ibra t ing  loads induced by 
d i f f e r e n t i a l  expansions of t h e  s t ruc ture .  
through turbulence it i s  most un l ike ly  t h a t  t h e  l g  l e v e l  f l i g h t  datum l e v e l s  w i l l  change. Thus 
t h e r e  a re  many advantages t o  be  geined from using incremental s t r a i n s  from f l i g h t  based zeros  
f o r  t h e  est imat ion of t h e  ne t  loads. 

This does not preclude t h e  use of ground 

It i s  

However i n  t h e  time s c a l e  of a manoeuvre or f l i g h t  

CONCLUSIONS 

Techniques a r e  ava i lab le  f o r  t h e  i n t e r p r e t a t i o n  of s t r a i n  gauge measurements e i t h e r  as 
o v e r a l l  loads on t h e  major s t r u c t u r a l  components or as l o c a l  loads i n - t h e  s t ruc ture .  
presentat ion i s  s a t i s f a c t o r y  for t h e  study of many lo-ding ac t ions  but  l o c a l  load infonnat ion i s  
more re levant  when s t r u c t u r a l  f l e x i b i l i t y  and mass d i s t r i b u t i o n  inf luence t h e  response of t h e  
a i r c r a f t  t o  t h e  disturbance. 
on rough runways, t h e  problems of t r a n s f e r r i n g  t h e  measured loads i n t o  t h e  design procedures 
r e f l e c t  t h e  complexities of t h e  a n a l y t i c a l  treatment of these loading act ions.  
can be l i t t l e  doubt of t h e  need t o  subs tan t ia te  t h e  conclusions of t h e o r e t i c a l  s t u d i e s  by 
comprehensive f l i g h t  s t r a i n  measurements. 

The former 

I n  t h e  p a r t i c u l a r  cases  of f l i g h t  through turbulence and taxying 

ilowever t h e r e  

The measurement of undercarriage loads present many problems end it seems unl ikely t h a t  
such programmes w i l l  be as successful  as t h e  measurements t o  e s t a b l i s h  t h e  s t r u c t u r a l  i n t e g r i t y  
of t h e  o ther  major components. 
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Position and identificotion 
of loodinq pad 

Position of strain qauqe bridqe 
0 Bendinq bridqe -even numbcrs ’ Shear bridqe -odd numbers 

2.165 m 
- 

F i g .  1 S t r a i n  gauge b r i d g e  and l o a d i n g  pad p o s i t i o n s  

~- 

I SpOr2 I spar3 I spor4 I spar 5 

F i g . 2  Response of s h e a r  gauge 8 on Spar  5 w i t h  p o s i t i o n  of u n i t  load  
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F i g . 3  Response of bending moment gauge e on Spar 5 with posit ion of load 
(Load scaled t o  produce unit bending moment) 

True centres of pressure 
x Centres of pressure 

est imated from regrassions 

Torque 
axis 

I x;5 

/ 

n 

Fig .4  Centres of pressure of distributed load sample 
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- Flight responses 
--- Sample responses 

3001- 

M = 0.9 AI t = 6350 m Indicated SS - -3.75. Normal accel s t.19 

Centre of pressure of eample lood Sponwise D 1.41 Chordwise = -I*25m 
Estimotd antreof presoure of sample load Spanwise s 1-43 Chordwire = - I 2 O m  
Estinotcdcontre of prossurc of flight load Spanwise s 1-42 Chordwioa=-l*2Om 

Fliqht lood shear estimate = I I79 kg 

Fig .7  Comparison of responses of  f l i g h t  load with sample load. S i d e s l i p  t o  s t a rboa rd -  
responses scaled t o  es t imated shear  of 606 kg 

Flight a i r c r o f t  

Manoeuvre I Coli b ra t  ion 
I I 

Ground test specimen 

Stress onalysis 

Local loods + 
qougo response 

k n i t  local load 1 

Local loads 9 
stress anolysis 7 
Loco1 loods -P I 

nit local lood 
Gouge response 

/&it locol load 

Fig.8 Ca l ib ra t ion  of gauge responses as loca l  s t r u c t u r a l  loads 
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ABSTRACT 

Use of stabi l i ty  aueplantation systems for control of e las t ic  vibration modes of large flexible air- 
craf t  has become a reality. This paper deals with design criteria,  development and evaluation of 
such systems. 
were for large subsonic aircraft  for which the resulting system have been f l ight  tested. 
study is for a large supersonic airplane currently in the design phase. Analytical methods used to  
deveLop s tabi l i ty  aupentation system concepts are presented and discussed with examples t o  &ow 
significant aspects of the analysis. 
i n  terms of mode damping, fatigue damage rates, and ride characterietics in turbulence. 
are =de of theoreticalLyiprecUcted,and experimental results. 
Load Weviat ion and Mode Stabilization system t o  an existing airfrye configuration are discussed. 

Examples and i l lustrations are drawn from three design studies. Two of these studies 
The other 

Results presented &ow stabi l i ty  augmentation system performance 
Comparisons 

Limitations encountered in adapting a 

This paper was prepared at the request of Mr. W i l l i e m  E. lamar, Deputy Mrector of the A i r  Force 
Flight Dynamics Laboratory, Wright-Patterson A i r  Force Base, Ohio, for delivery at the Spring 1969 
meeting of the Advisory Group for Aviation Research and Development Flight Mechsnics Panel on 
“Aeroelastic Effects from a Flight Mechanic6 Standpoint”, Msrseilles University, 21-24 April 1969. 
The author is indebted t o  the work conducted by Mr. James I. AmrdLd and his colleagues for develop- 
ing the data used in t h i s  report. 
paper: James I. Amold, Gerald E. Gerfpiam, Alfred B. Herren, and Glenn 0. Thompson of The B o e i n g  
Company. 

The author is also indebted t o  the following reviewers of this 
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Description 

Control Surface Angultxr Acceleration 

Control Surface Angular Velocity 

Control Surface Rotation 

Rudder Rotation 

Damping Ratio 

Feedback Phase Shift 

R e a l  Part of Complex Number 

Airplane Roll Rotation 

Airplane Yaw Rate 

Airplane Yaw Rotation 

Damped Frequency 

Natural Frequency 

Airplane Bady Station 

Cycles per Second 

Decibels 

Degrees-of-Freedom 

Feet 

Gravitatianal Acceleration Constant 

Transfer Function for Yaw Rate Feedback Imp 

Transfer Function for Lateral Acceleration Feedback Imp 

Hertz 

Unit  magin nary Nuniber. 

Feedback Gain 

Matrix of Airplane Modal Coefficients 

Calibrated Airspeed 

Equivalent Airspeed 

Weight 

MOM coefficient for ith Wgree -o f -meh  

Stabili ty AuLpllentation Accelerometer Channel Cain 

Stabili ty Augmentation Yaw Rate C h a n n e l  Cain 

PaMds Weight 

Matrix of Generalized Mass and Aerodynamic Apparent Mass Term 

Matrix of Generalized Circulatory Aerodymmtc Damping Terme 

MBtrix of Generalized Structural Stiffness and Non-Circulstory 
Aerodynamic Stiffness Terms 

Generalized Inertia Force Matrix 

--- 
Degrees 

Radian0 

Feet/Seconaz! 



, Description 

Generalized Non-Circulatory Damping Force Matrix 

Generalized Non-Circulatory Spring Force M a t r i x  

Parer Spectral Density 

Ambient Pressure. 

Dynamic Pressure 

Acceleration of the Generalized Vibration Mode 

Velocity of the Generalized Vibration M o d e  

Displacement of the Generalized Vibration Mode 

M a t r i x  of Generalized Circulatory Aerodynamic Stiffness Term8 

Matrix of Generalized Circulatory Aerodynamic Damping Terms 

R a d i a n s  

Root Mean Square 

Radians per Second 

Generalized Circulatory Spring Force Matrix 

Generalized C i r c u l a t o r y  Damping Force Matrix 

Laplace Operator (S  P o + j U )  

Airplane Station 

Wagner Lift Growth Function 

Weight 

Airplane la te ra l  Acceleration 

Airplane lateral Translation 

--- 
l/Second 

1/Second2 

--- 
2 Feet/&cond 

Feet 

1.0 mODUCTION 

1.1 A Need for ELastic Mode Control 

The continued enrphaais on the use of large aircraf t  with low load factors results in flexible air- 
Agmes whose elast ic  modes are approaching the frequencies of the rigid modes of the aircraft. A s  
these elast ic  mode frequencies become lower, they are more easily excited by atmospheric turbulence 
and pi lot  control inputs. The possibil i t ies of the pi lot  coupling wlth these elast ic  modes, or at 
least exciting them, becomes m a t e r  as the frequency separation between el2istic and rigid modes of 
the airplane is reduced. Separation of these nodes can be increased by designing 8 more rigid 
structure, which may result i n  added weight, or by stabilizing the modes with an tu%ificial s tabi l i ty  
augmentation device. AerOaynamic loads imposed upon the airframe by environmental excitation of 
elast ic  modes can be alleviated by suitable control functions. 
of the passengers can be directly affected by the elast ic i ty  of the airframe. Awn,  the adverse 
effects' of elast ic i ty  can be minimized through the use of stabi l i ty  au(pnerrtation devices. 

1.2 PIIlpOse of Elaatic Auepnentation 

Artificially stabilizing elast ic  mdes improves certain charactariatics of the airframe. 
characteristics can be improved by increming the damping or changins the frequency of troublesome 
elast ic  modes. A very elast ic  airframe will deflect in response t o  a gust which tends in i t ia l ly  t o  
reduce loading associated with the disturbance. However, i f  damping is  law, the resulting overshoot 
in aynamic response w i l l  result in higher aerOaynamic loads being imposed on the airframe. 
the control system should provide a compromise between resist ing the f i r s t  cycle load and minimizing 
the overawing. A s  damping is increased, the mber of cycles needed t o  damp the motion w i l l  be w- 
duced, and coneequently, fatigue damaga will  be leesened. The curves shown i n  Figure 1 i l lus t ra te  
t h i e  effect. 

Flutter characteristics of an airframe can be improved with the use of auepnentation systems wherein 
the mtion of that portion of the airframe tending t anvd  inetabil t ty can be sensed and a control 
input generated t o  damp t h i s  instability. Better baacuing characteristics result from controlling 

Performance of the crew and comfort 

R i d e  

Therefore, 
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elast ic  mobs as weU as r igld motions of the .airplepe in a normal environmant. 
the presence of Large disturbances can also be Improved with an a r t i f i c i a l  s tabi l i ty  device’. 

Contrallability in 

1.3 

The United State6 Air Force sponsored a study conducted by Tha B o e i n g  Company in 1964 and 1965 t o  
dei” whether a etabil i ty aupentation system could provide mesningfbl imprapement in the 
structmal l i fe  of a Lsrge elastic airplana. The design approach used in this study is  i l lustrated 
i n  Figure 2, wherein senscw locations, sensor types, and compensation networks are variables. 
surface size6 andlocatians were constrained t o  those existing on the aircraft. 
geometry and structure were not siepiflcantly altered, basic airplane d y ” l c  prapertiee were also 
considered t o  be fixed. The system derived f” this study was flight tested and is being incorporated 
in the fleet. 

BWbg’S  ~ l m m e n t  in Elastic Mode Control 

Control 
Since alrplane 

BO. 

VERTICAL FIN BENDING MOMENT 

IMPROVED DAMPMO 
‘-I , U l  

FIG. 1 W I N G  EFPEXT ON LQADS FIG. 2 mSIGNAPPRWH 

Another Air Force sponsored program used a similar vehicle but allowed control surface modulation on 
the wings and variable pilot  feel chsrscteristics. A programmable analog computer was installed in 
the ahplane t o  provide the capability t o  change s tabi l i ty  augmentation system parameters in flight. 
Hardvese devised for this study was also demonstrated in fltght. 
fits of various control surface locations were assessed. The only remaining block i n  Figure 2 t o  be 
treated as variable is the airplane dynamics. This Muld be the case if the Load Alleviation and 
Mode Stabilization concept were applied in the conceptual design stages of an airplane. 

Boeing is presently engsged in aaalytical studies of stabi l i ty  aupentation as applied t o  a large 
supersonic sirplane. These studies include waluation of optimum surface and sensor locations, as 
w e l l  as types of sensors. The functional scope of the systems studied includes Improved ride 
qualities, controllability, f lu t te r  stability, and reduced structural loads. Research studies are 
also underway t o  determine the application of modern control theory t o  the analysis of these types of 
control systems. 

In a third program, potential bene- 

2.0 TECHNICAL CONSIDEBATIONS 

2.1 Airplane Mathematical Model 

A complete and rigorous elastic airplane mathematical model must be employed for the synthesis of 
control syetems which interact with airplane elasticity. 
aynamics are described by a set of coupled, linear, constant coefficient differential equations 
having llne8-r surface forcing functions and expressible in the following form: 

In analysis conducted by Boeing, airplane 

The square matrices 192, 191, etc., and %, nl, etc., are numerical matrices, the elements of which 
change with fl ight condition or airplane configuration. columu matrices q(t), q(t) ,  etc., contain 
w n d e n t  variables of the equations of motion in generalized coordinates, and column matrices b(t) ,  
d(t), etc., contain the control surface forcing functions. The notation W(t) e ( t )  and W(t) %(t)  
indicates convolution of the W a g n e r  lift growth function with the variable q(t) ,  a(t) .  

In a particular case studied a t  Boeing the lateral-directional degrees of freedom included three rigid 
body motions (side displacement, roll rotation, and yaw rotation) together with appropriate 
structural e las t ic  degrees of freedom. 
of f r e e d o m  (pitch rotation and vertical  displacement) and the appropriate structural depees of free- 
dom. The mber of structural degrees of freedom vafies depending upon the analysis under considera- 
tion. Analysis have been conducted using up t o  24 degrees of freedom. 

The longitudinsl equations contained two rigid body degrees 
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Mation at a particular station on the airl" is  related t o  the generalized coordinates through the 
model coefficients, i.e., 

' 

' 

The K matrix is made up of a numerical array of the modal coefficients, resulting i n  a 3 x n matrix. 
For W e ,  yaw rate masured a t  Body Station X with a fired fuel distribution i s  described i n  the 
following equation: - 

mots of typical mom coefficients (commonly called "mode shapes") versus airplane body station are 
Illustrated in  Figure 3. 

2.2 Problem Identification 

A stabi l i ty  augmentation system i s  "ally designed t o  improve ride qualities, flyins qualities, and 
structural loads. The problem or problems t o  be addressed within these rcreas mt be identified. 

R i d e  quality is  defined as the comfort of the crew and passengers i n  turbulence. While a rough ride 
results i n  physical discomfort and emotional distress for passengers, it can ala0 cause a degradation 
of flight crew performance. The level of acceleration that the crew and passengers will tolerate I s  
a function of the vibration frequency. 
sFrmrLator t e s t s  are shown in ~ i g u r e  4. 

Flying qualities include controllability and handling qualities of the aircraft. Controllability is 
defined here as a property of the integrated system (including airframe, control system, and f l ight  
crew) that indicates abi l i ty  of the system t o  perform satisfactory in  all levels of turbulence. Con- 
t rol labi l i ty  i s  primerily concerned with dynamic response of airframe, crew and instruments, controls 
and accommodations that couple the crew and airframe in  the presence of large disturbances. While 
ride quality is  of primary concern In  M)rmB1 turbuleoce, safety-of-flight aspects during encounters 
with extrenae turbulence may dictate the use of a s tabi l i ty  augmentation system t o  Improve airplane 
contnllabil i ty.  Handling qualities are defined here as a measure of the airplane rigid body 
stability and response for flight crew inputs i n  essentially smooth air .  Handling qualities, w h i l e  
an Integral part of controllability, are mre limited in  scope and usually require a different con- 
t r o l  approach than that associated w i t h  controllability. 

Typically, structuraJ. loading and fatigue damage rate are reduced with s tabi l i ty  augmentation by re- 
ducing peak loads and the number of cycles of loading. An example i s  discussed later in  th i s  paper. 

Passenger ride quality cr i ter ia  developed from moving base 

MODES SHOWN 

5 6 1  
Frequency . Hertz 

Objectionable 

FIG. 3 WEAL AlRPLANE ANTISYMMPl%E Mom FIG. 4 PASSENCER TOLEWQEE TO SINUS0IIM.L 
SHAPES ACCEIERATION 



20- 5 

300- 

f 250-  

P 
G , .  

ZOG 

With the airplsue simulated on either an analog or digital computer, structural loading resulting 
from r a n d o m  and discrete &e can be measured. The msgnitude of the induced bending "ant com- 
pared t o  bending moment capability provides an indication of the need for load alleviation. 

The mathematical simulation CBP be subjected t o  a random gust input, and resulting mot  an sguare 
accelerations along the airframe body can be recorded as shown in Figure 5.  The mgnltude of the 
acceleration provides an indication of the ride chmacteristics of the airfram, and the need for 
s tabi l i ty  augmentation may then be determined from ride quality cr i ter ia  that indicate acceptable 
acceleration levels. 
ride. 

A review of the modal data (such 88 that shown in Flgure 3) provides insight into the modes cawing 
the Largest loads on the airframe. This information is  important in determining which modes are to  
be dmped and most effective motion sensor locations. A power spectral density analysis may also 
be conducted t o  determine the frequencies at which the greatest ammmt of energy l e  being absorbed. 
Data shown in Figure 6 i l lus t ra te  haw various structural modes in a typical case contribute t o  
lateral acceleration at a pesticular location. 

In this example the forward and aft portions of the aircraf t  offer the poorest 

Cumuhtivc r m  F---: ~ 

Root locus methods may be used t o  identify f lu t te r  c r i t i ca l  elafstic roots. 
associated with a r t i f ic ia l ly  damping flutter modes, cmpmed t o  increasing stiffnee8 by adding 
structure , may be appreciable. 

Possible weiept savings 

I 

c /--- 
5. 

1 5 0 -  j 
Mode 8 

1' 2 -  
? l o o .  Model  

-Power S p c l r a l  Density 
Mode 3 

5 0 -  

\ ,  Mode 5 
N I  I 

5 10 15 20 25 30 35 IO 
I 

6 Body Station * 
Pilot's Aft 
Statlon Pressure 

Bulbead 

FIG. 5 LATERAL ACCELERATION ENVIR0"T ALONG 
FUSEIAGE 

FIG. 6 IATHlAL ACCELERATION NEAR PILUl!'S 
STATION 

Evaluations of airframe response t o  random and discrete gusts power spectral density and root locus 
analyses provides an insight into the need for a s tabi l i ty  augmentation s y e t e m .  
f ac i l i t a te  definitiop of system performance objectives in terms of improvements in ride qualities, 
structural loadiq (bath for peak ~oads and fatigue dannrge rates), handling qualities, and f lu t te r  
s tabi l i ty  margins. 

Such aaalyees 

2.3 Design Consideration8 I 

Once the problem is identified and s tabi l i ty  au@nentation system performance objectives BZ.B 
established, a study t o  identify candidate systems that Offer "un performance Inprwements can 
be conducted. 
hardware requirements must be examined. 

Control surface effectiveness is a f'unction of the surface location, size, and travel. The control 
surface becomes more effective for mode control as it is moved t o  a location that couples strongly 
with the structural mode t o  be controlled. 
evaluated in terms of effectiveness in controlling troublesome modes. 
surface locations on acceleration reductions is shown in Figure 7. 

A root locus plot of the airplane transfer function zeroes provides an insight into the best control 
surface and sensor locations in terms of system stability. 
plane, the potential for a stable system is increased. 
indication of the strength of coupling between the control surface and the structural modes. 
studies can be made t o  optimize these parameters. 

Controllability and observability of modes is evident from root locus plots and modal plots, such as 
shown in Figure 3. If a sensor can be placed at a position sensitive t o  the mode t o  be controlled 
and insensitive t o  modes t o  be ignored, the system is easier t o  design, and s tabi l i ty  compensation 
networks are generally simpler. 

Control surface effectiveness, contrdllability, and observability of modas, and syetem 

All reasonable control surface locations should be 
Typical effects of control 

If all the zeroes l i e  in the left  hand 
The distance between zeroes and poles is  an 

hade 
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Effects of dynamic response should be evaluated to ensure maximum system performsnce. A typical plot 
of acceleration reduction versus actuator bandwidth is  sham i n  Figure 8. Actuator phase shift is  
also impartant when controlling structural Vibration modes. 
hardware should be built with a higher break frequency than that indicated by Figure 8 i n  order t o  
achieve reasonable insensitivity to component tolerances. 
frequency was increased by a factor of approximately three t o  assure proper phase shift at the 
frequency of the structural mode being controlled. 

Exparience has indicated that actuatar 

In one system f l ight  tested, the break 

, 

i l  , , , , , , , , 
g o o  i a 3 4 5 6 7 8 - 

Actuator Corner Frequency (Hz) 

FIG. 7 EFFECT OF CONTROL SURFACE WATION FIG. 8 EFFECTS OF ACTUATOR BANDPASS ON LATERAL 
ACCELeRATION 

3.0 AN APPLEATION OF STABILTFY AIK;MENTATION 

Problem identification and feasibi l i ty  studies reveal areas needing care% examination during 
subsequent analyses. This section describes analyses conducted at Boeing on one such program. 
objectives of this program were t o  demonstrate the feasibi l i ty  of reducing fatigue damage rates, 
peak l&s, and improving handling quali t ies on a large flexible airplane by augmnting the rigid 
body (Dutch ro l l )  motion and the lower frequency structural vibration modes. 

3 . ~ 1  System Synthesis 

To reduce fatigue damage rate and improve airplane handling for gust inputs, the frequency and 
damping of both the r igid body and structural vibration modes should i n  general be controlled. 
i l lustrate  the problem of determining the phasing required t o  accomplish this, consider the second- 
order system shown below: 

The 

To 

2 

2 -output S + a S + b  Input - 

Each uncoupled degree-of-freedom i n  the elast ic  airplane equations of motion is  represented by an 
unaefaamped second-order system as shown above. The separation of the numerator zeroes and 
denominator poles is  usually d z e d  for the modes t o  be controlled through sensor and/or control 
surface location. 
departure for negative feedback) is  approximstely 90 degrees lead or lag for a transfer function of 

The w e  at which the root locus departs from the open loop poles (angle of 

this type. 

The airplane analyzed i n  this study exhibits *degree phase lead at the Ihtch r o l l  and lower 
frequency elast ic  mode frequencies. 
lead and thus exhibits correct phasing t o  increase mode damping. 
on the natural frequency of the mode. 
an additional 180 degrees phase lead, and primarily decreases the natural frequency without affecting 
mode damping. 
90-degree phase lag i n  the feedback network. 
damping and natural frequency of Dutch roll and first aft body bending modes is  i l lustrated in  
Figure 9. 
Proper selection of sensor types, sensor locations, and feedback networks requires an understanding 

Negative rate feedback provides an additional *degree phase 

On the other hand, lateral acceleration feedback introduces 
Such a feedback has l i t t l e  effect 

Therefore, use of acceleration feedback t o  damp these modes requires approximately 
The effect of ra te  and acceleration feedback on the 

\ 
\ \ 
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Acceleration Feedback - 

of the system and i t s  mathematical model. 
evaluate effects of various feedback loops on system dynamics and performance. Phase-gain root locus 
and digital and analog simulations were used during this program. In i t ia l  analysis efforts included 
a survey of various sensor types and locations. A s  a result of this survey, general areas of sensor 
locations were selected, and further analyses were conducted with various combinations of loop gabs, 
f i l t e rs ,  and perturbations of sensor locations. To design the feedback network, typical sensor and 
actuator-surface dynamics were included in the s tabi l i ty  augmentation system analysio. 
final analysis, transfer functions describingthe aynamics of system components w e r e  revised t o  more 
nearly represent actual hsrdware. 

Studies indicated that yaw rate sensed a t  any location along the airplane body would provide adquste 
Dutch r o l l  damping. 
location was its effect on structural s tabi l i ty  and load reduction performance. 
and mode-shape plots (such as Figure 3) indicated that a rate sensor in ;the aft body would strongly 
couple with the aft body structural bending modes. However, y a w  rate ( 9  ) sensed in the fomard body 
is basically not coupled with the elastic vibration modes except for the 3.5 cps fomard body la teral  
bending mode and the horizontd t a i l  bending mode. It was determined that tpe amplitude of theee 
modes could be minimized by proper f i l ter ing and by proper location of the @ sensor. The initial 
f$lter design was primarily intended t o  attenuate the higher frequency vibration modes. After the 
@ sensor location was selected, the filter was refined t o  provide optimum phasing in  terms of rigid 
body mation and elastic mode s tabi l i ty  with the sensor and actua-r dynamics considered. A waehout 
filter (S/S + .25) was included t o  prevent the s tabi l i ty  augmentat+on system from resisting pilot  
comuands. 
damp the Dutch r o l l  mde. The composite frequency response of the airframe and y a w  rate feedback 
network sham in Figure 11, shows that the & loop peaks a t  the Dutch r o l l  frequency. 

Several techniques are available t o  the designer t o  

During the 

Therefore, one of the principal considerations in  determining the yaw rate sensor 
Root locus, bode, 

The root loci  shown in Fi- 10 i l lustrates  that the Q loop was designed primarily t o  

Feedback 
Rate c 
I Dutch Roll Mode 

Acceleration Feedback 

- U  

0 

FIG. 9 TYPEAJi RWI! LOCUS SEWING EFFECT OF FIG. 10 YAW STABILITY AUGHXQTATXOn SYSTEM 
PHASING BEXWEEN AIRPU\NE MUPION 80 RUDDER GAIN RWI! WUS 

Iaceral acceleration feedback was used t o  damp the first aft body bending mode (q ). 
acceleration signal was lagged q&"tely 90 degrees at the mode frequency (1.3 cps). The basis 
for the 90.degree phase lag requirement is diecussed above. The filter design and choice of sensor 
location was "e difficult  for the I! loop than for the $ loop, because of s tabi l i ty  problem 
associated w i t h  higher frequency elastic vibration modes. Aft body torsion (2.5 - 3.0 cps), forward 
body bending (3.0 - 3.5 cps), and f i n  bending (8.0 ope) were the rnajor contributors t o  the problem. 
The accelerometer was finally located to "iee the contributione of these modes relative t o  ql. 

The 
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A low-paee filter WBB used to obtain the desired 
91 correctly attenuate the higher frequency 3 s  w h i l e  maintaining proper -sing at intermediate 
frequency modes. The accele"eter WBB located above the Arselage elastic axle to Improve torsional 
mode phasing. 

since ths hrtch roll m d ~  also couplea with the m r  for ii fee-, but wae nut properly *sea 
for wing, a ai@-paae filter S/(S + 1.5), waa included in the lateral acceleration loop.  he 
frequency response of the ecceleration channel, shown in Figura 12, i l lust rates  the l a w  frequency 
attenuation of the washout end the rapid hi& frequency attenuation of the low-paes filter. 

phasing and stability. It was diifl(?ult to phase 

A root locue plot of this e m t i o n  88 
plot illustrates the effectiveneee of 

shown i n  Figure 13. This 
aft body lateral bending 

made. A block diagram of the final yaw stabi l i ty  augmentation system l e  shown In Figure 14. 

NOTE: Yaw Rate Gain 
Fixed at Nominal Value 

j 10 
1st Aft 
B W  
Bending 

Roll 

c 
- 20 

1 

-5 0 -10 -15 

FIG. 13 YAW STAB= AWMEIWATION SYSTEM GAIN RWJ! MCUG 
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I r  a gain margin of 9.4 db for the composite yaw 
rate and lateral acceleration signal. This gain B 
-gin i s  only applicable when both 4 and 'Y' 
galm are varied in the same proportion simul- 
taneously. i 

d 5  
Since the purpose of the s tabi l i ty  auguentation 
system is  t o  damp the Dutch r o l l  and lower fre- 

11.66 x IO' 
(S +S1.6) (Sa tl5O + 62,500) 

- AIIMadss - Eielvdlnp &<eh Roll and 
PI" Ehstlr: Made 
LnNblllUe. 

/ - - + ) \ ,  , _ ,  , \ 

Llr-l Sa+ 1 3 I  + 1.9.5W 
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r 2 4  

---____-_ 

-14 -12 -10 -8 -8 -4 -2 0 

FIG. 16 YAW STABILITY AUGMENTATION SYSTEM 
PEASE-GAIN ROCYJ! LOCUS 

functions used included step inputs, discrete 
single-cycle sinusoidal pulses (1 - cos u t ) ,  
and appropriately filtered white noise. 

Step input gust responses were examined t o  aid in 
understanding the transient load response char- 
acterist ics of the multivariable feedback systems. 
Results indicate that the lateral acceleration.loap 
prwides a si&ficant reduction in  aft body peak 
load exceedances as well as a reduction in  initial 
overshoot. 

Mscrete ( 1  - cos u t )  gusts were used t o  evaluate 
system effectiveness i n  reducing peak loads. CO- 
parison of bending moment responses with and with- 
out the s tabi l i ty  augwntation system are shown in 
Figure 17. Peak lateral bending moment w a s  reduced 
33 percent i n  t h i s  particular case. 

Random turbulence excitation was used extensively 
as a basis for exandning, comparing, and evaluating 
s tabi l i ty  augmentation system loa& performme. 
Feedback gains w e r e  varied until loads and airplane 
motions approached an appro-te minimum within 
acceptable gain margin constraints. 

Yaw rate gain was varied W l e  holding Kf constant 
a t  selected values. A typical result of aft body 
bending moment is presented in Figure 18. In this 
case, bending moment is  dnimia.d for approximately 
K,j P 105, which corresponds t o  the galn selected 
by root locus stabi l i ty  studies. 
for K- P 0, it may ale0 be inferred that the system 
prwi%s approximately 30 percent reduction in 
bending loads through Dutch ro l l  mode control, 
and that additional Dutch roll wing Muld not be 
expected t o  significantly reduce loads further. 

From the curve 

I 
0 2 4 8 8 10 12 I4  18 

Tlme - Seconds 

FIG. 17 LATERAL BENDING MOMENT ( 1  - CO8 U t )  
GUST FOBPONSE 

FIG. 18 YAW RATE GAIN OFTIMIZATION 

Results of the Kf gain search, illutrtrated i n  Figure 19, shows an additional ten percent reduction 
was obtained through aft body bending control with K$ eet at an optimum value. Although a mini" 
was not reached, a gain of P 2l.O was selected, since higher gains produced insignificant loa& 
reduction a t  the expense of reduced gain m a n s .  Further gain searches were conducted holding a 
fixed gain ratio, KY/K+ P 2, and incrementing gain doMBtream of the signal summation. Results, 
i l lustrated in  Figure 20, again show that gains selected from root locus studies were near optimum 
for loads reduction. 
result. 

3.3 Flight Test Results 

Flight testing of the s tabi l i ty  augmentation system was accomplished in  several steps as indicated 
i n  Figure 2l. First, the power actuation system was evaluated during mepusl fl ight.  N e x t ,  the 
s tabi l i ty  augmentation system was turned on a t  low gains and tested. During this particular test, 
turbulence was encountered, and Figure 22 shows aft body la te ra l  displacement with the s tabi l i ty  
augmentation system on and off. 
counter. 
t o  be obtained with this system. 

Similar analyses conducted a t  other f l i g h t  conditions generally verified this 

The turbulence level was judged t o  be constant throughout this en- 
The marked improvement obtained with this low gain setting was indicative of lmp"ents 
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FIG. 19 LATEF'AL ACCEIERATION GAIN 
OPTIMIZATION 

YawlL%teGnln-K) 

FIG. 20 YAW RATE GAIN OPTIMIZATION 

FIG. 21 F'LIGHT TEST ACTIVITIES 

Stabllity Augmentatlon System Off 

Stabtllty Augmentation System On (Low Cain) 

T h e  - 
FIG. 22 AFT BODY SIIE DISPLACEMENT I N  R A N W M  

TURBULENCE 

Conventional f l u t t e r  tests were conducted with the 
s t ab i l i t y  augmentation system gains varied through- 
out the desired ranges. 
established for  tes t ing which required that damping 
of any structural  mode would nwer be reduced below 
the following values: 

Stabi l i ty  c r i t e r i a  were 

Unaugmented Dampine, Damping with SAS 

0.1 or greater 05 
0.1 or less 1/2 the original value 

During f l u t t e r  testing, normal f l u t t e r  excitation 
techniques (abrupt manual control inputs) were used. 

During optimization of the s t ab i l i t y  augmentation 
system gains, an electronic signal generator was 
used t o  drive the control surfaces with discrete 
sinusoidal transients. The amplitude, frequency, 
waveform and number of cycles were precisely con- 
trolled.  
measured i n  f l i gh t  with the signal generator are 
shown i n  Figures 23 and 25. 

In F i w e  23. the  top trace shows rudder transient 

Dutch r o l l  and aft body bending responses 

command, and the middle trace shows the free airplane G t h  the-atabil i%y augmentation system turned 
off. In  the bottom trace, the s t ab i l i t y  auepEntation system was turned on after the rudder command 
was set t o  zero. As can be seen, the Dutch r o l l  mode w a s  quickly damped. 
measured i n  f l i gh t  tests are shown i n  Figure 24 plotted as a function of dynamic pressure. 

Dutch r o l l  damping r a t io s  
The shaded 
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Tlme - 
FIG. 23 EFFECT OF SAS ON DUTCH ROLL 

OSCILLATION 

Exeltation Decay 
4 

Translent Input 
2 Cycles @ 1.4 Hz 

Forcing Functlon Removed 

-System Turned On 

SAS off 

SAS On 

FIG. 25 EFFECT OF STABILITY AUGMENTATION 
SYSTEM ON LATERAL BENDING 0SCILT.ATION 

.7  

.6  

. 5  
.U 
I 
8 2 . 4  

E 
d 

0 

2 . 3  

. 2  

. 1  

0 

TEST CONDITIONS 

A 300,000 - 340,000 LBS., 10,000 &d ' .  A 280.000 - 324.000 LBS..  22.000 

DYNAMIC PRESSURE - L B / F T ~  

FT. 
FT. 
FT. 
FT. 

FIG. 24 ANALYSIS AND FLJGHT TEST COMPARISON 
OF DVrCH ROLL W I N G  RATIO 

areas on t h i s  figure were predicted from the 
analysis conducted during the design phase. 

A f t  body e l a s t i c  bending mode clamping was 
evaluated in f l i gh t  by commanding the rudder in 
an oscil latory r"er at the natural frequency 
of the a f t  body e l a s t i c  bending mode. 
rudder command was  allowed t o  persist for  two 
cycles and then remwed. The three traces shown 
i n  Figure 25 are for  the rudder command, the aft 
body bending monent with the s t ab i l i t y  augmen- 
ta t ion system off and with the s t ab i l i t y  augmen- 
ta t ion system on. 

A s  can be seen from these t races  the aft body 

The 

e l a s t i c  mode has a 8104 decay With the s t ab i l i t y  augmntation system off and a very rapid decay with 
the system turned on. 
with values predicted from the analysis conducted during the design phase. 

Damping r a t io s  measured i n  f l ight  tests are sham in Figure 26 and compared 

A m j o r  design objective for  the s t ab i l i t y  aug- 
mentation system was the reduction in structural  
fatigue damage r a t e  due t o  f l i gh t  through atms- 
pheric turbulence. The experimental responses 
measured i n  f l ight  were used with a definition 
of atmospheric turbulence t o  calculate s t r e s s  re- 
sponse s ta t is t ics .  These were then used with 
fatigue allouables i n  terms of S-N curves t o  
calculate experimental damage rates. 
sults are compared with corresponding theoretical  
data i n  Figure 27. 
a r a t i o  with the s t ab i l i t y  a w n t a t i o n  system on 
t o  the damage rate for  the basic airplane. These 
r a t io s  represent the average values for  four 
f l i gh t  conditions. Good agreement was obtained 
between theoretical  prediction and experimental 
results. 

4.0 STABILITY AEMENTATION RXSEARCH 

These re- 

The results are presented a s  

4.1 Research 

The design study discussed in Section 3.0 con- 
sidered an airplane with a fixed basic configu- 

TEST CONDITIONS 

@ PREDICTED A300,OOO - 340,000 LBS., 10,000 FT. 
A280,OOO - 324,000 LBS., 22,000 FT. 
0280 ,000  - 300,000 LBS., 40,000 FT. 
0230 ,000  - 265,000 LBS., 22,000 FT. 

. 4 -  
UT 
I 

. 3 -  

U E 
. 2 -  

d 

.l- 

100 260 360 460 ' Si0 
DYNAMIC PRESSURE - L B / F T ~  

ration. Sensor locations, sensor types, and- FIG. 26 ANALYSIS AND FLIGHT TEST COMPARISON 
compensation networks were variable. Performance 
c r i t e r i a  were reduction of fatigue damage rate 

OF AFT BODY LATERAL BENDING MODE W I N G  
RATIO 
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L 

and structural peak loads and improvement of 

pleted, and two research programs are currently 
underway t o  extend the state-of-the-art by in- 

(1) Relaxing aircraf t  configuration constraints. 

(2) Applying modern control analysis techniques. 

(3) considering other performance criteria.  

A large subsonic a i rcraf t  and a large supersonic 
a i rcraf t  are being used for these analytical and 
f l ight  test studies. 

1.0 handling qualities. This study has been coni- 

. a  vestigating beneflts derivable from:  
m 
.* 
B 
B 
al * 6  

4 . 4  
E : 

. 2  

0 4.2 Subsonic Airplane Basic Theory Test 
Airplane SAS On 

An Air Force sponsored program has been completed 
which permitted some variation i n  control surface 
characteristics and uti l ized a pr0g"ble  on- 

t o  the pi lots  controls. 
FIG. 27 RELATIVE FATIorJE AJT BODY board computer and variable feel characteristics 

cluded improvement of ride qualit ies at the pi lot ' s  station and reduction of fatigue damsge rate 
while retaining good handling qualities. 
"ms and i n  selecting practical feedback configuration. This program eyolved a s tabi l i ty  augmen- 
tat ion system functional concept which was implemented.and demonstrated i n  fl ight.  

4.3 Supersonic Aircraft 

Campany sponsored programs are i n  progress which apply both classical and nrdern control techniques 
in synthesising s tabi l i ty  augmentatih systems for a large supersonic aircraft .  
methods, s tabi l i ty  au@entation systems are being investigated t o  satisfy requirements for ride 
qualit ies and handling quali t ies cr i ter ia  and which will, i n  addition, extend f lu t te r  margins. 
airframe chosen for study has two elast ic  modes which become flutter c r i t i ca l  as Mach number is  held 
constant and altitude decreased. The third 
mode becomes unstable at alt i tudes below 20,000 feet  and the fourth mode at alt i tudes below 18,000 
feet. 
~ i g u r e  29 shows the 
system shown by dashed lines. 

Performance criteria in- 

Optimal control theory was used t o  determine theoretical 

Us- classical 

The 

A root locus of this condition i s  shown in Figure 28. 

A rate  gyro was used t o  sense these modes and t o  drive an aileron i n  a corrective fashion. 
root locus with the roots stabilized by a f lu t te r  s tabi l i ty  augmentation 

10.000 FT 

.-118 

4th Elastle Mode 

0.000 P T  L Free ALrphne *-rr / 
i 
i 
i 
f ~ , O . m  I T  

I " 

3rd Elastle Mode 

. . j l8  

LI 

-3 -2  -1 0 +1 +2 . +3 

FIG. 28 AIRPLANE SYMMETRIC ROOI La;rUS FIG. 29 EFFECT OF FLVElXR SAS ON SYMMETRIC 
ROOT LOCUS 

A related research program employs modern control theory, i n  particular the root square locus tech- 
nique, t o  synthesize s tabi l i ty  augmentation systems for a variety of quadratic performance indices. 
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This study is initisUy concerned with minimization of structural loade at c r i t i ca l  locations. 
Reduction of accelerations at significant ride quality locations wil l  be considered next. In 
this effort, particular emphasis 18 being placed upon the use of real is t ic  feedback variables, 
sensor types, and locations. The intent is t o  evolve practical sub-optimal systems using a emall 
number of feedback variables. 

5.0 C ~ L U S I O N S  

The work reported in this paper has resulted in a stabi l i ty  augmentation system that aamps not only 
the r igid motions of the airplane but also lower frequency structural modes. The work has verified 
the u t i l i t y  of analysis tools and has developed new techniques of analyzing complex systems. These 
techniques have predicted results, and hardware has been built  and f l ight  tested on the basis of 
these predictions. 
have resulted in a verification of the analytical techniques and have opened the way for a wider 
application of stabi l i ty  augmentation systems. The past few years have seen the f l ight  control 
system become an even greater integral part of the airframe. Future high performaace airplanes 
will uti l ize  these techniques, and the f l ight  control designer, rather than avoiding system coupling 
with structural modes will actively control W e  coupling. 
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I N F L U E N C E  DES E F F E T S  AEROELASTIQUES SUR L ' E T U D E  

E T  LA REALISATION DE,L'AMORTISSEUR D E  TANGAGE E T  DU P I L O T E  

AUTOMATIQUE D'UN AVION DE TRANSPORT SUPERSONIQUE 

par 

R .  DEQUE 

SUD-AVIATION - TOULOUSE 
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SO M M AIR E ----------- 

Dans un but de simplification de  1'8tude on peut f a i r e  intervenir l 'a6roelasticit6 sous 
deux aspec ts  suivant que l'on s ' in te resse  aux problbmes de  pilotage f (1 Hz ou 

fluence des  stabil isateurs s u r  l e s  modes vibratoires de  l'avion f > 2  Hz. On se fixe 

deux objectifs : amel iorer  l e s  quali tes de  vol naturelles de l'avion et  ne pas  de te r iorer  

les carac te r i s t iques  d 'amortissement des  modes structuraux. Ces  deux objectifs peuvent 

e t r e  contradictoires avec un sys teme simple et l 'on est amen6 B Btudier d ivers  moyens 

pour les concilier : choix des  detecteurs et  de  l eu r s  emplacements,  definition des  f i l -  

t r e s  plus ou moins complexes. La  meme etude doit e t r e  effectude pour la definition 

du pilote automatique. 

l ' in- 

Les  problPmes de  realisation des  f i l t res  et l e s  consequences des  pannes sont auss i  

Btudies. 

La  possibilite d'augmentation art if icielle de l ' amor t i ssement  des  modes de  s t ruc ture  e s t  

brievement Bvoquee ainsi que l e s  principales difficultes B vaincre pour y parvenir.  
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1. - GENERALITES - -------------- 

L'Btude d e s  quali tes d e  vol d'un avion d e  t r anspor t  supersonique a voilure du type delta 

(voir ref. 1) fait rapidement apparaf t re  la nBcessit6 d 'une augmentation a r t i f ic ie l le  d e  

stabil i te autour d e s  t r o i s  axes .  Cette augmentation est necessa i r e  pour faciliter la tache  

du pilote et r e n d r e  l 'avion plus confortable. De plus s u r  un avion moderne l 'automatisa- 

tion du pilotage doit e t r e  tras poussee  et  l 'btude du sys t cme  de  pilotage automatique dans  

toutes l e s  phases  d e  vol (dbcollage excepte) e s t  en t r ep r i se  dPs l e  debut du projet .  

L a  r eche rche  depla t r a ihee  minimum conduit 2 la realisation d'un avion trEs effile ( le  

rappor t  du d iamPtre  du fuselage s u r  sa longueur e s t  d e  1 / 2 0  environ, l 'bpa isseur  re la t i -  

ve  d e  l a  voilure est de  2 & 3 %). 

On doit donc s ' a t t endre  & c e  que l a  flexibilite pose  d e s  problemes  d e  quali tes d e  vol ou du 

moins intervienne d e  faqon importante dans  l eu r  etude. 

Nous nous l imi te rons  ic i  & l 'btude d e s  probl&mes  du contr8le longitudinal. L e s  problbmes  

r encon t re s  en  t r ansve r sa l  sont en fait a s s e z  voisins e t  l e s  solutions adoptees sont sens i -  

blement les m6mes .  

2. - ETUDE DU SYSTEME AUX FREQUENCES DE PILOTAGE - .................................................... 

L e s  equations du mouvement d e  l 'avion u t i l i sees  sont semblables  3 ce l l e s  d e  l 'avion sup- 

pose  rigide.  L e s  coefficients aerodynamiques de te rmines  p a r  e s s a i s  en soufflerie sont 

cependant c o r r i g e s  d e s  effets d e  flexibilite. P a r  exemple 1'6quation d e  mom@de tangage 

s ' ec r i t  : 

C, = ~ , , . , ~ . ( c e )  + AC,,,, + ac , , , , .~+ (~ ,~ , ,+~c  se + c,, (dq)x(A+ h)+ CMr& . n  

L a  determination d e s  t e r m e s  c o r r e c t e u r s  d e  flexibilite e s t  exposee dans  l a  ref.  2. L'in- 

troduction de  l a  flexibilite ne change donc r i en  aux methodes c lass iques  d'btudes si c e  

n 'es t  un accro issement  d e  complexite dans  la determination d e s  coefficients d e s  fonctions 

d e  t r ans fe r t .  La  determination d e s  carac te r i s t iques  du s tab i l i sa teur  d e  tangage e s t  donc 

simplement effectuee p a r  la r eche rche  pour chaque condition d e  vol d e s  gains maxi et mi- 

ni acceptables pour sa t i s f a i r e  & un cer ta in  c r i t c r e  d 'amor t i ssement .  Sur la planche l on 

indique pour un cer ta in  nombre  de  c a s  de  vol l e s  gains maxi e t  mini pour que tous l e s  mo- 

d e s  aient un amor t i s semen t  reduit  de  0,6. Le gain maxi cor respond B l ' amor t i ssement  

d'un mode 5 /v 1 hz qui r e su l t e  comme l 'on peut l e  voir  s u r  l e  lieu d e s  r ac ines  d e  l a  

planche 2 de  l a  combinaison en t r e  un p6le correspondant & la fonction de  t r ans fe r t  d e  ser- 

vocommande e t  une r ac ine  r ee l l e  de  l 'oscil lation d' incidence degeneree  en 2 mouvements 

aperiodiques.  On peut se pose r  l e  probl&me de  la validit6 d e s  donnees quas i  statiques uti- 

l i s ees  pour c e  mode de  frequence Blevee (1 Hz). En fa i t ,  nous avons verifie que l e  gyro- 

m e t r e  etant place dans  une z6ne d e  l 'avion oa il e s t  pratiquement sous t ra i t  & l ' influence 

d e s  modes s t ruc turaux  & tres basse  frequence (2 & 3 Hz), 1'6tude d e s  ca rac t e r i s t i ques  

de  c e  mode B 1 Hz p a r  la methode d e  superposit ion d e s  modes p ropres  donne d e s  r6su l -  

tats sensiblement voisins au point d e  vue frequence e t  amor t i ssement  B ce l le  exposee ici. 

... / 
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L'examen de  la planche 1 montre qu'une loi simple de variation de  gain en fonction du 

Mach peut e t r e  uti l isee pour obtenir des  performances satisfaisantes dans l 'ensemble 

du domaine d e  vol et  c ' es t  la solution que  nous avons retenue. Cette solution est en 

effet de  realisation beaucoup plus simple que celle d'un systPme auto adaptable que nous 

avons auss i  considere au debut du projet. 

L'Btude des  lo i s  de pilotage automatique bien que plus complexe relPve des  m@mes metho- 

des  et nous avons 1& auss i  determine des  variations de gain en fonction du nombre de 

Mach. 

Les  lois ainsi  determinees sont verifiees et optimisees s u r  simulateur d e  vol. Les  Bqua- 

tions de  mecanique du vol uti l isees dans l e  simulateur de vol tiennent compte des  effets 

de  flexibilite qui sont introduits de la m&me fagon que pour l e s  etudes theoriques. 

Les  capteurs  (gyromPtres gyroscopes acc616romBtres) installes dans l'avion detectent 

non seulement l e  mouvement global de  l 'avion mais  auss i  l e s  deformations s t ruc tura les  

locales correspondant au point oil ils sont instalMs. Les  signaux de  c e s  capteurs  aprPs 

avoir et6 trait65 dans l e s  calculateurs provoquent des  deplacements de  gouvernes qui 

pa r  l e s  charges  qu' i ls  creent entrafhent des  deformations s t ruc tura les .  On doit donc 

s 'at tendre B c e  que lep sys t smes  de  stabilisation et de  pilotage automatique modifient 

l e s  carac te r i s t iques  de  vibrations s t ruc tura les  de l'avion. 

Nous nous sommes  fixes comme objectif que les boucles d 'asserv issement  ainsi  creees 

soient stables avec des  marges  de  stabilite satisfaisantes.  Dans le c a s  de  l ' amor t i sseur  

de  tangage l e  detecteur est un gyrometre.  Le  p remie r  problPme es t  de  choisir  son po- 

sitionnement dans l'avion (Voir planche 3 l e s  deform683 de  la ligne centrale du fuselage 

pour l e s  p r e m i e r s  modes de  structure).  Nous le plagons dans une z8ne qui constitue un 

ventre de deplacement donc un noeud de  vitesse angulaire pour le mode 1 (frequence pro- 

p r e  la plus faible). I1 s e r a  donc complstement decouple de  c e  dern ier .  

Si maintenant nous considerons l a  fonction de  t ransfer t  en boucle ouverte de  la chalhe 

de  stabil isation, nous observons dans l e  plan de  Nyquist (Pl. 4 )  que la stabilite de  la 

boucle f e rmee  s e r a  insuffisante. 

Nous assurons  l e s  marges ,  de  stabilite cherchees en mettant en serie avec l e  gyromhtre 

un f i l t re  dit de  s t ruc ture .  

Pour  1'Btude ci-dessus il nous faut connai'tre la fonction de  t ransfer t  

- vitesse de  tangage locale 4 local - 6 s  braquage gouverne 

Cette fonction de  t r ans fe r t  nous e s t  fournie pa r  l e s  specialistes de  vibration. Au debut 

du projet  c e s  fonctions de t ransfer t  Btaient Btablies B par t i r  de theories bi- 

dimentionnelles. P lus  t a rd  des  methodes tri-dimensionnelles ont et6 uti l isees et  une 

fois l e s  e s s a i s  de vibration au sol effectues il a et6 possible de  ten i r  compte des  amor-  

t i s sements  dUs B l a  s t ruc ture .  C e  sont c e s  de rn ie re s  informations que nous utilisons 
... / 
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actuellement.  I1 faut noter que l e s  p remiZres  fonctions d e  t r ans fe r t  fournies Btaient 

trSs penalisantes pour le sys teme en ra i son  du peu d 'amor t i ssement  present6  p a r  c e r -  

ta ins  modes  qui nous conduisaient I des  f i l t r e s  relativement complexes.  L e s  probl6mes 

sont beaucoup moins c r i t iques  dans  l e  2e cas .  

L e  f i l t r e  actuellement uti l ise e s t  du type coupe-bande et  s a  fonction d e  t r ans fe r t  s e  prb- 

sen te  sous  la fo rme  d e  deux polynomes du 2e degr6.  

On peut vo i r  planche 4 son effet dans  un c a s  de  vol subsonique. 

Ce filtre a cependant malgrd  l e s  precautions p r i s e s ,  une influence non negligeable s u r  

l e s  modes d'ensemble avion. En par t icu l ie r  l e  mode & /V 1 Hz es t  a s s e z  notablement 

desamor t i  p a r  sa p resence  (Voir planche 1). 

La  meme  etude est effectuee en pilotage automatique. Elle e s t  plus complexe en ra i son  

d'une pa r t  de  la p resence  en p lus  du g y r o m i t r e  de  la p la te forme I iner t ie  qui e s t  instal-  

16 I un emplacement different du gyrometre .  L e  schema d'btude de  la boucle ouverte 

figure s u r  la planche 5. 

Deux sys t ames  d e  stabil isation sont ins ta l les  s u r  l 'avion, chacun d'eux &ant autosurveil-  

16. En c a s  de  panne du systPme 1 il est automatiquement deconnecte et l e  2e e s t  mi s  en 

fonctionnement. Le  m e m e  type de  protection e s t  uti l ise pour l e s  pilotes automatiques. 

Nous nous in t e re s se rons  plus par t icu l i s rement  aux pannes d e s  f i l t r e s  d e  modes structu- 

r aux . 
P o u r  ce l a  observons  l e  schema d e  principe d'un d e s  deux s tab i l i sa teurs  de  tangage d e  

l 'avion (voir planche 6) .  L e s  consequences d e s  d ive r ses  pannes envisageables s e  t radui -  

sent p a r  une modification d e  l a  fonction d e  t ransfer t .  A une frequence donnee on peut 

avoir une modification d e  l a  phase  de  l 'amplitude ou d e s  deux. C e s  pannes si e l l e s  af- 

fectent la chafne d e  commande peuvent conduire I l ' instabil i te d e  la boucle qui en l ' ab-  

sence  d e s  compara t eu r s  s e  t radui ra i t  p a r  un cycle l imi te  (pompage d e  la gouverne) dans  

la l imi te  d 'autorit6 d e s  s tab i l i sa teurs .  Cette l imi te  e s t  relativement faible,  d e  l ' o r d r e  du 

degre  d e  gouverne. En fait  l e s  compara t eu r s  vont cons ta te r  une difference en t r e  l a  chaf- 

ne d e  commande (fautive) e t  de  surveil lance (normale)  e t  d e s  que l e  seuil  du compara teur  

s e r a  atteint  le s y s t s m e  sera automatiquement coupe. Compte tenu d e s  ca rac t e r i s t i ques  

d e s  compara t eu r s  l a  detection s 'effectue pour d e s  oscil lations dont l 'amplitude e s t  net- 

t ement  in fer ieure  & la l imitation d'autorit6 d e s  s tab i l i sa teurs .  

L e  sys tPme de  stabil isation de  tangage defini c i -dessus  compte tenu d e s  precautions p r i -  

ses ne modifie pratiquement pas  l ' amor t i ssement  d e s  modes de  s t ruc tu res .  

O r  l 'excitation d e s  modes d e  s t ruc tu re  p a r  une for te  turbulence p a r  exemple peut etre 

genante pour l e  pilotage et  l e  confort d e s  pas sage r s .  Des  etudes d e  simulation d e  c e s  

p h e n o m h e s  sont en c o u r s  I SUD-AVIATION et dans  les labora to i res  officiels. 

I1 paraf t  seduisant d ' amor t i r  art if iciellement c e s  modes. L e s  moyens I met t r e  en oeuvre  

ne sont pas  fondamentalement differents de  ceux u t i l i ses  dans  un s tab i l i sa teur  de  tang ge ... $ 
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par  exemple. 

Nous avons effectu6 quelques etudes pre l imina i res  pour verifier s'il Btait possible de  

diminuer d'au moins 50 '% la reponse en amplitude du l e r  mode de  s t ruc ture  sans  dimi- 

nuer sensiblement l 'amortissement des  modes de  frequence plus Blevbe. Les  p r e m i e r s  

rdsultats de  c e s  etudes bien que trcs pre l imina i res  paraissent encourageants. Le  re- 

sultat recherche  parait  pouvoir etre atteint en installant 2 gyromPtres en des  endroits 

par t icu l ie rs  du fuselage,  l e s  signaux de  c e s  gyromst res  &ant convenablement filtres 

pour a s s u r e r  la stabilite des  modes de  frequence Blevee. Une p r e m i s r e  conclusion 

importante de  l'btude pre l imina i re  effectuee est qu'il parait  possible d 'uti l iser les s e r -  

vocommandes de puissance de  l'avion malgr6 leur  bande passante limitbe. 

Des etudes complementaires et des  e s sa i s  seraient cependant necessa i res  pour la mise  

au point d'un tel syst8me dans le c a s  oil les e s sa i s  en vol d e  l 'avion en montreraient la 

necessite pour l e  confort du pilote et des  passagers .  

6. - CONCLUSION - ----_-_-____ 
Les  effets de  l 'a6ro6lasticit6 jouent un t rPs  grand r d - 3  dans l 'btude des  quali tes de  vol 

et des  sys temes  de pilotage d'un avion de t ranspor t  supersonique. Les  methodes d'etudes 

de  c e s  problcmes sont maintenant bien au point et l 'on peut envisager leur  utilisation 

pour definir des  sys t fmes  capables dlameliorer l e s  carac te r i s t iques  de  vibration de  l a  

s t ruc ture  de  l 'avion. 
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Summaq 

Flight testing of an automatic flight control system, which was supposed to guide 
a missile at low altitudes over the open sea, revealed unexpected stability prob- 
lems. These problems can be explained by the fact that the suspension of the rate 
gyro introduced an additional coupling moment between vertical acceleration and 
angular velocity which resulted in a reduction of the stability margin. 

1. Introduction 

Within the framework of a study on a missile which is to fly at low altitude over 
the open sea, an AFCS with high-performance altitude-hold was developed. A sub- 

sonic drone, model Beech WB-1, was used as an experimental vehicle in flight 
testing. It was the development objective to arrive at a solution which would 
permit flights at altitudes below 10 m above the water level even under adverse 
weather conditions. 

Prior to explaining the stability problems encountered during flight testing in 
more detail, and subsequent to a brief description of the experimental vehicle, * 
an account will be given of the system design phase up to the point of flight 
testing. Furthermore, the layout of the control loop and the stability studies 
copducted prior to flight testing will be discussed. 

1.1 ?Lkperimental Vehicle 

The all-metal drone DE1 is a high-wing vehicle with a V-tail. It is propelled 
by a supercharger-driven 6-cylinder 2-stroke opposed-piston engine of 120 SHP 
operating an automatic variable-pitch propeller. Figure 1 shows the configuration 
and the main dimensions. 

The maximum take-off weight amounts to approx. 340 kp. At sea level, the drone 
flies at a speed of 410 km/h, its maximum flying time totals 60 - 80 min. 

With its engine running, the KDB-1 is launched by a solid-propellant rocket, and 
lands by means of a parachute over land or sea. The drone is capable of floating 
for a limited period of time. 
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Permissible load factors are + 6.7 and - 3.3 g. 

During landing, an impact load of 30 g will be encountered. For this reason, 
sensitive equipment has to be protected by proper suspension. 

1.2 From System Design to Flight Testing 

In preparing the analogue computer simulations, all aerodynamic and 'flight . 

mechanic data of the KDD-1 were evaluated, and an AFCS concept for the specific 
mission involved was elaborated. The investigations then performed on an analogue 
computer permitted a general understanding of the influence of the gains employed 
in the control loop. Among others, investigations were made with regard to the * 

step response of the system due to gusts, altitude change o r  commanded climbs. 
The structure of gusts and sea waves, which affect the signals of the radar alti- 
meter, wi~s described by suitable statistical models (power spectra). The effects 
of'the latter were represented by noise generators with filters corresponding to 
the power spectra. Parallel to the simulations performed,on the analogue computer, 
stability investigations were carried out by way of digital programs using root 
locus method and Nyquist diagrams. Still another digital program yielded results 
on the wave contact probability as a function of the flight time at different seas 
and various wind velocities, whereby it was possible to determine the influence of 
the gains employed in the control loop. 

The work described herein resulted in an optimization of the control loop in 
accordance with the following requirements: 

1. acceptable stability margin 
2. low gust sensitivity 
3. low wave contact probability 

Subsequent to this preliminary optimization, system components were incorporated 
step by step into the simulation program. This necessitated considerable changes 
of the AFCS parameters. In the last phase of development, functional tests of the 
entire system were performed. While only the flight mechanics of the KDB-1 were 
still simulated on the analogue computer, the following system components were 
incorporated: 

- the servo amplifier with computing 
networks 
the servo motor with a hinge moment 
simulation 
the gyros on an analogue computer- 
controlled flight table 
a radar altitude simulator 
the command transmitter and receiver 
the telemetry system 

as well as the ground station, fully equipped for flight testing. 
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2. Layout and Stability of the Control Loop 

The control loop can be devided into a stability augmentation system and a high- 
performance altitude-hold system, as can be gathered from the general block dia- 

gram (fig. 2). 

Within the high-performance altitude-hold loop, altitude is measured by a radar 

altimeter. Deviations from the demanded altitude and the rate of descent result 
in a vertical acceleration command which is performed by the stability augmentation 
system. 

2.1 Stability Ailgmentation System (SAS) 

In the stability augmentation system, the control surface commands are being com- 
puted from the measured pitch rate and vertical acceleration. To reduce the noise 
level, the measured values are sent through low-pass filters prior to further pro- 
cessing. (This is shown in the block diagram, fig. 3). 

Pitch rate signals damped the angle-of-attack oscillation (short-period mode) while 
the vertical acceleration reduced the missile altitude deviations under-gust loads. 

Before taking into consideration any of  these effects, the dynamic response of the 
basic missile will be described. For this purpose, the phygoid and short period 
mode are taken into account: 

phygoid 
natural frequency damping ratio 

0.101 0.118 

short period mode 
natural frequency damping ratio 

5.355 [,&I 0.407 

and also the transfer function An/ a 
f o r  low-altitude flights, giving the vertical acceleration A n  of the missile with 
reference to the additional angle of attack a c  = wc - 
From this representation of vertical acceleration under gust loads conclusions can 
be drawn with regard to the corresponding altitude deviations. 

(fig. 4) which is of particular importance 

caused by vertical gusts. 
VM 

Vertical acceleration signals and the rate of descent during the automatically 
controlled f i  ight of the missile considerably reduce these altitude deviations 
(fig. 5 a). 
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When considering the gust power spectra, the root mean square of the 
altitude deviations decreases (with reference to the root mean square value 

6Ah 

6w, of the vertical gust velocity) (fig. 5 b). 

Pitch rate signals increase the altitude deviations due to gusts (figs. 5 c 
and 5 d). 

2.2 Altitude-Hold Loop 

In the altitude-hold loop, the altitude is measured by a radar altimeter. Since 
the radar altimeter indicates the true altitude, the waviness of the sea surface 
has an effect on the flight path. 

The altitude errors and their integral are used for forming the corrective sig- 
nals. In addition, the rate of descent is applied for damping the vertical move- 
ment. The rate of descent is obtained by way of an approximated integration of 
the vertical acceleration. If the rate of descent were generated by differentia- 
ting the radar altitudes, the steepness of the waves would be superimposed which, 
as was shown in study [l] , would considerably increase the wave contact proba- 
bility. By way of the altitude integrating network, it is possible to compensate 
fo r  the following effects: 

- null error of the accelerometers 
- acceleration errors in turns due to 

missile-fixed installation of the 
accelerometer 

- control surface zero position error 
- c.g. shifts due to fuel consumption 

When adapting the altitude gain, particular attention was paid to the fact that, 
with the flight direction almost parallel to the wave fronts and the movement of 
the waves thus being sensed as a low-frequency one, the misiile will follow the 
shape of the waves at a constant height relative to the wave without any sub- 

stantial phase shift. If the flight direction to the wave front is steeper, 
however, the altitude changes of.the missile should be kept to a minimum in 
order to avoid. any increase of the necessary minimum flight altitude on account 
of antiphase movements. 

Fig. 6 shows the influence of the gain K&, of the altitude on the transfer 
function 
missile will continue to follow the movement of the waves at a constant height 
relative to the waves even at steeper angles (higher frequencies) - 
there is, however, a simultaneous increase in altitude deviation at frequencies 
leading to antiphase movements. 

Ah/$. It is apparent that, as the value of KAh increases, the 

Ah/hw 1; 

I 
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Fig. 7 shows how the movement of the.uaves will be followed when the flight 

direction is almost parallel to the wave crests. 

2.3 Stability Investigations 

The stability margin of the altitude-hold and the SAS loops was investigated 
IJY ineans of the Nyquist diagrams of 7 and %*, i.e. the stabilization 

augmentation loop was assumed to have been "cut open" aft of the accelerometer, 
and the altitude-hold loop aft of the altimeter (fig. 8). 

an, 

The Nyquist plots in fig. 9 show that there are sufficient amplitude and phase 
margins. This result was confirmed by simulations incorporating original com- 
ponents of the control loop. 

3. Flight Test Results 

The measurements shown in figs. 10 a and 10 b were obtained during flight testing 
by means of a telemetry station. The values plotted in fig. 10 a were obtained 
during a commanded horizontal flight, the values in fig. 10 b were recorded during 
a commanded climb. In both cases, there is merely a slightly damped 2-cps (!) 
oscillation which is more pronounced, however, during climb. 

To continue the flight tests, it became imperative to find out the reasons for 
this 2-cps oscillation. 

4. Interpretation of the Results 

The more pronounced 2-cps oscillation during the commanded climb (fig. 10 b) can 
be explained by the fact that continuous adjustment of the altitude command poten- 
tiometer, as required for the climb, was effected by a motor triggered, by a pulse 
width modulation, at a 2-cps pulse repetition frequency. Consequently, the system 
was continuously exited within the resonance range of the slightly daplped frequency, 
yielding the larger amplitudes observed during climb. 

To find out what had caused the slightly damped 2-cps natural frequency of the 
system, various influences which might have been responsible for it were investi- 
gated: 

- overdriving of individual operator amplifiers 
of the AF'CS 

- effects of elastic fuselage vibrations 
- altimeter disturbance effects etc. 

After a thorough investigation, it was obvious that the elastic suspension of 
the rate gyro had caused the slightly damped frequency of the system. This effect, 
however, will be explained in more detail below. Even before flight testing, in 
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the  system design phase, the  sensor  suspensions had been the  subjec t  of inves t i -  

gat ions.  Ground t e s t s  performed on the  KDE1 with i t s  motor running had revealed 

t h a t  both the accelerometer and the r a t e  gyro, when mounted d i r e c t l y  t o  the fuse- 

lage s t r u c t u r e ,  were overdriven on account of the  v ibra t ions  caused by the  motor. 

Therefore, the  e l a s t i c  sensor suspensions were designed i n  such a way t h a t  a l l  

fuselage-transmittea disturbance.s whose frequencies  exceed the  e f f e c t i v e  fre-  

quencies of  the  AFCS w i l l  be absorbed by the  suspension devices. This was a l s o  

t o  e l iminate  the lowest na tura l  fuselage v ibra t ion  of appronimately 25 cps. 

The Nyquist diagram (fig. 11) w a s  used f o r  s e l e c t i n g  the .cutoff frequency of the  

e l a s t i c  suspension o f  the  r a t e  gyro. It i s  obvious t h a t  frequencies above 10 cps 

may be cu t  of f  without decreasing the  s t a b i l i t y  margin, t h a t  is  near the  c r i t i c a l  

point ,  the  inf luence of t h i s  suspension is  s l i g h t  ( f i g .  11) .  The suspension cut- 

o f f  frequency was, therefore ,  es tab l i shed  at 12 cps. 

The e l a s t i c  suspension was one of the f e a t u r e s  reviewed a f t e r  f l i g h t  t e s t i n g .  It 
w a s  then, f o r  the  first time, t h a t  i t  occoured t o  us t h a t  the  off-canter arrange- 

ment of the  r a t e  gyro on the  e l a s t i c a l l y  mounted equipment platform might have 

a bearing on the  n a t u r a l  frequency of  the system. 

For the  more d e t a i l e d  inves t iga t ions  t h a t  followed, a suspension model, shown 

i n  f ig .  12,  was used. With t h i s  model, it was possible  t o  ascer ta in  t h a t  the  

r a t e  of  r o t a t i o n  of the gyro platform 

v e r t i c a l  acce le ra t ion .  
(p depends on the p i t c h  r a t e  and the 

whereby the  following abbreviat ions a r e  used: 

A(s)  = ( 1 + 2 & s )  . ( 1 + 2 & s  + 
"R "R 

N ( s )  = ( l c 2 2 . s ) .  b [ 1 + 2 b . s  + (  1 +(+) + -) 1 23 + sd 
"R "R UT2 "R2 W 2 . U R 2  T 
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- natural frequency of 
translatory motion 

- natural frequency of 
rotational motion 

1 

- damping of rotational m 
t R  

ti 

( 3 )  

n 

i radius of inertia of substitute mass 
1 e 
c spring stiffness 
b damping factor 

eccentricity of substitute mass relative t o  platform center 

Equation (1) reveals the influence of the vertical acceleration on the signal of 
the rate gyro, this influence being a decisive factor in explaining the 2-cps os- 

cillation. As the eccentricity /, / /  
the vertical acceleration increasingly affects the rate of rotation of the plat- 
form. 

of the rate gyro arrangement increases, 

By converting equation (1 )  by means of the transfer function An/$ 
missile, 4 can be shown to b.: exclusively dependent on $ I 

of the 

In fig. 13, this transfer function +/$ , which can be understood a8 a multi- 
plier element in the rate gyro path of the control loop, is shown for various 
eccentricities /,// 
in amplitude is noticeable in the 2-cps range; this means that the large gain 
margin in the rate gyro path (fig. ll), which is available in the case of a .*  
rigid suspension, is reduced. This is apparent from the Nyquist plots $m/>m 
given in fig. 14 for an elastic suspension and different eccentricities. In 

' fig. 15, the root loci of the feedback control loop are plotted for various 

. With increasing eccentricity, a considerable reduction 

suspension stiffness values (given by WR) and eccentricity values. They re- 
veal that the natural frequencies will shift into the instable range, even at 
high natural frequencies of the suspension, with slightly increasing eccentri- 
c:i ty. 

1 Wntersuchung eines Regelsystems zur automatischen Hohenhaltunggl 
(Kurztitel: Hohenhaltung I) 
VFW Bremen, Aug. 1964 

U 
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General drawing of the drone KDB 1 
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Altitude deviation 6)dh 

refered to r.m.s. gWG of the vertical gust velocity 
( power spectrum method ) 

gain of the pitch rate signal 

Figure 5(d) 

Altitude deviation due to sea wuves 
( for different gains K b  of the altitude signal ) 

Figure 6 
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Fl ighf measurements (c l imb)  

Figure  10(b) 
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ANALYTICAL DESIGN AND FLIGHT TESTS OF A MODAL SUPPRESSION SYSTEM 
ON THE XB-70 AIRPLANE 

SUMMARY 

A control system designed to damp the structural motion of flexible airframes was flight tested on the 
XB-70 airplane, a flexible, low-aspect-ratio supersonic configuration. Even though the system-known as 
ILAF (Identical Location of Accelerometer and Force)-was an exploratory device and was not developed as an 
optimum system, the flight tests provided valuable information applicable to aircraft of the supersonic- 
transport type. This paper reviews the design processes and presents some preliminary results obtained 
from flight tests. 

INTRODUCTION 

Large aircraft flying through turbulent air experience large structural loads, the pilot and passengers are 
exposed to a rough ride, and aircraft handling qualities are degraded because of the induced motion of the 
highly flexible airframe. In recent years, a number of conceptual studies have been conducted on systems de- 
signed to suppress the structural motion of flexible airframes(1-6). The study discussed herein and two other 
studies(5,6) have proceeded also into actual system mechanization and flight test. The Boeing B-52 airplane 
was used in both of the latter studies. This flexible, subsonic airplane has produced valuable design and per- 
formance information on structural mode control systems which might have application to more current, but 
similar, subsonic aircraft such as the Lockheed C-5A and Boeing 747 transports. Similarly, the North 
American Rockwell XB-70 airplane presented an opportunity to flight test a structural mode control system in  
a flexible supersonic configuration, thus providing valuable information applicable to aircraft of the supersonic- 
transport type. 

The structural mode control system implemented on the XB-70 under a program sponsored jointly by the 
National Aeronautics and Space Administration and the U. S. Air  Force was the Identical Location of Acceler- 
ometer and Force or ILAF system concept. This concept was explored in previous studies(1-3) and showed 
attractive potentialities. Since the intent of the program discussed herein was to investigate the concept and 
not to design a completely operational system, the system designed was required to control only the symmetric 
structural modes. In addition, the design was constrained to a minimum modification of the existing control 
system. This paper reviews the design process and presents results from flight tests of the system. 

PART I - DESIGN ANALYSIS* 

By John H. Wykes 

It is impossible within the scope of this paper to discuss all the elements necessary for the successful de- 
sign of a structural mode control system. Such a design involves the close interplay and coordination of a 
number of important engineering disciplines. This paper emphasizes those aspects of the design most closely 
associated with the flight mechanics. 

Analytical Design Model 

In approaching the design of the structural mode control system for this program, i t  was decided to use 
the analytical model of the flexible XB-70 available from previous studies (1). To assemble a new model which 
reflected all that was known about the actual flight vehicle would have unduly delayed the program. Although 
this exploratory system was designed in this manner, future design efforts on optimum operational systems 
will require the use of more rigorous data. 

The actual analytical model of this airplane for the longitudinal-symmetric study included the pitch and 
plunge rigid-bo& modes and four whole-vehicle structural modes as indicated by the following equations: 

Rigid-Body Plunge Mode 

Work performed under a research effort jointly sponsored and directed by NASA and the U. S. Air  Force 
under Contract No. NAS4-1175. 
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RiPid-Bo& Pitch Mode 

Structural Modes (Symmetric) (Typical Mode i, i = 1 to 4) 

The aerodynamics due to the vehicle rigid-body and structural-response modes of motion were quasi-steady. 
The gust -excitation aerodynamics and the elevon control surface aerodynamics also were either quasi-steady 
o r  frequency-dependent. In general, the quasi-steady gust and elevon data were used early in the design cycle 
to obtain answers rapidly, whereas the frequency-dependent data were used in system stability and perform- 
ance evaluations. The elevon inertia reaction forces into the vehicle’s primary structure were also consider- 
ed. The equations used to calculate the normal toad and pitch rate at any point on the vehicle were as follows: 

Load Factor 

 station^ iii - vO * lx 
@ Z ) a t  any g g 

= , ( q - a ) + - S -  &Di 

station i=l to 4 

Rotary Rates 

station i=l to 4 

(4) 

Equations (1) to (5), together with an analytical description of the control system and sensor dynamics, 
were used in both calculated and simulator studies of system stability and performance. The simulator in- 
cluded the essentials of the full-scale control-system electronics and hardware. It should be emphasized 
that the simulator was invaluable in assessing the effects of system nonlinearities, such as rate limiting, 
hysteresis, deadband, and control-system resonance, not usually handled by analytical techniques. 

Before the design was undertaken, it was known that structural modes with higher frequencies than those 
selected for suppression should be included in the analytical model. There is a practical limit, however, on 
the number of structural modes that can be considered; this limit is a function of how well the mode character- 
istics and aerodynamics for the modes can be determined and how conservative, from a stability point of view, 
the feedback compensation is likely to be. 

ILAF Principle 

A s  a starting point for describing the system design, several of the key ideas in the ILAF approach to 
structural mode suppression will be reviewed. The approach utilizes motion sensing devices rather than gust- 
velocity sensing vanes mounted on a nose boom. The motion sensing approach is applicable to continuous 
turbulence as well as to a sharp-edged gust and is used in most modern mode control system design. Another 
basic feature is that the approach reduces the induced motion by adding damping to each vibration mode. 

The principal features of the system are indicated in the coined name-Identical Location of Accelerometer 
and Force. The name is meant to emphasize the importance of considering the sensing and control-force 
characteristics concurrently; and, in the specific case considered here, to emphasize that the sensing element 
(accelerometer) and the control force are located near each other. Such a simple sensor-force arrangement 
has potential for remaining effective and stable for large changes in the structural mode characteristics and a 
wide range of flight conditions. This is explained simply in figure 1. 

A s  shown in figure 1, when a point force, F,  application to a single structural mode is considered, the 
control force (generalized force) is Fa:, where q: is the normalized mode deflection at the force- 
application point. Similarly, an accelerometer located at this same force-application point senses the modal 
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A acceleration p Gi, where vi is the time-dependent generalized coordinate for the mode considered. In the 
presence of normal system lags such as found in the actuators and aerodynamics, the acceleration signal is 
integrated approximately to obtain a signal at the control surface that is in phase with the modal velocity. 
Some simple feedback compensation may be required in the integration process. The required structural 
damping force thus becomes a function of the local structural velocity. If v i  and qf are at different 

F A locations in the structure, it is easy to see that as the mode shape changes with fuel use either p i  or 'pi 

could change sign. W e r e  this to occur, a system instability could result. It would be desirable to keep 

cp and pA always of like sign despite mode shape changes. Obviously, if qf = rp , or  if the sensor and 
control force are positioned at the same location, a stable feedback sense can be maintained. This is an ex- 
tremely simple explanation of the ILAF structural damping technique; considerations of modal coupling and 
distributed aerodynamics will change the net effect somewhat. 

F 

F A 
i 

I 

In many practical situations, as on the XB-70 with trailing-edge control surfaces, it is not possible to 
focus the control force at a single point, as illustrated in figure 2. At subsonic speeds, pressure forces are 
distributed over the entire chord while still generating most of the load in the vicinity of the elevon. At  super- 
sonic speeds, the pressure distribution is confined to the deflected-elevon area. These illustrations show that 
compliance to the ILAF idea is found at supersonic speeds, whereas the idea is somewhat diluted at subsonic 
speeds. 

Typical Design Considerations 

Figure 3 summarizes the key problems inherent in the design of any typical structural mode control sys- 
tem. Illustrated is an ILAF system that uses linear accelerometers as sensors and control surfaces located 
at the rear of the vehicle as force generators. 

Figure 3(a) is a sketch of the frequency response of the sensor (accelerometer) output per unit control- 
&, surface deflection displayed as the vector amplitude, 1 ~ 1  , and the associated phase angle, +. The ampli- 

tude curve shows some small response at the short-period frequency range and large response in the range of 
frequencies of the structural modes to be controlled. The amplitude continues to rise at high frequencies as a 
result of control-surface inertia characteristics. The phase angle is shown to approach -180" at the short- 
period frequency but returns to oscillate between 0" and -90". 

Figure 3(b) shows the frequency response of the normalized (at f = 0) control deflection due to a unit 
sensor signal input. This frequency response includes sensor dynamics, system compensation, and servo 
and actuator dynamics. The system compensation is designed to maintain a high amplitude throughout the 
frequency range of the modes to be controlled and then drop off at higher frequencies. 

An 
The relationships 1 + I -' I 1 & 1  K = 0 and q1 + q2 = -180" define an instability i n  terms of the ampli- 

tudes, I$I and 

with the normalized lGzl - . Thus, at a particular frequency where the total phase angle just equals -180" and 

the factor l%l IL1 K has a magnitude greater than -1, the system is unstable at the gain selected. Thus, 

, and the corresponding phase angles, $1 and q2, where K is a gain factor associated 
A% 

94 
the crux of the design problem is to maintain high control authority throughout the frequency range of the struc- 
tural modes to be controlled, but to attenuate it markedly at the higher frequencies. At the same time, the 
phase-angle magnitude must be minimized throughout the frequency range so that a combined phase angle of 
-180" occurs at as high a frequency as possible. 

Details of Design 

ILAF mechanization. - The implementation of the ILAF technique on the XB- 70 airplane required the use 
of the elevons as the mode control force generators, with the primary motion sensing accelerometers located 
near the hinge line of the second elevon (one of either wing panel). The signal from these accelerometers con- 
tained both structural and rigid-body motion components. To obtain as pure a structural motion signal as pos- 
sible and eliminate most of the whole-vehicle motion component, a secondary acceleration signal is required(l,3). 
This secondary signal can be obtained from an accelerometer located near the nominal center of gravity of the 
airplane, as illustrated in figure 4. This figure also shows the original pitch augmentation sensors to com- 
plete the picture of the sensing elements of the integrated Flight Augmentation Control System (FACS) and ILAF 
structural mode control system. 

One of the design ground rules was that the ILAF system would be integrated into the existing XB-70 pitch 
FACS with a minimum of change. How this was done is illustrated in  the block diagram of figure 5. In the 
original FACS electronic package, the only change, other than the actual ILAF electronics tie-in, was the 
installation of an electronic limiter (*7") adjusted to prevent the system from making contact on the existing 
physical stops. The ILAF electronics tied in just ahead of the existing FACS gain, K%, which is an auto- 

matic function of Mach number and altitude set by the Central Ai r  Data System (CADS). 
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In the added-on ILAF electronics the signals from the primary accelerometers on either wing were sum- 
med and then halved. This eliminated any whole-vehicle roll motion and antisymmetric structural mode 
motion signals. The secondary, o r  midship, accelerometer signal was subtracted from this signal, and the 
net signal passed through the notch filter. From the notch filter, the signal went to the manual-adjust gain 
knob in the cockpit, and from there through the compensation. The compensation was  designed to magni& the 
lower frequency mode signals through the lead network and then to attenuate them through the high-frequency 
lag network. The compensated signal was then fed into the FACS electronics, which drove the servo on the 
inboard elevon. The outboard elevon panels were actuated by motion from the inboard elevon actuator. This 
actuator arrangement was one of several sources of significant system lags. 

Elevon natural frequency. - One of the important considerations in determining the system feedback ele- 
ments was the natural frequency of the elevons; the previously mentioned filter was required to eliminate the 
elevon dynamics from the feedback signal. There was considerable concern that the natural frequency of the 
elevons would be changed by aerodynamic loading and the in-flight temperature effects on the hydraulic fluid 
and thus move off the designed notch frequency. Ground tests and analyses were made to establish the magni- 
tude of this effect, since there were no previous flight-test data available to provide any clues. 

Ground vibration testing of the airplane in addition to control-system frequency response data revealed 
that the resonant frequency of the elevon was 20 hertz. The temperature effect on the bulk modulus of the 
hydraulic fluid was found by calculations to reduce this resonant frequency, whereas the aerodynamic loading 
was found by calculations to increase it. The net change in the resonant frequency of the elevon was an average 
increase of 0.6 hertz, which was  judged to be small enough to be accommodated by the proposed notch filter 
designed around the 20-hertz point. 

Feedback-element characteristics. - The first compensation network designed for the ILAF system did not 
provide the proper shaping for satisfactory operation. This was not discovered until flight tests were under- 
taken. During the first flight, the stability of the ILAF system was investigated by turning up the system gain 
in small increments and watching the telemetered response for undesirable characteristics. During this 
operation, a problem of high-frequency feedback was encountered at 26 hertz. The type of response experienced 
during this feedback is shown in figure 6, in which the power spectral density, in 
ometer signal is presented for two levels of ILAF gain, K. The solid curve shows the response before the 
system was turned on (zero gain), and the dashed curve shows the response with the system operating at a 
gain setting of 20 percent. Above a frequency of 20 hertz, the basic airplane showed two resonances of small 
magnitude. With the system on, an additional response with a relatively large amplitude, similar to a limit- 
cycle oscillation, was encountered. 

of one ILAF acceler- 
ZA’ 

At first,  internal accelerometer dynamics and the sensor mountings were suspected, but detailed ground 
testing revealed that neither was at fault. The trouble was  finally traced to a loop in which general aero- 
dynamic excitation of the local wing structure was  picked up by the accelerometer and fed through the com- 
pensation to activate the servo. This, in turn, produced actuator motion of sufficient magnitude to excite the 
local structure near the sensor. The limit-cycle oscillation resulted. No elevon-surface motion was evident 
in the test record of the elevon-position indicator. 

One important lesson learned from this experience was that although no reasonable analytical model could 
have predicted this particular problem, more extensive ground and flight-test data obtained after the system 
sensors were installed would have been extremely helpful. 

The limit-cycle problem dictated a redesign of the Compensation network. The redesign provided a greatly 
reduced signal attenuation at frequencies above 5 hertz. A first attempt was made to design a new linear com- 
pensation which would maintain performance through the third-mode frequency (about 5 hertz) yet attenuate the 
amplitude at the higher frequencies. It was possible to design a filter that had the correct amplitude character- 
istics, but it could not maintain the required phase lead, andvice-versa. The resulting network in both in- 
stances was extremely complex. The final solution required sacrificing some of the desired lead character- 
istics; thus, some system effectiveness was lost through the third-mode frequency range. 
the characteristics of the original and the modified design which included the notch filter. 

Figure 7 compares 

Figure 8 shows the calculated performance difference between the modified and the original system. 
Shown is a frequency response of pilot normal-load factor due to a unit deflection of a small aerodynamic 
shaker located at the vehicle nose. A s  expected, the first mode was affected slightly by the change in filter 
characteristics, whereas the combined second-third mode was adversely affected, as shown by the decrease 
in damping over that anticipated from the original ILAF design. Even though calculated system performance 
was degraded for subsonic speeds, it was deemed that performance was good enough to demonstrate the sys- 
tem concept in flight. 

1 

PART II - FLIGHT TESTS 

By Eldon E. Kordes 

The XB-70 program provided the opportunity to carry the study of mode suppression systems into an 
environment in which operation and performance could be evaluated under actual flight conditions. 

The system hardware was installed on the aircraft during the first half of 1968 and was first operated in 
flight in August 1968. This flight test revealed the limit-cycle problem discussed in Part I. The modified 
filter was installed, and tests were started in October 1968. At present, not all the tests have been analyzed; 
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however, enough information has been obtained on the system operation and airplane response s o  that tentative 
evaluations and interesting results can be discussed. 

Instrumentation 

To effectively evaluate the performance of the ILAF mode damper system in flight, the special instru- 
mentation shown in figure 9 was used. A gust boom was installed at the nose of the airplane, with low-inertial 
balsa-wood vanes to measure the fluctuating velocities associated with turbulence input. Sensors were in- 
stalled at the base of the boom to measure pitch and roll attitudes, yaw rate, and normal and lateral acceler- 
ations. Data from these sensors are used to correct the measured turbulence velocities for airplane motion. 
Accelerometers to measure airplane normal response were installed at the pilot's station, on the canard, at 
the center of gravity, in the aft fuselage, on the wing-fold hinges, and near the tip of the left wing. Strain 
gages on the canard and on the wing hinges were used to measure bending moments. In addition, sensors were 
installed to measure system behavior and control-surface motions. 

Shaker-Vane System 

A shaker system was installed on the XB-70 to provide a known and controlled input for tests on the ef- 
fectiveness of the ILAF system at desired flight conditions. A drawing of the system is shown in figure 10. 
The system consisted of two 2-square-foot trapezoidal planform surfaces symmetrically mounted at the nose 
of the airplane just forward of the pilotss station. The amplitude and frequency of oscillation of these vanes 
were controlled by a servo-hydraulic actuator. The system allowed for trim and both amplitude and frequency 
control by the co-pilot. The aerodynamic surfaces had amplitude capabilities up to *12" over the frequency 
range of 1.4 to 8.0 hertz. Safety and automatic shutdown systems protected the aircraft and the system. 

Structural Response 

The shakervane system was used to excite the XB-70 airframe during flight. Some typical results for 
subsonic speed are shown in figure 11. The flight data were obtained from a frequency sweep for a constant 
vane amplitude of -+4" at a Mach number of 0 . 9  and an altitude of 25,000 feet, for a light weight condition. 
The circles are the data obtained from flight, and the dashed curve is the calculated airplane response for 
this flight condition. It should be noted that the flight weight for this test corresponds to approximately 30- 
percent fuel weight, whereas the calculated response is for a system design condition of 5-percent fuel weight. 
The calculated response was obtained from the modal solution discussed in Part I; design information on aero- 
dynamics, structural sti€fness, and mass distributions was used. 
from the ground vibration tests with zero-fuel condition and wings folded 25" (corresponding to flight position) 
are shown for the lowest four symmetric modes. Even though the ground-measured frequencies of the second 
and third vibration modes are widely separated, the theoretical analysis predicts that the second and third 
mode frequencies are forced together because of the aerodynamics at this flight condition. The calculated 
second-third mode response is shown on this plot as the large spike at approximately 4.8 hertz. In general, 
the calculated results showed less response in the first mode and a significantly greater response in the 
second-third mode than shown by the responsemeasured in flight. 

For reference, the frequencies obtained 

In order to assess the effect of a more representative description of the airplane dynamic model on the 
calculated response, the measured ground vibration modes were used to refine the analysis for this flight 
condition. The ground vibration results were first corrected for the landing-gear strut support conditions 
used in the ground vibration tests to obtain the airplane free-free modes. These corrected modes were used 
to calculate the generalized mass associated with each of the structural modes. The analysis made use of 
the quasi-steady aerodynamics associated with each mode that was calculated for the design mode shapes 
rather than values recalculated for the modes based on the ground vibration test data. 

The results of the modified analysis for the Mach 0.9 light weight condition are shown in comparison with 
the flight-test results in figure 12. The circles show the flight-test results, and the dashed curve shows the 
results predicted from the modified ground vibration mode shapes and frequencies. The agreement between 
measured response and the predicted response is improved over that shown in figure 11 in both amplitude and 
frequencies for the first three modes, although the damping of the third mode is underestimated. This im- 
provement may be somewhat surprising in light of the rather crude quasi-steady aerodynamics used in the 
analysis. These results point out the improvement that can be expected when more representative airplane 
characteristics are used. 

ILAF System Performance 

Information on the response of the basic airplane to shaker-vane input was used as the reference for 
evaluating the effectiveness of the ILAF system as a mode damper. In general, the effectiveness of the ILAF 
system was expected to be better at supersonic conditions than at subsonic conditions. At supersonic speeds 
the aerodynamic forces generated by control deflections are concentrated at the control surface; hence, the 
ILAF principle is more nearly satisfied. 

Response to shaker-vane input. - Tests for evaluation of the ILAF system were similar to those for the 
definition of basic airplane response. The ILAF system was turned on and frequency sweeps of the shaker 
vane were made at the desired flight conditions. 
the response of the airplane with and without the system operating. 

The effect of the ILAF system was determined by comparing 
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Figure 13 shows the effect of ILAF system operation on accelerations at the pilot's station for Mach 0.9 
flight with the airplane in the light weight condition. The circles show the response of the basic airplane; 
and the squares, the response with the ILAF system operating. At this flight condition, the response with 
the mode damper system on was greater for both the first and third mode than with the system off. In other 
words, the system was not performing as desired or  as predicted. The exact reasons for the poor perform- 
ance at these Conditions are not known; however, major contributing factors are believed to be the effects of 
nonlinearities, system deadband, loss of lead in the modified filter, and phase and distribution of unsteady 
aerodynamic forces associated with control-surface deflections. Additional tests are required to define the 
factors affecting the ILAF system performance at these flight conditions. 

In view of the expected better performance at supersonic speeds, the flight-test results obtained at a 
Mach number of 1.6 are of interest. Figure 14 shows the effect of the ILAF system operation on acceleration 
at the pilot's station for shaker-vane excitation, in a medium weight condition. The circles are the airplane 
response with the ILAF system off; the squares, the response measured with the ILAF system on. A s  can 
be seen, the system was effective in reducing the amplitude of the first mode; however, no improvement is 
noted for the higher frequency of the second-third mode. The measured effectiveness of the ILAF system in 
reducing the response of the first mode was as predicted by analysis. The poor performance in reducing the 
response of the third mode is not unexpected, because of the increased phase lag in the total system caused by 
the modified filter (see fig. 7) installed to eliminate the limit-cycle problem. The filter removed the nec- 
essary lead and reduced the system effectiveness at the higher frequencies. In addition to the phase-lag 
problem, other factors such as deadband and nonlinear amplitude effects also tended to degrade system per- 
formance. 

The response in the first and third modes with and without the ILAF system, measured along the fuselage, 
is shown in figure 15. The upper curves for the first mode show the acceleration measured at four points 
along the fuselage, and the lower curves show the results for the third mode. In the first mode, the ILAF 
system reduced the amplitude proportionately along the entire fuselage. In the third mode, the results showed 
a slight degrading of the response throughout the airplane with the ILAF system operating. 

' 

The demand of the ILAF operation on the airplane mechanical system is shown in figure 16 in which the 
effects of the ILAF operation on pitch servo motion are presented for the frequency sweep at a Mach 1.6 
flight condition. The circles show the response of the servo with the ILAF off, and the squares show the 
servo motion with the ILAF operating. As can be seen, the ILAF system demanded considerably more servo 
motion in the f i rs t  and third modes, with most of the motion called for in the third mode. The system was 
sensing the third-mode response and driving the servo at this frequency, even though the amplitude of the 
third mode was not effectively reduced. For these tests, the shaker vane was operating at +4" amplitude. 
This information shows the demand of the ILAF system on the servo; however, the actual damping associated 
with the system operation is dependent on the elevon motion produced by the servo. 

The elevon motion during ILAF system operation is shown in figure 17 for the medium weight condition at 
Mach 1.6 Data are shown for both the inboard and the outboard elevons, since the outboard elevons on each 
side of the aircraft follow the motion of the inboard elevon and are not driven directly by the servo. The 
elevon motion wa8 greater at the third-mode frequency than at the first-mode frequency, even though the third 
airplane mode was not damped effectively. The loss of effectiveness at the higher frequency was probably due 
to improper phasing in the compensation circuit between the measured motion and applied force. The elevon 
amplitudes measured during these tests were quite small (on the order of *1/2'), so that the system deadband 
and the phase lag between inboard and outboard surfaces would be expected to have large effects. Tests in 
which the demands by the ILAF system result in larger elevon amplitudes would be expected to minimize these 
effects and provide improved overall performance. The total effect of the various conditions is being investi- 
gated. 

Response to turbulence. - The type of test data shown for shakervane operatibn gives some insight into 
the effectiveness of the system's operation. However, the primary purpose of the system was to reduce the 
motion resulting from turbulence encounters. Unfortunately, only a small amount of flight-test data was ob- 
tained with the ILAF system operating in turbulence. Figure 18 shows the results of a turbulence encounter 
in which the system was operated for approximately 15 seconds. The circles show the airplane response at 
the pilot's station with the ILAF system off. The squares are the response with the ILAF system on. Since 
the turbulence intensity, as measured from the gust vane on the boom, shows that there was a difference in 
intensity level during these two encounters, the results presented were normalized, for comparison, to a gust 
input of 1 foot per second root mean square. In general, these results show that the system was effective in 
reducing response at this flight condition for frequencies up to 5 hertz. Interestingly, during this encounter 
the pilots reported a noticeable improvement in the airplane vibration response with the ILAF system on. 

I 

CONCLUDING REMARKS 

Significant information was learned from this program, even though the mode damper system did not 
perform as well as expected for the limited flight condition evaluated. The system installed on the XB-70 air- 
plane was an exploratory device and was not developed as an optimum system. The hardware and technology 
are probably available to design an operational system for a vehicle like the XB-70 airplane, but the design 
requires careful attention to the aircraft's vibration response to assure the desired performance without 
vehicle-systems interaction o r  instabilities. Even with the best design information, flight tests are required 
to check and evaluate the systems, s h c e  many of the operational problems, such as limit cycles and other 
nonlinear effects, cannot be predicted. 
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For the XB-70 flight-test program, an aero&namic shaker system proved to be a valuable tool for 
evaluating the system behavior and effectiveness, since turbulence encounters cannot be relied on to provide 
the inputs for the desired flight-test conditions. Although this exploratory program showed that a mode 
damper is operationally feasible, additional analytical and flight studies are required to provide a better 
understanding of the many parameters that control system performance and effectiveness. 

SYMBOLS 

All aerodynamic, mass, and structural data are in bodyaxes systems. 

+cN 

Center of gravity Reference axis 

m6 
C 

Cm 
'Ji 

Cm * 
'Ji 

CN 

g 
NW 

C 

c N a  

cN&! 

cN6 

Pitching moment pitching-moment coefficient, 
q G %  

x m  change in pitching-moment coefficient due to pitching, - 
a- q% 

acm - 
% 

change in pitching-moment coefficient due to gust velocity, 

acm static longitudinal stability, - 

change in pitching-moment coefficient due to rate of change of angle of attack, Km - 
&% a- 
2VO 

aa  

=m change in pitching-moment coefficient due to control-surface deflection, - 

change in pitching-moment coefficient due to i th mode deflection, - 

a6 
xm 
% 

change in pitching-moment coefficient due to rate of change of i th mode deflection, - 
7ji a- 
V O  

N normal-force coefficient, - 
%VS0 ac.. N change in normal-force coefficient due to pitching, Y 

qCW a- 
2VO 

Z N  

awg 
change in normal-force coefficient due to gust velocity, - 

OCN 
aa  normal-force curve slope, - 

acN change in normal-force coefficient due to rate of change of angle of attack, - 
&% 

a- 
2VO 

X N  change in normal-force coefficient due to control-surface deflection, - a6 
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C 
vi 

1, 
i 
M 

Mi 
m 
m 
N 

- 

nZ 

Qi 

90 

% 
VO 

Subscripts: 
A 
a 

change in normal-force coefficient due to i th mode deflection, - X N  

change in normal-force coefficient due to rate of change of i th mode deflection, - X N  
hi 

n: 8 2  
VO 

generalized i th mode force coefficient, - Qi 

%% 

generalized force coefficient due to  variable, ( ) = CY, (5) , t3) , 6sv, 6,, 6,, wg 
2v0 2v0 

change in generalized force coefficient due to j th mode deflection, - =vi 

9 
ch&e in generalized force coefficient due to rate of change of j th mode deflection, - 

nr 

wing mean aerodynamic chord, meters 
force, newtons 
frequency, hertz 
acceleration due to gravity, 9.8 meters/second2 
structural damping coefficient 
pressure altitude, meters 
moment of inertia of control surface about hinge line, kilograms 
pitching moment of inertia (body Y-axis), kilogram-meter2 
integers 
control-system gain, degree/degree/second 
distance from control-surface hinge line to surface center of gravity, meters 
distance from vehicle center of gravity along the bo* X-axis, meters 
distance from control-surface hinge line to vehicle center of gravity, meters 
Mach number 
generalized mass of i th mode, [ ~ c p ~ ( x , y ) A E ( x , y )  dxdy ,  kilograms 
control-surface mass, kilograms 
airplane total mass, kilograms 
aerodynamic normal force referred to body Z-axis , newtons 
normal-load factor, g 

generalized force in i th mode, [[ -N(x,y) qi(x,y) dxdy 
pitching velocity, degrees/second 
dynamic pressure, newtons/meter' 
wing area, meters' 
resultant velocity of center of gravity, meters/second 
vertical component of gust velocity, meters/second 
body axes 
angle of attack, degrees 
incremental airplane mass 
blended ILAF accelerometer signal 

pressure coefficient 

elevon deflection, degrees 
servo displacement, degrees 
shaker-vane deflection, degrees 
wing-tip deflection, degrees 
generalized deflection for i th and j th modes, respectively, meters 
angle of pitch, degrees 
power spectral density of acceleration, g'/hertz 
normalized mode shape of i th mode 
phase angle, degrees 
natural frequency of i th mode, radians/second 

accelerometer 
inboard elevon panel 

I 
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outboard elevon panels 
altitude 

i th o r  j th structural mode 
3 
i , j  
"2 normal acceleration 

P 7 pilot's station 
shaker vane 
pitch rate 

Superscripts: 
A location at accelerometer 
a location at inboard elevon 
e location at outboard elevon 
F location at force 

A dot over a quantity denotes the derivative with respect to time. A prime denotes differentiation with 
respect to the independent variable. Vertical bars represent absolute-values. 

ABBREVIATIONS 

BP buttock plane 
CADS Central A i r  Data System 
FACS Flight Augmentation Control System 
FS fuselage station 
IMF Identically Located Accelerometer and Force 
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(a) Sensor signal due to control deflection. 
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(b)  Normalized control deflection due to sensor signal. 

Figure 3.-Key features of a typical design problem. 
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Figure 4.-Location o XB-70 ILAF system sensor and control surfaces for 
Lngitudinal-symmetric mode control. 
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Figure 5.-X&70 integrated longitudinal symmetric FACS and ILAF system. 

Accelerometer 
FS 2212 
BP 280 
Right 

Accelerometer 
FS 2212 
BP 280 
Left 

Accelerometer 
FS 1653 

A’ 
an 

g21cps 

1 

I 
I I 

I I 
I I 

I 
I b  I 

7 2  I 
ompensation I 

I I 
K l l A F  I 

I I I I 
L _ _ _ _ _ _ _ _ _ - _ _ _ _ - - -  1 

- 
r - - - - EF electronics 1- I 
1 2  

11 

- I 
I 

10-1- 

10-2 

10-3- 

K = 20percent  
- 

- 

10-5, I f,  20 Hz 4 0  

‘a 

elevon 

Figure G.-Illustration of original ILAF system design instability. 
Itight-hand lLAF accelerometer. 



2 3 - 1 3  

Amplitude 
ratio 

Original 

\ 

\ 

modes controlled \ 

design 

Lead 80- 
- 

40 - 
- 

o k  . - \  - 
@, deg -40- 

- \ 

-80- Modified design /\, 
- \ 

-1201 
\ 
\ 
\ r-- 

I 1 I 1  1 1 1 1 1  ,s'l I 1  
1 2 4 6 8 1 0  2030 

k g  - 1 6 0 b  I 

f, Hz 

Figure 7.-ILAF system compensation characteristics. 

f, Hz 
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v Servo position 
+ Surface position 
e Accelerometer 

Strain gage 
A Pitch-roll-yaw gyro 
0 FACS sensors 
0 IMF sensors 

Figure 9.-Instrumentation for measuring atmospheric turbulence and airplane response. 

Figure 10.-Shaker-vane system. 
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Figure Il.-Comparison of calculated and flight-test accelemtion response at the pilot's station 
due to shaker-vane excitation. Light weight; M = 0.9; h = 25,000 f t ;  FACS on; 6, = 25'. P 
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Figure 12.-Comparison offlight-test acceleration response at pilot 3 station with response 
predicted on the basis of measured airplane modes. Shaker-vane excitation; light weight; 
M = 0.9; h = 25,000 f t ;  FACS on; 8, = 25'. P 
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Figure 13.-Effect of ILAF system opemtion on accelerations measured at the pilot's 
station for shaker-vane excitation. Light weight; M = 0.9; h = 25,000 f t ;  FACS on; P 6 ,  = 250. 
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Figure 14.-Effect of ILAF system opemtion on accelerations measured at the pilot's 
station for shaker-vane excitation. Light weight; M = 1.6; h = 39,000 f t ;  FACS on; 
6 ,  = 6 5 O .  P 
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Figure 15.-Effect of ILAF system operation on accelerations measured along the fusehge for 
f4O of shaker-uane excitation. Medium weight; M = 1.6; hp = 39,000 f t ;  FACS on; St = 6 5 O .  
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Figure 16.-Effect of ILAF system operation on measured pitch servo motion for shaker-vane 

excitation. Medium weight; M = 1.6; hp = 39,000 f t ;  FACS on; 6, = 65'. 
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Figure 17.-Measured elevon motion during ILAF system operation 
f o r  shaker-vane excitation. Medium weight; M = 1.6; h = 39,000 f t ;  
FACS on; ILAF on;Et =65O.  P 

f, Hz 

Figure 18 . -Effec t  o f  ILAF system operation on measured acceleration response to  pilot's 
station during light turbulence. M = 1.1 9;  h = 39,000 f t ;  FACS on;St = 25'; normalized P 
to 1 ftlsec root mean square gust input. 
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S U M M A R Y  

The C A M C O  V - L i n e r ,  o r  H e l e v i s i o n  as i t  was  o r i g i n -  

a l l y  k n o w n  i s  a v e r y  l o n g  s p e c i a l  pu rpose  a i r p l a n e .  Because 

of  i t s  l e n g t h ,  l i g h t  w e i g h t  a n d  f l e x i b i l i t y ,  i t  c a n  b e  e x p e c -  

t e d  t o  b e  s e n s i t i v e  t o  gusts. 

t h e  w i n g s  h a v e  b e e n  g i v e n  c o m p l e t e  f r e e d o m  i n  p i t c h .  

T,o a l l e v i a t e  t h i s  gus t  s e n s i t i v i t y ,  

Such a n  ,unusual d e s i g n  f e a t u r e  n a t u r a l l y  c r e a t e s  p r o b -  

l ems  o f  d y n a m i c  s t a b i l i t y .  The e x a m i n a t i o n  o f  t hese  p r o b l e m s  

as w e l l  as t h e  gus t  a l l e v i a t i o n  e f f e c t s  a r e  t h e  s u b j e c t s  of t h i s  

paper .  

T h e r e  i s  l i t t l e  n o v e l  t h e o r e t i c a l  d e v e l o p m e n t  i n  t h i s  

p a p e r s  Rather ,  i t  i s  a n a r r a t i v e ,  r e p o r t i n g  t h e  sequence  of 

s t u d i e s  w h i c h  h a v e  b e e n  d o n e  f o r  t h  

y e t  t o  b e  done.  

pane l ,  e v e n  i f  t h e  c o n c l u s i o n s  h a v e  

I t  i s  p r e s e n t e d  f o r  

s a i r p l a n e  a n d  w h i c h  h a v e  

h e  g e n e r a l  i n t e r e s t  of t h e  

n o  g r e a t  g e n e r a l  a p p l i c a t i o n .  
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INTRODUCTION 

a i r p  
t h e  
t r a n  

The C A M C 0 . V - L i n e r  c e r t a i n l y  m e r i t s  t h e  d e s c r i p t i o n  o f  a most unusua l  
ane. I f  we t a k e  o v e r a l l  l e n g t h  as a r e p r e s e n t a t i v e  measure  o f  s ize ,  - i t  i s  m u c h  
a r g e s t  a i r p l a n e  e v e r  b u i l t - - h a l f  a g a i n  t h e  s i z e  o f  t h e  USAF C - 5 A  G a l a x i e  
p o r t .  

The o t h e r  p e r f o r m a n c e / c o n f i g u r a t i o n  c h a r a c t e r i s t i c s  o f  t h e  V - L i n e r  a r e  
e q u a l l y  unusua l ,  a l t h o u g h  p e r h a p s  n o t  so d r a m a t i c .  
u n d e r  10,000 I b .  
w e l l  u n d e r  100 MPH. 

The gross w e i g h t  a t  t a k e o f f  i s  
The d e s i g n  d i v i n g  speed i f  i t  i s  r e a s o n a b l e  t o  use such  a te rm,  i s  

The m i s s i o n  f o r  w h i c h  t h e  a i r p l a n e  has b e e n  d e s i g n e d  i s  one  o f  p u b l i c  s e r -  
v i c e  i n f o r m a t i o n  p r e s e n t a t i o n ,  a m i s s i o n  w h i c h  has e a r n e d  t h e  m a c h i n e  t h e  n i c k n a m e  
o f  t h e  " f l y i n g  b i l l b o a r d . "  
l i g h t e r - t h a n - a i r  m a c h i n e s  such  as d i r i g i b l e s  o r  more  r e c e n t l y  t h e  G o o d y e a r  b l i m p .  
S i m i l a r  m iss ions  h a v e  a l s o  b e e n  f l o w n  b y  b a n n e r  t o w i n g  a i r p l a n e s  or  sky  w r i t e r s .  
Bu t  t h e  a i r c r a f t  used w e r e  n o t  p r i m a r i l y  d e s i g n e d  f o r  t h i s  m iss ion ,  t h e y  h a v e  b e e n  
a d a p t e d .  
s i g n e d  f r o m  t h e  o u t s e t  t o  p e r f o r m  t h e  a i r b o r n e  i n f o r m a t i o n  d i s p l a y  m iss ion .  

This  t y p e  o f  m i s s i o n  has b e e n  f l o w n  i n  t h e  pas t  b y  

The d i s t i n g u i s h i n g  f e a t u r e  o f  t h e  V - L i n e r  se r ies  i s  t h a t  i t  has b e e n  d e -  

The r e q u i r e m e n t s  o f  t h i s  m i s s i o n  a r e  these :  

1 )  The i n f o r m a t i o n  d i s p l a y  c ' a p a c i t y  m u s t ' h a v e  a c e r t a i n  l e v e l .  I n  t h e  case 
o f  t h e  V - L i n e r ,  t h i s  was e s t a b l i s h e d  t o  be  a m i n i m u m  d i s p l a y  o f  e i g h t e e n  c h a r a c t e r s .  

2 )  The d i s p l a y  must h o v e  a c e r t a i n  l e v e l  o f  v i s i b i l i t y .  Fo r  t h e  V - L i n e r ,  
t h i s  was e s t a b l i s h e d  t o  b e  t w o  m i l e s  i n  d a y l i g h t ,  a n d  f o u r  m i l e s  a t  n i g h t .  
d e t e r m i n e d  t h a t ,  a s i d e  f r o m  i l l u m i n a t i o n  r e q u i r e m e n t s ,  p e r c e p t i o n  or  l e g i b i l i t y  
r e q u i r e s  t h a t  e a c h  c h a r a c t e r  h a v e  a s i z e  o f  e i g h t e e n  b y  t w e n t y  f e e t .  

Tests h a v e  

3 )  The d i s p l a y  v e h i c l e  must o p e r a t e  a t  a n  a l t i t u d e  a n d  speed w h i c h  p e r m i t s  
t h e  d i s p l a y  t o  b e  most e f f e c t i v e .  I n  l a y  terms, t h i s  means t h a t  t h e  a i r p l a n e  o p e r a t e s  
" IOW a n d  slow." I n  a d d i t i o n ,  t he -  m i s s i o n  must b e  o f  r e l a t i v e l y  l o n g  d u r a t i o n .  

The f l i g h t  v e h i c l e  w h i c h  has b e e n  d e v e l o p e d  t o  mee t  these  m i s s i o n  r e q u i r e -  
men ts  i s  shown  i n  F i g u r e  1, w i t h  d e t a i l e d  s p e c i f i c a t i o n s  g i v e n  i n  t h e  t a b l e  b e l o w .  

C A M C O  V - L I N E R  

D U A L  V I D E O  SIGN CARRIER 

2 P R A T T  A N D  W H I T N E Y  P T - 6 A - 2 0  ENGINES 

Dimensions W e i a h t s  Per f o r  man c e  

Length 378 Ft. Normal Gross 9,300 Lb. Minimum Speed 40 MPH 
Span 69.5 Ft. Empty 6,670 Lb. Cruising (Mission 
Wing Area 1,390 Sq.Ft. Useful Load 2,630 Lb. Speed) 52 MPH 
Wing Loading 6.7 Lb/ft? Gew 340 Lb. Cruising (Ferry 
Power Loading 8.4 Lb/hp. Fuel and Oil 1, 160 Lb. Speed) 95 MPH 

Payload 1, 130 Lb. Endurance 4 Hrs. 

--- -.I 

Take -Off Distance 
Land 225 Ft. 
Water 330 Ft. 

Ceiling (1 Eng. Out) 12,500 Ft. 
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We see t h a t  t h e  a i r p l a n e  i s  a n  e x t r e m e  f o r m  o f  t a n d e m  w i n g  c o n f i g u r a t i o n .  
The f u s e l a g e  c o n s i s t s  o f  t h e  d i s p l a y  s e c t i o n  of e i g h t e e n  bays. Each  b a y  i s  a n  e q u i -  
l a t e r a l  t r i a n g l e  s e c t i o n ,  t w e n t y  f e e t  on  a s ide. P i l o t s  a r e  c a r r i e d  i n  b o t h  t h e  
f o r w a r d  a n d  a f t  h u l l  sec t i ons ,  b u t  t h e  p o w e r  p l a n t s  a r e  c a r r i e d  o n  t h e  f o r w a r d  b o d y  
o n l y .  
i t  i s  c a p a b l e  of o p e r a t i o n  f r o m  e i t h e r  l a n d  o r  w a t e r .  

The a i r p l a n e  i s  e q u i p p e d  w i t h  a m p h i b i o u s  f l o a t s  l o c a t e d  a t  t h e  w i n g  t i p s  so 

The f u s e l a g e ,  o r  s i g n  c a r r y i n g  s t r u c t u r e  cons is t s  o f  v e r y  l i g h t  t u b u l a r  mem-  
be rs  w h i c h  a r e  cross b r a c e d  b y  p r e t e n s i o n e d  s t e e l  c a b l e s .  To r e d u c e  t h e  drag ,  t h e  
t russ  members c a r r y  s w i v e l l i n g  f a i r i n g s .  The d i s p l a y  m e c h a n i s m  c o n s i s t s  o f  a n  a r r a y  
of l a m p s  i n  l e n g t h w i s e  f a i r i n g s  c o v e r i n g  t h e  l o w e r  s ides  of  e a c h  bay .  Messages c a n  
be  p re - reco rded ,  i n s e r t e d  b y  t h e  c rew,  o r  r e l a y e d  t h r o u g h  a d a t a  l i n k  sys tem f r o m  
t h e  g round .  

Because of t h e  s low  f o r w a r d  speed, t h e  a i r p l a n e  o p e r a t e s  a t  a r e l a t i v e l y  
h i g h  l i f t  c o e f f i c i e n t  i n  s p i t e  of t h e  l o w  w i n g  l o a d i n g .  To a v o i d  s t a l l s  due  t o  gusts, 
a w i n g  c a p a b l e  o f  a c h i e v i n g  a h i g h  max imum l i f t  c o e f f i c i e n t  a n d  a g e n t l e  s t a l l  i s  
r e q u i r e d .  W i t h  t h e  h i g h  p a r a s i t e  d r a g  of t h e  f u s e l a g e ,  t h e  d r a g  of t h e  w i n g  i s  
r e l a t i v e l y  u n i m p o r t a n t .  C o n s e q u e n t l y ,  t h e  w i n g  s e c t i o n  chosen  i s  a n  e i g h t e e n  p e r -  
c e n t  t h i c k  s y m m e t r i c a l  s e c t i o n .  To i n c r e a s e  i t s  l i f t  e f f e c t i v e n e s s ,  t h e  w i n g  i s  
f i t t e d  w i t h  a f i x e d  l e a d i n g  edge  s l o t .  

A n  i n t u i t i v e  l o o k  a t  t h e  p o t e n t i a l  f l i g h t  d y n a m i c  p r o b l e m s  of t h i s  a i r p l a n e  
l e a d s  us t o  t h e  c o n c l u s i o n  t h a t  response t o  gusts w i l l  b e  one  of t h e  p r i n c i p a l  d e s i g n  
c o n s i d e r a t i o n s .  The r e a c t i o n  of t h e  a i r f r a m e  t o  e n c o u n t e r  of a s i n g l e  gus t  w i l l  l i k e l y  
d e f i n e  t h e  s t r u c t u r a l  loads ,  a n d  t h e  response t o  e x c i t a t i o n  f r o m  c o n t i n u o u s  t u r b u l e n c e  
w i l l  p r o b a b l y  d e f i n e  t h e  f a t i g u e  l i f e ,  b o t h  of t h e  s t r u c t u r e  a n d  of t h e  c r e w .  

L o o k i n g  f i r s t  a t  t h e  p r o b l e m s  o f  t h e  c rew,  we must ensu re  t h a t  t h e y  w i l l  b e  
a b l e  t o  p e r f o r m  t h e i r  d u t i e s  p r o p e r l y  o v e r  a n  e x t e n d e d  f l i g h t  d u r a t i o n .  
p h y s i o l o g i c a l  r e a c t i o n s  of f l i g h t  c r e w s  h a v e  y i e l d e d  t h e  c u r v e s  shown i n  F i g u r e  2. 
These show t h a t ,  i f  we a r e  c o n t e m p l a t i n g  f l i g h t s  of o v e r  t w o  hours  d u r a t i o n ,  w e  must 
l i m i t  t h e  i n c r e m e n t a l  a c c e l e r a t i o n s  e x p e r i e n c e d  b y  t h e  p i l o t s  t o  a v e r y  l o w  l e v e l  
i n d e e d - - o f  t h e  o r d e r  of one  t e n t h  G. 

Tests of  t h e  

The a i r p l a n e  h a s ' a  number  of f e a t u r e s  w h i c h  a r e  l i k e l y  t o  m a k e  i t  s e n s i t i v e  
t o  t u r b u l e n c e .  P r i n c i p a l  among  these  a r e  t h e  l a w  w i n g  l o a d i n g  a n d  t h e  f l e x i b i l i t y  
a s s o c i a t e d  w i t h  t h e  v e r y  l o n g  s t r u c t u r e .  But i n  a d d i t i o n ,  t h e  e n v i r o n m e n t  i s  r e l a t i v e l y  
h o s t i l e  f r o m  t h e  t u r b u l e n c e  p o i n t  of v i e w ,  as w e  c a n  see f r o m  F i g u r e  3. 

The t u r b u l e n c e  i n t e n s i t y  i n  t h e  l o w  l e v e l  ( 1 - 3000 f e e t )  r e g i m e  i s  p e r h a p s  
n o t  l a r g e ,  b u t  w e  a l s o  see t h a t  t h e  p r o b a b i l i t y  o f  e n c o u n t e r i n g  t u r b u l e n c e  of such  
i n t e n s i t y  i s  v i r t u a l l y  u n i t y .  Sa w e  h a v e  a n  a i r p l a n e  w h i c h  i s  l i k e l y  t o  b e  g u s t -  
s e n s i t i v e ,  must o p e r a t e  a l l  t h e  t i m e  i n  a m i l d l y  t u r b u l e n t  e n v i r o n m e n t ,  y e t  whose 
response must b e  c l o s e l y  c o n t r o l l e d  i n  o r d e r  t o  p e r m i t  t h e  f l i g h t  c r e w  t o  o p e r a t e  
e f f e c t i v e l y .  

These c r e w  r e a c t i o n  p r o b l e m s  a r e  f u r t h e r  c o m p l i c a t e d  b y  c o n s i d e r a t i o n  o f  
t h e  f r e q u e n c y  s e n s i t i v i t y  o f  t h e  human p i l o t .  I n  F i g u r e  4, w e  see t y p i c a l  c u r v e s  
i l l u s t r a t i n g  s u b j e c t i v e  response t o  v i b r a t i o n  a t  v a r y i n g  f r e q u e n c y .  These c u r v e s  
show t h e  m u c h  d i scussed  h e i g h t e n e d  awareness  o f  humans i n  t h e  f r e q u e n c y  r a n g e n e a r  
f i v e  c y c l e s  p e r  second.  
b e i n g  v a r i o u s l y  a s c r i b e d  t o  r e s o n a n c e  o f  t h e  h e a r t  i n  t h e  ches t  c a v i t y ,  of t h e  e y e -  
b a l l s  i n  t h e i r  s o c k e t s  o r  of t h e  h e a d  o n  t h e  n e c k .  W h a t e v e r  these  arguments ,  h o w -  
eve r ,  
a n d  we must a t t e m p t  t o  suppress modes i n  t h i s  r a n g e  i f  we a r e  t o  h a v e  a success fu l  
l o n g  e n d u r a n c e  a i r p l a n e .  

The e x a c t  mechan ism of t h i s  s e n s i t i v i t y  has b e e n  argued,  

i t  i s  a g r e e d  t h a t  humans a r e  more  s e n s i t i v e  t o  v i b r a t i o n  i n  t h e  f i v e  cps. r e g i o n  
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O v e r  t h e  years,  t h e r e  h a v e  b e e n  many a t t e m p t s  t o  d e v i s e  gu'st a l l e v i a t i o n  
systems f o r  a i r c r a f t .  B r o a d l y  speak ing ,  t hese  f a l l  i n t o  t w o  c a t e g o r i e s .  

The f i r s t  i s  c a l l e d  a c t i v e .  T h i s  t y p e  o f  sys tem uses some so r t  o f  f e e d b a c k  
c o n t r o l  t o  a c t i v a t e  t h e  a i r c r a f t ' s  c o n t r o l  sur faces .  S t a b i l i t y  a u g m e n t a t i o n  a n d  
a r t i f i c i a l  d a m p i n g  systems h a v e  b e e n  i n  use f o r  some t ime ,  b u t  t hese  h a v e  u s u a l l y  
b e e n  i n c o r p o r a t e d  t o  i m p r o v e  h a n d l i n g  c h a r a c t e r i s t i c s .  They  r e d u c e  p i l o t  f a t i g u e  
because  t h e y  make  t h e  a i r p l a n e  e a s i e r  t o  f l y ,  n o t  because  t h e y  a r e  p a r t i c u l a r l y  
e f f e c t i v e  i n  r e d u c i n g  gus t  response.  

M o r e  r e c e n t l y ,  i n t e r e s t  has become c e n t e r e d  o n  systems w h i c h  e m p l o y  more  
s o p h i s t i c a t e d  sensor a r r a y s  a n d  o p e r a t e  o v e r  a f r e q u e n c y  r a n g e  w h i c h  a l l o w s  a r t i -  
f i c i a l  d a m p i n g  o f  t h e  s t r u c t u r a l  modes o f  t h e  a i r p l a n e .  I n  t h i s  session, w e  h a v e  
l e a r n e d  o f  t h e  l a t e s t  d e v e l o p m e n t s  a l o n g  t h i s  a p p r o a c h ,  i n  p a r t i c u l a r  t h e  m o d a l  
suppress ion  sys tem d e s i g n e d  f o r  t h e  8 - 7 0  w h i c h  has b e e n  d e s c r i b e d  i n  t h e  p r e v i o u s  
p a p e r .  

The a l t e r n a t i v e  a p p r o a c h  t o  t h e  gus t  a l l e v i a t i o n  p r o b l e m  i s ,  n a t u r a l l y  
enough,  c a l l e d  pass i ve .  
a t t e m p t  i s  made t o  r e d u c e  t h e  gus t  s e n s i t i v i t y  b y  a l t e r i n g  t h e  a i r c r a f t .  
e x t e n t ,  t h i s  c a n  b e  done  b y  b a s i c  d e s i g n  u s i n g  a h i g h  w i n g  l o a d i n g  or  a w i n g  p l a n -  
f o r m  w h i c h  has a l o w  l i f t  c u r v e  s lope .  Bu t  t h i s  a p p r o a c h  i s  u s u a l l y  doomed  t o  
f a i l u r e  because  i t  c o n f l i c t s  w i t h  t h e  o v e r r i d i n g  r e q u i r e m e n t s  o f  p e r f o r m a n c e .  

I n  t h i s  c a t e g o r y  n o  sensory d e v i c e s  a r e  used; r a t h e r  a n  
To some 

O t h e r  p a s s i v e  t e c h n i q u e s  e i t h e r  i n v o l v e  a l t e r i n g  t h e  g e o m e t r y  o f  t h e  a i r -  
p l a n e  i n  f l i g h t ,  o r  i n t r o d u c i n g  some f l e x i b i l i t y  w h i c h  tends  t o  abso rb  t h e  gus t  
i m p a c t .  I n  t h e  f o r m e r  c lass,  t h e r e  h a v e  b e e n  v a r i o u s  sugges t ions  f o r  f o l d i n g  w ings ,  
t e l e s c o p i n g  w ings ,  a n d  w i n g s  o f  v a r i a b l e  sweeps. The o n l y  p r a c t i c a l  e x a m p l e  o f  
t h i s  a p p r o a c h  i s  t h e  v a r i a b l e  sweep w i n g  f i t t e d  t o  t h e  F - 1 1 1  a n d  o t h e r  e x p e r i m e n t a l  
moch ines ,  b u t  t h i s  has b e e n  done  f o r  reasons  o f  i m p r o v i n g  o v e r a l l  p e r f o r m a n c e  as 
m u c h  as f o r  r e d u c t i o n  o f  gus t  s e n s i t i v i t y .  

I n  t h e  l a t t e r  class, t h e r e  h a v e  b e e n  many p r o p o s o l s  f o r  des igns  w h i c h  r e l e a s e  
a p o r t i o n  o f  t h e  l o a d  c a r r y i n g  s u r f a c e  o f  t h e  w i n g  f r o m  i t s  r i g i d  c o n d i t i o n  a n d  
p e r m i t  i t  t o  f l o a t  f r e e l y .  
t i o n  o f  t h e  w i n g  w h i c h  i s  d e l i b e r a t e l y  a l l o w e d  a f l e x i b i l i t y  e i t h e r  a b o u t  a span-  
w i s e  or  c h o r d w i s e  h i n g e  ax i s .  
e x t r e m e  f o r m  f o r  t h e  V - L i n e r ,  a l t h o u g h  i t  has o t h e r  a d v a n t a g e s  as w e  s h a l l  see. 

The s u r f a c e s  r e l e a s e d  c a n  be  f l a p s  or  a i l e r o n s ,  o r  a p o r -  

T h i s  i s  t h e  t e c h n i q u e  w h i c h  has b e e n  a d o p t e d  i n  an  

The d e t a i l e d  p l a n f o r m  o f  t h e  w i n g  i s  shown i n  F i g u r e  5. 
f r e e  t o  p i t c h  a b o u t  i t s  q u a r t e r  c h o r d  a x i s  t h r o u g h  a t h i r t y  d e g r e e  a n g u l a r  r a n g e .  
P i t c h  c o n t r o l  i s  p r o v i d e d  b y  s e r v o  tabs  c a r r i e d  o n  booms. 
i n d e p e n d e n t ;  p i t c h  c o n t r o l  b e i n g  e f f e c t e d  b y  c o l l e c t i v e  o p e r a t i o n  o f  t h e  t a b  sur -  
f a c e ,  w i t h  r o l l  c o n t r o l  p r o v i d e d  b y  d i f f e r e n t i a l  a c t i v a t i o n .  

The w i n g  i t s e l f  i s  

Each  w i n g  i s  c o m p l e t e l y  

The p r i n c i p l e  o f  o p e r o t i o n  i s  t o  t r i m  e a c h  w i n g  t o  f l y  a t  a n  a p p r o p r i a t e  
l i f t  c o e f f i c i e n t .  When  a gus t  i s  e n c o u n t e r e d ,  t h e  w i n g  c a n  p i v o t  t o  m a i n t a i n  i t s  
l i f t  c o e f f i c i e n t  c o n s t a n t ,  Bu t  b e f o r e  
w e  l o o k  a t  t h e  response o f  t h e  a i r p l a n e  t o  t u r b u l e n c e ,  i t  i s  i n  o r d e r  t o  s tudy  t h e  
d y n a m i c  s t a b i l i t y  c h a r a c t e r i s t i c s  t o  make sure  i t  c a n  b e  o p e r a t e d  s a t i s f a c t o r i l y  i n  
smooth  a i r .  

i n  t h e o r y  e l i m i n a t i n g  t h e  e f f e c t  o f  t h e  gust.  
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S T A B I L I T Y  A N A L Y S I S  

The s t a b i l i t y  a n a l y s e s  w e r e  b e g u n  w i t h  a v e r y  s i m p l i f i e d  mode l .  T h i s  
assumed t h a t  t h e  masses o f  t h e  f o r w a r d  a n d  a f t e r  b o d i e s  w e r e  i d e n t i c a l ,  t h e  w i n g s  
w e r e  i d e n t i c a l ,  a n d  t h e  f u s e l a g e  g i r d e r  was r i g i d .  Fou r  deg rees  o f  f r e e d o m  w e r e  
i n c l u d e d :  v e r t i c a l  t r a n s l a t i o n  a n d  p i t c h  o f  t h e  a i r c r a f t ,  a n d  i n d e p e n d e n t  p i t c h  o f  
t h e  t w o  p a i r s  o f  w ings .  
so t h e  a n a l y s i s  d i d  n o t  p r e d i c t  t h e  p h u g o i d  mode. 

V a r i a t i o n  o f  f o r w a r d  speed was n o t  i n c l u d e d  as a v a r i a b l e ,  

The w i n g s  w e r e  assumed t o  b e  s t a t i c a l l y  b a l a n c e d  a b o u t  t h e i r  q u a r t e r  c h o r d  
p i v o t  axes  b y  t h e  t i p  f l o a t s .  
n e g l e c t e d .  

The a e r o d y n a m i c  f o r c e s  on  t h e  f u s e l a g e  g i r d e r  w e r e  

The s o l u t i o n  t o  t h i s  s i m p l i f i e d  a n a l y s i s  y i e l d s  t w o  p a i r s  o f  z e r o  r o o t s  c o r r -  
e s p o n d i n g  t o  n e u t r o l l y  s t a b l e  modes, a n d  t w o  p a i r s  o f  c o m p l e x  r o o t s  r e p r e s e n t i n g  
damped  o s c i l l a t o r y  modes. 

O n e  o f  t h e  n e u t r a l l y  s t a b l e  modes i s  v e r t i c a l  t r a n s l a t i o n ,  so t h o t  t h e  a i r -  
p l o n e  w i l l  n o t  r e t u r n  t o  i t s  o r i g i n a l  a l t i t u d e  i f  d is tu rbed,  j u s t  as i s  t h e  case w i t h  
a c o n v e n t i o n a l  a i r c r o f t .  The ,other n e u t r a l  mode i s  o mode o f  a i r p l a n e  p i t c h  w i t h  
t h e  w i n g s  p i t c h e d  b o c k  i n  t h e  s t r e a m w i s e  d i r e c t i o n .  
c o n s t a n t  a n g l e  o f  p i t c h  as i l l u s t r a t e d  b e l o w .  
because  t h e  X - f o r c e  e q u a t i o n  has b e e n  e x c l u d e d .  The p o w e r  p l a n t  a r r a n g e m e n t ,  
p l u s  t h e  f u s e l a g e  d r a g  w i l l  g i v e  t h i s  mode a p o s i t i v e  s t a b i l i t y .  

The a i r p l a n e  c a n  f l y  a t  a 
O f  course, t h i s  i s  a n  a r t i f i c i a l  rGsu l t  

The d a m p i n g  o f  t h e  t w o  o s c i l l a t o r y  modes i s  a l w a y s  p o s i t i v e  u n l e s s  t h e  
c e n t r e  o f  g r a v i t y  o f  a w i n g  i s  some w a y  a f t  o f  i t s  a e r o d y n a m i c  c e n t r e ,  i n  w h i c h  
case a s t a t i c  d i v e r g e n c e  resu l t s .  U n l i k e  o c o n v e n t i o n a l  a i r p l a n e ,  t h e  s t a b i l i t y  i s  
n o t  a f f e c t e d  b y  t h e  l o c a t i o n  o f  t h e  o v e r o l l  a i r p l a n e  c e n t r e  o f  g r a v i t y .  The t w o  
o s c i l l a t o r y  r o o t s  a r e  v e r y  c l o s e  t o g e t h e r  a n d  become i d e n t i c a l  i f  a l l  t h e  a i r p l a n e  
mass i s  c o n c e n t r a t e d  i n  t h e  bod ies .  Then  t h e  t w o  ends b e h a v e  as i f  t h e y  w e r e  i n d e -  

. p e n d e n t  a i r p l a n e s .  

But, i n  f a c t  t h e  mass d i s t r i b u t i o n  i s  b y  n o  means u n i f o r m .  Because t h e  p o w e r  
p l a n t s  a r e  l o c a t e d  i n  t h e  f o r w a r d  body ,  
t h e  a f t e r  body .  
t r i b u t i o n  a c t u a l l y  c a l c u l a t e d  f o r  t h e  a i r p l a n e .  
shown i n  F i g u r e  8. 

i t s  moss i s  s u b s t a n t i a l l y  h i g h e r  t h a n  t h o t  o f  
The re fo re ,  t h e  s i m p l i f i e d  a n a l y s i s  was r e p e a t e d  w i t h  t h e  moss d i s -  

The r e s u l t s  o f  t h i s  a n a l y s i s  a r e  

We see t h a t  w e  h a v e  t h e  t w o  o s c i l l a t o r y  r o o t s  p r e d i c t e d  b y  t h e  s i m p l i f i e d  ' 

study, b u t  t h e y  o r e  b y  n o  means i d e n t i c a l .  However ,  b o t h  a r e  v e r y  h e a v i l y  domped, 
t o  t h e  p o i n t  t h a t  t h e  t i m e  t o  h a l f  a m p l i t u d e  i s  o f  t h e  o r d e r  o f  one  t w e n t i e t h  o f  a 
se c o n  d. 

H o w e v e r  e n c o u r a g i n g  these  s t u d i e s  may be  we k n o w  t h a t  t h e  s t r u c t u r e  i s  f o r  
f r o m  r i g i d  a n d  w e  h o v e  o n l y  b e e n  e x p l o r i n g  some o f  t h e  b o s i c  mechon isms  o f  t h e  s t a -  
b i l i t y  p r o b l e m .  I t  i s  necessa ry  t o  i n c l u d e  t h e  i n f l u e n c e  o f  t h e  b e n d i n g  degrees  o f  

' f r e e d o m  o f  t h e  g i r d e r .  
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A f l e x i b i l i t y  a n a l y s i s  o f  t h e  f u s e l a g e  g i r d e r  shows t h a t  i t  may be  t r e a t e d  
as i f  i t  w e r e  a s i m p l e  b e o m  w i t h  t h e  p r o p e r t i e s  shown i n  t h e  F i g u r e  6. 
here ,  o f  course ,  t h a t  t h e  c r o s s b r a c i n g  rods  or  w i r e s  a r e  p r e - t e n s i o n e d  so t h a t  t h e y  
r e m a i n  e f f e c t i v e  u n d e r  compress ion  loads .  S i n c e  t h e  a c t u a l  l o n g e r o n  tubes  a r e  
t a p e r e d ,  t h e  e f f e c t i v e  a r e a  A, i s  a h a r m o n i c  mean area .  A n  i n t e r e s t i n g  f e a t u r e  i s  
t h a t  t h e  v e r t i c a l  a n d  l a t e r a l  shear  a n d  b e n d i n g  s t i f f n e s s e s  a r e  i d e n t i c a l .  

I t  i s  assumed 

The f i r s t  f o u r  v e r t i c a l  b e n d i n g  modes o f  t h e  a i r p l a n e  a r e  shown i n  F i g u r e  7. 
We see t h a t  t h e  f r e q u e n c i e s  a r e  a l l  l o w  a n d  r a t h e r  c l o s e  t o g e t h e r .  O n e  o f  t h e  
p r i m a r y  reasons  f o r  t h e  c loseness  o f  t h e  f r e q u e n c i e s  i s  t h a t ,  w h i l e  t h e  g i r d e r  s t r u c -  
t u r e  i s  r e l a t i v e l y  e f f i c i e n t  i n  b e n d i n g ,  The e f f e c t  o f  t h e  shear 
f l e x i b i l i t y  appears  e v e n  i n  t h e  f i r s t  mode, a n d  i s  q u i t e  p r o n o u n c e d  i n  t h e  h a r m o n i c s .  
I f  t h e  s h e a r  f l e x i b i l i t y  i s  n o t  i n c l u d e d ,  
1.70, 5 . 3 5 ,  a n d  11.29 c y c l e s  p e r  second  r e s p e c t i v e l y ,  q u i t e  s u b s t a n t i a l l y  d i f f e r e n t  
f r o m  those  shown; 

i t  i s  n o t  so i n  shear.  

t h e  f i r s t  t h r e e  n a t u r a l  f r e q u e n c i e s  become 

W h e n  t h e  l o n g i t u d i n a l  a n a l y s i s  i s  e x p a n d e d  t o  i n c l u d e  t h e  f i r s t  t w o  v e r t i c a l  
modes, w e  o b t a i n  t h e  r e s u l t s  shown i n  F i g u r e  9 .  H e r e  w e  see t h e  same t w o  o s c i l l a t o r y  
modes w i t h  s l i g h t l y  a l t e r e d  f r e q u e n c i e s  b u t  t h e  same v e r y  h i g h  damp ing .  The f u s e l a g e  
b e n d i n g  modes a r e  c h a n g e d  v e r y  l i t t l e  b y  f o r w a r d  speed. 
l o w - - n e a r l y  t h r e e  c y c l e s  t o  h a l f  a m p l i t u d e  f o r  t h e  f i r s t  mode a n d  o v e r  s e v e n t e e n  f o r  
t h e  second  mode. 

The damp ings  a r e  q u i t e  

These r e s u l t s  show t h a t ,  w h i l s t  t h e  a i r p l a n e  i s  s tab le ,  t h e r e  i s  l i t t l e  d a m p i n g  
i n  t h e  b o d y  b e n d i n g  modes a n d  i f  t h e y  a r e  e x c i t e d  b y  t u r b u l e n c e ,  t h e  c r e w  may be  
i n  f o r  a n  u n p l e a s a n t  r i d e  i n d e e d .  

The r e s u l t s  o f  a s i m p l i f i e d  a n t i s y m m e t r i c  a n a l y s i s  c o m b i n i n g  a i r p l a n e  r o l l ,  
g i r d e r  t o r s i o n  a n d  t h e  t w o  a n t i s y m m e t r i c  modes o f  t h e  w i n g  p a i r s  a r e  shown i n  
F i g u r e  10. The 
t o r s i o n  mode i s  m u c h  more  h e a v i l y  damped  t h a n  t h e  v p r t i c a l  modes - -o f  t h e  o r d e r  o f  
o n e  h a l f  c y c l e  t o  h a l f  a m p l i t u d e .  C o n s e q u e n t l y  t h e  p r o b l e m  o f  a seas ickness  t y p e  
o f  p i l o t  r e a c t i o n  t o  t h e  a n t i s y m m e t r i c  modes seems o f  a m u c h  l o w e r  o r d e r  t h a n  t h e  
p r o b l e m s  t o  b e  e x p e c t e d  f r o m  t h e  v e r t i c o l  responses. 

We see h e r e  t h e  some p a i r  o f  h e a v i l y  damped  modes o f  t h e  w ings .  

0 
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GUST R E S P O N S E  STUDY 

In t h i s  r e p o r t ,  w e  a r e  p r i n c i p a l l y  c o n c e r n e d  w i t h  w h a t  m i g h t  b e  c a l l e d  
" r i d e  q u a l i t y . "  
t h a t  we must l i m i t  t h e  i n c r e m e n t a l  a c c e l e r a t i o n  e x p e r i e n c e d  b y  t h e  p i l o t s  t o  a v e r y  
l o w  l e v e l  if t h e y  a r e  t o  f l y  m iss ions  o f  e x t e n d e d  d u r a t i o n  w i t h o u t  s u f f e r i n g  d e g r a -  
d a t i o n  o f  p e r f o r m a n c e .  T h e r e f o r e  i n  t h i s  s e c t i o n ,  w e  w i l l  e x a m i n e  t h e  l o n g i t u d i n a l  
response t o  c o n  t i n  uous t u r  b u l  ence .  

This  was b r o u g h t  o u t  i n  t h e  i n t r o d u c t o r y  s e c t i o n  w h e n  w e  showed  

The m a t h e m a t i c a l  t e c h n i q u e s  used f o r  t h i s  a n a l y s i s  h a v e  b e e n  w i d e l y  d i s -  
cussed a n d  n e e d  n o  r e p e t i t i o n  he re .  The m a t h e m a t i c a l  m o d e l  o f  t h e  a i r p l a n e  used  
t o  c a l c u l a t e  t h e  gus t  response t r a n s f e r  f u n c t i o n s  i s  t h e  same as t h a t  used i n  t h e  
s t a b i l i t y  a n a l y s e s  o f  t h e  p r e v i o u s  s e c t i o n .  As i n  t h e  s t a b i l i t y  work ,  b o t h  t h e  cases 
o f  t h e  a i r p l a n e  w i t h  a r i g i d  g i r d e r ,  a n d  t h e  a i r p l a n e  w i t h  a f l e x i b l e  g i r d e r  a r e  c o n -  
s ide red .  A lso ,  as i n  t h e  p r e v i o u s  s tud ies ,  t h e  a e r o d y n a m i c  f o r c e s  o n  t h e  g i r d e r  a r e  
n e g l e c t e d .  

The m a t h e m a t i c a l  m o d e l  o f  t h e  t u r b u l e n c e  s p e c t r u m  i s  t h e  V o n  K a r m a n  f o r m  
r e c o m m e n d e d  b y  t h e  USAF f o r  t h e  s t r u c t u r a l  f a t i g u e  a n a l y s e s  o f  new a i r c r a f t  designs. 
N o  spanw ise  d i s t r i b u t i o n  o f  t h e  t u r b u l e n c e  was c o n s i d e r e d .  Because w e  a r e  d e a l i n g  
h e r e  w i t h  a n  a i r p l a n e  w h i c h  i s  a l w a y s  o p e r a t i n g  i n  a l o w  l e v e l  c o n t o u r  miss ion ,  t h e  
t u r b u l e n c e  s c a l e  s e l e c t e d  i s  500 f e e t ,  a n d  t h e  RMS gust  i n t e n s i t y  t o  b e  3 f t .  p e r  
secon d. 

The gus t  response a n a l y s e s  w e r e  made f o r  a t y p i c a l  m i s s i o n  speed o f  60 MPH. 
The resu l t s ,  s h o w i n g  t h e  a c c e l e r a t i o n  s p e c t r u m  a t  t h e  f o r w a r d  p i l o t ' s  p o s i t i o n  a r e  
shown i n  F i g u r e  1 1 .  These r e s u l t s  a r e  v e r y  d i f f e r e n t  f r o m  t y p i c a l  response  c u r v e s  
w h i c h  h a v e  b e e n  o b t a i n e d  f o r  c o n v e n t i o n a l  a i r c r a f t .  I n  f a c t ,  t h e y  a r e  a l m o s t  t o o  
g o o d  t o  b e  t rue .  I t  
i s  i n  o r d e r  t o  l o o k  i n t o  t h e  reasons  f o r  t hese  f a v o u r a b l e  r e s u l t s .  

The RMS a c c e l e r a t i o n  o f  t h i s  response c u r v e  i s  o n l y  .0416 G. 

W h e n  we l o o k  b a c k  a t  t h e  s t a b i l i t y  ana lyses ,  we see t h a t  t h e  d a m p i n g  o f  t h e  
n a t u r a l  modes i s  so h i g h  t h a t  t hese  t w o  modes a r e  p r a c t i c a l l y  d e a d  b e a t  a n d  a r e  n o t  
l i k e l y  t o  c o n t r i b u t e  t o  response a t  t hese  t w o  f r e q u e n c i e s .  The o v e r a l l  response c o n -  
s is ts  p r i m a r i l y  o f  t h e  response o f  t h e  v e r t i c a l  t r a n s l a t i o n  d e g r e e  o f  f reedom,  a mode 
w h i c h  i s  a l s o  shown i n  t h e  s t a b i l i t y  a n a l y s i s  t o  h a v e  n o  d a m p i n g  a t  a l l .  

When w e  l o o k  a t  t h e  r e s u l t s  f o r  t h e  f l e x i b l e  a i r p l a n e ,  t h a t  i s ,when t h e  t w o  
g i r d e r  b e n d i n g  modes a r e  i n c l u d e d ,  t h e  response o v e r  t h e  f r e q u e n c y  r a n g e  f r o m  0 t o  
0.2 cps. i s  i n d i s t i n g u i s h a b l e  f r o m  t h a t  i n  F i g u r e  1 1 .  A t  h i g h e r  f r e q u e n c i e s  w e  f i n d  
t h e  r e s u l t s  shown i n  F i g u r e  12. O n c e  aga in ,  we f i n d  t h e  response t o  b e  n e g l i g i b l e ,  
w i t h  n o  s i g n  o f  p e a k  responses  a t  t h e  n a t u r a l  f r e q u e n c i e s  o f  t h e  s t r u c t u r e .  The RMS 
a c c e l e r a t i o n  i s  a c t u a l l y  l o w e r  t h a n  f o r  t h e  r i g i d  c a s e - - o n l y  , 0 3 9  G. * 

O n c e  a g a i n ,  some s e a r c h i n g  i s  i n  o r d e r  t o  d i s c o v e r  t h e  reasons  f o r  t hesemos t  
f a v o u r a b l e  r e s u l t s .  F i r s t ,  as i n  t h e  r i g i d  case, t h e  t w o  l o w  f r e q u e n c y  modes a r e  
h e a v i l y  damped  a n d  do  n o t  d e v e l o p  r e s o n a n t  responses. 
showed  t h e  g i r d e r  b e n d i n g  modes t o  be  p o o r l y  damped  o n d  one  m i g h t  e x p e c t  t h a t  t h e r e  
o u g h t  t o  be  response p e a k s  a t  t hese  f r e q u e n c i e s .  
f a c t o r s .  

Bu t  t h e  s t a b i l i t y  a n a l y s e s  

But t h e r e  a r e  t w o  a m e l i o r a t i n g  
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F i r s t ,  i f  w e  l o o k  a t  t h e  mode shapes i n  F i g u r e  8 w e  see t h a t  t h e  p i l o t  i s  n o t  
l o c a t e d  a t  a h i g h  d e f l e c t i o n  p o i n t .  Because t h e  b o d y  masses, p a r t i c u l a r l y  t h a t  o f  
t h e  f o r w a r d  body ,  a r e  so m u c h  h i g h e r  t h a n  t h e  mass o f  t h e  g i r d e r ,  t h e  p i l o t  a c c e l -  
e r a t i o n s  a r e  n o t  l a r g e ,  e v e n  t h o u g h  t h e  response o f  t h e  mode may b e  h i g h .  Pe rhaps  
t h e  responses  o f  t hese  modes may p l a y  a g r e a t e r  r o l e  i n  t h e  d e f i n i t i o n  o f  s t r u c t u r a l  
l o a d s  t h r o u g h o u t  t h e  g i r d e r  t h a n  may h a v e  b e e n  p r e v i o u s l y  suspec ted .  

t 
t 

Second, w e  f i n d  t h a t  t h e  l o w  o p e r a t i n g  speed i s  a d i s t i n c t  a d v a n t a g e .  The 
u r b u l e n c e  s p e c t r u m  f a l l s  o f f  q u i t e  r a p i d l y  a t  a w a v e  number  o v e r  a b o u t  10'3. 
h e  a i r p l a n e  o p e r a t e s  a t  a l o w  f o r w a r d  speed, t h e  w a v e  number  o/V. becomes r e l a - '  

When  

t i v e l y  l a r g e ,  e v e n  f o r  modest  v a l u e s  o f  f r e q u e n c y .  I n  t h e  p r e s e n t  case, t h e  w a v e  
number  o f  t h e  f i r s t  g i r d e r  mode i s  o n l y  IO-' a n d  t h e  i n p u t  s p e c t r u m  becomes v e r y  
s m a l l  i n d e e d .  

So w e  f i n d  t h a t  a u n i q u e  se t  o f  c i r c u m s t a n c e s  c o m b i n e  t o  l i m i t  t h e  gus t  
s e n s i t i v i t y  o f  t h e  V - L i n e r ,  
c o n v e n t i o n a l  v e r t i c a l  a n d  p i t c h  modes h a v e  n o  i n h e r e n t  s t i f f ness ,  so t h e i r  responses  
h a v e  v e r y  l o w  a c c e l e r a t i o n s  because  o f  l o w  f r e q u e n c i e s .  
w i s e  c o n v e n t i o n a l  s h o r t  p e r i o d  modes a r e  e x t r a o r d i n a r i l y  h e a v i l y  damped, so t h a t  
t h e y  d o  n o t  c o n t r i b u t e  t o  o v e r a l l  response.  
modes a r e  so h i g h  because  o f  t h e  l o w  f o r w a r d  speed t h a t  t h e r e  i s  n o  e f f e c t i v e  i n p u t .  

a t  l e a s t  f r o m  t h e  p i l o t ' s  v i e w p o i n t .  The o t h e r w i s e  

The responses  o f  t h e  o t h e r -  

A n d  t h e  w a v e  numbers  o f  t h e  s t r u c t u r a l  

C O N C L U S I O N  

The w o r k  r e p o r t e d  i n  t h i s  p a p e r  has i l l u s t r a t e d  s e v e r a l  i n t e r e s t i n g  f e a t u r e s  
o f  t h e  V - L i n e r  d e s i g n  a n d  p o i n t s  t h e  w a y  f o r  f u r t h e r  d e v e l o p m e n t .  

F i r s t ,  w e  h a v e  d e m o n s t r a t e d  t h a t  t h e  f r e e  p i t c h i n g  w i n g  i s  a v e r y  e f f e c t i v e  
gus t  a l l e v i a t i o n  mechan ism.  I t  a l s o  c o n f e r s  e x c e p t i o n a l  c o n t r o l  p o w e r  s i n c e  a l l  
w i n g  l i f t  i s  a v a i l a b l e  f o r  c o n t r o l .  P r o v i d i n g  t h e  c o n t r o l  sys tem c a n  be  p r o p e r l y  
a r ranged ,  n o  s t a b i l i t y  p r o b l e m s  a r i s e  f r o m  gross movements  o f  t h e  o v e r a l l  a i r p l a n e  
c e n t r e  o f  g r a v i t y .  

But  w e  must a l s o  b e  a w a r e  o f  t h e  p o t e n t i a l  i n f l u e n c e  o f  t h e  p a r a m e t e r s  we 
h a v e  n e g l e c t e d  i n  t h i s  a n a l y s i s .  
a e r o d y n a m i c  f o r c e s  due  t o  t h e  g i r d e r  a n d  i t s  s ign  a r r a y .  
i t i v e  c o e f f i c i e n t s  f o r  f u s e l a g e  l i f t  a n d  d r a g  a r e  a v a i l a b l e ,  t hese  f o r c e s  must b e  
i n c l u d e d .  But  i n t u i t i v e l y ,  w e  f e e l  t h a t  t h e  f u s e l a g e  f o r c e s  s h o u l d  c o n t r i b u t e  o n l y  
damping ,  e v e n  i f  i t  i s  o n l y  s m a l l  i n  some modes. 

Pe rhaps  t h e  most o b v i o u s  i s  t h e  d e l e t i o n  o f  t h e  
C l e a r l y ,  w h e n  some d e f i n -  

A m o r e  i m p o r t a n t  d e l e t i o n  i s  t h e  f o r e  - a n d  - a f t  mode, or X - f o r c e  e q u a t i o n  
w h i c h  suppresses t h e  p h u g o i d  mode. Fo r  c o n v e n t i o n a l  a i r p l a n e s ,  t h i s  may n o t  b e  
t o o  i m p o r t a n t ,  because  t h e  gus t  v e l o c i t y  p e r t u r b a t i o n  i s  n o t  a h i g h  p e r c e n t a g e  o f  
t h e  f r e e  s t ream v e l o c i t y ,  a n d  t h e  s teady  s t a t e  d r a g  c o e f f i c i e n t  i s  n o t  h i g h .  But i n  
t h e  case o f  t h e  V - L i n e r ,  n e i t h e r  o f  t hese  c o n d i t i o n s  a p p l y .  I n  ou r  case, t h e  gus t  
v e l o c i t y  p e r t u r b a t i o n  i s  o f  t h e  o r d e r  o f  f i v e  p e r c e n t  o f  t h e  f r e e  s t ream speed, a n d  
t h e  s teady  s t a t e  d r a g  c o e f f i c i e n t  i s  h i g h .  I n  a d d i t i o n ,  a t  t h e  l o w  o p e r a t i n g  speeds 
o f  t h e  a i r p l a n e  t h e r e  i s  a r e l a t i v e l y  l a r g e  t h r u s t  v a r i a t i o n  w i t h  speed f r o m  t h e  p o w e r  
p l a n t .  

The w o r k  r e p o r t e d  has a l s o  shown t h a t  t h e  responses  o f  t h e  g i r d e r  b e n d i n g  
modes, w h i l e  t h e y  do  n o t  c o n t r i b u t e  a p p r e c i a b l e  p i l o t  a c c e l e r a t i o n ,  may n e v e r t h e -  
less  d e v e l o p  h i g h  d y n a m i c  stresses i n  t h e  g i r d e r  
p o w e r  s p e c t r u m  o f  t h e  g i r d e r  stress t o  assess i t s  s t r u c t u r a l  f a t i g u e  p rob lems .  

So i t  i s  i n  o r d e r  t o  s tudy  t h e  
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ES3AI EN VOL D'UN DISFOSITIF ABSORBEUR DE RAF- 
COHFICURA'PION DU SYS-YSE 

par Jacqueline BOUJ(YT 



ESSAIS EN VOL D'UN DISPOSITIE' ABSORBEUR DE RAE" 
COl\rFIGURATIOM DU SYSTEKEAVIALYSE 

La "isation des dponses d'un avion h la turbulence atmosph6rique est recher- 
chOe par un pilotage automatique des gouvernes usuelles, sans modificatior des qualit& de vol 
de l'appareil. 

Les,ordres de pilotage sont d6finis p r  une convolution de la composante verticale 
de la turbulence avec m e  fonction optimale physiquement ddlisable. 

Appliqu6e h un avion h aile delta, la th6orie conduit h d6fini.r un dispositif 
absorbeur de rafales d'une grande simplicite, susceptible dans 1'6tape actuelle de ddsiire 
l'ensemble des reponses de la structure. 

FLIGHT TESTS WITH A GUST ALLEVIATION DEVICE 
D E I G t I  AKALYSIS 

IiinLmizinG the response of an aircraft to atmospheric turbulence is attempted through 
automatic conmads of the i~wa1 control surfaces without modifying the aircraft flight 
characteristics. 

For this purpose, flight control inputs are defined by a convolution of the vertical 
component of turbdlence with a workabls optimum f'unction. 

Applied. to a delta wing aircraft, the general theory suggests a very simp1.e gust 
alleviation device. The data obtdqed bidicate that the responses to turbxlence are much 
imyoved by this cievice. 
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1 - INTRODUCTION.- 
Les accelerations induites sur un avion du fait de la turbulence atmosphhrique 

qu'il rencontre peuvent s'averer dangereuses pour la resistance de la structure et desa- 
gr6ables au point de vue du confort de 1'6quipage ou des passagers. En fait on a besoh 
actuellement de realiser des optimisations de vol en turbulence car 1'6volution des techniques 
ambne : 

- d'une p&,A faire voler de gros avions souples pour lesquels les r6sistances de la structure 
sont d6finies par la resistance B la turbulence par les ph6nombnes de fatigue entre autre8 8 

- d'autre part,& faire voler des avions pres du sol, dans les conditions de turbulence lea 
plus dures que l'on puisse rencontrer. 

L'oxpos6 COJE~OS~ de deux parties se propose de d6finir la configuration d'un 
dispositif absorbeur de rafales et de presedter les resultats de la drification en vol de 
la qualit6 de ce contr8le optimal. 

Analme.- 

Au point de vue theorique le problbme relatif au vol longitudinal est aborde sous 
l'angle du pilotage automatique des gouvernes usuelles par la turbulence, sans modification 
de la mecanique du vol de l'appareil. La m6thode consiste donc 
boucle ouverte represent6 par la figure 1. 

effectuer un pilotage en 

Ce choix d'un pilotage en boucle owerte now a paru dcessaire pour ce qui se 
rapporte au domaine de la mecanique du ~1 que le constructeur a d6jh cherche h optimiser A 
l'aide des pilotes automatiques usuels ou par le dessin de l'avion et que, pour des r d s o n s  
de manoeuvre et de stabilit6, on ne peut plw se pennettre de toucher. 

L'Btude g8fi6raI.e est faite en partie en utilisant la th6orie du contr8le optimal 
lineaire. Appliqu6e A l'exemple de l'avion h stabilit6 variable, avion pratiquement rigide 
dans la game de fr6quences considedes, elle permet d'optimiser l'ensembls des reponsea de 
la structure en reduisant en particulier de 55 $ la reponse de l'accdl6ration au centra de 
gravit6. 

Les resultats de 1'6tude th6orique seront rappel6s. 

2.1.- Position du urobl6me.- 

Eh vol longitudinal la reponse d'un parambtre q ( 1 ) h m e  excitation par une 
turbulence \hl (1) et A un braquage de gouverne p [ I )  stexprime par  1'6quation de convolution 

oh a(  1) et b[t Isont 10s r6ponses bpulsionnelles de l'avion A la turbulence et au braqyage. 

une loi de pilotage lin6aire 
@n cherche b effectuer le contdle de la dponse de l'avion B la turbulence, par 
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e 
telle que la variance 
de &aliser m e  optimisation du pilotage en turbulence sans modification de la m6canique du 
vol de l'avion, la &pome en vol de l'avion &ant 

de q(b)soit " i s 6 e .  @me il a 6t6 mentionnh, cette loi permet 

La fonction inconnue k(k)  n'est acceptable que si elle correspond B un pilotage 
reel stable ctest&-dire B un systhme physiquement realisable. On a montr6 qu'une base 
complete de l'espace x 
Laguerre gcWiralis6es Fp ( t ) . Leurs transformees de Laplace , des fonctions redisables Qtait form6e par les fonctions de 

representables facilement avec des amplificateurs op6rationnels recurrents foment m e  base 
complete de l'ensemble des filtres rdalisables. 

2&- Solution oDtimale dn6rde.- 

Les fonctions de transfert A (4) et 
de 0 ( I )  et b (k), sont des fractions rationnelles dans le cas de 1'6tude en quasistationnaire. 
Dam le ca.3 &n&al, elles peuvent etre approchhes par des fractions rationnelles. On d6montre 
en utilisant la theorie du contr8le optimal lin6aire, que la variance c2 
une fonction k( i )  unique, dont on d6signe la transform6e de Laplace par' k, (-3) 

1.3) ou transformhes de Laplace respectives 

est m i n i m a l  e pour 

11 est important de noter que k tv, ( 4) est la some de 2 fractions rationnelles 

Les p8les de k 4  ( 5 )  d6pendent uniquement de la structure car ils sont les racines . Cette quantitd indexde de signes signifie qu'au c o w  de 1'6tude de 0' ($1 B' \ - 5 )  - 
on a employ6 la technique de factorisation pour Laquelle toute fraction rationnelle telle B [ 6) 
sthcrit sous la forme : 

B '('3) Analytique et non nulle Rels > O 

k2 (5) est uniquement fonction de la turbulence qui intervient dam le calcul, par le 
modble spectral de Wden 

U. faut remarquer que lorsque B ( 9) = B + ( 3) , la solution optimale 

est dite triviale et conduit h 

l'annulation de la variance correspondante. 

I 
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I 2.3.- Famille de solutions oDtimales sur x 
La methode pdc6dente ne peut &re exploitee que lorsque les fonctions de transfed 

sont &rites sous forme explicite simple, application hediate au cas de l'avion rigide en 
quasistationnaire. Dans un but de gkn6ralit6 on a et6 men6 B aborder le problhme diff6remment 
en representant la fonction ~ ~ C O M U ~  par la serie 

ciam laquelle les scdaires u p  
Ces constantes optimales sont determinees au rang fini par resolution d'un systhme lindaire 
et on d6montre que la valeur m i n i m a l  e unique de la variance peut &tre approchee sur x 
des developpements au rang fini. 

sont les inconnues B calculer pour rediser l'optimi'sation. 

par 

2.4.- Conseauence - loi oDtimale aDDmch6e.- 
Une epthbse des methoodes pr6cedentes conduit, pour des raisona de convergence ,A 

adopter la loi generde simple suivante I 

r--- 

+ 
ok dJ et 5 -t V I  
c p . .  . 

sont les racines de 8+( 3 )  B (- 5) et les constantes LI, k, , k; , 
sont d6tern!inees par resolution d'un systhme linkaire. 

On approche ainsi la solution optimale par une suite de fractions rationnelles de 
p8les connus pour lesquelles un simple calcul des variations permet de determiner les constantes 
optimales mhe pour un modhle de turbulence non anolytique - modble de Karman 

, plus representatif 

3 -APPLICATION : DEFINITION D'UNE Lo1 DE PILOTAGE OPTIMAL POUR L'AVION A STABILITE VARIABLE.- 

Pour 1'6tape actuelle du travail l'objectif consiste A optimiser les reponses en 
accel6ration le long de l'axe longitudinal de l'avion. 

3.1 .- Eauations,- 
0x1 s'intBresse au domaine de la mecanique du vol, pour lequel les Bqustions sont 



donn6es en quasistationmaire sans assistance au pilote. On leur adjoint la relation 
cin6matique 

(12) -1 o( - 

entre o( : incidence locale 

v\l : turbulence normale 

8 :  angle de tangwe a: vitesse de pompage 

: vitesse de l'avion 

Les calculs sont effectu6s pour des constantes a6rodynamiques d6termin6es dans 
les conditions de vol : 1 OOO', M 0,8, remplissage 1 500 1. 

Ze2.- Optimisation des accdl6rations le low de l'axe longitudinal.- 

En appliquant les r6sultats de 1'6tude fh6orique, on peut realiser pour lea 
acc616rations le low de l'axe, les optimisations r6sum6es par la figure 2. L'axe des 
abscisses represegte l'axe de l'avion orient6 d'avant en arribre, on a port6 en ordonn6es 
les rapports 
variance au point consid6r6. 

de la variance du systbme non pilot6 ?i la valeur optimale de la 

3.3.- Ufinition de la loi de pilotam optimal.- 

Deux points ont 6t6 principalement retenus, d'une part le poste pilote, d'autre 
part le centre de gravit6. 

La solution ne sera acceptable que : 

l o )  si elle n'entrafne pas de perturbation importante des autres paramktres 

2O) si elle est peu sensible SI des paramhtres m a l  connus tels que l'dchelle de la 
turbulence et reste efficace lorsque les coefficients a6rodynemiques 6voluent. 

- Au poste pilote la solution optimale est une solution trivialequi w u l e  la variance 
de 18acc616ration, le point consid6r6 devenant centre instantan6 de rotation. Cette solution 
s6duisante ne peut etre retenue car elle p6nalise la vitesse do tangap d'une manibre 
physiquement compdhensible. 

- Au centre de mavit6, la loi optimale cdcul6e dans l'intervalle (0, 
sous la fome la plus simple c'est-h-dire sans ddveloppement compldmentaire : 

10 Ffz ) s'6crit 

I 

pour un coefficient d'6cheU.e de l'ordre de 220 m. Elle r6duit la variance de l'acc616ration 
dans un rapport de 2.2. 

Le tableau et la courbe de la f igure 3 r6sument 1'6tude de l'influence de l'opti- 
misation en G 
vitesse de tangage est en m&e temps r6duite dans un rapport de l'ordre de 3,50. 

sur les acc616rations en diff6rents points de l'axe. La variance de la 
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D'autre part, les gains et les coefficients optimaux restent stationnaires 
lorsque les coefficients aerodynamiques 6voluent ou lorsque l'echelle de turbulence varie. 

Ces derniers resultats sont traduits par la figure 4. 

On peut ainsi admettre findement le principe d'une optimisation moyenne et donner 
pour l'avion, dans les conditions considerdes, une loi de la forme 

Son introduction dans la chafne de pilotage reduit de : 

- 55 $ la variance de l'acc616ration au centre de gravit6 
- 42 % la variance de l'accdleration au poste pilote 
- 72 % la variance de eo 
- 75 $ le nombre de depassements de deux fois l'Bcart-type, ce qui correspond B une 

amelioration interessante de la dsistance B la fatigue de l'avion. 

11 coilvient de note? que le problbme defini ici est un problkme sans contraintes. 
On slest content6 de les envisager sous l'aspect final, en vbrifiant que les resultats ne 
presentent pas d'inconvenients pour les autres parambtres. Ulterieurement il sera sans 
doute necessaire : 

- d'une part,dIintroduire des contraintes dans les calculs 
- d'autre part,dlutiliser un systbme autoadaptatif permettant de tenir compte de toutes les 
conditions de vol de l'avion. 

3.4 .- Representation analog5aue .- 
La solution donn6e en (14) est facilement realisable par une serie de filtres 

analogiques qui constituent le dispositif. absorbeur de rafales correspondant. 

Dans la deuxibme partie il sera montre comment les dsultats numeriques prdcddents 
ont 6t6 vdrifies au simulateur B partir d'enregistrements de turbulence delle. 

4 - CONCLUSION.- 
La solution proposee est simple et &n6rale. I1 semble possible de traiter par le 

mhe chemin des cas d'optimisation plus complexes, en vol longitudinal ou latdral, suivant 
m e  loi de ponderation ou avec introduction de contraintes. 

De mhe la methode 's'applique tout au moins pour les basses frdquences, clestd-dire 
dans le domaine de la mecanique du vol, au cas oh les modes de deformation de la structure 
sont introduits dans les calculs. 
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Discussion on the Paper 
LES TECHNIQUES UTILISEES EN AEROELASTICITE POUR LA REPRESENTATION DE L ’ A V I O N  EN V O L  

(Paper  2) 
presented  by 

R . D a t  and C.Beatr ix  

M r .  Payne - U.K. 

I n  h g l a n d  and France t h e r e  is a d i f f e r e n c e  i n  t h e  usage made of ground resonance t e s t  (G.R.T.) r e s u l t s  f o r  
f l u t t e r  c l e a r a n c e .  I n  France t h e  GRT r e s u l t s  are used d i r e c t l y  f o r  f l u t t e r  c l e a r a n c e .  In  England t h e  G.R.T. 
r e s u l t s  are compared wi th  c a l c u l a t e d  modes and then  t h e  c a l c u l a t e d  modes are changed t o  g i v e  good agreement. 
F i n a l  f l u t t e r  c l e a r a n c e  t h e n  depends on t h e  modif ied c a l c u l a t e d  modes. 

Can Mr. Dat s a y  whether similar procedures  apply  t o  t h e  c a l c u l a t i o n s  of  t h e  static a e r o e l a s t i c  e f f e c t s .  
E a r l y  c a l c u l a t i o n s  o f  t h e s e  e f f e c t s  are c e r t a i n l y  made wi th  t h e  c a l c u l a t e d  modes. L a t e r  i n  t h e  des ign  are 
calculations completed with measured G. R. T. modes? 

Author’s  rep ly  

J e  pense que l a  mkthode u t i l i s e e  en Grande Bretagne pour les c a l c u l s  de f l o t t e m e n t  est v a l a b l e  a u s s i  pour 
l e s  c a l c u l s  s t a t i q u e s .  
r e t o u c h e r  1’ k v a l u a t i o n  d e  l a  r i g i d i t k  de c e r t a i n s  k l h e n t s  de s t r u c t u r e  p a r t i c u l i 6 r e m e n t  complexes e t  d i f f i c i l e s  
5 t r a i t e r  p a r  l a  t h e o r i e  p r i s e .  

I 
, Dans c e  c a s ,  l a  comparaison d e s  modes propres  t h 6 o r i q u e s  et expkrimentaux condui t  d 

Bien que nous n ’ u t i l i s i o n s  p a s  c e t t e  mdthode en France,  come l e  f a i t  remarquer Mr. Payne, j e  l a  t r o u v e  
in t tc ressante  parce  q u ’ e l l e  u t i l i s e  l e s  in format ions  provenant  d e  l ’expkr ience  dans  un schdma t h h r i q u e  p a r f a i t e -  
ment cohkrent .  

Discussion on t h e  Paper  

(Paper  3) 
presented  by 

H. Bergh and R. J. Zwaan 

PRESENT STATUS OF UNSTEADY A E R O D Y N A M I C S  FOR LIFTING SURFACES 

P r o f e s s o r  Yangos - Greece 

Can t h e  a u t h o r s  g i v e  an explana t ion  f o r  t h e  g e n e r a l l y  b e t t e r  c o r r e l a t i o n  between c a l c u l a t e d  and measured 
p l o t s  i n  t h e  c a s e  of phase as compared t o  t h e  case of  ampli tude,  e s p e c i a l l y  i n  subsonic?  

Author’s  rep ly  

I n  t h e  subsonic  c a s e ,  t h e  d i f f e r e n c e s  i n  amplitud-es a r e  caused p r i m a r i l y  by boundary l a y e r  and t h i c k n e s s  
e f f e c t s .  This  is a l r e a d y  p r e s e n t  i n  t h e  s t e a d y  c a s e ,  where a wel l  known d i f f e r e n c e  exists between f l a t  p l a t e  
theory  and measurements. The phase a n g l e  is p r i m a r i l y  dependent on t h e  propagat ion  of  d i s t u r b a n c e s ,  which is 
hard ly  a f f e c t e d  by t h i c k n e s s  on boundary l a y e r  a t  subsonic  speeds.  
b e t t e r  c o r r e l a t i o n  for  t h e  phase. 

This  seems t o  me t h e  cause of  t h e  observed 

Discussion on t h e  Paper 
ATMOSPHERIC TURBULENCE DESIGN CASES 

(Paper  5)  
p r e s e n t e d  ’ by 

J. Taylor  

P r o f e s s o r  Haus - Belgium 

1. I b e l i e v e  t h e  r e l a t i o n  between gus t  v e l o c i t y  and recorded a c c e l e r a t i o n  at t h e  C of G. depends on t h e  p i l o t i n g  
technique .  Is t h e  technique  used i n  t h e  test  well d e f i n e d ?  

2.  An important  computing work has  been sponsored by t h e  S.M.P., and is c a r r i e d  on i n  t h e  USA, i n  o r d e r  t o  make 
use  of  a v o i d a b l e  a c c e l e r a t i o n  and speed records .  There is a l o t  of them, t h e y  r e p r e s e n t  thousands of  f l y i n g  
hours .  Is Mr. Taylor  connected wi th  t h a t  team? 
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Author’s  rep ly  
. ,  a 

. . .  

Yes t h e  a c c e l e r a t i o n  does depend on t h e  p i l o t j n g  technique  b u t  as a l l  t h e  measurements a r e  on a i r c r a f t  on 
normal o p e r a t i o n s  we wish t o  inc lude  such e f f e c t s  as are p r e s e n t  due t o  t h e  p i l o t i n g . ‘  In  s e v e r e  t u r b u l e n c e  
t h e  a c t i o n  of t h e  p i l o t  i n  combating t h e  t u r b u l e n c e  o f t e n  i n c r e a s e s  t h e  a c c e l e r a t i o n .  

We are very  much connected with t h e  work being done by t h e  S t r u c t u r e s  and M a t e r i a l s  Panel .  The RAE d a t a  are 
enormous as p r a c t i c a l l y  every B r i t i s h  a i r c r a f t  c a r r i e r  is count ing acce lerometer .  
hours  from t h e  D.H.  “Comet” a lone .  

We have 600,000 f l y i n g  

P r o f e s s o r  P. Yangos - Greece 

Supplementing t h e  a u t h o r ’ s  r e p l y  t o  Professor  Haus’s q u e s t i o n  on t h e  p i l o f ,  e lement ,  I should l i k e  t o  p o i n t  
out  t h a t  f l y i n g  i n  s e v e r e  turbulence  is one of  t h e  few c a s e s  where one may r e l y  on t h e  uni formi ty  of  human 
element i n  t h a t  p i l o t s  w i l l  n o t  risk t h e i r  l i v e s  through non observance of  t h e  c o r r e c t  t echnique  such as 
p e n e t r a t i o n  speeds ,  f l y i n g  a t t i t u d e ,  e t c .  

Has t h e  a u t h o r  any i d e a  o f  ICAO’s p o s s i b l e  r e a c t i o n  regard ing  t h e  i n c o r p o r a t i o n  of  h i s  proposed changes on 
g u s t  envelope i n  t h e i r  Appendix 8. 

Author’ s rep ly  

Thank you f o r  your  added comments on t h e  va lue  of  t h e  p i l o t .  

‘1 ,expec t  ICAO w i l l  modify t h e i r  g u s t  requirements  and I hope t h e y  w i l l  t a k e  account  o f  t h i s  work of mine 
and a l l  o t h e r  work on s p e c t r a l  procedures  so t h a t  t h e y  t a k e  t h e  b e s t  from each. 

Discussion on t h e  Paper  
UTILISATION D ’ U N  A V I O N  COMME M O Y E N  D E  MESURE DE LA DISTRIBUTION STATISTIQUE DE LA TURBULENCE 

(Paper 6)  
presented  by 

G. Coupry e t  G. Thomasset 

Mr. B r i s e b a r r e  - France 

Comment a e t 4  de te rminee  l ’ d c h e l l e  d e  l a  t u r b u l e n c e  L q u i  i n t e r v i e n t  en a b s c i s s e  dans  l a  v a r i a t i o n  d e  No 
e t  A ? .  

Author’s  rep ly  

La f i g u r e  p r e s e n t d e  r e s u l t e  d’une dtude thdor ique  d e  l ’ i n f l u e n c e  d e  1 ’ 8 c h e l l e  en u t i l i s a n t  l a  modele s p e c t r a l  
d e  Karman. 

P r o f e s s o r  Haus - Belgium 

Comme vous l ’ a v e z  d i t  en commengant, vous rdpondez l a  q u e s t i o n  que j ’ a v a i s  a d r e s s d e  l ’ o r a t e u r  prdcddent 
concernant  I ’ e f f e t  de l ’ a c t i o n  du p i l o t e  s u r  l ’ a c c d l d r a t i o n .  

I1 me semble que l a  s i m u l a t i o n  u t i l i s d e  pour ddterminer  c e t  e f f e t  suppose l ’ a v i o n  r i g i d e .  En est- i l  b i e n  
a i n s i ?  Les conclus ions  s e r a i e n t -  e l l e s  l e s  memes si on i n t r o d u i s a i t ,  dans l e  c a l c u l ,  un terme t e n a n t  compte 
de l a  f l e x i b i l i t d  d e  l ’ a v i o n .  

Author’ s rep ly  

L’dtude de l ’ i n f l u e n c e  des  o r d r e s  de profondeur  du p i l o t e  & p a r t i r  d e s  kquat ions  r i g i d e s  de l ’ a v i o n  montre 
que dans tous  les c a s  l e  p i l o t e  n ’ i n d u i t  d e s  a c c d l 6 r a t i o n s  qu’A basse  frdquence (b ien  en dessous  de l a  frdquence 
propre  de tangage d e  l ’ a v i o n )  q u i  n ’ a t t e i g n e n t  pas  l a  l i m i t e  s u p d r i e u r e  du domaine d e  frdquence d e  l ’ a v i o n  r i g i d e .  
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Discussion on t h e  Paper  
AEROELASTIC A N D  STRUCTURAL D Y N A M I C  INFLUENCES O N  V/STOL H A N D L I N G  QUALITIES 

(Paper  7) 
presented  by 

P r o f e s s o r  R. G. Loewy 

D.McCregor - Canada 

With r e f e r e n c e  t o  t h e  a u t h o r s  r e f e r e n c e  t o  c o l l e c t i v e  v s  power l e v e r  c o n t r o l s  f o r  hover ing  v e h i c l e s  
i n  my view it h a s  been shown, beyond any doubt ,  t h a t  t h e  power l e v e r  is a p r a c t i c a l  c o n t r o l  l e v e r .  We at  NRC 
Canada have been f l y i n g  a v a r i a b l e  s t a b i l i t y  h e l i c o p t e r  (Bell 478-381) throughout  its complete  f l i g h t  regime 
( e x c l u s i v e  o f  s l i n g i n g )  f o r  approximately 4 y e a r s  and found it much more d e s i r a b l e  t h a n  a c o l l e c t i v e .  Fur ther  
proof  is provided by t h e  P-1127 and CL-84 exper ience .  The P-1127 has  been taken i n t o  conf ined  a r e a s  many - 
times and t h e  CL-84  has  been demonstrated i n  t h e  rescue  r o l e .  

Author’ s reply 

It is important  t h a t  we g a t h e r  such exper ience .  The degree  o f  assurance  t h a t  we f e e l  on t h i s  s u b j e c t  w i l l  
depend on  t h e  miss ion ,  - how much t ime is t o  be s p e n t  hover ing ,  how conf ined  t h e  spaces  a r e  i n to  which t h e  
a i r c r a f t  must be  manoeuvred, whether s l i n g  loads  must be c a r r i e d ,  etc. I would t e n d  t o  f e e l  t h a t  j e t  V M L  
o p e r a t i o n ,  such as c a r r i e d  o u t  with t h e  P-1127 is i n  a d i f f e r e n t  ca tegory ,  say  t h a n  t h e  a i r - r e s c u e  e x e r c i s e s  
performed wi th  t h e  CL-84. Before t a k i n g  d e c i s i o n s  i n  t h e s e  human f a c t o r s  areas, it is necessary  t o  have t h e  
results from f l i g h t  exper ience  over  a wide range of  a i r c r a f t  c h a r a c t e r i s t i c s ,  p i l o t i n g  t a s k s ,  and p i l o t  
backgrounds and s k i l l s .  

Discussion on t h e  Paper  
AEROELASTIC PROBLEMS OF FLEXIBLE V/STOL ROTORS 

(Paper  8)  
presented  by 
D. E. Brandt 

D.E.Balmford - U . K .  

I had two q u e s t i o n s  concern ing  mechanical i n s t a b i l i t y :  

The d i f f i c u l t i e s  d i s c u s s e d  by t h e  au thor  i n  s o l v i n g  t h e  mechanical i n s t a b i l i t y  problems o f  t h e  tilt 
w i n g h i l t  r o t o r  t y p e  v e h i c l e  when us ing  a r o t o r  system employing a b l a d e  with a l a g  p lane  fundamental 
n a t u r a l  f requency l e s s  t h a n  r o t a t i o n a l  speed appears  t o  me t o  favour  s t r o p g l y  t h e  u s e  of  a r o t o r  having 
a l a g  p lane  fundamental natural frequency g r e a t e r  t h a n  r o t a t i o n a l  speed. 
t h i s  s o l u t i o n  so  r a p i d l y ?  
t h i s  form of s o l u t i o n  should  be s impler  f o r  t h e  tilt w i n g h i l t  r o t o r  type  v e h i c l e  since t h e  b lades  
tended t o  be  of  lower a s p e c t  r a t i o  t h a n  convent iona l  h e l i c o p t e r  b l a d e s  and hence were comparat ively 
s t i f f e r  i n  t h e  chordwise sense .  The f a c t  t h a t  t h e  “f lopwise” s t i f f n e s s  c o n t r i b u t i o n  t o  l a g  s t i f f n e s s  
i n  t h e  c r u i s e  mode s o f t e n e d  t h e  b lade  i n  e f f e c t i v e  l a g  s t i f f n e s s  was compensated by t h e  f a c t  t h a t  t h e  
rotor speed i n  t h e  c r u i s e  mode was reduced. 

Why had t h e  a u t h o r  d ismissed  
S u c c e s s f u l  h e l i c o p t e r  t r i c y c l e  r o t o r s  had been b u i l t  on t h i s  p r i n c i p l e  and 

Assuming a “ s o f t ”  in -p lane  r o t o r  was adopted,  was t h e  p i c t u r e  n o t  q u i t e  so b lack  as t h e  au thor  had 
p a i n t e d  s i n c e  t h e  h i g h  degree  o f  twist i n h e r e n t  i n  t h e  des ign  of  a b l a d e  f o r  t h i s  t y p e  of v e h i c l e  
meant t h a t  b lade  f l a p  and l a g  modes were s t r o n g l y  coupled and hence t h e  l a g  p lane  damping o f  t h e  b lade  
was c o n s i d e r a b l y  increased  by a c o n t r i b u t i o n  from t h e  aerodynamic damping of t h e  f lopwise  component of 
motion. 

Author’ s rep ly  

We are mot iva ted  t o  a d d r e s s  and s o l v e  t h e  mechanical i n s t a b i l i t y  problem because it appears  t h a t  a 
s u b s t a n t i a l  reduct ion  i n  b l a d e  r o o t  and c o n t r o l  system loads ,  hence weight ,  is p o s s i b l e .  T h i s  comment 
a p p l i e s  t o  t h e  “tilt r o t o r ”  a i r c r a f t  which have prop/ ro tor  b lades  of t h e  same a s p e c t  r o t o r  of h e l i c o p t e r s .  
T i l t  wing a i r c r a f t  do u t i l i z e  t h e  s t i f f  des ign .  S o f t  in -p lane  s t i f f n e s s  r o t o r s  have also been success-  
f u l l y  flown on h e l i c o p t e r s  l i k e  t h e  BO-105 f o r  example. 

Yes, I made t h i s  p o i n t ,  It must be  recognized t h a t  aerodynamic damping is n o t  a v a i l a b l e  i n  a l l  modes 
of  i n s t a b i l i t y .  (Rigid body lateral t r a n s l a t i o n  is one example), t h e r e f o r e ,  o t h e r  means of  suppress ion  
may be requi red .  
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J .  B. Scott-Wilson - UK 

Could Mr. Brandt say which parameters are co r rec t ly  sca led  in  these  model t e s t s ?  

Author’s r e p l j  

Mass, i n e r t i a  s t i f f n e s s ,  ve loc i ty  were a l l  properly sca led .  Reynolds number and Mach No were not. 

Discussion on t h e  Paper 
A N  A N A L Y T I C A L  METHOD FOR PREDICTING THE STABILITY A N D  C O N T R O L  CIIARACTERISTICS OF 

L A R G E  ELASTIC AIRPLANES AT SUBSONIC A N D  SUPERSONIC SPEEDS 
(Paper 12) 

presented by 
A. R. Dusto and H .  L.  Chevalier 

R.J.Zwaan - The Netherlands 

You concluded that  d iscrepencies  in t h e  s t a b i l i t y  and con t ro l  de r iva t ives  obtained by t h e  method described 
by Dr.Dusto, may probably be due t o  e r r o r s  inherent i n  aerodynamic theory.  Did you cons ider  t he  p o s s i b i l i t y  
t o  improve the  aerodynamic forces  by a t t r i b u t i n g  t o  t h e  fo rce  on each panel a s u i t a b l e  weighting f ac to r .  This 
fac to r  m a y  be der ived  from experimental r e s u l t s  ( e i t h e r  steady or unsteady) and may be appl ied  f o r  each 
deformation mode. Methods t o  obta in  such f a c t o r s  a r e  ind ica ted  in  t h e  paper of Bergh and Zwaan, and in  t h e  
re ferences  30 and 31 mentioned i n  t h i s  paper. 

Author’ s reply 

Yes, t h e  empirical  cor rec t ion  method is under development at Boeing and NASA Ames. But, we would l i k e  t o  
be co r rec t ing  f o r  only those e f f e c t s  which cannot be pred ic ted  theo re t i ca l ly .  I f  t h e  hasic flow is not 
adequately represented, t h e  empirical  co r rec t ions  a r e  not very p rac t i ca l .  

A.Young - U . K .  

1. I am in te re s t ed  by t h e  va r i a t ion  of CDp w i t h  a i r c r a f t  weight shown on Figure 4 and I wonder i f  t h i s  
va r i a t ion  is due t o  t h e  e f f e c t  of i n e r t i a  r e l i e f .  Were t h e  ‘experimental r e s u l t s  obtained during g 
excursions at  constant speed o r  by varying speed at constant l g  i n  f l i g h t ?  And does t h e  ca lcu la ted  
r e s u l t  f o r  C m a  include t h e  e f f e c t s  of i n e r t i a  r e l i e f ?  

2 .  I t  is poss ib l e  t h a t  t h e  va r i a t ion  a r i s e s  because o f  subs t an t i a l ly  d i f f e r e n t  weight d i s t r i b u t i o n s  in  t h e  
wing between f l i g h t  cases while t he  a i r c r a f t  t o t a l  weight is l i t t l e  changed. 

Author’ s reply 

1. The f l i g h t  t e s t  r e s u l t s  given in  Figure 4 were obtained at constant speed and at l g  conditions.  Pre- 
d ic ted  r e s u l t s  do account f o r  i n e r t i a  r e l i e f .  

2.  I t  is poss ib l e  t h a t  some of t he  e f f e c t s  of a i rp l ane  weight given f o r  C m a  as i l l u s t r a t e d  i n  Figure 4 
f o r  t h e  f l i g h t  t e s t  r e s u l t s  are due t o  a d i f f e rence  i n  a i rp l ane  weight d i s t r i b u t i o n s .  However the re  is 
some question as tb the  exact weight d i s t r i b u t i o n s  at the t ime when t h e  f l i g h t  t e s t  da t a  were recorded. 
Center of grav i ty  loca t ions  were the  same i n  both cases.  

Mr. Renaudie - France 

I. Does Mr. Dusto th ink  that it is poss ib le  t o  p red ic t  t h e  e f f e c t  of f l e x i b i l i t y  (magnitude and sense)  on 
t h e  s t a b i l i t y  c ros s  de r iva t ive ,  f o r  example yawing moment due t o  a i l e ron  def lex ion ,  i n  the  t r ansson ic  
range on t h e  bas i s  of r i g i d  body wind tunnel aerodynamic r e s u l t s  only. 

2. Does M r .  Dusto th ink  t h a t  a f l e x i b l e  model g ives  t h e  answer taking account of t h e  s c a l e  e f f e c t  on 
s t a b i l i t y  aerodynamic de r iva t ives .  

i 
i 



5 

Author’s  rep ly  
. .  

1. It appears ,  i n  t h e o r y ,  t o  be p o s s i b l e  t o  compute l a t e r a l  d i r e c t i o n a l  s t a b i l i t y  and c o n t r o l  d e r i v a t i v e s ;  
b u t ,  as noted i n  t h e  w r i t t e n  paper ,  t h e r e  is a s i g n i f i c a n t  e f f e c t  from t h e  wing which is neglec ted  i n  
t h e  f i r s t  o r d e r  aerodynamic theory .  A paper  t o  be publ i shed  by Dr. Paul  Rubbert of  t h e  Boeing Company 
w i l l  d i s c u s s  t h e  problem i n  d e t a i l  and w i l l  p r e s e n t  a ,method of s o l u t i o n  which has  not  as y e t  been 
implemented f o r  numerical  e v a l u a t i o n .  

2 .  The f l e x i b l e  model cannot  g i v e  a complete answer t o  t h e  problems involved i n . p r e d i c t i n g  e l a s t i c  s t a b i l i t y  
d e r i v a t i v e s  as i t  is not  p o s s i b l e  t o  s i m u l a t e  i n e r t i a  f o r c e s  i n  t h e  wind t u n n e l .  An a l t e r n a t i v e  is t o  
express  e l a s t i c  e f f e c t s  i n  te rms  of  f r e e - v i b r a t i o n  mode shapes which e l i m i n a t e  i n e r t i a l  and g r a v i t y  e f f e c t s .  
However, t h e  c o s t s  and t e c h n i c a l  d i f f i c u l t i e s  involved i n  c o n s t r u c t i n g  and t e s t i n g  a l a r g e  number of 
models f o r  adequate  q u a s i - s t a t i c  e v a l u a t i o n s  may be p r o h i b i t i v e .  

P r o f e s s o r  H. G .  Kuessner - Germany 

I would l i k e  t o  ask  you,  i f  your  i n f l u e n c e  c o e f f i c i e n t  method h a s  also been used f o r  f l u t t e r  c a l c u l a t i o n s .  
We have found t h a t  t h e  r e s t r i c t i o n  of  t h e  hundred panel  degrees  of freedom t o  a lower number of degrees  is n o t  
f e a s i b l e  at f l u t t e r .  We cannot  at p r e s e n t  s o l v e  complex s i g n  v a l u e  problems of hundred degrees  of freedom. 
Therefore  we p r e f e r  t h e  or thogonal  mode approach. 

Author’s  r e p l y  

The i n f l u e n c e  c o e f f i c i e n t  method which we a r e  us ing  is based on s teady  flow theory .  It is being extended 
t o  p r e d i c t  low frequency unstekdy aerodynamic f o r c e s  by reducing t h e  unsteady flow problem t o  a problem i n  
s t e a d y  flow. 
being used t o  i n t r o d u c e  t h e  s t r u c t u r a l  dynamics i n t o  t h e  problem of o v e r a l l  a i r p l a n e  dynamics. 
t h e  l a r g e  number o f  equat ions  is reduced t o  a much smaller number by t h e  method of r e s i d u a l  f l e x i b i l i t y .  
numerical  d i f f i c u l t y  involved i n  s o l v i n g  t h e  complex s i g n  v a l u e  problem is thereby  avoided.  
t h a t  t h e  same approach could  be used i n  f l u t t e r  a n a l y s i s .  

In n e i t h e r  case is it a p p r o p r i a t e  t o  t h e  problem of f l u t t e r .  The or thogonal  mode approach is 
I n  doing t h i s  

The 
I t  would appear  

Discussion on t h e  Paper  

(Paper  15)  
presented  by 

A. Marsan 

DETERMINATION DES COEFFICIENTS AERODYNAMIQUES A V I O N  SOUPLE EN VOL SYMETRIQUE 

Mr. B r i s e b a r r e  - France 

1. Pourquoi avez-vous jug6  prkfe‘rable de r e p r e s e n t e r  l ’ a v i o n  souple  par  une mat r ice  d e  c o e f f i c i e n t s  
d ’ i n f l u e n c e  p l u t 6 t  que par  une s u p e r p o s i t i o n  de modes p r o p r e s ?  

2. Vous avez compark l e s  r k s u l t a t s  th6or iques  d e  por tance  e t  d e  moment pour l ’ a v i o n  r i g i d e .  
Qgalement l e s  comparaisons pour 1’ avion  souple?  

Avez-vous 

Author’s  r e p l y  

1. Sud-Aviat ion a t o u j o u r s  pre‘fkrk u t i l i s e r  l e s  c o e f f i c i e n t s  d’ i n f l u e n c e  p l u t d t  que les formes p r o p r e s  pour 
l a  commoditk et  l a  r a p i d i t 6  d e s  c a l c u l s .  
v d r i f i c a t i o n  d e s  c o e f f i c i e n t s  d ’ i n f l u e n c e  a 6 t k  f a i t e  
so l .  
les formes mesurkes est re la t ivement  bonne. 
i n s t a t i o n n a i r e s .  

Mais e n f i n  c ’ e s t  purement s u b j e c t i f .  De t o u t e  fagon une 
p a r t i r  d e s  formes mesurkes lors d e s  e s s a i s  au 

D’autre p a r t  l a  correspondance e n t r e  les formes c a l c u l d e s  il p a r t i r  d e s  c o e f f i c i e n t s  d ’ i n f l u e n c e  e t  
Nous u t i l i s o n s  l e s  formes propres  pour t o u s  les p r o b l h e s  

2. J e  n ’ a i  p a s  r e p r e s e n t 6  d e  courbe d e  g r a d i e n t  de por tance  av ion  souple  car e l l e  s e r a i t  f o n c t i o n  de l a  
p r e s s i o n  dynamique. Mais il e s t  p o s s i b l e  d e  la tracer pour une p r e s s i o n  dynamique p a r t i c u l i k r e  i p a r t i r  
d e  l a  courbe av ion  r i g i d e  en u t i l i s a n t  les c o e f f i c i e n t s  c o r r e c t e u r s .  
c o r r e c t i o n  due & la souplesse  av ion  s u r  l e s  g r a d i e n t s  de por tance  e t  d e  moment d e  tangage  peut  a t t e i n d r e  
envi ron  10% de la v a l e u r  avion r i g i d e .  

Rappelons simplement que l a  
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Discussion on t h e  Paper  
C O M B I N E D  EFFECTS OF AEROELASTIC COUPLING A N D  A E R O D Y N A M I C  INTERFERENCE BETWEEN TWO 

(Paper  16) 
presented  by 

P. G. Hamel 

LIFTING SURFACES ( W I N G - T A I L ,  T A N D E M  WINGS) O N  THE L O N G I T U D I N A L  STABILITY 

P r o f e s s o r  11. G. Kiissner - Germany 

This  l e c t u r e  comes c l o s e s t  t o  t h e  procedure used i n  f l u t t e r  c a l c u l a t i o n s  i n s o f a r  as it t a k e s  i n  account  
e l a s t i c i t y  and uses  c o r r e c t  i n s t a t i o n a r y  air  f o r c e s .  There is only a d i f f e r e n c e  i n  t h e  method. Dr.Hame1 used 
i n d i c i a l  f u n c t i o n s ,  whereas i n  f l u t t e r  research  we use  Laplace t ransforms.  With complex reduced f r e q u e n c i e s  
we can a l s o  s o l v e  o u r  Lagrange equat ions  f o r  damped or  e x c i t e d  o s c i l l a t i o n s .  Only r e c e n t l y  we have taken i n  
account t h e  i n s t a t i o n a r y  i n t e r f e r e n c e  of  t h e  main wing and t h e  e l e v a t o r ,  and we have a l s o  found, t h a t  t h i s  
aerodynamic i n t e r f e r e n c e  has  a d e s t a b i l i z i n g  e f f e c t .  

Author’s  rep ly  

I a p p r e c i a t e  P r o f e s s o r  Kiissner’s s ta tement  very much. I o n l y  would l i k e  t o  add t h a t  t h e  e f f e c t  o f  unsteady 
aerodynamics can be taken i n t o  account  by e i t h e r  i n d i c i a l  f u n c t i o n s  o r  Laplace t ransforms.  

Discussion on t h e  Paper 
T H E O R E T I C A L  INVESTIGATION OF AEROELASTIC INFLUENCES O N  THE L I F T  DISTRIBUTION A N D  

THE A E R O D Y N A M I C  DERIVATIVES OF SWEPT WINGS AT SYMMETRIC A N D  ANTISYMMETRIC STATIONARY 
FLIGHT CONDITIONS 

(Paper  17) 
presented  by 

W. Schoernack and E. H a s s l e r  

P.G.Kafka - Germans 

This  paper appears  t o  d u p l i c a t e  t h e  work done i n  NASA TN 3030 69 W.Gray and K.Schenek (1952). 

The only  d i f f e r e n c e  is t h e  i n t r o d u c t i o n  of  modes t o  approximate t h e  wing d e f l e c t i o n  which i n  TN 3030 is 
descr ibed  by r igorous  a p p l i c a t i o n  of  beam theory .  

Author’s  rep ly  

The a u t h o r s  do not  know t h e  above mentioned NASA TN 3030. They w i l l  look through t h i s  paper  and g i v e  t h e i r  
comments t o  Mr. Kafka a s  soon as p o s s i b l e .  

Discussion on t h e  Paper  

O N  AIRCRAFT STABILITY, C O N T R O L ,  A N D  LOADS 
(Paper  18) 

presented  by 
A. G. Rainey and I. Abel 

W I N D - T U N N E L  TECHNIQUES FOR THE STUDY OF AEROELASTIC EFFECTS 

Professor  Hafer  - Germany 

Did you c o r r e c t  your  test  r e s u l t s  with wall e f f e c t s ?  

Author’ s reply 

No wall i n t e r f e r e n c e  c o r r e c t i o n s  were a p p l i e d  t o  any of t h e  d a t a  presented  i n  t h e  paper .  Considerable  
i n t e r e s t  i n  t h e  q u e s t i o n  of  wal l  i n t e r f e r e n c e  e f f e c t s  on unsteady aerodynamic d a t a ,  p a r t i c u l a r l y  i n  v e n t i l a t e d  
t h r o a t  wind t u n n e l s ,  has  been genera ted  i n  t h e  p a s t  s e v e r a l  years .  In f a c t ,  Mr. Bergh i n  h i s  p r e s e n t a t i o n  at 
t h i s  meeting p r e s e n t e d  some r e c e n t  d a t a  p e r t i n e n t  t o  t h i s  ques t ion .  
f o r  wind-tunnel  wall i n t e r f e r e n c e  e f f e c t s  is u n c e r t a i n  a t  t h i s  t ime.  H.C.Garner of  t h e  Nat iona l  Phys ica l  
Laboratory,  i n  an informal  communication, i n d i c a t e d  t h a t  h i s  a n a l y s i s  of  t h e  wall i n t e r f e r e n c e  e f f e c t s  f o r  a 
complete model i n  o u r  s q u a r e  tunnel  with s l o t s  i n  a l l  f o u r  walls showed very small unsteady i n t e r f e r e n c e  
c o r r e c t i o n s .  A s  a r e s u l t  of t h e s e  and o t h e r  c o n s i d e r a t i o n s ,  we do n o t ,  as a m a t t e r  of  p r a c t i c e ,  attempt t o  
make c o r r e c t i o n s  t o  dynamic d a t a  i n  t h e  Langley t r a n s o n i c  dynamics t u n n e l .  

The s t a t e  of  development of t h e  theory  
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N . T r e i n i e s  - Germany 

Two q u e s t i o n s  concerning d e r i v a t i v e  measurements. F i r s t  I want t o  know whether you have had d i f f i c u l t i e s  
wi th  wind t u n n e l  tu rbulence .  

Second: which v a l u e s  d i d  you d i r e c t l y  measure and i n  which form. Funct ions  of t ime are ampl i tudes  and 
phases  r e l a t i v e  t o  a f o r c i n g  f u n c t i o n .  

Author’s  reply 

Wind t u n n e l  tu rbulence  has  not  caused any s i g n i f i c a n t  d i f f i c u l t y  i n  t h e  c o n t r o l  e f f e c t i v e n e s s  work accomplished 
so  f a r .  O u r  d a t a  process ing  technique  makes use  of a s p e c i a l  purpose analog computer which c a l c u l a t e s  t h e  
magnitude and phase of t h e  rcsponse r e l a t i v e  t o  t h e  input  i n  a manner which has  good n o i s e  r e j e c t i o n  c a p a b i l i t y .  
For t h e  a i l e r o n  e f f e c t i v e n e s s  measurements descr ibed  i n  t h e  paper ,  t h e  a i l e r o n  displacement  was measured with a 
s t r a i n  gaged beam t r a n s d u c e r  l o c a t e d  at t h e  a i l e r o n  and t h e  r o l l  response was measured by i n t e g r a t i n g  t h e  output  
of  a r a t e  gyro. 

H.Bergh - I h e  Nether lands 

How does your  system of  d e r i v a t i v e  measurement compare with t h a t  of  t h e  Corne l l  with a swing-s t ing ,  e s p e c i a l l y  
with regard  t o  accuracy? 

Author’s  rep ly  

The techniques  descr ibed  i n  t h e  paper  for  measurement of  s t a b i l i t y  and c o n t r o l  d e r i v a t i v e s  a r e  not d i r e c t l y  
comparable t o  t h e  techniques  developed at t h e  Corne l l  Aeronaut ica l  Laboratory.  A t  C o r n e l l ,  a model is forced  t o  
move through a motion p r e s c r i b e d  by t h e  motion of  t h e  suppor t  system. In  our techniques ,  on ly  a c o n t r o l  s u r f a c e  
on t h e  model is given a p r e s c r i b e d  motion and t h e  d e r i v a t i v e s  a r e  t h e n  deduced from s o l v i n g  e q u a t i o n s  of motion 
very similar t o  t h o s e  of  t h e  f r e e - f l y i n g  a i r p l a n e .  Reference 5 o f  t h e  w r i t t e n  v e r s i o n  c o n t a i n s  a d i s c u s s i o n  
of accuracy c o n s i d e r a t i o n s  f o r  t h e  c u r r e n t  technique  and t h e  comparison of  model p r e d i c t e d  and f l i g h t  measured 
e f f e c t i v e n e s s  shown i n  F igure  8 i n d i c a t e s  s a t i s f a c t o r y  accuracy.  

Discussion on t h e  Papers  
20 : CONSIDERATION OF STABILITY A U G M E N T A T I O N  SYSTEMS FOR L A R G E  ELASTIC AIRCRAFT by C.Newberry 

2 1  : INFLUENCE DES EFFETS AEROELASTIQUES SUR L’ETUDE ET LA REALISATION DE 
L’ AMORTISSEUR DE T A N G A G E  ET DU PILOTE AUTOMATIQUE D’ U N  A V I O N  DE TRANSPORT 
SUPERSONIQUE by R.Deque 

XB-70 AIRPLANE and E. E. Kordes 
2 3  : A N A L Y T I C A L  DESIGN A N D  FLIGHT TESTS OF A M O D A L  SUPPRESSION SYSTEM O N . T H E  by J.H.Wykes 

Quest ions on Papers  20 and 23:  

P r o f e s s o r  Doetsch - Germany 

We appear  t o  be i n  a similar p o s i t i o n  t o  t h a t  o f  t h e  FMP Meeting a t  B r u s s e l s  i n  1960 (61 ?), when a u t o -  
s t a b i l i z e r s  were being in t roduced  t o  damp r i g i d  a i r c r a f t  o s c i l l a t i o n s .  
b lack  boxes i n d i s c r i m i n a t e l y  because of  t h e  i n s t a b i l i t y  danger  i n  c a s e  t h e  a u t o s t a b i l i z e r  f a i l e d  i n  a c r i t i c a l  
s i t u a t i o n .  Now we a r e  coming t o  t h e  second round i n  t h e  a p p l i c a t i o n  of black boxes, t h i s  t ime for  t h e  damping 
o f  s t r u c t u r a l  v i b r a t i o n s .  What is t h e  p r e s e n t  a t t i t u d e  o r  “philosophy” with r e s p e c t  t o  t h e  same problem of 
s a f e t y  i n  a f a i l u r e  case .  

I t h e n  gave a warning a g a i n s t  us ing  

( I n  p a r t i c u l a r  with r e s p e c t  t o  t h e  a p p l i c a t i o n  sugges ted  i n  F i g . 2 9  of Mr. Newberry’s Paper)  

Author’s  rep ly  

1. Mr. l y k e s :  F a i l - s a f e t y  techniques  a r e  on hand f o r  implementing t h e s e  systems. The XB-70, f o r  i n s t a n c e ,  
had a dua l  channel  mechanizat ion f o r  t h e  ILAF system similar t o  t h a t  which Mr. Bossard mentioned t h e  
Concorde has  i n  its s t a b i l i t y  augmentation system. 

2. Mr. Kordes: To g i v e  you some i d e a  of  t h e  r e l i a b i l i t y  of t h e s e  systems:  t o  my knowledge, n e i t h e r  t h e  
b a s i c  SAS nor  t h e  SAS-ILAF combination ever  s u f f e r e d  a dual  f a i l u r e ,  which would have made t h e  systems 
i n o p e r a t i v e ,  dur ing  any of t h e  XB-70 t e s t  f l i g h t s .  
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Question on Papers  20, 2 1  and 23: 

P.J.Bramah - UK 

Do t h e  a u t h o r s  have any comments t o  make on t h e  use of t h e  systems descr ibed  t o  c o n t r o l  h e l i c o p t e r  
v i b r a t i o n ?  

Author’s  rep ly  

I do n o t  know of  any c u r r e n t  work going on i n  t h i s  a r e a ,  but  it would be a n a t u r a l  f o r  f u t u r e  e f f o r t s .  

W e s t i o n  on Paper  23: 

Mr. Payne - UK 

The last f i g u r e  showed a completely d i f f e r e n t  response p i c t u r e  t o  t h e  f i g u r e s  showing response t o  t h e  
shaker .  Response t o  t h e  shaker  showed peaks at t h e  f r e q u e n c i e s  a t  some o r  a l l  o f  t h e  f i r s t  f o u r  modal 
f r e q u e n c i e s .  
u s e f u l n e s s  of  a system designed t o  reduce a type  o f  response which is completely d i s s i m i l a r  from t h a t  occur r ing  
i n  p r a c t i c e .  

Response t o  t u r b u l e n c e  showed j u s t  a s i n g l e  peak a t  4.E. Can one of t h e  s p e a k e r s  sugges t  t h e  

Author’ s rep ly  

1. Mr. Kordes: A major i n f l u e n c e  on t h e  shape of  t h e  power s p e c t r a l  d e n s i t y  curve shown is t h e  s h o r t  i n t e r v a l  
of t ime i n  t h e  gus t  f i e l d  a v a i l a b l e  f o r  a n a l y s i s .  To i n s u r e  accuracy of t h e  ampl i tudes  and r e l i a b i l i t y  of  
t h e  d a t a  we had t o  l i m i t  o u r s e l v e s  t o  r e l a t i v e l y  wide frequency bandwidths i n  t h e  power s p e c t r a l  d e n s i t y  
a n a l y s i s .  Because o f  t h i s ,  we d i d  not  have s u f f i c i e n t  r e s o l u t i o n  t o  s e p a r a t e  i n d i v i d u a l  modes. 

2 .  Mr. Kordes: Yes. We a r b i t r a r i l y  reduced t h e  frequency bandwidth i n  t h e  a n a l y s e s ,  s a c r i f i c i n g  ampli tude 
accuracy ,  and i s o l a t e d  frequency peaks of t h e  modes similar t o  t h o s e  obta ined  with t h e  shaker  vane. 

P r o f e s s o r  H. G .  Kuessner - Germany 

I f  you l i k e  t o  c o u n t e r a c t  t h e  aerodynamic a c t i o n  of t h e  o s c i l l a t i n g  vanes near  t h e  c o c k p i t ,  you had t o  put  
equal  vanes n e a r  t h i s  p l a c e  and t o  o p e r a t e  it i n  t h e  o p p o s i t e  sense .  

I f  we suppose a g iven  f i e l d  of  a tmospher ic  tu rbulence  or g u s t s ,  a very  f l e x i b l e  l i f t i n g  s u r f a c e  could  r i g h t  
s l i p  through t h i s  f i e l d  without  g u s t  l o a d s  l i k e  a ray. But s i n c e  a i r p l a n e s  cannot  be b u i l t  i n  t h i s  way, and 
because you can only  move small p a r t s  of  t h e  a i r p l a n e ,  you cannot expect  good g u s t  a l l e v i a t i o n  by such devices .  

Author’ s reply 

Your o b s e r v a t i o n s  about  us ing  t h e  shaker  vane i n  an o p p o s i t e  s e n s e  t o  cance l  t h e  e x c i t a t i o n  from t h e  vane 
g i v e s  me an o p p o r t u n i t y  t o  mention t h e  f a c t  t h a t  we had begun t h e  process  of  des igning  and f a b r i c a t i n g  t h e  
necessary  p a r t s  t o  o p e r a t e  t h e  vanes as a s t r u c t u r a l  mode c o n t r o l  system. A n a l y t i c a l  e s t i m a t i o n s  showed t h a t  
t h e  system would be  f u l l y  e f f e c t i v e  i n  v e r t i c a l  g u s t  f i e l d s  having a f t / s e c  rms i n t e n s i t y .  The mechanizat ion 
was q u i t e  s imple  and was proceeding without  d i f f i c u l t y  when t h e  XB-70 program was te rmina ted .  
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